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THEME 


There  has  been  an  increased  experimental  understanding  of  boundary  layer  structure  and  behaviour  particularly  in  the 
turbulent  regime  as  well  as  significant  improvements  in  our  knowledge  of  the  factors  affecting  the  boundary-layer  transition  in 
arbitrary  flow  fields. 

It  was  intended  that  this  Symposium  bring  together  the  practitioners  of  the  various  applications  of  boundary  layer  control 
with  those  interested  in  the  underlying  fluid  mechanics  for  the  purpose  of  mutual  learning  and  understanding. 

Contributions  covered  theoretical  and  experimental  developments  in  the  use  of  both  traditional  and  non-traditional  means 
of  boundary  layer  control  for  external  flow  applications  such  as  lift-augmentation,  drag  reduction  and  improved  effectiveness  of 
controls,  and  for  internal  flow  applications  such  as  air  intakes  and  exit  configurations.  Techniques  included:  shaping  (geometry) 
suction  and  blowing;  transverse  blowing;  vortex  generators;  heating  and  cooling;  and  turbulent  boundary  layer  manipulators. 

The  special  emphasis  on  high-lift  systems  included  consideration  of  the  techniques  of  boundary  layer  control  on 
characteristics  of  wings  and  wing-body  arrangements  that  involve  flaps,  slats  and  jets  (blown  flaps),  and  vortex  flaps. 


•** 


L’experience  nous  a  permis  de  mieux  comprendre  la  structure  et  le  comportement  de  la  couche  limite,  en  particulier  en 
regime  turbulent,  et  notre  connaissance  des  facteurs  affectant  la  transition  de  la  couche  limite  dans  les  champs  d'ecoulement 
arbitraires  s’est  considerablement  amelioree. 

L’objectif  du  symposium  etait  de  reunir  les  praticiens  travaillant  sur  les  applications  diverses  du  controle  de  la  couche 
limite  avec  ceux  qu’interessent  la  mecanique  des  fluides,  en  tant  que  base  de  ces  applications  pour  proceder  a  un  echange  de 
connaissance  mutuelles. 

Les  communications  presentees  traitaient  des  developpements  theoriques  et  experimentaux  intervenus  dans  (’utilisation 
des  moyens,  traditionnels  ou  non,  de  controle  de  la  couche  limite,  en  ce  qui  conceme  ( 1 )  les  applications  interessant 
1’ecoulement  exteme:  augmentation  de  la  portance,  reduction  de  la  resistance  aerodynamique,  meilleure  efficacite  des 
commandes;  et  (2)  les  applications  interessant  l’ecoulement  interne:  configuration  des  prises  et  sorties  d'air.  Les  techniques 
etudiees  comprennent:  la  geometrie,  l’aspiration  et  le  soufflage,  le  soufflage  transversal,  les  generateurs  de  tourbillons, 
l’echauffement  et  le  refroidissement,  et  les  manipulateurs  de  couches  limites  turbulentes. 

Une  attention  particuliere  etait  consacree  aux  systemes  hypersustentateurs  et,  dans  ce  domaine,  a  l’influence  des 
techniques  de  controle  de  la  couche  limite  sur  les  caracteristiques  des  ailes  et  sur  les  configurations  aile-fuselage  comportant  des 
volets  de  courbure,  des  bees  de  bord  d’attaque,  des  jets  (volets  souffles)  et  des  volets  generateurs  de  tourbillons. 
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1  INTRODUCTION 


^  In  aircraft  design  the  constraints  between  the  high  speed  cruise  and  the  low  speed  take¬ 
off  and  landing  conditions  force  the  designer  to  Incorporate  some  form  of  high  lift  device  to 
Improve  the  lift  at  low  speed.  Most  aircraft,  be  they  civil  or  military,  have  some  form  of  high 
lift  device  that  is  normally  used  exclusively  during  take-off  and  landing,  and  for  many  years,, 
apart  from  a  few  novel  concepts,  this  has  mainly  been  a  mechanical  alteration  of  the  wing 
section  shape  over  the  Inboard  part  of  the  wing.  The  complications  of  sweep,  be  It  forward  or 
backward,  engine  Installation,  lateral  controls,  undercarriage  installation  and  high  speed  wing 
design  have  always  been  accommodated  within  the  configuration  of  a  trailing  edge  flap  and  In 
some  cases  a  leading  edge  slat.  This  paper  concentrates  principally  on  the  mechanical  high  lift 
device  as  It  Is  used  on  transport  type  aircraft  and  examines  the  design  process  and  recent 
progress  on  both  the  development  of  high  lift  device  design  and  on  the  understanding  of  the 
physics  of  the  flows  that  has  been  reached.  It  also  suggests  the  likely  future  development  and 
the  way  In  which  this  may  be  achieved. 


/' 


2  THE  STATE  OF  THE  ART 


High  lift  devices  are  used  on  most  aircraft  during  the  take-off  and  landing  phases  of  the 
flight  primarily  to  reduce  the  distances  used  to  allow  the  aircraft  to  carry  Its  required 
payload  from  the  design  airfield  constraints.  This  is  usually  given  take-off  and  landing 
distances  with  a  minimum  climb  gradient  after  take-off  with  an  engine  failed,  although 
increasingly  the  effect  of  the  aircraft  noise  on  the  community  surrounding  an  airport  is  being 
considered  as  well. 

For  a  take-off  as  shown  In  figure  1  the  distance  Is  principally  proportional  to  l/CL  and 
to  a  lesser  extent  the  L/D  of  the  aircraft,  which  mainly  affects  the  smaller  airborne  part  of 
the  take-off.  To  a  first  order  the  take-off  distance  of  aircraft  can  be  correlated  against  a 
parameter  s 

where  s  c*  W  W  1 
T  S  dCL 

Similarly  the  landing  distance,  as  shown  In  figure  2  depends  on  the  same  factors,  although  the 
thrust  term  Is  not  now  Included,  and  can  be  correlated  against 

8  CX  W  1 

S  <JCL 

Obviously,  these  two  parameters  are  very  broad  and  the  correlation  Is  only  generally  reasonable 
for  similar  types  of  aircraft  with  the  same  number  of  engines  and  similar  wing  aspect  ratios. 
However,  they  do  serve  to  show  the  Important  parameters  in  aircraft  design  for  take-off  and 
landing. 

In  an  Initial  project  design  when  all  the  constraints  are  considered,  the  thrust  loading, 
T/W,  and  the  wing  loading,  U/S,  are  compromises  to  satisfy  all  the  constraints  as  closely  as 
possible  and  It  is  only  by  altering  the  lift  coefficient  Independently  of  the  overall  wing 
design  that  the  designer  has  any  real  freedom  to  reduce  the  field  lengths  without  affecting  the 
other  flight  regimes. 

A  clean  unswept  wing  with  no  high  lift  devices  will  have  a  maximum  lift  coefficient  In  the 
region  of  1.6  with  a  stall  normally  resulting  from  a  region  of  separated  flow  progressing 
forward  from  the  trailing  edge.  To  Improve  this  value  so  that  the  field  lengths  and  the  take¬ 
off  speeds  can  be  reduced  to  sensible  values  there  are  three  main  alternatives 

a)  increase  the  camber 

b)  increase  the  effective  wing  area 

c)  boundary  layer  control  to  delay  the  flap  stall  onset 

The  effect  of  these  is  shown  In  figure  3  where  It  can  be  seen  that  by  Increasing  the  rear  camber 

of  the  aerofoil  with  flap  deflection  the  maximum  lift  of  the  section  Initially  Increases 

significantly,  linearly  with  flap  angle  until  the  flap  flow  starts  to  separate  when  although 
further  Increases  of  flap  angle  do  still  produce  Increases  in  lift  their  effect  is  generally 
small.  By  using  some  fora  of  boundary  layer  control,  be  It  passively  with  slotted  flaps  or 

actively  with  some  form  of  Internal  or  external  blowing,  the  ’flap  stall*  can  be  suppressed  and 
greater  values  of  lift  achieved  at  a  given  flap  angle  with  associated  reductions  In  the  drag. 
Lift  on  the  section  can  be  further  Increased  at  a  given  flap  angle  by  designing  the  flap  to 
extend  the  wing  chord  as  It  deflects,  which  Is  a  gain  not  so  much  In  efficiency  but  by 

Increasing  the  lifting  area. 


Most  trailing  edge  devices  to  a  greater  or  lesser  extent  reduce  the  stalling  incidence  of 
the  basic  section  because  by  increasing  the  circulation  they  raise  the  leading  edge  suctions  on 
the  main  section  which  increases  the  adverse  pressure  gradient  and  promotes  an  earlier  stall. 
This  effect  can  be  alleviated  by  some  device  such  as  a  slat  which  modifies  the  leading  edge 
shape  and  either  directly  reduces  the  leading  edge  suctions  or  by  introducing  a  slot  spreads  the 
loads  to  reduce  the  high  peak  suctions  on  the  main  element.  So  far  all  forms  of  direct  boundary 
layer  control,  such  as  augraentor  wings,  externally  or  internally  blown  flaps,  upper  surface 
blowing,  deflected  slipstream  and  even  vectored  thrust,  which  is  more  a  direct  lift  control 
replacing  the  flap  function,  introduce  compromises  in  the  overall  aircraft  design  in  terms  of 
weight,  engine  size,  fuel  useage  and  engine  failed  controllability  which  are  generally 
unacceptable  for  aircraft  operating  from  normal  airfields.  It  is  only  when  short  field  lengths 
are  required,  usually  for  military  purposes,  that  these  devices  become  worthwhile.  However, 
even  with  mechanical  devices  the  choice  is  wide;  from  simple  plain  flaps  to  rauit l-slot ted  Fowler 
flaps  with  some  leading  edge  device  which  can  with  careful  design  increase  the  aircraft  maximum 
lift  by  a  factor  of  nearly  2. 

The  above  discussion  has  principally  concentrated  on  lift  and  although  the  take-off  and 
landing  field  lengths  are  primarily  dependent  on  the  maximum  lift,  the  climb  gradient  after 
take-off  is  dependent  on  the  lift-drag  ratio.  As  shown  in  figure  4,  the  climb  angle  is  for 
small  angles 
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After  take-off  for  civil  aircraft  all  the  regulating  authorities  require  that  with  an  engine 
failed  the  aircraft  must  maintain  a  positive  climb  angle  in  excess  of  1.38°  for  a  two  engined 
aircraft  and  2.06°  for  a  four  engined  aircraft.  Usually  the  most  critical  regime  Is  the  so 
called  second  segment  of  the  climb  immediately  after  take-off  when  the  undercarriage  has  been 
retracted'*' but  the  high  lift  devices  are  still  deflected.  Clearly  from  the  above  equation  the 
climb  angle  is  critically  dependent  on  the  L/D  of  the  aircraft.  For  this  reason  the  climb 
configuration  of  the  high  lift  system  must  be  very  efficient.  On  landing,  however,  the 
situation  is  somewhat  different  where  the  thrust  is  sensibly  zero  and  the  aircraft  requires  a 
low  L/D  to  give  It  a  sensibly  high  approach  angle  of  about  7-9°  for  manoeuvrability. 
Consequently,  the  landing  requires  a  high  drag  at  high  lift  which  can  be  achieved  by  having  a 
large  flap  deflection  angle  and  benefiting  from  the  separated  flow  which  will  generally  then 
occur  on  the  flap.  One  of  the  shortcomings  of  the  blown  flap  system  Is  that  It  reduces  the  drag 
at  high  flap  angles  and  makes  it  difficult  to  achieve  the  high  approach  angles  unless  some  form 
of  airbrake  is  used  to  increase  the  aircraft  drag  independently  of  the  high  lift  system. 

Apart  from  the  take-off  and  landing  requirements  some  military  aircraft  use  part  of  their 
high  lift  system  during  high  speed  manoeuvres  to  increase  the  margin  on  the  high  speed  stall  and 
buffet  boundary  allowing  a  higher  *g'  to  be  used.  Currently  this  does  not  tend  to  be  a  design 
case  for  the  high  lift  system  in  terras  of  the  aerodynamics  although  for  a  fully  optimised  system 
it  must  obviously  be  included.  Civil  transport  aircraft  are  normally  limited  by  a  combination 
of  gust  and  manoeuvre  margins  at  the  high  speed  and  there  may  well  be  scope  for  Improvements  in 
the  buffet  boundary  particularly  with  some  form  of  active  system. 

But  looking  at  today's  generation  of  aircraft  it  is  obvious  that  the  high  lift  systems  are 
in  principle  very  similar  to  those  of  the  previous  generation  and  there  has  not  been  any 
dramatic  improvements  in  concept.  In  fact  the  current  trends  are  towards  mechanically  simpler 
systems.  The  reasons  for  this  are  not  lack  of  Ideas  or  natural  conservatism  amongst  aircraft 
designers  but,  as  the  above  has  indicated,  the  mechanical  flap  is  a  reasonably  efficient,  good 
design  compromise  for  achieving  the  various  design  requirements  and  it  is  only  the  more  specific 
requirements  of  very  short  field  operations,  for  example,  which  will  force  the  designer  to  look 
at  alternatives. 

However,  because  there  does  not  appear  to  have  been  much  development  In  high  lift  system 
design  does  not  mean  that  the  aircraft  design  is  not  sensitive  to  improvements  in  the 

performance  of  the  system.  Typically  it  is  found  that:- 

5%  Improvement  in  take-off  C^max  — ^12-15%  increase  in  payload 

5%  Improvement  In  take-off  L/D  ►  20%  Increase  In  payload 

3%  Improvement  in  landing  CLmax  — ^  25%  increase  In  payload 

which  in  terms  of  the  normal  coefficients  for  a  large  twin  engined  aircraft  would  mean  about 
0.15  increase  In  CLmax  at  take-off  and  0.20  at  landing  and  a  reduction  of  .006  in  at  a 

given  CL,  and  although  there  has  apparently  been  little  progress  in  the  types  of  high  lift 
devices  there  has  been  a  steady  improvement  in  the  efficiency  and  C|max  of  the  existing  types. 
Figure  5  shows  In  a  much  simplified  picture  the  way  that  C^max  has  increased  between 

generations  of  design  and  although  there  is  unlikely  to  be  such  a  large  step  on  the  next 
aircraft,  there  is  still  room  for  Improvement. 


Any  change  In  maximum  lift  will  come  from  two  main  sources:- 


a)  the  ability  to  test  and  design  for  high  Reynolds  lumbers  and  to  be  able  to  take 
advantage  of  this. 

b)  an  understanding  of  the  three  dimensional  flow  and  the  ability  to  optimise  devices  In 
3-dimenslons  both  In  terras  of  the  design  and  the  engineering. 

There  will  also  be  some  Improvements  with  a  greater  understanding  of  the  effects  of  the 

engineering  excrescences,  both  large  such  as  flap  and  slat  tracks,  and  small,  such  as  steps  and 
gaps  In  the  wing  surface. 

However,  the  major  changes  will  be  In  the  improvements  In  the  L/D  ratio,  tft>lch  Is  still 
a  much  forgotten  parameter  In  the  design  of  the  high  lift  system  where  It  generally  takes  second 
place  to  Figure  6  shows  the  difference  between  the  Ideal  achievable  L/D  and  the 

current  practice  and  the  area  between  the  Ideal  polar  of  Cp0+CL^/^*  and  the  envelope  polar 

is  indicative  of  the  potential  for  performance  improvement.  Whilst  there  are  clearly 
substantial  opportunities  In  reducing  the  profile  drag  of  leading  and  trailing  edge  devices  by 
Improving  their  sectional  design  and  optimisation,  major  performance  Improvements  particularly 
at  the  higher  lifts  will  also  come  from  understanding  the  3-dlmenstonal  aspects  of  the  wing 
design.  For  example,  although  Induced  drag  can  be  significantly  reduced  by  eliminating  flap 
cut-outs  and  extending  the  span,  the  trim  drag  penalty  associated  with  flap  span  extension, 
particularly  on  a  swept  wing,  reduces  this  benefit  and  also,  vdillst  the  effect  of  the  fuselage 
can,  with  careful  design  of  the  wlng/f uselage  junction,  be  small,  there  will  still  be  a  loss  of 
CLmax  particularly  at  the  higher  flap  angles.  This  figure  also  Illustrates  the  relationship 
between  the  operational  limit  and  the  envelope  polar  which  Is  fixed  by  the  operating  Cj_  being 
a  fixed  fraction,  at  least  1/1.44,  of  the  CLmax  and  It  can  be  seen  that  at  the  higher  flap 

deflection  angles  that  Improvements  in  not  only  give  benefits  per  se  but  also  move  the 

operating  limit  closer  to  the  envelope  polar. 


3  CURRENT  DESIGN  TECHNIQUES 

Although  the  lift  required  from  a  high  lift  system  is  to  a  first  order  independent  of  the 
remaining  wing  design,  the  field  lengths  are  functions  of  other  parameters  as  well  which  are 
included  in  the  overall  optimisation  and  so  the  high  lift  system  must  be  considered  in  all  the 
stages  of  the  aircraft  design.  Generally  the  initial  project  design  phase  will  select  the  type 
of  device  and  the  size  of  the  lift  increment  required  and  the  detailed  design  phase  will  result 
In  the  optimised  3-dlmens tonal  configuration. 

3.1  Project  Design 

At  the  Initial  design  stage  of  a  project  all  aspects  of  the  aircraft  aerodynamics  are 

considered  and  the  resulting  design  is  clearly  a  compromise  to  meet  as  closely  as  possible  all 
the  design  objectives  and  requirements.  In  general  the  design  at  this  state  is  based  on 
previous  experience  and  empirical  methods.  For  high  lift  systems,  these  empirical  methods  are 
based  on  correlations  of  a  data  base  of  experimental  results  around  a  theoretical  framework, 
such  as  those  described  In  the  ESDU  and  DATCOM  Data  Sheets,  references  1  and  2,  and  which  In 
many  places  have  been  developed  to  very  sophisticated  levels  based  on  an  Increasing  database  of 
experimental  work.  A  typical  method  used  in  British  Aerospace  for  predicting  the  trimmed  lift 
curve  and  drag  of  aircraft  high  lift  systems  Is  shown  schematically  in  figure  7.  As  can  be  seen 

from  this  figure  the  method  builds  up  the  various  parameters  of  lift,  drag  and  pitching  moment 

taking  Into  account  all  the  major  configurational  aspects  of  the  aircraft  and  the  Increments  in 
the  parameters  due  to  the  high  lift  devices  are  extracted  from  a  database  of  Information  for  the 
different  leading  and  trailing  edge  devices.  The  success  of  the  method  Is  illustrated  In 

figure  8  where  It  can  be  seen  that  the  L/D  of  the  system  Is  predicted  to  within  3Z  across  a  wide 
range  of  aircraft.  Variation  with  flap  angle  for  an  Individual  aircraft.  Illustrated  In 

figure  9,  is  also  predicted  accurately.  Basically  this  method  was  outlined  by  McRae  14  years 
ago,  reference  3,  and  has  largely  remained  unchanged.  Over  the  intervening  years  the 

improvement  has  principally  been  In  the  Increase  of  the  database  and  the  number  of  types  of 
devices  the  method  will  cater  for.  The  success  and  lack  of  development  of  the  method  suggests 
that  It  is  based  on  a  good  physical  framework  and  an  Indication  of  this  is  given  In  figure  10. 
Here  some  recent  results  from  tests  on  a  flap  system  based  on  a  supercritical  aerofoil  with 
significant  rear  loading  are  plotted  on  the  curve  for  ,  the  flap  incremental  lift  curve, 
against  flap  angle  and  compared  with  the  line  published  in  McRae's  report.  Apart  from  the 

different  'stalling'  characteristics  of  the  new  flap,  the  agreement  is  remarkable. 

These  empirical  methods  are  obviously  a  powerful  tool  in  the  aircraft  design  and,  when  they 
are  combined  with  the  weight  and  performance  prediction  methods  of  typical  Initial  design 

procedures,  allow  the  type  of  system  most  suited  to  a  particular  project  to  be  selected.  They 
also  give  a  good  degree  of  confidence  In  the  early  estimates  of  the  aerodynamic  performance  of 
the  flap  system.  However,  such  an  answer  will  always  be  within  the  current  capabilities  of  the 
state  of  the  knowledge  and,  If  a  general  research  programme  In  high  lift  devices  has  not  been 
sustained  between  projects,  this  will  Inevitably  be  at  the  standard  of  the  last  aircraft. 
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3.2  Detailed  Design 

What  follows  Is  a  detailed  design  In  both  2  and  3-dlmenslons  Involving  theoretical  and 
experimental  programmes  to  optimise  the  chosen  type  of  device  for  the  aircraft.  These  designs 
are  usually  made  within  the  constraints  of  the  high  speed  destgn  but  may,  more  generally  for  the 
shorter  range  aircraft,  Involve  Iteration  with  the  high  speed  design.  Such  a  process  Is 
illustrated  in  McRae's  paper  on  the  aerodynamic  development  of  the  A300  aircraft,  reference  4. 
In  this  case,  the  initial  project  optimisation  based  on  the  experiences  with  the  Trident  and  its 
development  studies  resulted  In  the  choice  of  a  tabbed  Fowler  flap  and  a  slat  with  a  take-off 
cLmax  of  2.62. 

This  choice  was  then  followed  by  the  sectional  development  on  a  constant  chord  half  model. 
It  is  this  work  which  is  the  foundation  of  the  high  lift  system  design  In  that  It  explores  the 
high  lift  characteristics  of  the  section  and  optimises  the  various  devices  for  the  design 
constraints.  The  extent  of  this  programme  Is  controlled  generally  by  cost  and  the  time 
available.  Ideally  models  would  be  tested  using  a  genuinely  2-dlmenslonal  technique  with  a  wing 
spanning  the  tunnel,  or  between  floor  to  celling  end  plates,  of  as  high  an  aspect  ratio  as 
possible,  2  or  greater  on  the  undeveloped  chord,  with  adequate  protection  against  end  wall 
separation  problems  and  guaranteed  2-dlmenslonal lty.  This  Is  an  expensive  test  both  In  terms  of 
the  model  and  the  tests.  Forces  have  to  be  obtained  by  Integration  of  the  pressure 
distributions  and  wake  traverses  and  demand  lengthy  runs  for  each  configuration.  As  McRae 
illustrated,  one  device  design  optimisation  exercise  Involves  the  angle,  gap  and  lap  of  the 
slat,  flap  and  tab.  Each  individual  optimisation  will  cover  about  three  variables  with  four  or 
five  values  of  each.  That  Is  about  100  runs  for  each  device  before  considering  the  variables  of 
Reynolds  and  Mach  number. 

Obviously,  it  Is  necessary  to  reduce  the  cost  and  timescale  of  these  tests  and  whereas  some 
pruning  of  the  parameters  tested  can  be  done  It  is  not  desirable  and  so  cheaper  and  quicker  ways 
of  testing  are  sought.  These  are  generally  one  of  two  'pseudo'  2-dlmenslonal  tests,  namely:- 

a)  an  end  plate  model:  which  Is  a  constant  chord,  unswept  model  between  two  endplates 

and  mounted  on  the  tunnel  balance.  The  ability  to  measure  forces  on  a  balance  can 

considerably  reduce  the  testing  time  and  because  the  model  Is  generally  smaller  than 
that  for  a  full  2-dimensional  test  It  is  cheaper  to  make,  particularly  If  the 
pressures  are  not  required. 

b)  a  half  model  wing:  which  Is  a  constant  chord  wing  with  full  span  devices  mounted  on 

the  tunnel  balance.  V sing  a  swept  wing  will,  with  care,  ensure  that  the  stall  occurs 
away  from  both  the  root  and  the  tip.  An  advantage  of  this  method  is  that  the  boundary 
layer  on  the  system  will  represent  the  3-dimensional  cross  flow  more  like  that  on  the 
real  wing.  Again  this  Is  a  relatively  cheap  model  and  results  can  be  obtained 

quickly. 

The  choice  between  these  two  experiments  Is  based  largely  on  the  experience  held  in  Interpreting 
these  'pseudo'  2-dimens  lonal  results  in  a  3-dlmenslonal  design  and  normally  one  design 
organisation  would  be  expected  always  to  use  the  same  approach.  Clearly  both  have  shortcomings 
In  relation  to  a  proper  2-dlmenslonal  test  and  it  Is  important  to  calibrate  these  simpler 
techniques  against  known  2-dlmenslonal  cases. 

Whichever  of  these  two  approaches  is  adopted  more  than  one  model  will  be  required  for  It  Is 

desirable  to  test  at  as  high  a  Reynolds  number  as  possible  and  If  full  advantage  Is  to  be  taken 

for  designing  at  a  high  Reynolds  number  then  it  must  approach  that  of  flight.  This  means  a 
large  model  tested  In  one  of  the  pressurised  tunnels  which  will  have  to  be  designed  to  withstand 
high  loads  and  will  consequently  be  very  expensive.  Testing  in  these  tunnels  will  also  be 
expensive  and  will  be  kept  to  a  minimum.  So  a  second  model  will  be  built  for  a  low  speed 
atmospheric  tunnel  to  be  a  'workhorse'  for  the  big  optimisation  programme  and  also  at  a  later 
stage  of  the  programme  for  investigating  the  effect  of  design  changes.  In  the  A300  programme 
testing  a  combination  of  two  half  models  was  used  to  optimise  the  settings  for  the  devices  and 
figure  11  shows  a  result  of  the  optimisation  for  the  slat  which  Indicates  that  the  aerodynamic 
optimum  cannot  In  practice  be  used  because  the  engineering  constraints  on  the  mechanism 

prevented  it  and  the  final  position  is  a  compromise  across  the  span.  After  the  Initial 
optimisation,  the  atmospheric  tunnel  model  was  also  used  to  Investigate  the  effect  of  leading 
edge  modifications  stemming  from  improvements  In  the  high  speed  design.  This  model  had  been 

designed  at  the  outset  to  allow  such  changes  to  be  Incorporated  and  tested  both  quickly  and 
cheaply. 

Having  designed  and  optimised  the  devices  in  2-dimens  ions ,  It  Is  clearly  necessary  to  test 
them  in  3.  Ideally,  the  optimisation  would  be  repeated  in  3-dlmenslons,  but  now  the  variables 
are  Increased  as  the  angle,  gap  and  overlap  would  have  to  be  varied  across  the  span.  This  Is 
generally  a  prohibitive  experiment  and  if  done  at  all  is  only  usually  done  for  a  very  limited 
range  of  the  parameters.  3-dimens  lonal  testing  is  usually  aimed  at  Investigating  the  high  lift 
characteristics  of  the  complete  aircraft  and  to  develop  some  of  the  real  features  on  the 

aircraft  such  as  a  stall  fixing  and  slat  and  flap  cut-outs.  Again  for  this  work  there  will  be 

more  than  one  model  with  most  of  the  development  testing  being  done  In  an  atmospheric  tunnel, 
generally  on  site,  and  the  final  confirmatory  testing  being  done  In  a  large  pressurised  tunnel. 
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For  Che  A300  as  a  result  of  Che  tunnel  cests  at  this  stage  of  the  design  the  estimated 
aircraft  Clbsx  for  take-off  was  increased  to  2.71  from  the  2.62  of  the  early  project 
estimates.  Also  from  these  tests  a  reduced  slat  angle  for  the  take-off  was  found  to  have  a 
beneficial  effect  on  L/D  and  was  Included  In  the  final  aircraft  design. 


A  FUTURE  DEVELOPMENT 

The  design  procedures  described  above  have  not  altered  much  over  the  last  several  years  and 
most  of  the  effort  has  been  spent  In  building  up  the  database  of  .[^rlmental  results  for  the 
various  predictive  methods.  This  has  in  general  led  to  steady  but  unspectacular  Improvements  In 
cLmax  f°r  a  "ide  variety  of  both  leading  and  trailing  edge  devices  but  has  largely  left  the 
knowledge  of  the  basic  physical  processes  unaltered  and  it  Is  only  recently  that  a  proper 
understanding  of  the  physics  of  the  flows  has  been  recognised  as  Important  and  the  required 
Investigative  research  programmes  started.  Today  there  are  still  many  problems  unanswered  but 
generally  work  is  In  hand  to  lead  to  a  better  exploitation  of  high  lift  systems.  It  Is 
essential  that  the  ability  to  design  high  lift  systems  with  a  better  lifting  efficiency  and  the 
minimum  of  structural  complexity  Is  Improved  so  that  the  required  low  speed  performance  can  be 
obtained  as  economically  as  possible  without  compromising  the  high  speed  design.  Because,  when 
the  aircraft  is  flight  tested  the  achievement  of  better  than  predicted  low  speed  performance  may 
be  welcome  in  that  it  gives  a  stretch  potential  or  a  better  field  performance,  this  over 
achievement  could  mean  a  high  lift  system  that  was  too  extensive  or  too  elaborate  and  therefore 
heavier  and  more  expensive  than  necessary.  For  these  reasons  the  end  result  in  over-designing 
for  high  lift  differs  from  that  for  high  speed  where  better  performance  Is  immediately 
translatable  into  better  fuel  economy  and  direct  operating  costs. 

From  present  knowledge  In  order  to  be  able  to  remove  the  Inbuilt  conservatism  of  the  design 
procedures  it  is  essential  to  improve  the  understanding  of  the  flows  both  in  2  and  3-dlmenslons. 
In  2-dlmenslons  the  basic  flow  phenomena  are  as  shown  in  figure  12  and  the  basic  features  are:- 

a)  the  region  of  flow  Is  multiply  connected  with  the  wakes  from  upstream  elements 
Interacting  with  the  boundary  layers  of  downstream  elements. 

b)  the  shear  layers  over  the  flap  are  very  thick  and  the  curvature  of  the  flow  gives  rise 
to  a  static  pressure  variation  across  the  shear  layer. 

c)  the  slat  and  the  flap  must  fit  back  snugly  to  form  the  cruise  aerofoil  with  the  result 
that  there  are  cavities  beneath  the  slat  and  the  shroud  in  which  separation  bubbles 
are  formed. 

d)  if  the  angle  of  deflection  of  the  flap  is  sufficiently  large  then  the  flow  will 

separate  from  the  flap.  Although  the  drag  is  markedly  increased  the  complete  aerofoil 

will  not  necessarily  stall  and,  in  fact,  the  separated  flow  on  the  flap  can  exist 
throughout  the  incidence  range. 

e)  at  the  leading  edge  of  the  aerofoil  the  suctions  on  the  slat  can  be  high  enough  to 

Indicate  that  supercritical  flow  has  developed  even  through  the  freestream  Mach  number 

is  only  about  0.2. 

However  this  knowledge  does  not  either  give  the  important  parameters  for  optimising  the 
say,  or  tell  which  model  results  are  correct.  There  are  many  phenomena  on  multi-element 
aerofoils  which  are  the  result  of  the  complex  Interactions  of  the  basic  flows  illustrated  above 
which  have  to  be  fully  understood  and  predicted  before  the  optimum  design  can  be  said  to  have 
been  achieved. 

4.1  Slat  Performance 

Even  at  low  freestream  Mach  numbers  the  velocities  on  the  slat  can,  as  the  CLmax  Is 
approached,  exceed  the  critical  velocity  and  easily  reach  >^1.25,  with  1H.5  seen  in  certain 
configurations.  As  at  low  speeds  the  variation  of  the  critical  Cp  with  freestream  Mach  number 
is  very  rapid,  the  effects  of  compressibility  can  vary  noticeably  with  the  freestream  Mach 
number.  It  is  only  recently  with  the  pressurised  wind  tunnels  that  it  has  been  possible  to  vary 
the  Mach  number  Independently  of  the  Reynolds  number.  Whereas  previously  increasing  Mach  number 
meant  increasing  Reynolds  number  which  tended  to  mask  the  effect  of  compressibility,  now,  as 
shown  in  figure  13.  the  two  effects  can  be  separated  and  at  a  given  Reynolds  number  the  effect 
of  Mach  number  Is  seen  to  be  significant  where  the  presence  of  shock  waves  probably  thickens  the 
slat  boundary  layer  giving  a  stronger  Interaction  with  the  wing  boundary  layer  and  a  consequent 
reduction  In  C^max.  Correspondingly  at  constant  Mach  number  there  Is  a  strong  variation  with 
Increasing  Reynolds  number  particularly  at  the  lower  Mach  numbers  where  the  Reynolds  number  on 
the  slat,  based  on  the  slat  chord,  Is  very  small. 

The  variation  of  C^Bax  with  Mach  number  Is  less  researched  and  probably  less  well 
understood  than  that  with  Reynolds  number,  but  from  the  available  data,  above  a  freestream  Mach 
number  of  about  0.2,  the  flight  results  give  a  higher  rate  of  falling  off  of  CLBax  with 
Increasing  Mach  number  than  that  measured  In  the  tunnel  and  dCinax/dM  is  some  501  greater. 
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4.2  Slat  Optimisation 

Figure  14  is  typical  for  the  design  study  on  a  slatted  section  and  shows  a  locus  of 
cLmax  f°r  varying  slat  trailing  edge  positions  with  a  given  slat  and  flap  deflection.  Fran 
this  It  can  be  seen  that  at  this  deflection  angle  the  optimum  CLraax  Is  not  very  sensitive  to 
the  slat  position  and  within  an  area  of  ±  1/221  chord  will  vary  by  less  than  1Z.  However, 
looking  at  the  position  of  the  slat  the  optimum  C^reax  from  various  models  of  the  same 
sectional  geometry,  figure  15  shows  the  disparities  for  three  of  the  techniques  normally  used 
for  optimisation  studies  at  essentially  the  same  Reynolds  and  Mach  number.  Apart  from  these 
model  differences,  also  shown  In  this  figure  Is  the  variation  of  the  optimum  position  with 
varying  Reynolds  number  at  constant  Mach  number  for  the  3-dlmenslonal  model.  Fran  these 
results,  depending  on  which  experiment  was  used,  the  optimum  could  have  been  within  an  area  of 
±  1Z  chord  which  could  represent  a  variation  of  C^nax  nearer  to  10Z  and  It  has  already  been 
shown  what  this  would  mean  in  terms  of  the  design  parameters. 

4 .3  Flap  Optimisation 

Similar  Cimax  loci  of  positions  of  trailing  edge  flaps  can  be  drawn,  as  shown  In 
figure  16,  where  It  can  be  seen  that  not  only  In  general  are  the  results  more  sensitive  to  the 
position  but  also  there  is  a  phenomenon  called  'flow  recovery'.  Shown  In  the  figure  are  two 
boundaries  outside  of  which  the  flow  on  the  flap  Is  always  either  attached  or  separated  at  all 
Incidences  but  between  these  two  boundaries  the  flow  can  be  either  separated  or  attached 
depending  on  the  Incidence  and  is  usually  such  that  as  the  maximum  lift  Is  approached  the  flow 
on  the  flap  reattaches  and  the  lift  curve  slope  can  In  some  cases  Increase  dramatically  as  shown 
in  figure  17.  The  associated  flap  pressure  distributions  are  shown  In  figure  18.  This  flow 
recovery  Is  thought  to  be  either  due  to  the  adverse  pressure  gradient  on  the  flap  boundary  layer 
being  alleviated  as  the  Incidence  Increases  with  the  thickening  of  the  wake  lying  above  the  flap 
or  possibly  due  to  Improving  the  flow  through  the  flap  slot  from  the  flap  cove.  Clearly  the 
knowledge  on  this  phenomenon  Is  slight  and  It  is  Important  to  be  able  either  to  exploit  or  avoid 
It  at  full  scale  and  to  determine  the  scale  effect  on  it.  As  this  flow  regime  appears  over  a 
very  small  gap  range  It  will  be  sensitive  to  production  tolerances  and  aeroelaatlc  effects  which 
could  easily  lead  to  asymmetric  lift  variations  or  significant  differences  between  production 
aircraft. 

4.4  Scale  Effect 


Apart  from  the  effect  of  Reynolds  number  described  above  the  normal  scale  effect  of 
Reynolds  number,  which  is  probably  well  understood  for  single  element  wings,  still  has  to  be 
established  for  the  multi-element  wing  and  the  available  evidence  Is  limited  leading  to  a 
divergence  of  opinion.  Figure  19  shows  the  results  for  a  slatted  wing  which  apart  from 
Illustrating  the  problems  of  measuring  C^max  ln  flight,  shows  a  somewhat  Indeterminate 
variation  with  Reynolds  number.  Whilst  there  are  many  differences  between  flight  results  and 
the  tunnel  such  as  contamination  by  excrescences,  sideslip,  control  activity  etc.  analysis  of 
the  available  results  on  scale  effect  suggest  that  the  higher  the  frees tr earn  Mach  number  the 
greater  the  range  of  Reynolds  number  over  which  scale  effect  is  noticed  and  that  the  effect 
varies  with  flap  (and  possibly  slat)  angle. 

Further,  model  tests,  even  at  a  reasonable  Reynolds  number,  will  have  a  Reynolds  number 
based  on  the  slat  or  flap  chords  which  are  very  low  by  normal  standards  of  a  single  aerofoil  and 
should  lead  to  significant  scale  effects.  An  Intriguing  aspect  of  this  problem  Is  that  flaps 
when  tested  on  models  at  a  mean  chord  Reynolds  number  as  low  as  1  x  10^  have  consistently 
yielded  normal  force  coefficients  of  up  to  1.5  based  on  flap  chord  at  large  deflections  for  a 
single  slotted  flap.  Under  these  conditions  it  could  reasonably  be  expected  that  the  flap 
boundary  layer  would  have  a  laminar  separation  giving  a  maximum  normal  force  of  below  1.0  but 
the  presence  of  the  turbulent  wake  from  the  upstream  element  appears  to  promote  transition  to 
turbulence  either  directly  or  by  causing  a  turbulent  reattachment  after  the  laminar  separation. 
If  this  Is  true  the  effect  of  Reynolds  number  on  the  flap  can  be  dependent  on  the  development 
and  position  of  the  wakes  of  the  upstream  elements  as  well  as  the  other  factors  described  above. 

Added  to  these  effects  of  Increasing  Reynolds  number  In  3-dimensions  Is  the  unknown  of 
attachment  line  transition  which  can  lead  to  an  adverse  scale  effect  as  the  transition  mechanism 
switches  from  some  laminar/ turbulent  transition  near  the  suction  peak  to  one  where  the  boundary 
layer  Is  fully  turbulent  from  the  attachment  line.  The  effect  of  this,  as  shown  In  figure  20. 
Is  a  sudden  drop  In  CLmax  at  a  given  Reynolds  number  as  the  flow  witches  from  one  type  to  the 
other.  The  Reynolds  number  at  which  this  occurs  Is  dependent  on  wing  sweep,  leading  edge  design 
and  sources  of  boundary  layer  contamination.  Clearly  for  tests  across  a  wide  range  of  Reynolds 
number  for  multi-element  wings  this  phenomenon  of  attachment  line  transition  could  occur  at 
different  times  on  the  different  elements  and  could  easily  mask  the  other  scale  effects. 

4.5  3-Dlmenslonal  Effects 


The  above  Illustrates  some  of  the  complexity  and  lack  of  understanding  of  the  flow  about 
multi-element  wings  but  has  been  largely  concerned  with  2-dlmenstonal  aspects  of  the  flow.  It 
Is  normal  practice  In  3-dlmenslonal  design  to  design  the  high  lift  system  for  a  section  of  the 
outer  wing  and  assume  that  the  optimum  conditions  there  apply  across  the  entire  span.  Obviously 
this  will  not  be  so,  particularly  with  the  large  changes  In  thickness  and  twist  that  are  now 
common  on  civil  aircraft,  and  there  will  be  gains  to  come  from  such  effects  as  spanwlse  grading 


of  Che  slat  and  flap  position,  angle  and  size,  reduced  englne/pylon/wlng  Interference,  Improved 
Inner  wing  design  and,  possibly  the  most  Important,  the  development  of  the  required  optimum  flow 
conditions  that  represent  a  good  design. 

Already  as  we  are  beginning  to  obtain  more  Information  about  testing  fully  representative 
models  at  higher  Reynolds  numbers,  comparisons  between  these  tests  and  flight  are  only  adding  to 
the  confusion  that  already  existed  and  It  Is  possible  to  make  the  following  observations :- 

a)  there  Is  a  need  for  much  stricter  measurement  of  drag  both  In  the  tunnel  and  In  the 

flight  not  only  for  comparison  purposes  but  also  because  one  drag  count,  A  Cp  - 

0.0001,  is  equivalent  to  a  payload  of  one  passenger  on  a  large  twin  engined  aircraft. 

b)  comparisons  between  flight  and  tunnel  should  Include  the  flow  mechanisms  leading  to 

the  stall  because  unless  the  same  mechanisms  exist  there  is  little  meaning  In  the 

correlations  of  C^. 

c)  the  effects  of  stall  fixes  are  strongly  dependent  on  Reynolds  number  and  studies  In 

the  tunnel  can  be  questionable  unless  the  tests  are  at  a  high  Reynolds  number. 

Figure  21  describes  schematically  the  progression  of  the  stall  on  a  complete  model  of  an 
A300  type  aircraft  where  the  stall  patterns  were  observed  with  tufts  on  the  wing.  On  this  model 
the  Inboard  stalled  area  was  reluctant  to  spread  across  the  Inboard  wing  while  an  outboard 
separation  developed  In  front  of  the  outboard  flap  and  spread  forward  to  the  leading  edge  near 
th-r  slat  fence.  This  onset  of  the  outboard  separation  appeared  to  define  CLmax.  It  Is  worth 
noting  that  the  basic  stall  pattern  shown  here  was  largely  unaffected  by  changes  of  freestream 
Mach  or  Reynolds  number.  This  figure  Illustrates  the  complexity  of  a  3-dlmenslonal  stall  and 
underlines  the  problems  both  In  attempting  to  calculate  and  In  trying  to  optimise  the  aircraft 
maximum  lift.  It  also  hints  at  some  of  the  other  3-dlmenslonal  problems  adding  to  the 
difficulty,  where  separated  flow  appears  on  the  Inboard  aileron  and  engine  nacelle  at  incidences 
well  below  the  stall. 


5  ANALYSIS  AND  PREDICTION 


The  previous  section  has  described  some  of  the  flow  characteristics  about  high  lift 
aerofoils  and  has  underlined  the  lack  of  understanding  In  many  of  them.  To  date  successful  flap 
design  has  been  advanced  by  small  steps  using  a  knowledge  of  the  variations  of  the  various 
parameters  built  up  over  the  experimental  testing  of  many  configurations.  This  process  will 
undoubtedly  continue  but  because  of  the  lack  of  understanding  of  the  high  lift  flow  fields  the 
current  techniques  are  very  heuristic  In  their  approach  and  Improvements  will  be  small.  Major 
advances  will  only  arrive  when  both  the  experimental  and  theoretical  prediction  techniques  are 
improved  and  the  basic  physics  of  the  flow  understood.  To  improve  on  the  current  position 
requires  a  programme  of  fundamental  research  largely  independent  of  the  pressures  of  project 
work. 


5. 1  Experimental  Techniques 

Over  the  years  the  wind  tunnel  has  undoubtedly  played  the  major  role  In  the  advancement  of 

the  design  of  high  lift  systems  and  even  today  its  use  has  not  been  significantly  reduced  by  the 

appearance  of  theoretical  methods,  as  has  been  the  case  with  the  high  speed  design  problems. 

However,  most  of  the  work  has  been  orientated  towards  project  aircraft  and  has  In  general  not 

been  aimed  towards  Increasing  the  basic  understanding  of  the  flows.  Consequently  the  knowledge 
gained  has  been  built  up  piecemeal  and  provides  only  limited  support  for  the  development  of 
analysis  techniques.  During  this  period  commercial  pressures  have  led  to  Improvements  In  the 
experimental  facilities,  and  wind  tunnels  and  measuring  techniques  have  become  bigger  and  more 
sophisticated  so  that  now  there  Is  the  prospect  of  a  cryogenic  tunnel  in  which  flight  Reynolds 
numbers  can  be  achieved.  Even  the  simpler,  pressurised  tunnels  of  today's  technology  can  give 
Reynolds  numbers  approaching  flight  values  for  some  aircraft  at  low  speed.  A  typical  range  of 
Reynolds  and  Mach  number  for  2  and  3-d  1  me  ns  io  nal  models  In  the  RAE  5  metre  tunnel  Is  shown  in 
figure  22.  However,  the  drawback  with  high  Reynolds  number  testing  Is  Its  cost,  both  of  the 
manufacture  of  the  model  and  the  running  of  the  tunnels  and  which,  with  each  major  advance  In 
tunnel.  Is  probably  Increasing  the  cost  by  an  order  of  magnitude.  Because  full  scale  Reynolds 
number  testing  Is  very  expensive  this  tends  to  re-emphaslse  the  trends  of  high  lift  system 
testing  to  be  aimed  primarily  at  project  aircraft  design  rather  than  fundamental  research.  It 
la  certain  that  this  project  orientated  work  will  continue  and  grow  In  the  near  future  in  much 
the  same  way  as  It  has  done  In  the  past  and  will  continue  to  be  the  driving  force  for  better 
wind  tunnels.  Lack  of  confidence  In  the  cheaper  2-dimens  lonal  testing  techniques  and  the  goal 
of  benefits  from  designing  at  a  high  Reynolds  number  will  also  push  testing  towards  full  3- 
dlmenslonal  models.  However  what  none  of  this  will  do  per  se  Is  necessarily  to  Improve  the 
understanding  of  the  flow  and  the  ability  to  design  better  and  more  efficient  high  lift  systems. 

To  address  that  problem  requires  Its  own  programme  of  research.  In  such  a  programme  It 
would  be  Ideal  to  perform  the  testing  at  as  high  a  Reynolds  number  as  possible  and  as  the 
facllltes  will  permit  but  because  of  the  large  parameter  space  of  the  multi-element  wing  even  a 
2-dlraens lonal  optimisation  where  only  Integrated  forces  are  of  Interest  Is  expensive.  If 
research  is  also  to  Include  flow  field  measurements  both  in  the  boundary  layer  and  the  wakes  It 
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is  obviously  prohibitive  and  at  best  will  only  be  undertaken  occasionally,  possibly  as  a 
collaborative  project  anongst  various  Interested  parties.  Clearly  It  Is  essential  that  simpler, 
cheaper  tests  at  low  Reynolds  number  must  be  formulated  if  the  fundamental  research  is  to 
progress.  In  some  cases  particular  flow  phenomena  can  be  Isolated  and  'model'  experiments 
carried  out  at  a  fraction  of  the  cost  and  also  sometimes  at  representative  Reynolds  lumber. 
But,  because  of  the  Interactive  nature  of  the  total  flow  field,  It  will  always  be  necessary  to 
test  some  complete  high  lift  models. 

Whether  the  interest  Is  In  2  or  3-dlmens  ions ,  It  Is  necessary  to  choose  the  type  of  model 
to  be  tested.  So  far  a  satisfactory  technique  has  not  been  developed  yet  for  2-dimensional 
tests.  Here  the  choice  of  model  can  be  broadly  split  into  three  different  types  as  shown  In 
figure  23;  all  of  which  have  their  pros  and  cons.  A  model  spanning  the  tunnel,  figure  23a, 
should  give  a  2-dlmensional  flow  but,  apart  from  the  structural  problems  when  either  the  aspect 
ratio  or  the  Reynolds  number  Is  high,  the  boundary  layer  on  the  tunnel  wall  Is  usually  thick  so 
that  the  wall  boundary  layer  interference  effects  can  be  quite  large  particularly  at  high  lift 
causing  significant  3-dlmensional  effects.  This  can  be  overcome  by  applying  tunnel  wall  suction 
to  remove  the  tunnel  boundary  layer  and  create  a  smooth  streamline  flow  In  the  junction  but  this 
Is  dependent  on  the  tunnel  having  such  a  facility  and  can  add  significantly  to  the  cost  and  time 
of  testing.  A  simpler  approach,  figure  23b,  Is  to  Install  large  false  walls  from  tunnel  floor 
to  ceiling  and  mount  the  model  between  them,  here  the  wall  boundary  layer  will  be  much  thinner 

and  cause  less  Interference.  However,  the  drawback  of  this  technique  Is  that  the  tunnel  Is 

spilt  Into  three  elements  and  the  flow  In  each  of  the  channels  Is  governed  by  the  resistance 
there.  Consequently,  the  flow  in  the  centre  sectlun  where  the  model  Is  mounted  will  not 
necessarily  be  the  same  as  that  in  the  outer  sections  and  will  differ  from  the  mean  flow  In  the 
tunnel.  This  difference  will  also  vary  with  the  drag  of  the  model.  An  Improvement  can  be 
obtained  by  fitting  dummy  wings  In  the  outer  sections  of  the  tunnel  but  here,  as  the  model 
approaches  the  stall,  the  centre  and  outer  sections  will  stall  at  different  Incidences  because 
of  the  different  aspect  ratio.  The  third  alternative,  figure  23c,  Is  to  fit  the  model  with  end 

plates  which  do  not  span  the  tunnel  height.  With  such  a  model  It  Is  easy  to  produce  a  chordwlse 

pressure  distribution  independent  of  the  spanwlse  position  but  the  lift  curve  slope  will  still 
be  a  long  way  from  the  2-dimens lonal  value  unless  a  high  aspect  ratio  model  is  used  with  large 
end  plates. 

This  approach  has  been  used  by  some  design  teams  within  British  Aerospace  as  a  high  lift 
system  development  technique  principally  because  Its  cost  Is  about  a  third  of  the  full  2- 
dlmenslonal  test.  However,  here  the  results  have  to  be  corrected  for  the  finite  wing  effects  at 
the  effective  aspect  ratio  In  order  to  give  the  2-dlmensional  values,  but  as  shown  In  figure  24, 
uncorrected  results  show  the  optimum  configuration  can  be  the  same  In  both  cases.  On  the  other 
hand,  figure  25  does  Illustrate  the  errors  In  this  method  where  the  Induced  camber  due  to  the 
trailing  vortices  alters  the  load  distribution  between  the  elements.  So  this  technique  cannot 
sensibly  be  used  for  research  testing  as  such  differences  must  In  detail  yield  different  shear 
layer  behaviours. 

Consequently  for  2-dime  ns  lonal  testing  aimed  at  Investigating  the  detailed  flow  field  as 
well  as  the  overall  characteristics  It  Is  essential  to  mount  a  fully  2-dlmenslonal  test  with  the 
model  spanning  the  tunnel  and  appropriate  corrections  to  the  tunnel  flow  applied  at  the  model/ 
tunnel  junctions.  However,  even  this  presents  problems.  As  can  be  seen  from  figure  26. 
although  a  reasonable  spanwlse  variation  of  Cl  can  be  expected,  the  drag  can  vary  In  an 
indeterminate  manner  and  by  a  significant  amount.  A  further  difficulty  Is  encountered  If  the 
flow  field  has  a  region  of  separated  flow  In  it  for  which  It  Is  very  difficult  to  ensure  a 
constant  behaviour  across  the  span. 

Another  aspect  of  research  work  apart  from  the  type  of  tunnel  and  model  Is  the  measurement 
techniques.  Since  It  Is  necessary  to  measure  both  the  mean  and  fluctuating  parameters  In  the 
viscous  layers  as  well  as  the  surface  pressures,  the  number  of  parameters  per  case  Is 
dramatically  Increased  and  because  the  shear  layers  are  frequently  physically  small  at  model 
scale,  sometimes  have  reverse  flow  regions  and  In  many  configurations  are  difficult  to  reach  the 
equipment  used  must  be  very  sophisticated.  Add  to  all  this  the  number  of  the  parameters  to  be 
Investigated  for  one  high  lift  system  and  It  can  be  seen  that  the  cost  of  acquiring  a  thorough 
knowledge  of  even  the  two  dimensional  flow  around  high  lift  systems  will  be  prohibitively 
expensive  unless  some  more  cost  effective  method  can  be  found. 

In  3-dlmens  ions  it  becomes  even  more  expensive.  Apart  from  all  the  parameters  of  2- 
dlmenslonal  flow  there  are  now  those  peculiar  to  the  3-dlmenslonal  geometry,  such  as:- 

1)  wing  sweep,  aspect  ratio  and  taper  ratio 

2)  wing  root  and  tip  effects 

3)  effects  of  fuselages,  nacelles  and  pylons 

4)  end  effects  and  spanwlse  cut-outs  In  flaps  and  slats 

5)  spanwlse  variation  of  slat  and  flap  gaps,  overlaps,  chord  and  section  shape 

6)  effects  of  ailerons  and  spoilers 
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Clearly  not  all  these  are  essential  to  acquiring  a  fundamental  knowledge  of  3-dimens  tonal  flow 
field  but  even  concentrating  on  only  the  first  6  items  still  gives  an  immense  task  especially 
when  there  has  been  little  work  in  these  fields  in  the  past  and  any  3-dimensional  knowledge  has 
been  gained  from  the  ad  hoc  testing  for  particular  aircraft  projects. 


7) 

slat  and 

flap 
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Basically,  the  same  problems  have  to  be  faced  as  existed  in  2-dlmenslons.  Firstly  the 
choice  of  the  tunnel  has  to  be  made  and  now  the  pressure  of  achieving  a  sensible  Reynolds  number 
across  the  whole  span  will  force  at  least  a  significant  part  of  the  tests  to  a  large  pressurised 
tunnel.  Figure  27  shows  a  typical  variation  of  the  Reynolds  lumber  across  the  span  of  an  A300 
type  aircraft  and  It  can  be  seen  that  even  in  the  pressurised  tunnel  the  Reynolds  numbers  at  the 
tip  are  low.  In  an  atmospheric  tunnel  of  reasonable  size  the  Reynolds  number  based  on  the  local 
chords  would  be  very  low  outboard  and  those  based  on  the  slat  chords  would  be  ridiculous.  This 
highlights  the  second  problem  of  the  choice  of  the  godel,  for  although  it  Is  desirable  to 
represent  a  typical  aircraft  configuration  by  only  modelling  half  of  the  aircraft  so  that  the 
Reynolds  number  can  be  immediately  doubled  It  raises  the  spectre  of  Incorrect  Induced  and 
profile  drag  effects  from  the  tunnel/fuselage/wing  Junctions;  this  has  not  yet  been 
satisfactorily  resolved  for  simple,  single  element  wings.  Apart  from  this,  on  a  half  or  full 
model  it  is  difficult  to  engineer  some  of  the  necessary  variations  on  only  one  model  and  there 
Is  pressure  to  use  a  simpler  and  cheaper  model  such  as  the  swept  panel  model  either  with 
constant  chord  or  a  simple  taper.  With  a  constant  chord  model,  as  shorn  in  figure  28,  this 
model  does  show  considerable  sweep  effects  on  the  total  forces  but  the  pressure  distributions 
can  be  normalised  and,  as  Illustrated  in  figures  29  and  30  for  a  measuring  station  at  the  mid 
semi-span,  are  remarkably  consistent.  However,  none  of  the  available  techniques  has  a  clear 
advantage  and  the  choice  is  Inevitably  made  on  either  the  traditional  grounds  of  experience  that 
the  particular  researcher  has  In  this  field,  the  availability  of  existing  models  tdilch  can  be 
modified  or  simply  the  cost. 
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Assuming  these  problems  can  be  successfully  resolved,  there  is  still  the  question  of  the 
required  measurement  techniques.  Here  the  number  of  parameters  is  automatically  Increased  by  a 
half  as  all  the  velocity  fields  now  have  a  third  spanwlse  component  and  the  Integrated  forces 
also  present  additional  problems  because  the  total  drag  has  contributions  from  the  profile  drag 
and  the  lift  dependent  drag  of  which  It  Is  necessary  to  know  the  breakdown.  Determination  of 
the  two  components  is  only  possible  to  the  required  degree  of  accuracy  by  means  of  a  wake 
traverse  technique  which  apart  from  the  shear  cost  of  traversing  a  flow  field  at  several 
Incidences,  still  requires  development  to  become  a  routine  tool. 


From  the  above  it  Is  obvious  that  any  programme  of  research  to  investigate  the  basic 
physics  of  the  3-dlmenslonal  flow  field  about  high  lift  systems  will  be  expensive,  require  many 
man  years  of  effort  and  will  even  then  inevitably  not  be  able  to  Include  all  the  parameters  of 
Interest.  Therefore,  to  develop  the  knowledge  to  Improve  the  design  of  high  lift  systems  on 
aircraft  It  will  be  necessary,  as  in  2-dlmensiona ,  to  discover  an  alternative,  more  coat 
effective  path  than  simply  experimentation.  That  path  must  be  through  the  development  of  a 
sound  theoretical  method  supported  by  selected  high  quality  experiments.  Once  such  a  method  Is 
available,  apart  from  the  possible  problems  of  computer  cost.  It  will  be  passible  to  Investigate 
the  flow  fields  to  a  far  greater  extent  and  more  quickly  than  can  be  done  experimentally. 

5.2  Theoretical  Techniques 
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However,  there  are  currently  no  available  theoretical  models  idilch  will  address  the  3- 
dlmenslonal  flow  field  In  anything  like  the  required  detail.  Present  computational  capability 
Is  largely  restricted  to  2-dimens lonal  attached  flow  cases.  But  even  in  2-dlmenslons  it  Is 
necessary  to  have  a  method  which  will  predict  the  changes  as  various  parameters  are  altered  and 
to  be  able  to  predict  the  maximum  lift  and  drag  of  the  section,  and  today  there  Is  no  method 
with  that  capability  on  a  production  basis.  Consequently  theoretical  methods  a-e  faced  with  a 
long  period  of  development  which  will  be  expensive  and  require  a  lot  of  effort  but  will,  tdien 
successful,  give  the  basis  for  the  only  real  technique  of  systematically  varying  all  the 
parameters  on  a  high  lift  wing,  and,  as  has  been  amply  demonstrated  with  the  application  of 
theoretical  methods  to  high  speed  wing  design,  will  reduce  the  amount  of  tunnel  testing  for 
project  studies.  It  will  also  eventually  and  perhaps  more  Importantly  allow  the  optimum  flow 
conditions  to  be  determined  for  which  the  high  lift  wing  should  be  designed. 

With  the  present  knowledge  of  the  flow  around  2-dlme  ns  lonal  multi-element  aerofoils  It  Is 
possible  to  Identify  the  major  flow  features  as  shown  in  figure  12  and  to  construct  a 
theoretical  model.  Current  2-dime nslonal  methods  are  capable  of  calculating  the  flows  about 
simple  configurations  but  as  a  recent  comparison  between  theory  and  a  range  of  experiments  has 
shown,  there  are  still  many  problems  to  be  overcome.  Figure  31  shows  the  results  for  an  NLR 
experiment  with  a  two  element  configuration,  shown  In  figure  ^2.  specifically  designed  with  no 
flow  separations  and  no  merging  of  the  wakes  and  boundary  layers  so  that  It  Is  a  simple  test 
case  which  Is  a  little  more  complicated  In  its  various  effects  than  a  single  aerofoil  except  for 
the  calculation  and  representation  of  the  wing  wake  over  the  flap.  Although  the  effect  of  the 
wake  is  significant  and  Its  modelling  Important,  the  flow  Is  computed  quite  successfully  and 
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figure  33  shows  the  overall  agreement  between  the  experiment  and  the  computed  pressure 
distributions  Is  good.  Small  differences  In  pressure  on  the  flap  upper  surface  are  principally 
caused  by  the  Incorrect  modelling  of  the  wing  wake  which  In  this  particular  method  Is 
represented  by  the  calculation  of  a  symmetric  wake  when  It  Is  In  fact  very  asymmetric  In  this 
region.  It  Is  also  possible  to  detect  from  the  lower  surface  pressures  In  particular  the 
effects  of  too  much  circulation  on  the  flap  which  together  with  the  Incorrect  trailing  edge 
pressure  suggests  an  Incomplete  modelling  of  the  Kutta  condition.  Figure  34  shows  a  comparison 
of  the  measured  and  calculated  momentum  thicknesses  for  the  two  elements  and  It  can  be  seen  that 
the  agreement  Is  also  good. 

For  this  test  case  a  comparison  of  5  different  computational  methods  has  been  made,  only 
two  of  which  Include  a  specific  algorithm  for  computing  the  wake/boundary  layer  Interaction,  and 
figure  35  shows  the  Increments  at  various  Incidences  In  both  Cl  and  CD  predicted  between  two 
model  configurations  where  the  gap  between  the  wing  and  flap  had  been  halved  to  give  a 
significant  Interaction  between  the  two  shear  layers.  Obviously  from  the  results  none  of  the 
methods  can  be  relied  on  to  predict  the  correct  variations  although  the  methods  vdilch  compute 
the  wake/boundary  layer  Interaction  do  give  the  right  sort  of  change  and  trends  In  lift  but  even 
they  are  a  long  way  from  predicting  the  drag  changes. 
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Further  problems  can  be  seen  with  another  more  realistic  two  element  case  where  this  time 
there  is  a  cove  region  under  the  wing  shroud  as  sketched  in  figure  36.  It  can  be  seen  from  the 
pressure  distribution  that  the  method  Is  far  from  satisfactory.  For  this  case  the  separated 
flow  In  the  cove  region  cannot  be  modelled  and  has  to  be  represented  by  a  streamline  fairing 
drawn  from  experience.  The  shape  of  this  fairing  critically  controls  the  flow  through  the  slot 
and  hence  the  pressures  In  that  region.  Better  agreement  between  the  calculated  and  measured 
pressures  can  be  obtained  by  adjusting  the  fairing  but  the  shape  to  give  the  best  agreement  is 
far  from  the  intuitive  shape  so  that  this  approach  is  difficult  to  use  in  practice  when  the 
required  pressures  are  not  known  before  hand. 

Methods  again  show  problems  with  more  complicated  three  element  aerofoil  from  the  RAE 
which,  as  shown  in  figure  37.  has  a  slat  and  a  flap  with  positions  such  that  there  is  a  moderate 
interaction  between  the  wakes  and  the  boundary  layers.  On  this  model  there  are  now  two  cove 
regions,  on  the  slat  and  on  the  wing,  which  have  to  have  approximate  streamline  fairings 
Incorporated  to  allow  the  computer  program  to  execute.  Apart  from  the  cove  region  separated 
flows,  the  flow  also  nearly  separates  on  the  flap  upper  surface  with  a  trailing  edge  value  of 
2.47  for  the  shape  parameter  H  being  measured.  This  indicates  a  strong  interaction  between  the 
viscous  and  lnviscid  flows  which  will  cause  difficulties  particularly  to  the  methods  trtilch  use  a 
direct  form  of  che  vlacous/invlacld  coupling.  A  further  difficulty  is  the  strong 
compressibility  effects  on  the  slat  and  wing  upper  surfaces  and  although  there  is  no  shock  waves 
the  flow  is  nearly  sonic  on  the  slat  at  20"  incidence  which  should  be  treated  with  some  solution 
of  the  compressible  flow  equations.  It  can  be  seen  from  the  pressure  distributions  in  figure  38 
that  whilst  the  agreement  is  reasonable  the  mathematical  model  used  in  this  particular  method 
does  not  adequately  represent  the  effects. 
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It  is  Interesting  to  note  in  this  calculation  that  for  the  flap  the  agreement  is 
particularly  poor  and,  while  it  only  contributes  a  small  part  to  the  overall  lift,  0.4  CL  in  a 
total  4.2,  and  maybe  considered  not  to  be  too  Important,  it  must  be  remembered  that  it  does 
control  the  circulation  about  the  whole  aerofoil  and  incorrect  predictions  can  be  expected  to 
have  a  global  effect.  In  the  case  illustrated,  the  discrepancies  are  caused  by  an  Incorrect 
modelling  of  both  the  wake  over  the  flap  surface  and  of  the  Kutta  condition  which  is  here 
complicated  by  the  method  predicting  a  separation  towards  the  rear  of  the  flap  upper  surface 
where  the  experimental  flow  remains  attached  to  the  trailing  edge.  In  terms  of  the  overall 
Integrated  forces  the  agreement  in  total  lift  is  reasonable  as  show  in  figure  39.  but  the  drag 
is  unpredlcted.  This  is  not  surprising  as  it  Is  unreasonable  to  expect  the  simple  Squire  and 
Young  method,  as  used  in  this  particular  theoretical  method  by  being  applied  at  the  trailing 
edge  of  each  element  and  then  summed  for  the  total  drag,  to  give  the  correct  answer. 
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A  fourth  test  case  from  ONERA,  shown  In  figure  40.  is  again  a  three  element  aerofoil  but 
which  has  a  large  deflection  angle  of  the  flap  with  a  significant  region  of  separated  flow.  It 
also  haa  a  merging  of  the  shear  layers  both  between  the  slat  wake  and  the  wing  upper  surface 
boundary  layer  and  also  the  wing  wake  and  flap  upper  surface  boundary  layer  probably  after  the 
latter  has  separated.  The  comparisons,  figure  41,  for  this  case  have  been  computed  by  the  ONERA 
method  which  uses  a  semi-inverse  viscous / lnviscid  coupling  procedure  and  an  inverse  boundary 
layer  method  capable  of  predicting  separated  flow.  In  general,  it  produces  good  predictions  of 
the  separated  flow  region  both  in  terms  of  the  pressure  level  and  the  point  of  separation  but  it 
does  underestimate  the  peak  suctions.  It  also  underestimates  the  pressure  distributions  on  the 
wing  suggesting  that  In  spite  of  a  good  separated  flow  model  it  is  not  controlling  the  overall 
circulation  correctly,  however,  this  method  does  not  represent  the  wake/boundary  layer  merging 
and  is  in  the  early  stages  of  development.  This  experiment  has  a  further  flow  complication  In 
that  it  exhibits  the  'flow  recovery'  phenomenon  described  in  a  previous  section,  and  at  18* 
incidence,  2’  higher  than  the  results  shown  in  figure  41,  the  flow  reattaches  idilch  is,  not 
surprisingly,  not  predicted  by  this  theoretical  method. 
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The  results  described  above  have  largely  been  drawn  from  a  recent  comparison  of  several 
theoretical  methods  and  three  experimental  test  cases,  which  were  carefully  chosen  to  cover  the 
range  of  flow  phenomena  likely  to  occur  on  multi-element  high  lift  aerofoils.  From  these 
comparisons  it  was  possible  to  make  the  following  general  observations  about  the  state  of  the 
art  of  2-dimenslonal  computational  methods 

1)  the  drag  Is  poorly  estimated  by  most  methods  and  must  be  Improved  for  the  methods  to 
become  useful  design  tools. 

2)  the  effects  of  compressibility  and  sonic  flow  on  the  slats  and  wing  leading  edges  Is 
significant.  None  of  the  methods  accurately  predicted  the  near  sonic  flow  and  there 
was  little  agreement  between  the  simple  compressibility  corrections  used.  Figure  42 
shows  a  Mach  lumber  distribution  on  a  typical  slat  at  a  freestream  Mach  lumber  of  0.20 
with  a  peak  local  Mach  number  of  over  1.2  and  clearly  some  method  which  solves  the 
full  compressible  equations  with  a  modelling  of  the  shock  wave  Is  required. 

3)  It  Is  difficult  with  the  large  number  of  different  effects  to  decide  whether  the  Kutta 
condition  is  being  satisfied  correctly  but  generally  the  trailing  edge  pressures  are 
poorly  predicted  and  there  Is  a  need  for  an  Improved  model  of  the  Kutta  condition  In 
the  presence  of  multiple,  curved  shear  layers. 

4)  the  displacement  effects  of  the  wakes  from  upstream  elements  must  be  Included  In  the 
equivalent  lnvlscld  flow  even  when  there  Is  no  merging  of  the  wake  and  boundary  layer 
and  the  size  and  position  of  the  singularities  representing  that  wake  are  equally 
Important  as  shown  In  figure  43. 

3)  it  Is  necessary  to  be  able  to  compute  the  development  of  curved  wakes  from  the  slat  or 
wing  through  an  adverse  pressure  gradient  Including  the  near  wake  behind  the  upstream 
element  In  order  to  be  able  to  predict  the  drag  correctly.  Calculating  the  drag  by 
the  Squire  and  Young  method  at  the  trailing  edge  of  each  element  cannot  be  expected  to 
give  the  correct  answer,  however,  as  shown  In  figure  44,  correctly  applied  to  the  flow 
conditions  at  the  flap  trailing  edge  can  give  a  reasonable  result  for  a  wide  variety 
of  configurations. 

6)  a  method  for  computing  the  Interaction  of  confluent  wakes  and  boundary  layers  Is 
needed  and  that  method  has  to  be  able  to  predict  aeparation  of  the  boundary  layer  and 
to  continue  the  calculation  In  the  presence  of  that  separation.  This  obviously 
requires  a  very  sophisticated  shear  layer  calculation  and  will  demand  a  finite 
difference  method  of  solution  of  at  least  the  boundary  layer  equations  with  a 
sophisticated  turbulence  model.  Figure  45  shows  some  recent  results  using  a  Reynolds 
Stress  model. 

7)  a  model  of  the  separated  flow  Is  required  both  for  the  'closed'  separation  In  the  slat 
and  wing  cove  regions  and  for  the  'open'  separation  on  the  wing  and  flap  upper 
surfaces . 

8)  none  of  the  methods  predicts  or  the  post  stall  behaviour  of  the  aerofoil. 

From  these  results  It  Is  clear  that  the  state  of  the  art  of  theoretical  modelling  even  In 

2- dlmenslons  does  not  meet  the  basic  requirements  set  out  earlier  but  as  methods  do  exist  and 
most  of  the  problems  have  been  Identified,  It  should  now  be  possible  to  make  progress  towards 
Improving  the  current  generation  of  methods. 

In  3-dime  ns  Iona  there  has  been  little  or  no  serious  development  work,  save  that  of  one 
Important  Item  at  Boeings,  which  mainly  reflects  the  difficulties  experienced  with  the  2- 
dlmenslonal  methods  and  the  lack  of  effort  that  has  been  available  to  apply  to  the  problem.  It 
Is  possible  to  construct  3-dlmenslonal  methods  which  solve  the  potential  flow  for  high  lift 
wings  In  a  reasonable  manner  but,  because  of  the  difficulties  In  representing  the  3-dlmenslonal 
effects  of  flap  ends,  cut-outs  etc.  and  the  lack  of  any  3-dlmenslonal  viscous  method  to  deal 
with  confluent  wakes  and  boundary  layers,  no  one  has  yet  embarked  on  attempting  a  full 
theoretical  method.  To  date  the  only  serious  attempt  has  been  that  at  Boeings,  reference  5, 
where  a  3-dlmena tonal  potential  flow  analysis  Is  used  to  predict  'critical  sections'  on  the 
wing.  Using  these  sections,  their  characteristics  can  be  calculated  with  a  2-dimenslonal  method 
and  related  back  to  the  3-dlmenslonal  case  with  Lock's  equivalence  method  to  account  for  the 
effects  of  sweep,  taper  and  aspect  ratio.  The  3-dlmenslonal  analysis  is  then  adjusted  to  take 
account  of  the  viscous  effects  by  using  an  'effective  camber'  surface  for  the  multi-element 
section  In  the  potential  flow  method.  Obviously  this  approach  relies  on  a  high  aspect  ratio 
wing  where  the  section  characteristics  dominate  the  wing  flow  and  also  assumes  that  the  spanwlse 
effect  of  the  boundary  layer  can  be  neglected,  but  as  shown  In  figure  46  good  comparisons  of  the 
Integrated  forces  can  be  obtained.  In  the  Boeing  formulation  the  3-dlmenslonal  analysis  Is 
based  on  a  vortex  lattice  method  specifically  tailored  for  high  lift  applications  to  multi¬ 
element  wings  with  part  span  flaps,  bodies  and  nacelles  and  the  2-dimenslonal  method  Is  an  'in 
house’  method  based  on  a  panel  method  Including  the  effects  of  viscous  flows.  This  quasl- 

3- dlmens lonal  analysis  la  clearly  limited  and  because  of  the  simplifications  used  cannot  be  used 
for  general  research  Interests.  But  nevertheless  it  Is  evidently  a  powerful  tool  In  project 
aerodynamics  and  has  been  used  extensively  by  Boeing. 


A  similar  approach  to  this  Is  a  simple  strip  theory  vdiere  the  potential  flow  method  Is  used 
to  calculate  the  lnvlscld  onset  flow  to  several  sections  across  the  span  and  with  these  onset 
flows  the  characteristics  of  each  strip  can  be  calculated  using  a  suitable  2-dlmens lonal  method 
which  Includes  the  effect  of  viscosity.  At  this  level  it  has  no  Iteration  between  the  two 
calculations  and  will  generally  not  be  expected  to  give  predictions  which  are  any  better  than 
the  Boeing  approach.  However,  provided  that  the  2-  and  3-dlmenslonal  methods  are  based  on 
singularity  type  panel  methods  a  more  powerful  hybrid  approach  can  be  used.  This  concept 
developed  by  Jepps,  reference  6,  Is  based  on  a  basic  iteration  algorlthm:- 

(3-d)n  -  £(3-d)n_!  -  (2-d)n_ij  +  (2-d)n 

where  one  iteration  consists  of  applying  this  algorithm  to  each  strip  of  the  wing.  The  n t'1 
Iteration  may  be  Interpreted  as  computing  the  2-dimensional  singularities  In  the  presence  of  the 
3-dlmenslonal  onset  flow  U  and  satisfying  the  3-dlmenslonal  boundary  conditions.  U  Is  the  3- 
dlmenslonal  flow  Induced  at  that  strip  by  the  entire  set  of  3-dlmenslonal  singularities  minus 
the  2-dlmenslonal  flow  at  that  strip  due  to  the  2-dlmenslonal  singularities,  both  computed 
during  the  previous  (n-l)c^  Iteration.  The  3-dlmenslonal  singularities  are  taken  to  be  the  2- 
dlmenslonal  singularity  strengths,  computed  In  the  previous  Iteration  for  each  strip,  applied  on 
the  3-dlmenslonal  panels.  This  method  has  been  previously  developed  for  potential  flow 
applications  but  could  be  extended  to  Include  viscous  effects.  Now  the  restrictions  of  wing 
planform  of  the  previous  methods  have  been  removed  and  the  only  assumption  Is  that  the  spanwlse 
effects  of  viscosity  can  be  neglected.  Whether  this  Is  restrictive  remains  to  be  seen,  but 
further  developments  of  the  method  may  well  permit  some  cross  flow  terms  to  be  Included  In  the 
viscous  flows  in  the  formulation. 

Apart  from  these  simplified  approaches,  some  preliminary  results  are  being  obtained  by 
extending  the  2-dlmens  lonal  formulations  Into  3-dlmenslons.  Results,  figure  47,  are  available 
from  a  3-dlmenslonal  panel  method  formulation  including  the  simple  effects  of  viscosity  due  to 
the  boundary  layers  on  each  element,  which,  although  they  are  encouraging,  show  that  this  Is 
only  the  start  of  a  long  road  of  development.  In  spite  of  the  2-dlmenslonal  knowledge,  there 
are  still  many  problems  to  be  overcome  which  are  peculiar  to  3-dimenslonal  configuration, 
namely :- 

a)  the  representation  of  the  wakes,  both  the  lnvlscld  trailing  vortlclty  and  the  viscous 
wake.  It  is  not  now  possible  simply  to  place  the  singularities  on  an  assumed  wake 
profile  as  It  is  known  that  the  3-dlmenslonal  wake  distorts  and  rolls  up  rapidly  and 
the  2-dlmenslonal  analysis,  figure  43,  has  illustrated  the  importance  of  the  wake 
position. 

b)  the  wake  modelling  problem  extends  to  the  flap  and  slat  ends  and  the  modelling  of  the 
flow  In  this  region.  It  has  yet  to  be  shown  whether  this  Is  just  a  problem  of 
modelling  the  lnvlscld  trailing  vortlclty  and  Its  correct  deformation  or  whether  there 
are  significant  effects  due  to  the  viscous  layers.  Recent  NASA  work  has  Illustrated 
that  the  vortex  rolled  up  behind  a  part  span  flap  end  Is  quite  different  in  the  nature 
of  Its  total  head  distribution  than  that  from  the  wing  tip  and  Its  mean  velocities  are 
significantly  lower  suggesting  the  low  energy  viscous  layers  are  pulled  Into  the 
vortex  core. 

c)  development  of  3-dlmenslonal  calculation  methods  for  shear  layers  which  Include  the 
wake/boundary  layer  Interaction. 

d)  interference  effects,  particularly  on  the  viscous  flow,  from  other  lifting  surfaces, 
such  as  pylons,  and  bodies,  such  as  fuselages  and  nacelles,  which  Is  not  a  problem 
unique  to  the  high  lift  wing  and  Is  common  to  all  3-dimenslonal  methods,  although  wing 
body  junctions  with  high  lift  devices  deflected  can  present  additional  problems. 

e)  effects  of  compressibility  in  3-dlmenslons  needs  to  be  Included. 

f)  the  computation  of  separated  flow  becomes  much  more  difficult.  As  shown  In  figure  21, 

It  Is  a  more  complex  pattern  with  parts  of  the  wing  stalled  and  parts  not  so  that  the 
viscous  computation  has  to  be  very  complex.  Also  In  3-dlmenslons  the  flow  In  the  slat 
and  wing  cove  regions  may,  depending  on  the  wing  sweep  angle,  be  of  different 

character  from  the  2-dlmenslonal  flow  In  so  far  as  it  may  form  a  spanwlse  vortical 
flow  rather  than  a  closed  bubble. 

These  problems  have  to  be  solved  before  a  successful  3-dlmenslonal  method  Is  available  as  a 
tool  for  research  into  high  lift  flows.  There  is  a  basic  framework  for  a  3-dlmenslonal 
calculation  method  which,  with  the  successes  and  failures  in  the  development  of  2-dlmenslonal 
methods,  will  point  the  work,  at  least  initially,  In  the  right  direction.  However  It  Is  a 
prerequisite  of  starting  the  development  of  a  3-dlmenslonal  method  that  It  trill  also  be 
necessary  to  carry  out  several  high  quality  experiments  to  provide  the  basic  data  to  support  the 
calculations  and  the  development  of  the  various  viscous  flow  algorithms,  although  these  may 

well,  In  part,  be  satisfied  with  'model'  tests  rather  than  a  full  3-dlmenslonal  aircraft  model. 
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CONCLUDING  REMARKS 


The  previous  sections  have  shown  the  way  high  lift  systeas  are  designed  for  aircraft  and 
the  techniques  used  In  that  work.  However,  It  Is  clear  that  the  knowledge  of  the  fundamental 
physics  of  the  flow  around  even  a  2-dlmens lonal  multi-element  aerofoil  Is  far  froa  coaplete  and 
will  not  be  advanced  with  the  ad  hoc  testing  associated  with  project  design.  Section  design  by 
traditional  methods  has  probably  reached  a  plateau  and  future  laproveaents  on  the  'cut  and  try' 
principal  will  only  yield  Halted  growth.  There  are  aany  flow  phenomena  which  can  be  Identified 
at  this  stage  but  which  are  not  fully  mderstood  and  which  require  further  Investigation  at  a 
detailed  level.  Whilst  soae  of  these  can,  at  least  In  the  first  Instance,  be  Isolated  froa  the 
coaplete  high  lift  configuration  and  treated  by  'aodel'  experiments  and  calculations.  It  Is 
nevertheless  essential  that  some  major,  comprehensive  experimental  programme  be  mounted  on  a 
fully  2-diae  ns  lonal  model.  These  tests  would  require  measurements  not  only  of  the  surface 
pressures  and  integrated  loads  but  also  detailed  measurements  of  the  mean  and  fluctuating 
velocities  In  the  boundary  layers  and  wakes.  However,  principally  because  of  the  size  of  the 
parameter  space  and  the  problems  and  cost  of  achieving  the  representative  Reynolds  and  free- 
streao  Mach  number  experimentally,  theoretical  calculations  will  play  an  Important  part  In  the 
overall  research.  But  the  current  generation  of  2-dlmenslonal  methods  are  Inadequate  for  this 
work  and,  although  many  of  the  def flclencles  have  been  Identified  and  are  being  Investigated,  It 
will  st 111  be  some  time  before  a  suitable  method  Is  available. 

In  3-dlmensions  there  are  significant  gains  to  be  achieved  froa  Improvements  to  the  design 
In  terms  of  optimising  the  spanwise  grading  of  the  slat  and  flap  gaps,  overlaps,  chords  and 
section  shape.  Improved  inboard  wing  design,  minimising  the  adverse  Interference  effects  of  flap 
ends,  cut-outs,  body  junctions  etc.  and  for  designing  at  the  flight  Reynolds  cumber.  This  will 
require  not  only  to  be  able  to  analyse  a  given  geoaetry  but  also  to  be  able  to  describe  the 
optimum  flow  conditions  for  which  a  high  lift  wing  should  be  designed  and  how  to  modify  the 
configuration  to  achieve  them.  Obviously,  this  can  only  coae  with  a  good  basic  knowledge  of  the 
flow  field  about  the  high  lift  system  and  the  shear  number  of  variables  aakes  It  Impossible  that 
a  3-dlmena  lonal  design  could  ever  be  fully  optimised  experimentally.  Consequently  there  la  a 
requirement  for  a  comprehensive  theoretical  method  which  Is  capable  of  predicting  the  changes 
due  to  altering  various  parameters,  the  maximum  lift  of  the  wing  and  the  L/D  at  least  close  to 
the  design  condition.  Without  such  a  method  it  will  never  be  possible  to  take  full  advantage  of 
a  3-dlmensional  design  and  the  knowledge  gained  from  ad  hoc  project  type  testing  will  always  be 
partial.  However,  that  Is  not  to  say  that  such  a  method  will  ever  replace  the  wind  tunnel 
testing  or  even  reduce  the  requirement  for  the  expensive  high  Reynolds  number  wind  tunnel 
facllltes.  It  will  not.  To  start  with  there  Is  no  suitable  theoretical  method  in  existence  and 
it  will  be  a  long  development  to  achieve  one.  During  This  time  there  will  be  a  need  for 
extensive  experimental  support  at  all  levels  of  sophistication  and  without  a  theoretical  design 
capability,  there  will  be  a  continuing  requirement  for  the  project  aircraft  testing.  Even  at 
the  end  of  the  road,  the  theoretical  method  will  not  be  as  complete  a  model  as  would  be  liked 
and  will  In  practice  only  give  the  ability  to  design  nearer  to  the  optimum  configuration  so  that 
It  will  always  be  essential  to  test  the  final  configuration  In  a  wind  tunnel  at  near  flight 
conditions.  But  these  tests  should  eventually  only  be  confirmatory  tests  and  the  amount  of 
tunnel  testing  for  a  given  project  should  be  considerably  reduced  In  much  the  same  way  as  has 
happened  for  high  speed  wing  design.  To  create  such  a  theoretical  method  will  require  a 
significant  effort  which  for  efficiency  must  be  marshalled  Into  a  organised  research  programme 
and  would  probably  represent  the  main  research  In  high  lift  aerodynamics  for  the  next  decade  or 
so. 

However,  apart  from  the  progress  tdilch  will  be  achieved  by  the  understanding  of  the  high 
lift  flows  and  the  developing  of  suitable  analysis  techniques,  there  will  almost  certainly  be 
Inevitable  Improvements  from  new  design  philosophies  but  over  a  much  longer  timescale.  What 
will  be  achieved  Is  speculation  but  as  aircraft  wings  of  transport  aircraft,  at  least,  will 
always  be  directed  to  the  achievement  of  the  best  possible  cruise  and  high  speed  performance, 
high  lift  will  always  be  achieved  by  the  use  of  variable  geometry.  However  In  spite  of  the 
proven  efficiency  of  the  mechanical  high  lift  devices  there  are  definite  limits  to  the  ability 
to  engineer  variable  geometry  to  deal  with  some  critical  areas  of  the  wing  and  It  is  probably 
here  that  boundary  layer  control  by  blowing  or  suction  could  be  an  effective  and  practical  way 
of  dealing  with  very  localised  problems.  Leading  from  this  proposal,  because  of  the  margins 
required  for  manoeuvring  and  for  providing  protection  against  the  atmospheric  disturbances  such 
as  strong  gusts  and  wind  shear,  for  most  of  the  time  the  high  lift  devices  are  deployed  the 
demands  made  In  terms  of  lift  are  much  below  that  potentially  available.  This  means  that  high 
lift  devices  are  deployed  to  larger  deflection  angles  than  are  required  most  of  the  time  and  are 
usually  generating  more  drag  than  would  be  the  case  If  these  margins  did  not  have  to  be 
permanently  provided.  This  could  be  avoided  If  active  high  lift  devices  were  used  where  the 
device  could  be  rapidly  deployed  when  the  demand  arose  In  which  case  the  drag  benefits  would  be 

considerable.  However,  for  extending  chord  devices  It  seems  that  active  flaps  or  slats  with  a 

high  rate  of  deployment  are  not  likely  to  be  practical.  Consequently  here  It  might  be  possible 
to  use  boundary  layer  control  In  active  form.  For  this  type  of  boundary  layer  control  It  would 
be  attractive  to  use  a  reservoir  system  so  that  rapid  demands  could  be  made  without  more  than  a 
small  effect  on  the  engines  and  thrust  performance.  For  a  reservoir  system  to  suffice  and  not 
be  too  large  It  necessitates  that  control  of  the  flight  path  shall  be  as  efficient  as  possible, 
and  this  points  to  the  need  for  computer  control  of  the  flight  path.  Take-off  and  landing 

manoeuvres  could  then  be  programmed  to  be  controlled  In  the  most  efficient  manner  with  parallel 
programmed  control  of  the  mechanical  high  lift  devices  simultaneously  to  minimise  dreg  and  the 
demands  made  on  the  blowing  system.  Having  already  Invoked  computer  directed  control  It  Is 


natural  to  extend  this  to  c.g.  control  and  relaxed  stability  which  are  powerful  ways  of 
laproving  high  lift  performance  and  should  certainly  feature  strongly  In  the  search  for  ways  of 
Increasing  high  lift  performance. 


Further  most  present  day  transport  aircraft  sacrifice  a  considerable  amount  of  lift 
capability  in  order  to  generate  the  stall  handling  characteristics  required  to  meet  the 
airworthiness  requirements.  Computer  control  of  aircraft  could  be  developed  so  that  stalling  Is 
totally  eliminated  and  with  such  a  control  system  'stall  fixing'  and  the  associated  loss  of 
maximum  lift  would  not  be  necessary  or  would  at  least  be  much  diminished. 

The  problems  of  Implementing  these  are  obviously  very  great;  a  thorough  understanding  of 
the  complexities  of  local  flows  In  all  the  critical  regions  of  3-dlmenslonal  wings  Is  essential 
so  that  the  boundary  layer  control  by  blowing  can  be  employed  In  the  most  economical  manner. 
The  blowing  system  would  also  have  to  be  developed  for  economy  and  would  be  likely  to  have  a 
variable  nozzle  area  rather  than  controlling  the  blowing  through  a  fixed  nozzle  by  a  throttle. 
Ml  of  this  would  have  to  be  done  In  parallel  with  the  development  of  computer  directed  flight 
path  control.  To  achieve  this,  very  close  liaison  would  be  needed  between  the  various 
disciplines  ranging  from  the  fluid  dynamic  scientists  through  the  structural,  mechanical  and 
electronic  engineers  to  the  flight  dynamiclsts.  But  similar  liaison  has  otwlously  been  achieved 
for  the  Boeing  YC-14  with  overwlng  blown  flaps  and  could  be  again  In  the  future. 
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SUMMARY 

■v  A  survey  is  presented  of  results  obtained  from  experiments  in  the  RAE  5m  low-speed 
pressurised  wind  tunnel.  The  tunnel  is  capable  of  operation  over  a  range  of  pressures 
(from  one  to  three  atmospheres)  so  that  the  effects  of  Mach  and  Reynolds  number  may  be 
separated.  This  decoupling  of  scale  and  compressibility  effects  has  made  possible 
reliable  extrapolation  of  test  results  to  full-scale  conditions  (where  this  i3 
necessary)  as  well  as  giving  greater  insight  into  the  underlying  flow  mechanisms.  The 
large  size  of  the  tunnel,  combined  with  pressurisation  to  three  atmospheres,  has  enabled 
some  tests,  on  small  combat/trainer  aircraft  and  on  bomb-like  stores,  to  be  carried  out 
at  full  scale. 


f 

Three  facets  of  the  work  of  the  5m  tunnel  are  describedJ*-'work  aimed  at  predicting 
or  improving  the  high-lift  performance  of  specific  aircraft,*  work  of  a  more  fundamental 
nature  concerned  particularly  with  the  optimisation  of  high-lift  devices  on  generalised 
research  models,  and  work  on  the  drag  of  stores  carried  externally  on  combat  aircraft. 


THE  EFFECTS  OF  REYNOLDS  AND  MACH  NUMBER  ON  THE  MAXIMUM  LIFT  OF  MODELS  OF  THE 
HAWK  AND  A300 


1 . 1  Tests  on  Hawk 

To  illustrate  the  capabilities  of  the  5m  tunnel  in  the  study  of  the  stalling 
characteristics  of  specific  aircraft  we  present  results  from  tests  of  two  models.  The 
first,  that  of  the  Hawk  strike/trainer,  is  ar>  example  of  the  type  of  small  combat 
aircraft  designed  for  a  high  subsonic  capability  with  good  manoeuvrability  but  of  suf¬ 
ficiently  low  wing  loading  that  the  required  field  performance  can  be  achieved  by  a  com¬ 
paratively  simple  high-lift  system  with  no  leading-edge  flaps  or  slats.  The  photograph. 
Fig  1  shows  the  model  mounted  in  the  tunnel  on  the  mechanical  balance  cart  using  a  main 
central  strut  support  to  carry  the  loads.  The  model,  which  is  fully  representative  of 
the  external  shape  of  the  Hawk  aircraft,  is  to  a  scale  of  0.315  and  consequently  since 
the  tunnel  can  be  pressurised  to  3  bars  we  are  able  to  cover,  as  Fig  2  shows,  the 
correct  Reynolds  numbers  and  Mach  numbers  appropriate  to  the  stall  for  the  whole  of  the 
altitude  range  at  which  stalling  trials  are  made  on  the  real  aircraft.  Development  work 
in  the  tunnel  aimed  at  improving  the  high-lift  performance  and  studies  of  the  onset  and 
control  of  the  stall  can  thus  be  made  under  natural  transition-free  conditions. 


For  the  RAF  trainer  version  of  the  Hawk,  that  is  with  the  aircraft  in  the  form  it 
has  made  world-wide  appearances  in  the  Red  Arrows,  the  wing  meets  the  required  high-lift 
capability  with  a  double-slotted  flap  of  the  fixed-vane  type.  The  main  part  of  the  flap 
extends  from  the  fuselage  side  to  65%  of  the  semi  span  but  the  vane  only  extends  to  57% 
of  the  semi  span.  Suitable  buffet  warning  and  stalling  characteristics  are  obtained  by 
using  the  combination  of  a  wing  fence  at  6 7 i %  semi  span  and  two  sharp-edged  breaker 
strips  of  4%  semi  span  centred  on  34%  and  56%  semi  span  respectively.  This  combination 
was  developed  mainly  in  flight  tests  on  the  prototype  aircraft,  but  with  the  introduc¬ 
tion  of  the  5m  wind  tunnel  it  became  possible  to  study  the  further  development  of  the 
aircraft  and  assess  the  losses  in  performance  associated  with  such  stall  control  devices 
under  the  controlled  test  conditions  provided  by  a  tunnel  where,  in  addition,  the 
separate  effects  of  variations  in  Reynolds  number  and  Mach  number  could  be  examined. 

Fig  2  shows  the  changes  in  Reynolds  number  and  Mach  number  with  altitude  for  a  constant 
equivalent  stalling  speed,  ie  aircraft  weight. 

The  work  on  the  Hawk  model  covered  a  number  of  flap  deflections  without  and  with 
the  undercarriage  and  tailplane  fitted.  We  present  some  results  for  the  largest  flap 
deflection,  50  degrees,  without  undercarriage  and  tailplane.  Fig  3  shows  the  maximum 
lift  coefficient  obtained  for  several  Reynolds  number/Mach  number  combinations  for 
the  model  with 


(a)  the  standard  vane, 

(b)  the  vane  extended  to  the  end  of  the  main  flaps, 

(c)  the  vane  extended  and  the  breaker  strips  removed. 

At  a  Reynolds  number  of  5.5  ,  106  and  a  Mach  number  of  0.2,  which  is  a  condition 
appropriate  to  flight  tests  of  the  stalling  characteristics,  these  progressive  changes 
in  the  model  configuration  result  in  an  overall  increase  of  about  0.35  in  maximum  lift 
coefficient  compared  with  the  value  of  about  0.25  indicated  for  the  unpressurised 


tunnel,  Reynolds  number  =  2.5  x  106 ,  and  a  value  of  about  0.4  for  a  Reynolds  number 
higher  than  full  scale,  7.5  x  10°.  The  reasons  for  these  differences  and  the  noti¬ 
ceable  difference  in  the  effect  of  varying  Mach  number  at  constant  Reynolds  number  when 
the  breaker  strips  are  removed,  becomes  more  apparent  when  the  individual  lift  curves 
are  studied  in  conjunction  with  the  results  of  some  observations  of  the  onset  and  spread 
of  the  stall  made  using  surface  tufts.  Fig  4  shows  the  lift  coefficients  in  the  region 
of  for  varying  Reyno^s  number  at  a  constant  Mach  number  of  0.2  and  for  varying 
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Mach  number  at  a  constant  Reynolds  number  of  5.5  x  10  ,  with  and  without  the  breaker 
strips  fitted  for  the  extended  vane  configuration.  When  the  breaker  strips  are  fitted 
the  variation  of  CL  with  Reynolds  number  or  Mach  number  is  comparatively  small  and 
max 

this  is  consistent  with  the  tuft  observations  which  showed  that  the  breaker  strips 
ensured  that  flow  separation  started  on  the  inboard  wing  at  the  leading  edge  at  a  simi¬ 
lar  incidence  for  the  various  Reynolds  number/Mach  number  combinations.  As  the  angle  of 
incidence  was  increased  the  area  of  separation  extended  to  join  up  with  a  further  flow 
separation  starting  inboard  of  the  fence  and  the  maximum  lift  coefficient  was,  except  at 
the  lowest  Reynolds  number,  determined  by  the  incidence  at  which  the  whole  of  the  wing 
inboard  of  the  fence  was  stalled,  the  flow  st^Lll  being  attached  on  the  outboard  wing. 
Only  for  the  lowest  Reynolds  number,  2.7  x  10  ,  did  the  outboard  wing  stall  before  the 
inboard  indicating  that  for  smaller  models  in  unpressurised  wind  tunnels  the  results 
could  be  very  misleading  if  used  to  predict  the  likely  full-scale  stalling  charac¬ 
teristics. 

However,  when  the  breaker  strips  were  removed  flow  separations  on  the  inboard 
wing  were  confined  to  a  small  area  adjacent  to  the  fence  and  the  maximum  lift  coef¬ 
ficient  was  determined  by  the  angle  of  incidence  at  which  the  wing  outboard  of  the  fence 
stalled.  Compared  with  the  gradual  loss  of  lift  curve  slope  prior  to  the  incidence  for 
maximum  lift  coefficient  measured  for  the  breaker  strips  on  configuration  there  was  with 
the  breaker  strips  removed  often  a  very  sharp  loss  of  lift  as  the  whole  of  an  outboard 
wing  stalled.  This  was  more  noticeable  at  the  lower  Mach  numbers  where  the  whole  out¬ 
board  wing  stalled  so  suddenly  that  it  was  difficult  to  detect  from  simple  tuft 
observations  where  on  the  wing  the  flow  separation  started.  At  the  higher  Mach  numbers 
there  was  evidence  of  separation  at  the  trailing  edge,  which  resulted  in  a  reduced 
circulation  round  the  outer  wing  sections  and  a  more  rounded  lift  curve  near  the  maximum 
lift  coefficient.  It  is  evident  that  this  stall  of  the  outboard  wing  and  consequently 
the  achieved  maximum  lift  is  very  sensitive  to  Reynolds  number  and  Mach  number 
variation  and  that  when  attempting  to  develop  this  type  of  aircraft  by  means  of  model 
tests  to  obtain  the  best  high-lift  performance  compatible  with  an  adequate  stall  control 
it  is  essential  that  the  work  be  done  at  full-scale  Reynolds  number.  Furthermore  the 
effects  of  Reynolds  number  and  Mach  number  variations  need  to  be  determined  both  to 
assist  in  the  development  and  in  the  understanding  of  subsequent  flight  data  since  the 
Reynolds  number  and  Mach  number  at  the  stall  vary  considerably  with  altitude  and 
ambient  temperature. 

1.2  Tests  on  A300 

The  work  on  the  model  of  the  Hawk  showed  substantial  reductions  in  maximum  lift 
coefficient  with  increase  of  free-stream  Mach  number  when  the  greater  lifting  potential 
of  the  wing  was  released  by  removing  the  breaker  strips,  a  behaviour  that  is  consistent 
with  the  achievement  of  supersonic  flow  in  regions  near  the  wing  leading  edge.  This 
phenomenon  has  been  examined  more  closely  in  tests  made  on  our  l/13th  scale  model  of 
the  A300  airbus,  shown  in  Fig  5  mounted  on  a  sting  rig  in  the  5m  tunnel.  For  this  civil 
transport  aircraft  the  high-lift  capability  is  provided  by  an  extending  double-slotted 
flap  and  a  leading-edge  slat.  The  effect  of  varying  the  Reynolds  number  and  Mach  number 
on  the  maximum  lift  coefficient  for  a  leading  flap  configuration  is  shown  in  Fig  6.  As 
for  the  Hawk  the  effects  of  increasing  Reynolds  number  and  of  increasing  Mach  number  are 
in  opposition  and  the  chain-dotted  line  on  the  left  of  the  figure  demonstrates  the 
misleading  information  on  the  variation  of  the  maximum  lift  coefficient  which  is 
obtained  in  an  unpressurised  tunnel  if  an  increase  of  wind  speed  is  used  to  increase 
Reynolds  number  and  the  Mach  number  effects  are  ignored. 

In  order  to  advance  our  understanding  of  the  various  effects  we  have  made  detailed 
measurements  of  the  surface  pressures  on  the  wing  of  the  A300  model.  Analysis  of  the 
results  showed  that  there  was  a  marked  reduction  in  the  peak  suction  coefficient 
recorded  as  the  free-stream  Mach  number  was  increased  above  about  0.25.  Fig  7  shows  for 
a  constant  Reynolds  number  of  4.9  million  the  variation  in  maximum  lift  coefficient  with 
Mach  number  and  beneath  it  the  peak  suction  coefficient  developed  on  the  wing  at  two  of 
the  outer  wing  stations  for  which  pressure  measurements  are  available  for  the  A300 
model.  The  Figure  also  shows  the  suction  coefficients  needed  to  achieve  various  Mach 
numbers,  sonic  and  above,  as  the  free-stream  Mach  number  is  increased. 

For  the  lower  free-stream  Mach  numbers  the  peak  suction  coefficient  is  nearly 
constant,  as  was  the  maximum  lift  coefficient,  but  as  the  free-stream  Mach  number  is 
increased  beyond  about  M  =  0.22  the  peak  suctions  measured  indicate  that  locally  sonic 
speed  has  been  achieved  near  the  wing  leading  edge  and  that  speeds  as  high  as 
Mlocal  =  1.2  are  achieved  before  the  peak  suction  coefficient,  and  consequently  the 

maximum  lift  coefficient  fall  more  sharply  with  increase  of  free-stream  Mach  number. 

This  fall  does  not  occur  because  of  anything  dramatic  such  as  a  shock-induced  separation 
of  the  flow,  but  rather  because  of  the  influence  of  thickened  boundary  layers  affecting 
the  flow  further  aft  on  the  wing  and  causing  a  degradation  of  the  flap  performance 
and  hence  a  reduction  in  the  circulation  round  the  wing  sections  affected.  For  the 


A300,  as  for  the  Hawk,  at  the  higher  free-stream  Mach  numbers  the  increasing  loss  of 
lift  as  this  degradation  spread  spanwise  with  increasing  angle  of  incidence  determined 
the  maximum  lift  achieved  on  the  model. 


The  outboard  wing  is  affected  first  by  this  phenomenon  because  the  section  lift 
coefficients  are  higher  over  the  outer  region  of  a  swept  back  tapered  wing.  To  meet  the 
requirements  of  the  Airworthiness  authorities  in  the  certification  of  transport  aircraft 
it  is  usually  necessary  to  arrange  for  the  inner  wing  to  stall  first  with  a  margin  in 
angle  of  incidence  before  the  outer  wing  stalls.  Such  margins  could  be  substantially 
eroded  by  the  Mach  number  effects  discussed  above  and  it  is  therefore  advantageous  to  be 
able  to  use  a  pressurised  wind  tunnel  such  as  the  5m  to  identify  the  separate  effects  of 
variations  in  Reynolds  number  and  Mach  number  on  the  stall.  This  should  be  done  at  the 
early  design  stage  of  a  new  aircraft  in  order  to  be  able  to  minimise  the  performance 
losses  implicit  in  ensuring  the  necessary  stall  margins. 

2  THE  EFFECTS  OF  REYNOLDS  AND  MACH  NUMBER  OH  THE  OPTIMUM  LOW  SPEED  PERFORMANCE  OF 

MECHANICAL  HIGH-LIFT  SYSTEMS 

2 . 1  Background 

The  design  of  low-speed  high-lift  devices  for  modern  transport  or  combat  aircaft 
is  usually  constrained  by  other  performance  requirements.  The  wing  planform  and  aero¬ 
foil  shape,  etc,  are  determined  by  cruise  and  manoeuvre  conditions,  and  the  designer 
must  develop  an  efficient  high-lift  system  within  these  constraints.  However,  for 
mechanical  high-lift  systems  the  designer  has  some  choice  in  where  to  deploy,  say,  a 
slat,  in  terms  of  its  position  relative  to  the  main  wing  and  its  deflection  angle.  An 
obvious  design  aim  is  to  position  the  slat  where  the  complete  high-lift  system  develops 
its  maximum  lift,  or  produces  minimum  drag  for  a  given  lift.  That  such  an  ’optimum 
position'  exists  is  the  result  of  at  least  two  competing  effects. 

As  the  components  of  a  high  lift  system  (slat,  wing  and  flap)  are  moved  closer 
together,  their  mutual  aerodynamic  interference  shares  the  loading  between  them  in  a  way 
that  tends  either  to  lower  trailing-edge  pressures,  or  decrease  suction  peaks.  This 
reduces  adverse  pressure  gradients.  Furthermore,  the  ’dumping’  of  the  trailing  edge 
flow  from  an  upstream  element  into  the  low  pressure  region  on  the  upper  surface  of  an 
adjacent  downstream  element  enables  the  overall  pressure  recovery,  from  slat  suction 
peak  to  flap  trailing  edge,  to  be  achieved  in  a  number  of  steps.  This  cascade  effect 
allows  high  suction  levels  to  be  achieved,  and  therefore  greater  lift,  without 
increasing  the  likelihood  of  separation  on  each  element  (see  Ref  1).  However,  the 
suction  levels  are  so  great  that  compressibility  effects  become  important  -  indeed,  a 
limiting  suction  level  may  be  reached.  Also,  by  bringing  the  elements  closer  together, 
the  wake  from  an  upstream  elemenj  can  impinge  upon  the  boundary  layer  of  a  downstream 
element,  and  possibly  thicken  it  .  The  thicker,  merged  boundary  layer  is 
less  likely  to  withstand  adverse  pressure  gradients  than  an  unmerged  one,  and  separation 
can  occur  earlier. 

The  competing  effects  of  favourable  inviscid  interaction  (ultimately  limited  by 
compressibility  effects)  and  adverse  viscous  effects  (contamination  of  downstream 
boundary  layers  by  upstream  wakes)  lead  to  the  existence  of  an  optimum  position 
for  each  element  of  a  mechanical  high-lift  system;  not  so  close  that  viscous  merging 
thickens  the  shear  layers  too  much,  or  so  far  apart  that  the  mutual  inviscid  interaction 
is  too  weak.  Because  of  the  importance  of  viscous  and  compressibility  effects  in  deter¬ 
mining  the  optimum  geometry,  the  optimum  can  be  strongly  Reynolds  and  Mach  number 
dependent . 

2 . 2  Description  of  models 

Results  have  already  been  presented  for  the  effects  of  Reynolds  and  Mach  number 
on  a  fixed  geometry;  the  A300  research  model.  These  illustrate  generally  improved  per¬ 
formance  with  increasing  Reynolds  number,  and  the  adverse  effects  of  increasing  Mach 
number.  In  this  section,  the  freedom  to  change  the  geometry  of  the  high-lift  system  on 

two  more  general  research  models  is  exploited.  Results  will  be  presented  for  RAE  Model 

477,  which  has  a  relatively  low  sweep  (32.5  degrees  at  the  leading  edge),  aspect  ratio  7 
transport  wing,  and  for  RAE  Model  495,  a  combat  aircraft  model  with  a  leading  edge  sweep 
of  40  degrees,  and  aspect  ratio  3.4.  These  models  are  illustrated  in  Figs  8  to  11. 

Both  models  were  fitted  with  a  fixed  trailing-edge  flap,  and  a  movable  slat  whose  posi¬ 
tion  was  defined  within  a  'box'  of  lap  and  gap  positions,  as  shown  in  Fig  14.  The  slats 

were  positioned  to  give  a  constant  sectional  shape  across  the  wing.  Thus  the  slat  posi¬ 

tion  could  be  described  in  terms  of  the  relative  position  of  the  slat  trailing  edge,  in 
percentage  chord,  and  its  angular  rotation  from  the  undeployed  position.  The  models 
were  tested  over  a  range  of  Reynolds  and  Mach  number,  as  shown  in  Fig  12  and  13.  For 
each  slat  position,  within  the  'box',  the  maximum  lift  coefficient  for  a  given  Reynolds 
and  Mach  number,  from  the  test  conditions,  was  found. 

2.3  Results  from  Model  477 


Fig  15  shows  some  of  the  results  obtained  with  Model  477,  at  a  Reynolds  number  of 

5.4  million,  and  a  Mach  number  of  0.16.  The  results  of  the  maximum  lift  tests  are  shown 
as  a  contour  plot  of  maximum  achieved  lift  against  slat  position.  As  can  be  seen,  the 
optimum  position  for  this  combination  of  Reynolds  and  Mach  number  lies  near  the  centre 
of  the  'box',  at  a  gap  of  2%  and  a  lap  of  -1.5%.  The  contours  are  drawn  as  percentages  of 
the  'optimum'  lift  coefficient.  It  is  seen  that  small  changes  in  slat  position  away 
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from  the  optimum  position  can  produce  appreciable  reductions  in  the  maximum  lift. 

With  the  ability  of  the  5m  tunnel  to  be  pressurised,  such  contour  plots  can  be  obtained 
at  a  number  of  Reynolds  and  Mach  numbers,  and  the  optimum  position  of  the  slat  found  for 
each  condition.  Fig  16  shows  the  movement  of  the  optimum  position  of  the  slat  as  the 
Reynolds  number  is  increased  at  fixed  Mach  number  and  vice  versa.  As  the  Reynolds 
number  increases,  the  slat  moves  nearer  the  main  wing.  This  is  consistent  with  the  idea 
that  the  thinner  shear  layers  at  the  higher  Reynolds  numbers  allow  the  slat  to  be  closer 
to  the  wing  before  adverse  wake/boundary  layer  interaction  takes  place.  It  should  be 
noted  that  the  optimum  position  of  the  slat  for  the  lowest  Reynolds  number  tested  lies 
outside  the  'box'.  The  optimum  position  and  corresponding  maximum  lift  has  been 

obtained  by  extrapolation  of  the  results  from  within  the  'box'  for  this  case. 

As  the  results  for  the  A300  model  show,  the  effects  of  Mach  number  variations  on 
low-speed  high-lift  flows  can  be  large,  even  though  the  free-stream  Mach  number  is  only 
about  0.2  to  0.3.  The  suction  levels  associated  with  high-lift  are  very  great,  and  the 
flow  can  be  accelerated  to  locally  supersonic  speeds.  Fig  17  shows,  for  a  fixed 
Reynolds  number  of  3.3  million,  the  variation  of  with  Mach  number,  and,  at  a 

max 

fixed  Mach  number  of  0.16,  the  Reynolds  number  variation  of  CL  .  It  is  seen  that 

max 

increasing  the  Mach  number  above  about  0.2  has  a  strongly  adverse  effect  on  the  maximum 
lift.  Fig  18  shows  a  typical  pressure  distribution  measured  on  Model  477.  Note  that 
the  suction  levels  on  the  slat  are  high  enough  for  the  flow  to  be  locally  supersonic 
over  part  of  it.  This  is  the  source  of  the  adverse  Mach  number  effects.  The  slat  suc¬ 
tion  levels  can  be  reduced  by  moving  the  slat  away  from  the  main  wing,  partially  alle¬ 
viating  the  compressibility  effects,  but  only  at  the  expense  of  raising  the  suction  peak 

on  the  main  wing,  until  the  main  wing  suffers  from  compressibility  effects  or  premature 
separat ion. 

The  movement  of  the  optimum  slat  position  for  increasing  Mach  number  is 
shown  in  Fig  16.  As  expected,  increasing  the  Mach  number  moves  the  optimum  position 
away  from  the  main  wing. 

To  analyse  these  results  a  little  further,  we  pose  the  following  question;  what  is 
the  penalty,  in  terms  of  maximum  lift,  for  operating  at  an  off-optimum  position?  To 
make  this  question  more  precise,  consider  the  real  problem  facing  the  designer  of  a  low- 
speed  high-lift  system.  It  is  possible  for  him  to  conduct  model  tests,  typically  at 
atmospheric  pressure,  to  find  the  optimum  slat  position  for  the  corresponding  (low) 
Reynolds  number.  If  the  high-lift  system  is  to  be  used  on  a  full-scale  aircraft,  then 
there  will  be  some  gain  in  maximum  lift  from  operating  the  same  configuration  at  a 
higher  Reynolds  number,  even  with  the  slat  in  the  low  R  optimum  position.  But 
what  is  the  further  gain  to  be  had  by  moving  the  slat  to  the  optimum  for  the  new, 
higher  Reynolds  number?  Furthermore,  where  is  the  optimum  post  ion  for  the  high  R  case? 
With  some  models  (eg  the  Hawk  trainer)  it  is  possible  to  achieve  full-scale  Reynolds 
number  in  the  5m  tunnel  and  answer  this  question  directly.  However,  with  most  transport 
models  there  is  a  shortfall  in  Reynolds  number  achievable  in  the  5m  tunnel  (a  factor  of 
4  for  the  A300  model)  and  so  some  extrapolation  is  required.  The  ability  of  the  5m  tun¬ 
nel  to  obtain  a  range  of  Reynolds  number  at  fixed  Mach  number  allows  us  to  perform  this 
extrapolation  with  some  confidence. 

Fig  19  illustrates  the  potential  gain  of  operating  at  an  optimum  condition 
appropriate  to  higher  Reynolds  numbers.  The  lower  line  shows  the  increase  in  maximum 
lift  with  increasing  Reynolds  number  for  a  slat  fixed  in  a  position  that  is  optimum  at 
the  lower  R  .  In  fact  this  is  the  optimum  for  Model  477  at  atmospheric  pressure,  upper 
curve  shows  the  increase  in  maximum  lift  obtained  by  increasing  the  Reynolds  number  and 
re-optimising  the  slat  position  at  each  Reynolds  number.  The  fixed  slat  shows  a  7%  gain 
in  maximum  lift  over  the  Reynolds  number  range  shown,  while  a  further  3%  increase  is 
possible  by  re-optimising  the  slat  for  higher  Reynolds  numbers. 

2.4  Results  from  Model  495 

The  results  described  above  have  been  obtained  from  RAE  Model  477.  Model  495  has 
a  lower  aspect  ratio  and  greater  leading-edge  sweep.  This  produces  relatively  higher 
suction  levels  on  the  forward  part  of  the  outboard  wing,  and  it  is  the  stall  on  this 
part  of  the  wing  that  determines  the  maximum  lift.  The  increased  suction  levels  near 
the  tip  are  shown  in  Fig  20,  which  compares  pressures  measured  on  the  outboard  part  of 
the  wing  with  those  measured  inboard.  A  slat  optimisation  exercise,  similar  to  that 
conducted  using  Model  477,  has  been  performed  with  Model  495,  with  some  important  dif¬ 
ferences  in  the  results.  First,  the  slat  deflections  needed  were  higher.  For  Model  477 
a  slat  deflection,  measured  normal  to  the  leading  edge,  of  25  degrees  was  found  to  pro¬ 
duce  a  stall  of  the  slat  and  wing  together.  With  Model  495,  a  25  degree  slat  stalled 
much  earlier  than  the  main  wing,  and  a  45  degree  deflection  was  needed  to  bring  the 
stalls  closer  together.  The  optimum  position  of  the  slat  was  not  as  sharply  defined  as 
on  Model  477,  as  the  contour  plot  in  Fig  21  shows.  Only  a  3%  drop  in  maximum  lift  was 
found  over  the  entire  'box'  of  slat  positions.  However,  the  optimum  position  is  much 
lower,  relative  to  the  main  wing,  than  is  the  case  for  the  higher  aspect  ratio  Model  477. 

The  effect  of  Reynolds  number  variation  on  the  maximum  lift  performance  was  not 
very  great.  Fig  22  shows  the  lift-incidence  curve  for  three  Reynolds  numbers.  As  the 
Reynolds  number  is  increased  the  maximum  lift  increases  -  but  only  slightly  (less  than 
2%).  By  contrast,  the  effects  of  increasing  Mach  number  are  very  marked,  as  Fig  23 
shows.  Increasing  the  Mach  number  from  0.16  to  0.28  at  a  fixed  Reynolds  number  produced 


a  stall  that  occurred  some  5  degrees  earlier/  and  a  reduction  in  maximum  lift  of  over 
4%.  These  strong  Mach  number  effects  can  be  anticipated  from  Fig  20,  which  shows  that 
at  a  free-stream  Mach  number  of  0.22,  both  the  slat  and  main  wing  have  locally 
supercritical  flow. 

2.5  Discussion 


Some  insight  into  the  effects  of  Mach  number  on  the  low-speed  high-lift  flows 
considered  here  can  be  gleaned  by  considering  the  expression  for  the  local  Mach  number 
on  the  wing,  based  on  the  velocity  component  normal  to  a  spanwise  generator  ( ie  a  line 
of  constant  x/c  for  the  simply  tapered  wings  considered  here).  If  the  sweep  of  such  a 
line  is  A  ,  then  the  critical  pressure  coefficient,  C*  at  which  the  local  'normal' 
Mach  number  is  unity  is  given  by:  P 
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Expanding  this  expression  for  small  M  (which  is  less  than  0.3  for  the  flows  considered 
here)  gives: 


((rh)* 


cos2 A  +  0(M2  cos4 A) 


With  y  =  1.4  ,  this  becomes: 


0.6739 


+  0.5283  cos  A 


This  immediately  reveals  two  things: 

(i)  That  C*  varies  rapidly  with  free-stream  Mach  number  for  low  values  of  M 

(ii)  That  sweep  does  not  greatly  alleviate  compressibility  effects  at  low  Mach 
numbers.  The  second  term  in  equation  (3)  does  not  give  a  great  gain  in 
critical  pressure  coefficient.  Raising  the  sweep  from  0  degree  to 

60  degrees  only  raises  the  critical  Mach  number  from,  say,  0.280  to  0.287. 

If  the  performance  of  one  of  the  components  of  a  high-lift  system  is  limited  by  a  maxi¬ 
mum  achievable  Mach  number  (as  the  previously  described  results  for  the  A300  seem  to 
suggest),  then  equation  (3)  shows  that  the  product  MZ C  reaches  a  limiting  value 

Pmin 

dependent  upon  the  limiting  Mach  number.  Smith,  in  Ref  3,  reports  the  results  of 
Mayer,  who,  by  examining  a  wide  range  of  aerofoil,,  results  (nearly  all  at  much  higher 
Mach  numbers  than  considered  here),  found  that  MZC  =  -1  was  an  apparently 

*min 

limiting  value  for  single  element  aerofoils.  Examining  our  results  from  Model  495,  this 
limit  seems  to  apply  to  multi-element  wings  as  well,  although  the  apparent  limit  on 
Model  477  is  somewhat  lower,  nearer  0.85. 


Examining  the  product  M  C 


is  thus  a  rapid  way  of  determining  whether  a 


compressibility  limit  or  'cap'  has  been  reached  in  the  lifting  performance  of  a  high- 
lift  wing.  Whether  Mayer's  limit  of  -1  is  reached  depends  upon  whether  viscous 
effects  produce  separation  before  the  limiting  suction  level  is  reached,  ie  at  low  Mach 
numbers,  say  below  0.2  here,  the  minimum  C  is  limited  by  viscous  effects,  and  as  the 


Mach  number  increases 


is  'capped'  by  compressibility  effects.  An  important 


conclusion  from  this  is  that  the  specification  of  take  off  or  landing  Mach  number  is  as 
important  in  determining  the  high-lift  performance  as  specifying  the  corresponding 
Reynolds  number. 

3  THE  EFFECTS  OF  REYNOLDS  NUMBER  ON  THE  FORCES  ACTING  ON  ISOLATED  STORES 


3 . 1  Introduct ion 

Modern  combat  aircraft  generally  carry  stores  externally,  permitting  greater 
operational  flexibility  and  more  extensive  loads.  The  presence  of  external  stojres  can, 
however,  greatly  affect  an  aircraft's  performance.  As  noted  by  Pugh  and  Sadler  ,  strike 
radius  can  be  reduced  by  25%  and  maximum  sustainable  'g'  can  be  reduced  by  50%,  due  to 
the  incremental  drag  of  the  external  stores,  which  can  for  underwing  stores  carriage  be 
significantly  greater  than  the  zero-lift  drag  of  the  clean  carrier  aircraft. 

It  would  be  a  time-consuming  and  expensive  task  to  measure  the  incremental  drags 
of  all  possible  weapon  combinations  for  each  aircraft,  and  in  any  case  estimates  of  the 
effect  of  a  weapons  fit  on  aircraft  performance  are  often  needed  on  a  shorter  time-scale 
than  a  wind  tunnel,  test  can  be  arranged.  Thus  one  often  has  to  rely  on  semi-empirical 
prediction  methods  to  estimate  the  incremental  drag  of  external  stores  on  aircraft,  but 
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such  methods  are  dependent  on  an  accurate  knowledge  of  the  aerodynamics  of  individual 
stores  in  free  air.  This  is  because  the  drag  of  a  single  store  is  amplified  by  mutual 
interference  with  other  stores  nearby,  so  that  the  isolated  drag  of  a  store  assembly  is 
greater  than  the  sum  of  its  components,  and  in  turn  the  drag  of  such  a  store  assembly  is 

further  increased  by  aerodynamic  interference  with  the  parent  aircraft  when  installed  in 

the  carriage  position.  Thus  any  initial  uncertainty  in  isolated-store  drag  can  be  con¬ 
siderably  magnified  in  the  prediction  of  the  installed  drag  of  a  group  of  stores. 

The  aerodynamic  properties  of  isolated  stores  for  use  with  existing  prediction 
methods  are  required  over  a  wide  range  of  both  Mach  number  and  Reynolds  number.  Data 

over  the  Mach  number  range  0.4  <  M  <  1.4  is  generally  obtained  from  models,  where 

l  scale  is  probably  the  largest  feasible  scale  because  of  constraints  on  tunnel  size. 
Such  data  can  be  deficient  in  two  respects.  Firstly,  in  general,  no  systematic  measure¬ 
ments  are  carried  out  to  obtain  the  effects  of  Reynolds  number,  and  maximum  Reynolds 
number  is  usually  only  about  i  of  the  full-scale  value  for  flight  at  low  altitudes. 
Secondly,  most  stores  (with  the  possible  exception  of  fuel  tanks)  are  far  from  aerodyna- 
mically  clean  and  exhibit  many  excrescences;  even  with  models  as  large  as  J-scale  there 
remains  some  uncertainty  as  to  how  well  excrescences  can  be  represented. 

With  the  availability  of  the& 5m  pressurised  low-speed  wind  tunnel  there  arose  the 
possibility  of  testing  real  stores6,  albeit  at  low  speed,  but  over  a  range  of  Reynolds 
number  representing  full-scale  values  for  low-level  flight  up  to  sonic  Mach  number. 

Also,  results  from  such  tests,  when  compared  with  those  at  low-speed  from  scale-model 
tests  would  permit  an  assessment  of  the  fidelity  of  representation  of  the  scale  models 
and  the  efficacy  of  the  method  used  for  transition-fixing,  and  provide  details  of 
Reynolds  number  effects  independent  of  compressibility  effects. 

Thus  a  rig  suitable  for  testing  full-scale  stores  in  the  £m  wind  tunnel  has  been 
constructed,  along  the  lines  of  a  similar  rig  in  use  at  ARA  Ltd  (Fig  24)  which  is  used 
for  testing  isolated  stores  up  to  i-scale. 

3 . 2  Rig  details 

The  full-scale  stores  rig  is  shown  in  Fig  25.  The  pylon  is  as  near  as  possible  a 
full-scale  representation  of  the  general-purpose  pylon  used  on  the  ARA  i-scale  rig,  and 
has  a  chord  of  1.5  m,  a  depth  of  0.368  m  and  a  thickness/chord  ratio  of  8.3%  (to  accom¬ 
modate  the  force  balance  it  was  necessary  to  increase  pylon  thickness/chord  ratio  to 
8.3%  from  the  6.8%  of  the  i-scale  rig).  At  present  the  rig  design  is  such  that  the 
pylon  is  earthed,  but  simple  design  changes  would  allow  the  pylon  to  be  mounted  live  to 
the  balance,  if  required. 


The  support  tube  is  0.152  m  in  diameter  and  extends  some  3.5  m  ahead  of  the  fore¬ 
most  extremity  of  the  pylon,  such  that  velocity  perturbations  induced  by  the  nose  pro¬ 
file  have  decayed  sensibly  to  zero  before  the  foremost  store  is  reached.  The  15  degree 
sting  crank  between  the  tunnel  sting  and  the  support  tube  ensures  that  for  typical 
single  stores  the  store  axis  coincides  with  the  tunnel  centreline  at  zero  angle  of  inci¬ 
dence,  and  that  sideslip  can  be  achieved  with  modest  roll  angles. 


Use  is  being  made  of  an  existing  6-component  strain-gauge  balance,  and  this  is 
situated  in  a  housing  within  the  lower  part  of  the  pylon  in  order  to  minimise  rolling 
moment.  The  maximum  permitted  loads  for  this  3  in  balance  are  as  follows; 


Channel 

Normal  force  (Z) 
Pitching  moment  (M) 
Side  force  (Y) 
Yawing  moment  (N) 
Rolling  moment  (L) 
Axial  force  (X) 


Load  (SI  units) 

15.57  kN 
2.71  kN  m 
3.11  kN 
0.73  kN  m 
0.7.3  kN  m 
1.18  kN 


Load  (Imperial  units) 

3500  lb 
2000  lb  ft 
700  lb 
540  lb  ft 
540  lb  ft 
265  lb 


The  balance  incorporates  weapon-attachment  points  at  standard  0.355  m  (14  inch) 
centres.  The  method  of  attachment  of  weapon  to  balance  can  be  either  bail-lug  with 
fore-and-aft  crutching  arms,  or  MACE  (minimum  area  crutchless  ejector).  When  bail-lug 
mounting  is  used,  the  crutching  arms  are  similar  in  design  to  those  associated  with  the 
commonly  used  No.  119  Mk  1  ejector  release  unit.  With  the  full-scale  stores  no  artifi¬ 
cial  boundary  layer  transition  devices  were  used. 

3 . 3  Test  details 

At  i-scale,  ten  configurations  were  chosen  to  be  tested  in  order  to  provide  repre¬ 
sentative  coverage  of  most  types  of  single  stores,  and  some  assemblies  on  carriers.  The 
configurations  chosen  were: 

a  triple  carrier  loaded  with  1000  lb  bombs; 
an  air-to-ground  guided  weapon; 
a  bluff  bomb; 
bombs  type  A,  B  and  C; 
a  designator  pod; 

two  bombs  on  a  tandem  beam  mount; 
a  rocket  launcher; 
an  air-to-air  guided  weapon. 


Boundary  layer  transition  was  fixed  on  these  i-scale  models,  and  the  pylon,  using 
narrow  bands  of  sparsely  distributed  ballotini,  of  diameter  0.117  mm  to  0.137  mm,  set  in 
a  thin  film  of  adhesive.  Napthalene  sublimation  tests  were  performed  to  confirm  tran- 
sit  ion  at  the  roughness  bands. 

Four  real  full-scale  stores  were  tested,  two  of  which  had  been  tested  at  i-scale: 


Bomb  type  A 
A  rocket  launcher 
Bombs  type  D  and  E 


The  wind  tunnel  test  conditions,  shown  in  /ig  26,  covered  the  Mach  number  range 
0.2  to  0.34  and  a  Reynolds  number  range  4.7  x  10/m  to  17.7  x  106/m.  This  Reynolds 
number  range  for  the  full-scale  stores  is  equivalent  to  that  of  sea-level  flight  from  a 
Mach  number  of  0.2  upwards  to  a  Mach  number  of  l.Og.  Test  conditions  were  arranged  to 
give  data  at  a  constant  Reynolds  number  of  11  x  10  /m  over  the  Mach  number  range,  and  at 
a  constant  Mach  number  of  0.275  over  the  Reynolds  number  range. 
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The  drag  results  for  the  full-scale  stores  were  corrected  for  tunnel  blockage 
constraint  and  wake  blockage  buoyancy  on  the  basis  of  Garner  et  al0 .  The  magnitude  of 
the  correction  to  drag  due  to  these  effects  amounted  to  about  1%.  In  the  case  of  the 
i-scale  stores  corrections  to  drag  values  were  found  to  be  negligible. 

3 . 4  Results  and  discussion 

Fig  27  shows  the  measured  drags  of  the  i-scale  stores  plotted  against  Mach  mjrnber, 
for  approximately  the  same  Reynolds  number  (11  x  10  /m  in  the  5m  tunnels  13.1  x  106 /m  in 
the  ARA  tunnel).  With  the  exception  of  one  configuration,  there  is  very  good  agreement 
between  the  data  from  the  earlier  ARA  measurements  and  the  measurements  in  the  5m  tun¬ 
nel.  No  suitable  explanation  for  the  drag  difference  in  this  one  case  has  been  found. 

On  some  of  the  lower-drag  stores  there  is  little  or  no  increase  in  drag  coefficient  with 
Mach  number,  at  constant  Reynolds  number;  on  most  stores,  however,  there  is  a  tendency 
for  drag  coefficient  to  increase  with  Mach  number. 

Fig  28  shows  the  measured  drags  of  the  i-scale  stores  plotted  against  Reynolds 
number,  for  the  three  test  Mach  numbers  of  0.20,  0.275  and  0.34.  The  most  striking 

aspect  of  these  results  is  that  most  of  the  i-scale  stores  exhibit  no  significant 

variation  of  drag  over  more  than  a  3:1  range  of  Reynolds  number,  whereas  the  predicted 
variation  of  skin-friction  drag  indicates  that  about  a  15%  reduction  might  have  been 
expected.  In  two  cases,  there  are  significant  drag  changes  with  Reynolds  number  in 
which  a  minimum-drag  situation  occurs;  both  these  cases  are  for  bluff-nosed  stores  and 
it  is  thought  that  the  drag  changes  may  be  associated  with  variations  of  the  size  of  a 

nose  separation  bubble.  The  only  store  configuration  which  exhibited  a  reduction  in 

drag  with  increasing  Reynolds  number,  more  or  less  in  line  with  the  predicted  reduction 
of  skin-friction  drag,  was  the  2-bomb  tandem  beam  assembly. 

It  is  thought  that  the  lack  of  drag  variation  exhibited  by  several  of  the  i-scale 
stores  may,  at  least  in  part,  be  because  of  the  roughness  transition  bands  used,  which 
remained  unchanged  during  the  tests.  Thus  as  Reynolds  number  was  increased  it  is 
possible  that  the  drag  contribution  from  the  'over-sized'  transition  material  may  have 
masked  any  fall  in  skin-friction  drag  level  due  to  Reynolds  number  effects.  Also,  the 
excrescences  on  the  stores  were  correctly  scaled  geometrically,  with  the  result  that 
they  would  have  been  immersed  in  relatively  thick  boundary  layers  at  low  Reynolds  number 
but  thinner  boundary  layers  as  Reynolds  number  was  increased;  here  again,  this  effect 
would  tend  to  mask  any  fall  in  the  level  of  skin-friction  drag. 

For  the  full-scale  stores  (Figs  29  and  30),  all  drag  values  fall  consistently  with 
increasing  Reynolds  number  as  would  be  expected,  by  up  to  12%  over  the  range  of  Reynolds 
number  covered.  In  all  cases,  free-air  drag  increases  gradually  with  Mach  number  over 
the  range  0.2  <  M  <  0.34  by  up  to  about  3%.  Unfortunately,  there  are  only  two  cases 
where  direct  comparisons  can  be  made  between  i-scale  and  full-scale  tests.  For  the  bomb 
type  B,  drag  values  scaled  from  the  i-scale  tests  are  in  excellent  agreement  with  the 
full-scale  measurements.  For  the  rocket  launcher  however,  the  full-scale  drag  appears 
to  be  about  5%  higher;  however,  there  were  some  differences  in  pylon  geometry  between 
the  two  cases  and  it  is  possible  that  the  results  were  affected  by  differing  pylon/store 
interference  effects. 

The  overall  conclusion  from  comparison  of  the  measurements  for  full-scale  and 
i-scale  and  stores  is  that  the  trends  observed  at  full-scale  are  not  always  evident  from 
tests  on  small-scale  models.  Whether  these  differences  are  due  to  difficulties  in 
representation  of  small  details,  or  because  of  experimental  difficulties  inherent  in 
small-scale  testing,  is  not  clear  from  the  present  tests.  However,  these  findings 
suggest  that  extreme  care  must  be  exercised  in  predictions  of  the  installed  drag  of 
stores  when  only  data  from  scale-model  tests  are  available.  Clearly  it  is  best  to  use  a 
full-scale  rig  for  measuring  store  drag  whenever  possible.  Such  a  procedure,  although 
more  expensive  in  direct  wind  tunnel  costs,  nevertheless  can  give  considerable  time  and 
cost  savings  in  that  real  stores  can  be  used  instead  of  constructing  costly  models. 

4  CONCLUDING  REMARKS 

This  paper  has  shown  that  a  large,  pressurised  low-speed  wind  tunnel  is  an 
essential  tool  for  obtaining  measurements  of  lift  and  drag  appropriate  to  full-scale 
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conditions,  and  for  obtaining  a  physical  understanding  of  the  separate  effects  of  scale 
and  compressibility. 

Tests  on  a  transport  model  and  a  strike/trainer  model  have  both  shown  that  maximum 
lift  is  very  sensitive  to  Reynolds  and  Mach  number  variation,  and  that  a  misleading 
result  would  have  been  obtained  in  an  atmospheric  tunnel  where  an  increase  of  Reynolds 
number  is  obtained  solely  by  increasing  tunnel  speed. 

An  experimental  investigation  of  the  factors  determining  the  maximum  lift  of  both 
a  high-  and  a  low-aspect  ratio  swept  wing  equipped  with  high-lift  devices  has  shown  that 
the  optimum  slat  setting  can  vary  appreciably  with  Reynolds  and  Mach  number.  In  par¬ 
ticular,  for  the  high  aspect  ratio  wing,  worthwhile  gains  in  maximum  lift  are  possible 
by  optimising  the  slat  position  for  conditions  as  close  as  possible  to  those  of  full 
scale . 


With  regard  to  the  drag  of  bomb-like  stores,  it  is  concluded  that  the  trends 
observed  at  full  scale  are  not  always  evident  from  tests  on  small-scale  models,  and  it 
is  suggested  that  extreme  care  must  be  exercised  in  predicting  the  drag  of  stores  when 
only  data  from  scale-model  tests  are  available. 
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Fig  1  Hawk  model  in  5  metre  tunnel 
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Fig  2  0.315  scale  model  of  Hawk  in  5-metre  tunnel 
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SUMMARY 

^-Current  research  in  the  area  of  high-lift  aerodynamics  is  directed  towards  ths^development  of  a  com¬ 
putational  design  capability  for  high-lift  systems  consisting  of  flaps  and  slats.  The  development  of  math¬ 
ematical  models  to  analyze  viscous  flow  over  high-lift  multi-component  airfoil  configurations  is  the  first 
phase  in  such  a  research  program.  This  paper  describes  recent  advances  made  in  solving  this  high-lift  multi¬ 
component  airfoil  problem.  Two  particular  aspects  of  the  problem  are  addressed.  The  first  aspect  concerns 
the  calculation  of  viscous  wakes  subjected  to  large  adverse  pressure  gradients.  This  I'off-the-surface0— pres¬ 
sure  recovery  is  a  flow  feature  unique  to  multi -component  airfoils,  and  is  not  present  in  the  single-compo¬ 
nent  airfoil  problem.  The  second  aspect  dealt  with  4n~the  present  paper)  concerns  the  locally  supersonic  flow,- 
over  the  slat  of  a  high-lift  configuration,  with  a  free  stream  Mach' number  of  around  0.2.  In  this^ow  speedtL, 
regime  the  highest  local  velocities  are  found  to  reach  Mach  numbers  of  around  1.6  indicating  that  in  the  fi¬ 
nal  analysis  of  viscous  flow  over  high-lift  multi-component  a i rfoi 1  conf igurat ions  it  is  imperative  to  in¬ 
clude  the  nonlinear  compressible  flow  effects. 

*/> 

1.  INTRODUCTION  '  '  '  „  , 

Present  methods  for  computing  viscous  flow  over  multi -component  airfoils  all  fall  into  one  of  three 
different  categories: 

A:  Codes  solving  the  time-averaged  Navier-Stokes  equations  with  an  appropriate  turbulence  model  for 
closure.  These  equations  unify  such  physical  processes  as  flow  separation,  strong  viscous-inviscid  in¬ 
teractions,  nonlinear  inviscid  phenomena,  viscous-viscous  interactions  between  different  shear  layers 
and  unsteady  viscous  flows.  The  computation  [1]  of  viscous  flow  over  a  tri-element  airfoil  falls  into 
this  category. 

B:  Zonal  methods  based  on  interactive-type  iterative  procedures  to  obtain  solutions  of  the  coupled  in¬ 
viscid  and  viscous  flow  equations.  These  methods  involve  separate  calculations  of  shear  layers  and  of 
the  inviscid  flow  external  to  these  layers,  together  with  appropriate  treatment  of  the  interaction  of 
these  flows.  The  developments  reviewed  by  Melnik  [2]  form  typical  examples  of  this  category.  A  survey 
of  recent  work  on  interactive  flows  [3]  shows  a  Wide  recognition  of  the  fact  that  the  steady  boundary 
layer  equations  can  be  used  to  predict  small  regions  of  separated  flow  provided  the  strong  interaction 
with  the  outer  inviscid  flow  is  accounted  for. 

C:  A  third  category  is  formed  by  the  separated-f low  airfoil  analysis  methods.  The  essential  feature 
which  distinguishes  these  computational  methods  from  the  category  B  is  the  inviscid  character  of  the 
separated  flow  models  employed.  In  a  study  [4]  comparing  four  computer  programs  which  model  large  flow 
separations  it  was  concluded  that  these  codes  do  have  engineering  utility.  However,  no  method  was  ca¬ 
pable  of  accurately  predicting  all  of  the  cases  investigated  in  that  study. 

In  the  present  paper  we  will  consider  methods  in  category  B  which  have  been  applied  to  mul ti -component  air¬ 
foils.  Taking  a  closer  look  at  the  methods  of  this  category  [5,  6,  7,  8,  9.  10,  11,  12,  13]  we  find  that 
none  of  these  can  deal  completely  with  the  viscous  flow  about  a  multi -component  airfoil  at  high  angles  of 
attack,  even  in  the  absence  of  flow  separation,  although  various  models  can  deal  with  certain  subsets  of  the 
complete  problem.  If  one  studies  in  detail  all  the  special  problems  involved  one  rapidly  arrives  at  the  con¬ 
clusion  that  much  development  work  is  required. 

One  of  the  unsettled  problems  identified  in  a  previous  study  [14],  and  which  is  still  with  us,  is  the 
computation  of  turbulent  wakes  in  adverse  pressure  gradient.  This  flow  process  is  unique  to  multi-component 
airfoils,  and  is  not  present  in  the  single-component  case.  It  arises  on  any  multi-component  airfoil  where  a 
trailing  edge  pressure  is  lower  than  the  free  stream  value.  The  turbulent  wake  originating  from  a  trailing 
edge  with  a  pressure  lower  than  the  free  stream  level  is  necessarily  flowing  into  a  region  of  higher  pres¬ 
sure.  This  off-the-surface  pressure  recovery  results  in  an  amplification  of  the  displacement  thickness  of 
the  wake.  In  case  the  required  off-the-surface  pressure  recovery  exceeds  a  certain  limit  we  can  even  have 
flow  reversal  near  the  certerline  of  the  wake,  and  may  expect  a  substantial  interaction  between  the  viscous 
wake  and  the  inviscid  flow.  For  single-component  airfoils  the  trailing  edge  pressure,  in  the  absence  of  flow 
separation,  is  invariably  higher  than  the  free  stream  value,  excluding  the  possibility  of  wake  displacement 
thickness  amplification. 

Another  h  Igh- 1  i  ft  problem  not  investigated  in  any  of  the  previous  studies  [5-13]  Is  the  occurrence  of  a 
pocket  of  supersonic  flow  near  the  leading  edge  of  a  high-lift  configuration  at  low  free  stream  Mach  numbers. 

In  high-lift  testing  local  velocities  can  reach  Mach  numbers  of  around  1.6  when  maximum  lift  is  approached. 

For  such  conditions  it  is  quite  clear  that  the  compressibility  of  the  inviscid  and  viscous  flow  on  the  slat, 
or  near  the  leading  edge  of  a  high-lift  configuration  without  slat,  must  be  quite  significant. 

*  Part  o^  this  investigation  has  been  performed  under  contract  with  the  Netherlands  Agency  for  Aerospace 
Programs  (NIVR). 


These  two  special  questions,  the  wake  flow  problem  and  the  local  supersonic  flow  problem,  will  be  ad¬ 
dressed  in  this  paper.  As  far  as  the  first  question  is  concerned  we  do  recall  that  the  theory  of  turbulent 
wakes  in  adverse  pressure  gradient  is  not  nearly  so  well  developed  as  the  theory  of  adverse-pressure-gradi¬ 
ent  boundary- layer  flow  [15].  At  the  same  time  we  will  assume  that  the  turbulent  wake  is  separated  from  the 
adjacent  shear  layers  by  a  region  of  potential  flow.  This  means  that  the  influence  of  boundary- layer  wake 
confluence  is  assumed  to  be  small.  Whether  or  not  this  assumption  is  justified  for  a  given  configuration 
will  depend  on  the  size  of  the  gaps  between  the  components,  relative  to  the  viscous  entrainment  of  the  shear 
layers.  With  respect  to  this  point  it  is  comforting  to  know  that  for  optimum  designs  various  shear  layers 
retain  their  separate  identity  up  to  the  flap  trailing  edge  such  that  confluence  of  wakes  and  boundary  lay¬ 
ers  occurs  only  marginally  under  these  circumstances,  as  concluded  from  experimental  observation  [16]. 

The  outline  of  the  paper  is  as  follows. 

First  we  study  in  detail  the  pressure  recovery  capabilities  of  nonconfluent  turbulent  wakes.  The  turbulence 
model  in  the  analysis  is  based  on  the  concept  of  eddy-vi scos i ty .  This  turbulent  wake  analysis  procedure  is 
subsequently  embedded  in  a  zonal  method  involving  separate  calculations  of  shear  layers  and  of  potential  flow. 
The  strong  interaction  between  the  turbulent  wake  and  the  potential  flow  is  treated  by  solving  the  viscous 
and  inviscid  flow  equations  simultaneously.  Computations  show  that  this  analysis  method  results  in  improved 
predictions  for  high-lift  airfoils.  At  the  end  of  the  paper  we  will  discuss  the  importance  of  Mach  number 
effects  and  show  a  comparison  between  the  computational  results  of  the  transonic  panel  method  [17]  and  some 
experimental  data. 

2.  TURBULENT  WAKES 

An  interactive-type  zonal  method  cannot  be  valid  unless  all  its  elements,  including  the  of f-the-surface 
pressure  recovery,  are  sound.  Although  this  question  about  of f-the-surface  pressure  recovery  capabilities  is 
vital  to  high-lift  aerodynamics  it  has  not  resulted  in  any  published  investigations. 

We  will  analyze  a  turbulent  wake  while  the  following  simplifying  assumptions  hold: 

•  boundary  layer  approximat ions  are  valid, 

•  two-dimensional,  incompressible  and  nonconfluent  flow, 

•  Reynolds  norma  I -stress  gradients  are  negligibly  small  in  comparison  with  Reynolds  shear-stress  gradi¬ 
ents  . 

The  momentum  and  continuity  equations  may  then  be  written  as 


3u  .  3u 
u  3x  3y 


u  +  v  11“  +  3(-u'v‘> 
U  dx  +  V  3y*  +  3y 

I*  and  v  -  - 


where  the  functions  u(x,y)  and  v(x,y)  are  the  mean  flow  velocity  components,  and  U(x)  represents  the  invis¬ 
cid  flow  velocity  outside  the  viscous  wake.  The  shear  stress  u'v'  will  be  modeled  according  to 

-uTvT(x,y)  =  vT(x)  |ii(x,y)  (1) 

where  the  eddy  viscosity  vj  is  assumed  to  be  constant  across  the  wake.  We  define  a  coordinate  transformation 
from  (x,y)  to  (x,n)  by 


n(x’y)  *efr 


and  a  dimensionless  stream  function  f(x,n)  by 


wnere  the  momentum  defect  thickness  0  of  the  total  wake  is  used  as  scaling  length.  Introducing  the  transfor¬ 
mations  into  Eqs.  (1)  -  (3)  we  get 

^r*i  ff". •  js „.«■)*,. .« '|i'- <”|fi. . 

Primes  denote  differentiation  with  respect  to  n. 

Note  that  Eq.  (6)  still  represents  the  exact  boundary  layer  equations,  combined  with  the  shear  stress  Eq.  (3) ■ 
A  very  useful  concept  in  studying  the  exact  solutions  of  Eq.  (6)  is  the  idea  of  similarity,  i.e.  special 
cases  in  which  the  velocity  profile  u/U  depends  only  on  one  variable.  In  such  cases  Eq.  (6)  reduces  to  a  set 
of  ordinary  differential  equations  (ODE's).  In  the  similarity  analysis  we  use  three  OOE's,  two  of  these  are 
given  by 

A(U28)  ♦  6*U  g  -  0  (7) 

^(U36j)  -  2 (v  ♦  vT)|l  Hd  -  0  (8) 


where  5*,  0,  S3  and  the  dimensionless  dissipation  integral  Hd  are  given  by 


3-3 


»/{'<  1  -  f‘) 


«3  -  0  j- f '  [1  -  (-fYldn 

-OB 


Eqs.  (7)  and  (8)  are  exact  integrals  of  Eq.  (6)  obtained  by  integrating  from  n  «  ■•  to  n  «  +<»,  and  employing 
the  boundary  condition 

lim  [u(x,y) J  -  U(x)  (13) 

y-»  t  *> 

Eq.  (7)  is  a  simple  form  of  the  boundary  layer  momentum  integral  equation,  and  Eq.  (8)  is  an  energy  integral 
equation  obtained  by  multiplying  Eq.  (6)  by  -f"  prior  to  integration. 

Neglecting  the  molecular  viscosity  v,  making  \>y  dimensionless  by  U6  according  to 


U8 


and  requiring  similarity  reduces  Eq.  (6)  to 


H  +  iMj  de  u" _ ’  deri  ./tV,  .  n 

V  7TiT2y  it  )  J  -  o 


where  the  shape  factor  H  is  defined  by  H  *  6*/0.  A  requirement  for  similarity  is  that 

e(x)  -  eo  ♦  f  (x  -  xc)  (16) 

de 

and  that  the  x-dependent  factors  Hy,  H  and  dx  are  constants  and  independent  of  x  although  these  factors  may 
vary  from  one  flow  to  another.  The  corresponding  free  stream  velocity  U  follows  from  Eq.  (7)  and  reads 


m 


The  values  UQ  and  0O  are  reference  values  at  xq  and  are  given  by  UQ  «  U(xQ)  and  60  “  e(xo) .  Thus  we  get  a 
similarity-type  solution  for  the  turbulent  wake  flow  when  the  external  velocity  U  varies  with  x  as  prescribed 
by  Eq.  (17).  In  such  a  flow  the  x-derivatives  in  the  last  term  of  Eq.  (6)  are  zero,  resulting  in  Eq.  (15). 

If  we  introduce 

F  *=  of  (18a) 


3  1  (H+l)  d0 

0  "  Ht  (H+2)  dx 


into  Eq.  (15) ,  we  get 


Ml  II  .  *  2 

F  +  FF  +  Xtl  -(F  )  ]  -  0 


where  primes  of  F(Y)  denote  differentiation  with  respect  to  Y.  Eq.  (21)  is  the  Falkner-Skan  equation,  well 
known  in  laminar  boundary- layer  theory.  In  the  present  analysis  it  describes  turbulent  wake  flow  with  an 
x-dependent  eddy  viscosity  vy  given  by 


UT  ■  HTUo9o 


de  (x-Xp) 


(H+1 )/ (H+2) 


Specification  of  the  constant  of  proportionality  Hy  of  the  eddy  viscosity  in  Eq.  (Ik)  completes  the  problem 
and  determines  the  pressure  recovery  capability  of  the  wake.  This  critical  piece  of  information  in  the  tur¬ 
bulence  model  may  be  derived  from  experimental  data  as  explained  in  Section  3* 


3.  TURBULENCE  CLOSURE  HOOEL 

Gartshore  [18]  observed  experimentally  that  pressure  gradient  significantly  lowered  the  Reynolds  shear- 
stress  level  in  a  turbulent  wake.  He  proposed  an  empirical  correlation  of  this  effect  by  expressing  the  di¬ 
mensionless  shear  stress  in  terms  of  the  app-oprlate  dimensionless  parameter,  the  ratio  of  the  extra  strain 
rate  3u/3x  to  the  primary  rate-of-stra in  3u/3y 


This  ratio,  denoted  by  £,  is  evaluated  at  y  »  Lq  wherr  '.0  is  half  the  width  between  positions  of  half  maxi¬ 
mum  deficit,  iuQ,  of  the  wake  velocity  profile,  see  Fig.  I.  The  correlation  of  the  shear  stress  at  y  «  L0 
is  given  by 


and 
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(24a) 


RT  "  ao  +  a1  52 

wi  th 


(24b) 


aQ  =  13  and  a,  =  4500 


(24c) 


The  magnitude  of  aj  already  shows  that  even  for  small  £  we  can  have  a  surprisingly  targe  effect  on  the  shear 
stress. 


For  small-deficit  wakes,  uQ  ■  uQ/U<<1  ,  we  can  linearize  Eq.  (21)  and  solve  it  analytically 

f'(Y)  -  1  -  uQ  exp(-iY2)  (25) 

Since  this  solution,  Eq.  (25),  is  a  good  approximation  to  the  experimental  velocity  profiles  of  Gartshore 
[18]  we  can  employ  this  nond i mens i ona 1  profile  to  relate  the  length  and  velocity  scales  in  Eq.  (24a)  to  those 
of  Eq.  (14).  This  relation  between  uoL0  and  U6 


U°L°  =  s/2 
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-  uc  ’  » 


ue 


(26) 


allows  us  to  derive  a  specification  of  our  eddy  viscosity  factor  H-r  by  combining  Eqs.  (3),  (14),  (24)  and 
(26)  ■ 
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(27) 


The  turbulent  Reynolds  number  RT  In  Eq.  (27)  is  given  by  Eq.  (24b),  which  expressed  the  influence  of  the 
longitudinal  strain  rate  3u/3x  on  the  shear  stress  level. 


4.  SELF-SIMILAR  TURBULENT  WAKES 


To  obtain  a  wake  solution  we  will  have  to  find  an  express  ion  for  the  strain- rate- ratio  £  by  introducing 
Eqs.  (4),  (5),  (18)  and  (19)  Into  Eq.  (23) 


r  1  dB  fv  „  1  F'l 

e  ’  '  Z  3;  lY  +  Th+IT  rj 


y=r„ 


*'  de  n_ 
a  S  “2 


(28) 


where  YQ  is  the  Y  position  of  half  maximum  deficit,  or 


F*  (Y0)  •  i  +  4F*  (Y  -  0) 


This  expression,  Eq.  (28),  shows  that  the  strain-rate-ratio  £  is  a  constant  for  similarity-type  solutions, 
which  is  consistent  with  the  requirement  that  Hj  be  constant.  So  the  turbulence  model  given  by  Eqs.  (14)  and 
(27)  can  be  used  to  predict  the  exact  pressure  variation  of  self-similar  turbulent  wakes. 


To  find  the  actual  solution  we  rewrite  Eqs.  (7)  and  (8),  using  Eq.  (14)  and  neglecting  v, 


de  =  »<H*0  Hd  H  H 
dS  2TiFi7  hJTht  ht  ■  boht 


(29) 


where  the  shape  factor  H31  is  defined  by  Hjj  »  6 3/6* .  Introducing  Eq.  (27)  into  Eq.  (29)  yields  the  following 
cubic  equation 


with 
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(30b) 


and 


J_  (H*1 )  1 _ A/2  In  2%(  B0\2 

at  Tn+rr  -  1  +  F'(o)  ’  ”  'B2/ 


(30c) 


Analysis  of  Eq.  (30)  shows  that  its  discriminant  Is  positive  resulting  in  one  root  being  real.  This  one  root 
is  our  self-similar  turbulent  wake  solution. 
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Because  we  have  not  distinguished  between  upper  and  lower  halves  of  the  wake  in  Eq.  (28)  we  are  actually 
dealing  with  symmetric  velocity  profiles.  The  symmetric  solutions  of  Eq.  (21)  are  plotted  in  figure  2  for  a 
range  of  values  of  H,  which  is  equivalent  to  a  range  of  X,  see  Eq.  (20).  The  behavior  of  the  centerline  ve¬ 
locity  F'(0)  is  plotted  in  figure  3,  where  we  can  see  that  reversed  flow  sets  in  when  the  shape  factor  H 
goes  beyond  a  value  of  4.  For  larger  values  of  H  the  centerline  velocity  F'(0)  reaches  a  minimum  value  of 
-.184  at  H  -  27.4,  and  subsequently  increases  and  approaches  zero  as  H  tends  to  infinity,  see  figure  2. 

The  other  part  of  the  solution,  the  root  of  Eq.  (30),  is  also  plotted  in  figure  3>  giving  the  momentum 
thickness  gradient  as  function  of  H.  The  associated  rate-of-strain  ratio  5,  given  in  figure  4,  shows  the 
magnitude  of  the  effect  of  the  longitudinal  strain  rate  3u/3x.  We  see  that  £  reaches  a  minimum  of  around 
-0.11,  implying  a  shear  stress  level  reduction  of  81  percent  in  comparison  with  a  zero-pressure-gradient, 
small-deficit  wake  (5  =  0).  This  is  indeed  a  surprisingly  large  effect,  which  deserves  our  attention. 

The  pressure  recovery  capabilities  of  these  self-similar  turbulent  wake  flows  can  be  seen  in  figure  5 
where  the  dimensionless  pressure  gradient 


6  dU  _  _8_  d£ 

U  dx  PU2  dx 

is  shown  to  reach  a  peak  value  of  about  -.011  at  H  =  2.3.  This  means  that  a  self-similar  turbulent  wake  flow 
with  a  shape  factor  of  H  =  2.3  can  withstand  an  adverse  pressure  gradient  which  cannot  be  withstood  by  self¬ 
similar  wake  flows  with  higher  or  lower  values  of  H. 

These  new  wake  solutions  may  be  compared  with  equilibrium  turbulent  boundary  layer  solutions  [19]  as  is 
done  in  figure  5.  In  this  comparison  we  have  doubled  the  momentum  thickness  of  the  turbulent  boundary  layer 
because  we  consider  a  turbulent  boundary  layer  to  be  equivalent  with  one  half  of  the  total  wake.  The  equili- 
brum  family  of  boundary  layers  is  shown  for  Reg  =  10^,  which  is  equivalent  with  a  flat  plate  Reynolds  number 
of  850  million.  Mel  lor  and  Gibson  [19]  found  the  separation  point  of  this  turbulent  boundary  layer  branch 
at 
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=  -.0081 

T.B.L. 


At  this  limit  point  the  dependence  on  Reynolds  number  vanishes.  From  the  comparison  of  wake  and  boundary 
layer  results  one  observes  that 

i)  the  maximum  adverse  pressure  gradient  in  equilibrium  turbulent  wakes  is  approximately  30  percent 
larger  than  the  equivalent  maximum  in  equilibrium  turbulent  boundary  layers;  both  maxima  are  found 
at  H  ■  2.35  approximately, 

ii)  equilibrium  turbulent  boundary  layers  separate  at  H  *=  2.35,  while  equilibrium  turbulent  wakes  can 
go  up  to  H  «  4.0  (X  =  -0.1988)  before  reversed  flow  sets  in. 

The  answer  to  the  question  about  pressure  recovery,  Eq.  (17),  of  equilibrium  turbulent  wakes  is  plotted  in 
figures  6a  and  6b.  The  results  show  that  the  amount  of  pressure  recovery  possible,  U/U0,  depends  only  on  the 
distance  available  in  terms  of  the  inital  momentum  thickness,  (X|_  -  XO)/0O.  The  recovery  is  independent  of 
the  Reynolds  number.  For  short  distances  the  associated  optimum  shape  factor  H  equals  2.3,  which  is  identical 
with  the  peak  in  figure  5-  Optimum  pressure  recovery  over  larger  distances  is  achieved  with  lower  values  of 
H  (<  2.3)  because  low  values  of  H  have  a  favorable  effect  on  the  exponent  of  Eq.  (17). 


Before  going  to  the  v iscous- invi sc i d  interaction  method  let  us  summarize  the  results  of  Our  wake 
analysi s: 

-  the  self-similar  wakes  presented  are  exact  solutions  of  the  boundary  layer  equations,  subjedt  to  a 
turbulence  model  specified  by  Eqs.  (3),  (14)  and  (27), 

-  the  effect  of  the  longitudinal  strain  rate  3u/3x  is  surprisingly  large, 

-  the  pressure  recovery  capability  of  a  turbulent  wake  is  large  in  comparison  with  that  of  an  equiva¬ 
lent  turbulent  boundary  layer,  in  spite  of  the  adverse  effects  due  to  the  longitudinal  strain  rate. 

5.  VISCOUS- INVI SC  ID  INTERACTION 

One  of  our  recent  advances  in  high-lift  computations  concerns  the  viscous-inviscid  analysis  of  wake 
flows.  This  progress  has  been  achieved  by  adding  a  new  wake  procedure  to  an  existing  calculation  method 
[10,  14]  for  viscous  flow  around  mul t i -component  airfoils.  This  calculation  method  [10]  is  an  interactive- 
type  procedure  solving  incompressible  potential  flow  and  boundary  layer  problems  iteratively,  i.e.  a  zonal 
method  of  category  B,  see  Introduction. 
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In  the  new  wake  procedure  we  have  represented  the  effect  of  the  viscous  wakes  in  the  potential  flow  by 
implementing  viscous  boundary  conditions  on  each  wake  centerline 

9*  -  *"  -  -  -r-(pU6*)  (31a) 

n  n  p  ds 


<t>*  -  *  -  kU(6*  +  ©) 


U  ■  ±($s  +  *s) 


where  s,  n  are  curvilinear  coordinates  along  and  normal  to  the  wake  centerline  (n  ■  0).  Matching  condition 
(31a)  specifies  a  jump  across  the  wake  centerline  in  the  normal  component  of  the  potential  flow  velocity, 


<t>n,  and  represents  an  outflow  due  to  the  displacement  effect  of  the  viscous  wake.  The  jump  in  the  tangential 
component  *s  *  <ts»  specified  in  Eq.  (31b),  results  from  normal  pressure  gradient  considerations  [2];  k  is  the 
curvature  of  the  wake  centerline.  Eq.  (3l)  requires  the  outflow  to  be  equal  on  both  sides  of  the  wake,  making 
the  wake  centerl.ine  a  dividing  streamline  of  the  flow.  Of  course  the  position  of  this  dividing  streamline  is 
part  of  the  problem  to  be  solved. 

The  iteration  procedure  to  solve  the  nonlinear  incompressible  potential  flow  problem  is  depicted  in  Dia¬ 
gram  1 . 


Diagram  1.  Wake  computation  with  strong  inv iscid-viscous  interaction  embedded  in  global  iteration  procedure 

The  iteration  procedure  includes  all  the  elements  of  the  existing  method  [10],  such  as  laminar  boundary  layer, 
turbulent  boundary  layer,  near  wake  and  trailing  edge  treatment.  The  new  element  is  the  viscous  wake  analysis 
in  which  the  vi scous- invi scid  interaction  between  the  pressure  in  the  wake  and  the  viscous  displacement  of  the 
wake  itself  is  regarded  as  "strong",  while  the  effects  of  wake  position  and  curvature,  and  inviscid  interac¬ 
tion  between  the  pressure  in  one  wake  and  the  displacement  of  other  wakes,  are  regarded  as  "weak".  Thus  the 
strong  Interaction  solution  of  the  viscous  wakes,  which  is  itself  a  nonlinear  problem  solved  by  iteration, 
will  be  determined  repeatedly  to  obtain  a  converged  solution  which  accounts  for  all  viscous  effects,  including 
the  "weak"  ones.  In  this  respect  it  should  be  recalled  that  the  existing  calculation  method  [10]  treats  the 
viscous-inviscid  interaction  of  the  boundary  layers  as  a  "weak"  effect.  Although  such  treatment  is  not  satis¬ 
factory  in  case  of  boundary  layer  separation,  we  will  accept  this  for  the  time  being  and  will  not  pay  further 
attention  to  this  separation  problem  at  this  time. 

The  strong  interaction  problem  of  each  wake  is  formulated  as  follows 
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In  these  expressions  the  superscript  n  indicates  the  iteration  index  of  the  global  iteration  procedure  (Dia¬ 
gram  1).  The  integral  in  Eq.  (33)  is  actually  the  perturbation  velocity  due  to  symmetric  thickness  effects 
in  thin  airfoil  theory.  In  the  strong  interaction  procedure  Eqs.  (33),  (3*0  and  (35)  are  solved  giving  the 
(n+1)  (n+1)  (n+1) 

functions  U(s)  ,  6*(s)  and  H(s)  ,  while  the  variables  with  superscript  n  are  fixed  and  known  from  the  pre¬ 
vious  global  iteration  cycle.  The  magnitude  of  the  integral  in  Eq.  (33)  is  merely  a  measure  of  convergence 
of  the  global  iteration  procedure.  Once  the  global  iterates  have  converged  this  integral  in  Eq.  (33)  becomes 
zero,  and  Eq.  (33)  reduces  to  Eq.  (32)  exactly.  Thus  the  genuine  solution  of  the  global  Iteration  cycle  does 

not  depend  on  the  integral  in  Eq.  (33)  at  all. 

Eqs.  (34)  and  (35)  are  a  symbolic  representation  of  Eqs.  (7)  and  (8),  two  first  order  ordinary  differ¬ 
ential  equations.  The  initial  conditions  for  Eqs.  (34)  and  (35),  i.e.  5*(s  -  sQ)  and  H(s  -  s0) ,  follow  from 
the  turbulent  near  wake  of  course.  The  precise  form  of  Eqs.  (34)  and  (35)  is  based  on  the  assumption  that 
the  velocity  profiles  in  the  wake  may  be  approximated  by  the  family  of  solutions  of  the  Falkner-Skan  equation, 
displayed  in  figure  2.  This  model  of  the  mean  velocity  profiles  is  substituted  in  Eqs.  (7),  (8)  and  in  the 
definition  of  the  strain-rate-ratio,  Eq.  (23),  to  yield  two  first  .  der  ordinary  differential  equation  In 
which  the  function  U(s),  S*(s)  and  H(s)  are  the  only  unknowns.  This  type  of  integral  technique,  in  combina¬ 
tion  with  strong  inv iscid-viscous  interaction,  was  first  used  by  Lees  and  Reeves  [20]  in  a  study  of  boundary- 

layer/shock-wave  interaction  in  1964.  For  a  recent  discussion  of  Integral  techniques  In  turbulent  boundary 

layers  the  reader  is  referred  to  the  proceedings  of  the  1980-81  Stanford  Conference  on  complex  turbulent 
flows  [21],  Further  details  of  the  present  method  will  be  given  in  [22]. 

The  boundary  value  problem  defined  by  Eqs.  (33)  through  (35)  is  discretized  [22]  and  solved  by  Newton's 
method,  i.e.  exact  I inearization  of  al I  terms  including  the  turbulence  model.  The  linearized  equations  are 
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viewed  as  a  large  matrix  inversion  problem  which  is  solved  at  each  Newton  step  by  a  relaxation  scheme  based 
on  approximate  factorization  [23].  This  idea  of  viewing  the  strong  interaction  numerically  as  a  large  matrix 
inversion  problem  has  not  been  used  before  in  interacted  boundary  layer  theory,  as  noted  in  [3].  Host  of  the 
standard  approaches  are  based  on  spatial  forward  marching  [3].  The  discriminatory  features  of  the  present 
scheme  are  its  computational  efficiency  (integral  technique)  and  its  quadratic  convergence  termination  prop¬ 
erty  (Newton's  method). 

8efore  finishing  this  section  it  should  be  remarked  that  when  the  shear  layer  equations  in  the  wake, 

Eqs.  (1)  and  (2),  are  solved  subject  to  an  imposed  free  stream  velocity,  U(s),  a  Goldstein  type  of  singularity 
occurs  as  soon  as  the  maximum  velocity  deficit  becomes  large  due  to  adverse  pressure  gradients.  The  integral 
technique  by  itself,  i.e.  without  strong  interaction,  does  not  remove  the  singularity.  The  presence  of  such 
a  singularity  can  be  demonstrated  by  viewing  Eqs.  (3k)  and  (35)  as  two  equations  in  two  Unknowns,  d6*/ds  and 
dH/ds,  and  evaluating  the  determinant  of  the  two  by  two  coefficient  matrix.  This  determinant  turns  out  to  be 
a  function  of  H  only  [22]  and  is  plotted  in  figure  7.  The  singularity  (D=0)  is  found  at  H  =  3.2,  which  is 
equivalent  with  a  maximum  velocity  deficit  of  92  percent  of  U,  i.e.  before  reversed  flow  occurs  (H=4) .  The 
implicit  treatment  of  Eqs.  (33),  (3*0  and  (35)  removes  this  classical  singularity. 


6.  VISCOUS  DRAG 

One  of  the  reasons  that  drag  calculations  for  high-lift  airfoils  usually  have  poor  accuracy  can  be  at¬ 
tributed  to  improper  treatment  of  the  viscous  wakes.  Often  used  procedures  such  as  calculating  the  drag  by 
the  Squire  and  Young  formula  at  the  trailing  edge  of  each  component  are  a  source  of  large  errors.  In  the 
present  calculations  we  have  handled  this  problem  by  calculating  the  wakes  through  adverse  pressure  gradients 
and  sufficiently  far  downstream,  3  to  7  chord  lengths,  such  that  the  momentum  balance  can  be  evaluated  di¬ 
rectly  [22],  without  resorting  to  empirical  formulas. 


7.  HIGH-LIFT  AIRFOIL  RESULTS 
7.1  WING  WITH  FLAP 

A  suitable  test  case  for  the  new  method  is  the  NLR7301  airfoil  with  a  32  percent  chord  trailing  edge 
flap  [24]  shown  in  figure  8.  Calculations  reported  previously  [10,  I1!,  25]  showed  good  agreement  between 
experimental  data  and  calculated  results  at  6  degrees  incidence,  but  at  higher  angles  of  attack,  10  and  13 
degrees,  no  converged  solutions  could  be  obtained  due  to  the  occurrence  of  a  Goldstein-type  singularity  in 
the  wing  wake  calculation  procedure,  as  alluded  to  in  the  last  paragraph  of  Section  5.  The  new  wake  proce¬ 
dure,  i.e.  the  implicit  treatment  of  the  pressure  in  the  wake,  removes  this  singularity.  Converged  viscous 
flow  solutions  showing  the  development  of  the  wing-wake  displacement  body  as  function  of  incidence  are  pre¬ 
sented  as  figure  9- 

We  are  now  in  a  position  to  answer  a  question  posed  in  [26]:  Does  the  wing-wake  displacement  development 
with  incidence,  shown  in  figure  9,  have  an  inviscid  effect  on  the  flap  surface  pressure?  The  converged  results 
of  the  viscous  theory,  presented  in  figure  10  for  a  =  6°,  10°  and  13°,  show  that  the  pressures  at  the  flap 
upper  surface  are  indeed  affected  significantly,  reducing  the  lift  of  the  flap  as  the  wing  wake  grows  with 
incidence.  Inviscid  theory  (zero  wing  wake  displacement)  predicts  the  lift  of  the  flap  to  be  largely  inde¬ 
pendent  of  incidence,  see  figure  10.  The  explanation  of  the  inviscid  wake  effect  in  the  viscous  theory  is  as 
follows.  First  we  observe  that  the  initial  momentum  thickness  of  the  wake  increases  steadily  with  increasing 
angle  of  attack.  This  deterioration  of  the  wing-wake  initial  conditions  reduces  its  pressure  recovery  capabil¬ 
ity  over  a  fixed  distance,  see  figure  6,  and  causes  the  wing-wake  displacement  to  grow  such  that  the  Imposed 
pressure  gradient  is  reduced.  This  reduction  of  the  adverse  pressure  gradient  at  the  wing  wake  centerline, 
with  increasing  angle  of  attack,  can  be  seen  in  figure  11.  The  observed  variations  in  the  pressure  with  in¬ 
cidence  are  induced  by  the  displacement  of  the  wing  wake  Itself,  other  effects  being  of  smaller  magnitude. 

The  resultant  effect  on  the  flap  upper  surface  pressure  distribution  merely  reflects  the  self-induced  inter¬ 
action  of  the  wing  wake.  The  comparison  between  experimental  data  and  viscous  theory  in  figure  12  shows  that 
the  inviscid  wake  effect  on  the  flap  pressures  is  also  observed  experimentally. 

The  experimental  and  theoretical  C|-a  and  Cj-Cj  curves  are  shown  in  figures  13  and  Ik.  In  contrast  to 
the  previous  method  [10]  the  new  viscous  theory  provides  converged  solutions  up  to  an  angle  of  attack  of  15.6 
degrees.  This  last  solution  at  a  »  15.6°  exhibits  a  region  of  turbulent  boundary  layer  separation  over  the 
last  3  percent  chord  of  the  wing  upper  surface;  this  result  is  displayed  in  figure  15a  where  the  skin  fric¬ 
tion  coefficient  Cf  is  plotted  over  the  last  15  percent  chord  of  the  wing,  for  a  *=  Ik. 6,  15.1  and  15.6  de¬ 
grees.  These  results  indicate  that  the  stall  is  initiated  by  trai 1 ing-edge  separation  at  the  wing  upper  sur¬ 
face  leading  to  a  progressive  deterioration  of  wing-wake  initial  conditions.  The  load  on  the  flap  upper  sur¬ 
face  turbulent  boundary  layer  is  diminishing  with  increasing  angle  of  attack,  see  fiqure  15b.  This  increase  in 
skin  friction  over  the  last  portion  of  the  flap  is  a  direct  result  of  the  inviscid  wake  effect  on  the  pressure 
shown  in  figure  10. 

In  Section  k  we  mentioned  that  the  longitudinal  strain  rate  does  have  a  surprisingly  large  effect  on  the 
development  of  the  wake.  To  see  how  the  longitudinal  strain-rate  term  in  the  turbulence  model  does  affect  the 
lift-drag  curve,  of  the  wing  with  flap  configuration,  we  have  repeated  the  calculation  of  the  theoretical 
lift-drag  curve  of  figure  Ik.  This  second  set  of  calculations  is  identical  with  the  first  except  for  the 
turbulence  model;  in  the  second  set  we  have  neglected  the  longitudinal  strain-rate  term;  i.e.  a;  «  0  in  Eq. 
(2kb) .  Figure  16  shows  the  results  and  indicates  that  the  longitudinal  strain-rate  term  in  the  turbulence 
model  does  have  a  significant  adverse  effect  on  the  lift-drag  curve;  this  term  causes  a  loss  of  lift  and 
additional  drag.  These  findings  lead  us  to  the  conclusion  that  there  is  a  substantial  Interaction  between  the 
wing-wake  turbulence  model  and  the  flow  field,  such  that  the  calculated  maximum  lift  is  affected  directly  by 
the  turbulence  model. 

The  conclusion  above  asks  for  a  closer  examination  of  the  wing-wake  turbulence  model.  If  we  look  at  the 
calculated  wing-wake  displacement  distribution  and  compare  It  with  the  experimental  value  at  the  flap  trailing 
edge  location,  see  figure  17,  we  find  that  the  present  turbulence  model,  including  Eq,  (2k),  does  not  exag- 


gerate  the  wing-wake  effect.  As  a  matter  of  fact  the  predicted  maximum  displacement  in  figure  17  is  still 
10  percent  low  in  comparison  with  experimental  data,  for  an  angle  of  attack  of  13  degrees.  Further  study  has 
revealed  that  these  remaining  differences  between  viscous  theory  and  experimental  data  as  found  in  figure  1 7 » 
and  also  in  figures  13  and  lit,  are  mainly  due  to  compressibility  effects  in  the  flow  near  the  wing  nose; 
these  effects  have  not  been  taken  into  account  in  the  viscous  theory  as  yet. 

7.2  WING  WITH  DOUBLE-SLOTTED  FLAP 

A  second  test  case  for  the  new  wake  calculation  procedure  is  a  wing  with  double-slotted  flap  which  is 
shown  in  figure  18  and  denoted  by  configuration  2.  A  comparison  between  the  experimental  C|-a,  C , - curves 
and  the  theoretical  results  is  shown  in  figures  19  and  20.  Taking  a  close  look  at  the  pressure  distribution 
of  the  flap  in  figure  21,  and  the  results  of  the  corresponding  boundary- layer  computations,  reveals  a  region 
of  turbulent  boundary  layer  separation  over  the  last  part  of  the  flap  upper  surface.  This  turbulent  boundary 
layer  separation  extends  over  the  last  10  percent  of  the  local  flap  chord,  and  is  found  to  be  largely  inde¬ 
pendent  of  the  angle  of  attack.  Calculations  with  a  separated  flow  free-streamline  model  of  inviscid  charac¬ 
ter,  see  Introduction,  indicate  that  such  a  separation  in  the  rear  causes  a  loss  of  lift  of  AC)  -  0.12  inde¬ 
pendent  of  the  angle  of  attack.  In  the  present  viscous  theory  we  neither  take  this  boundary  layer  separation 
nor  the  compressibility  effects  into  account.  As  a  result  we  may  expect  some  differences  between  viscous 
theory  and  experimental  data,  see  figures  19  and  20. 

The  behavior  of  the  wing  wake  of  configuration  2  is  particularly  interesting.  The  theoretical  C|-a  curve 
in  figure  19  already  shows  a  drop  in  lift  at  a  =  10°,  caused  by  the  wing  wake.  The  convergence  characteris¬ 
tics  of  the  global  iteration  procedure  for  a  *  0°  and  a  -  10°  are  shown  In  figures  22a  and  22b.  As  a  rule, 
the  global  iterates,  lift  and  drag,  will  converge  to  a  steady  level  after  about  10  Iterations  with  a  relax¬ 
ation  factor  of  <u  »  0.3,  as  is  the  case  for  a  *  0°  in  figure  22a.  Higher  angles  of  attack  show  similar  behav¬ 
ior.  However,  if  we  approach  a  »  10°  the  convergence  slows  down,  and  at  a  *  10°  the  global  iteration  proce¬ 
dure  fails  to  converge  because  the  strong- interact  ion  wake  procedure  suddenly  predicts  a  very  large  region 
of  reversed  flow  in  the  wing  wake,  see  figure  22b.  This  sudden  occurrence  after  12  global  iterations  at  a  «  10° 
causes  a  800-count- increase  in  Cj  and  a  steadily  decreasing  lift  C|. 

The  development  of  the  wake  displacement  thickness  with  increasing  angle  of  attack  can  be  found  In  figure 
23  for  a  =  0°,  6°,  9.5°  and  10°.  This  last  case,  a  «  10°  with  a  global  iteration  index  of  15,  is  beyond  maxi¬ 
mum  lift.  In  these  calculations  the  wakes  extend  up  to  7-5  chords  downstream  of  the  wing.  A  larger  portion  of 
the  wakes  is  shown  in  figure  24  where  one  can  observe  the  shape  of  the  displacement  bodies  in  the  wake  ob¬ 
tained  after  nine  global  iterations  just  before  wing-wake  reversed  flow  sets  in,  and  at  an  incidence  of 
o  -  10°. 

The  good  qualitative  agreement  between  the  viscous  theory  and  the  experimental  data  in  figures  19  and  20 
supports  the  validity  of  the  present  viscous  theory.  This  theory  predicts  an  abrupt  stall  due  to  the  occurrence 
of  reversed  flow  in  the  wing  wake  of  a  wing  with  double- slot ted  flap  (figure  18).  The  critical  flow  process 
initiating  the  stall  is  the  pressure  recovery  capability  of  the  wing  wake,  see  the  end  of  Section  4  above. 

The  initial  conditions  of  the  wing  wake  deteriorate  and  reduce  the  pressure  recovery  capability  of  the  wake, 
as  the  angle  of  attack  increases.  As  soon  as  this  pressure  recovery  capability  falls  short  of  the  pressure 
rise  required,  in  spite  of  favorable  invi sc  id-viscous  interaction  effects,  stall  is  initiated. 

7.3  WING  WITH  FLAP  AND  SLAT 

In  all  the  results  presented  in  the  sections  above  we  have  neglected  the  compressibility  effects.  In 
this  section  we  will  pay  some  attention  to  the  effect  of  compressibility  in  the  inviscid  flow.  For  this  pur¬ 
pose  we  have  solved  the  full  potential  equation,  employing  the  transonic  panel  method  [17],  for  a  wing  with 
flap  and  slat,  see  figure  25.  One  of  the  questions  that  arise  concerns  the  pocket  of  supersonic  flow  near 
the  leading  edge  of  the  slat,  and  the  possible  interaction  between  a  shock  wave  and  the  slat  boundary  layer. 

In  order  to  be  able  to  investigate  these  "local"  viscous  effects  we  have  modified  the  experimental  geometry 
to  take  care  of  "global"  viscous  effects  such  as  the  wakes. 

The  geometry  considered  in  the  full  potential  problem  is  identical  with  the  experimental  geometry,  ex¬ 
cept  for  two  modifications; 

i)  the  cove  of  the  slat  is  redesigned  to  obtain  a  regton  of  constant  pressure  simulating  the  turbulent 
separation  in  the  cove,  see  figure  26 

ii)  the  flap  angle  is  reduced  to  simulate  "global"  viscous  effects  such  as  the  wakes.  The  magnitude  of 
this  flap  angle  reduction  is  determined  by  matching  the  total  lift  of  the  full  potential  solution 
and  the  corresponding  total  lift  in  the  experiment  at  the  same  free  stream  Mach  number  and  angle 
of  attack. 

The  comparison  between  the  resultant  full  potential  solution  and  the  experimental  data  is  shown  in  figures 
27  and  28,  for  free  stream  Mach  numbers  of  0.225  and  0.255  respectively.  These  last  two  figures  show  the 
Mach  number  distribution  on  the  slat  upper  surface  plotted  as  function  of  the  distance  from  the  heel  of  the 
slat ,  see  figure  27. 

The  results  show  that  the  highest  local  velocities  correspond  with  Mach  numbers  of  around  1.6  at  a  free 
stream  Mach  number  of  0.225.  The  measurements  at  a  Reynolds  number  of  6.9  million  also  displays  this  high 
Mach  number  region.  This  agreement  between  the  full  potential  solution  and  the  experimental  data  leads  to 
the  conclusion  that  the  interaction  between  the  shock,  terminating  the  supersonic  flow,  and  the  slat  bound¬ 
ary  layer  does  not  cause  separation  to  any  significant  extent,  in  spite  of  the  rather  strong  shock  wave  In¬ 
volved.  As  a  matter  of  fact  we  observe  good  agreement  some  distance  downstream  of  the  shock  indicating  that 
the  experimental  data  Is  close  to  isentropic  recompression.  Near  the  trailing  edge  of  the  slat  we  see  a  larger 
difference  which  Is  due  to  the  strong  i nv 1  sc i d-v i scous  trai 1 ing-edge  interaction.  From  these  findings  we 
conclude  that  the  full  potential  equation  as  model  for  the  inviscid  flow  does  hold  some  promise,  although 
further  work  is  required  in  this  area  of  high-lift  compressible-flow  aerodynamics. 


8.  CONCLUDING  REMARKS 


The  research  in  h i gh- lift  computational  methods  described  in  this  paper  has  brought  several  advances  in 
the  capability  to  analyze  the  viscous  flow  over  high-lift  mul t i -component  airfoil  configurations.  Development 
of  a  computational  method  for  turbulent  wakes  in  adverse  pressure  gradient,  including  strong  invi sc  id- viscous 
interaction,  has  improved  the  understanding  of  such  phenomena  as  the  of f-the-surface  pressure  recovery  capa¬ 
bility  of  viscous  wakes.  The  example  of  a  wing  with  double-slotted  flap  shows  that  the  wake,  flowing  into  a 
region  of  higher  pressure,  may  play  a  critical  role  that,  to  the  authors'  knowledge,  has  not  been  recognized 
before.  Moreover  it  is  found  that  there  is  a  substantial  interaction  between  the  wing-wake  turbulence  model 
and  the  fl  ow  field ,  such  that  the  calculated  maximum  lift  is  affected  directly  by  the  turbulence  model. 

Another  aspect  dealt  with  in  the  present  paper  concerns  the  locally  supersonic  flow  over  a  slat.  Results 
of  the  transonic  panel  method,  solving  the  full  potential  equation,  and  the  experimental  data  both  show  high 
local  velocities  reaching  Mach  numbers  up  to  1.6  at  a  free  stream  Mach  number  of  0.225.  The  good  agreement 
suggests  that  the  transonic  potential  flow  model  may  be  useful  in  the  computational  analysis  and  design  of 
high-lift  devices.  The  examples  given  illustrate  improved  capabilities  in  the  analysis  of  high-lift  systems. 
However,  it  is  also  obvious  that  much  remains  to  be  done,  such  as  the  unified  treatment  of  all  relevant  flow 
processes . 
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Fig.  3  Self-similar  turbulent  wake  solution;  centerline  velocity  F'(0)  and 
momentum  thickness  gradient  as  function  of  shape  factor  H 
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Fig.  4  Self-similar  turbulent  wake  solution;  rate-of  strain  ratio  £  as  functi 
of  shape  factor  H 


Fig.  6  Self-similar  turbulent  wake  flow;  optimum  pressure  recovery,  In  terms 

of  U/U0,  and  optimum  shape  factor  Hopt  as  function  of  recovery  distance 
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Fig.  11  Pressure  distribution  at  wing  wake  centerline  predicted  by  viscous 
theory  for  three  angles  of  attack,  a  =  6°,  10°  and  13° 
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Fig.  28  Comparison  of  Mach  distribution  on  slat  of  configuration  3  between  full 
potential  solution  and  experimental  data  for  a  free  stream  Mach  number 
of  0.255 
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RESUME 

L'ONERA  a  entrepris  il  y  a  quelques  anndes,  le  ddveloppement  d'une  mdthode  de  calcul  de 
l'dcoulement  visqueux  autour  de  profils  hypersustentds  et  l'dtude  expdrimentale  ddtaillde  de 
1 1 dcoulement  autour  de  telles  configurations.  Ces  dtudes  thdoriques  et  expdrimentales  ont  pour 
but  de  disposer  &  terme  d'un  outil  capable  de  prddire  de  faqon  precise  les  performances  de 
systdmes  hypersustentateurs  mdcaniques  et  par  consequent  de  les  optimiser.  Cet  expose  presente  les 
principaux  resultats  obtenus  a  ce  jour  tant  au  niveau  experimental  que  thdorique.  Les  mesures  de 
vitesse  en  valeur  moyenne  et  fluctuations  effectudes  autour  d'une  configuration  triple  corps mettent 
bien  en  evidence  1' influence  mutuelle  des  zones  visqueuses  (sillages  et  couche  limite)  meme 
lorsqu'il  n'y  a  pas  confluence  et  ont  permis  de  dresser  des  cartographies  precises  de  1 ’ecoulement. 
La  mdthode  de  calcul  de  l'dcoulement  autour  de  telles  configurations,  basde  sur  une  mdthode  de 
singularites  de  type  mixte  pour  le  fluide  parfait  avec  prise  en  compte  des  effete  visqueux  par 
couplage  fort  donne  des  resultats  trds  encourageants  mdme  en  presence  de  plusieurs  zones ddcolldes 
simultandes.  Les  comparaisons  calcul  experience  presentees  montrent  cependant  qu'il  est  ndcessaire 
d'amdliorer  la  moddlisation  utilisde  dans  la  zone  situde  au  dessus  du  volet. 


SUMMARVf 

A  few  years  ago,  ONERA  undertook  the  development  of  a  theoretical  method  computing  the 
viscous  incompressible  flow  around  multi-element  airfoils  and  at  the  same  time  the  detailed 
experimental  study  of  the  flow  around  such  configurations.  The  aim  of  these  theoretical  and 
applied  studies  is  to  set  up  a  computing  method  able  to  give  accurate  prediction  of  mechanical 
high-lift  systems  performances  in  order  to  be  able  to  optimize  such  devices. 

This  paper  presents  the  main  results  we  have  got  up  to  now  experimentally,  as  well  as  theore¬ 
tically.  The  velocity  profiles  and  the  turbulence  measurements  around  a  multi-element 
airfoil  clearly  show  the  interaction  between  boundary-layer  and  wakes  even  when  these  are  not 
merging  and  they  have  been  used  to  draw  accurate  maps  of  the  flow.  The  computing  method  of  the 
flow  around  these  configurations  is  based  upon  a  panel  method  (both  sources  and  vortices)  for  the 
inviscid  part  of  the  flow  and  a  method  providing  calculation  and  coupling  for  boundary  layers  and 
wakes,  under  strong  viscous  interaction  conditions.  This  method  has  given  quite  good  results 
even  when  there  are  several  simultaneous  separated  flow  regions.  The  comparisons  between  computa¬ 
tion  and  experiment  described  here  underline  the  necessity  of  improving  the  computing  method  in 
the  region  located  above  the  flap. 

1  -  INTRODUCTION  - 

Un  des  probldmes  importants  pour  les  avionneurs  est  de  ddfinir  des  systdmes  hypersustentateurs 
mdcaniques  capabies  de  founir  de3  portances  dlevdes  conjointement  avec  de  faibles  niveaux  de 
trainee  spdcialement  dans  les  configurations  de  ddcollage.  Four  ddfinir  de  tels  systdmes  il  est 
ndcessaire  de  disposer  de  mdthodes  de  calcul  capabies  de  prddire  de  fajon  precise  leurs  perfor¬ 
mances.  Or  du  fait  de  la  complexitd  de  l'dcoulement  autour  de  telles  configurations,  il  n'est  pas 
envisageable  A  moyen  terme  de  disposer  de  mdthodes  exactes  mais  il  est  possible  de  ddvelopper  des 
mdthodes  approchdes,  suff isamment  prdcises,  prenant  en  compte  par  des  moddles  approprids  ses 
principales  caractdristiques . 

C'est  dans  ce  but  que  l'ONERA  a  entrepris  il  y  a  quelques  anndes,  conjointement,  le  ddveloppement 
d'une  radthode  de  calcul  de  l'dcoulement  incompressible  visqueux  autour  des  profils  raulticorps  et 
l'dtude  expdrimentale  ddtaillde  de  l'dcoulement  autour  de  telles  configurations. 

L'ob  jt  de  ce  papier  est  de  prdsenter  les  principaux  rdsultats  obtenus  dans  ces  deux  domaines. 
*a...  une  premidre  partie  le  support  expdrimental  et  1 'analyse  des  sondages  ddtaillds  de  l'dcoule- 
ment  autour  d'une  configuration  triple  corps  seront  ddcrits.  Dans  une  seconde  partie  la  mdthode 
le  calcul  en  cours  de  ddveloppement  sera  bridvement  prdsentde  et  les  rdsultats  obtenus  avec  cette 
mdthode  seront  compards  aux  rdsultats  expdrimentaux . 

2  -  ANAiySE  DE  L' ECOULEMENT  AUTOUR  D'UN  PROF  I L  HYPERSUSTENTE  - 
2.1  -  VuaUptLon  du  icui  - 

Le  support  expdrimental  est  un  profil  supercritique  (profil  RA16SC1)  equipd  d'un  volet  de  bord  de 
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fuite  a  braquage  variable  et  d'un  bee  &  fente  fixe.  La  raaquette  a  une  envergure  de  lm,  le  bee  de 
0,12m  de  corde  est  braqud  d  30° ,  le  volet  de  0,145m  de  corde  est  braqud  d  20°  ou  d  40°  selon  la 
configuration  etudide.  La  corde  de  rdfdrence  est  ce^Ie  du  profil  de  base  et  est  dgale  a  0,5m.  Les 
essais  ont  dtd  effectues  dans  la  veine  courant  plan  de  la  soufflerie  FI  de  l'ONERA  [l]  .La 
maquette  est  montde  entre  deux  panneaux  verticaux  dans  lesquels  sont  amdnagdes  des  zones  d' aspira¬ 
tion  des  couches  limites  laterales  permettant  de  maintenir  un  dcoulement  quasi-bidimensionnel 
jusqu'au  ddcrochage (Fi g  J. ) .  Les  essais  ont  dtd  effectuds  pour  une  vitesse  de  l’dcoulement  de  40m/s 
et  une  pression  gdndratrice  de  1,3  bar  soit  un  nombre  de  Reynolds  de  l.SxlO4’. 

La  maquette  est  dquipde  de  104  prises  de  pression  permettant  par  integration  d'obtenir  la  portance 
et  le  moment.  La  trainde  est  ddduite  des  mesures  de  pressions  effectudes  d  une  corde  en  aval  du 
profil  dans  le  sillage. 

Des  sondages  ddtaillds  de  l'dcoulement  ont  dtd  obtenus  pour  deux  braquages  du  volet  (<S=  20°  et 
40°)  et  plusieurs  valeurs  de  l'incidence  en  plusieurs  stations  autour  des  diffdrents  dldments 
(Fig.  2).  Pour  ces  sondages  1 'utilisation  de  sondes  d  fils  chauds  "DISA"  a  permis  de  mesurer  la 
vitesse  moyenne  de  l'dcoulement  ainsi  que  ses  fluctuations.  Pour  les  stations  situdes  d  l'extra- 
dos  du  volet,  dans  le  sillage  et  au  voisinage  du  bord  de  fuite  du  corps  principal,  une  sonde 
d  fils  croisds  a  dtd  choisie,  par  contre  pour  les  autres  stations  les  sondages  ont  dtd  effectues 
avec  une  sonde  d  fil  droit  moins  encombrante  permettant  des  mesures  plus  proches  de  la  paroi. 

2.2  -  R z&udAcutfs  expe/Umntaux  - 

2.2.1  -  E(5| S<Vtt4  2^obau.x_-_R^j£aAtctiqiu  de._psieA6x.oni  - 

Los  evolutions  du  coefficient  de  force  normale  CN  avec  l'incidence  pour  les  deux  braquages  de  volet 
sont  prdsentees  Fig.  3.  L'analyse  des  rdsultats  experimentaux  presentde  dans  ce  papier  concerne  la 
configuration  braquage  20°  pour  les  incidencesO<=  16°,  18°  et  20°  et  la  configuration  braquage 
40°  pour  une  incidence  de  16°.  Les  repartitions  des  pressions  sur  les  diffdrents  elements  pour  un 
braquage  de  20°  du  volet  sont  traedes  Fig.  4.  L'incidence  a  peu  d'influence  sur  le  volet, 
l'dcoulement  autour  de  cet  dlement  dtant  essentiellement  imposd  par  la  gdomdtrie  de  la  fente  qui 
fixe  la  position  du  point  d'arrdt. 

Sur  le  bee  1 ' augmentation  d'incidence  se  traduit  par  une  augmentation  des  survitesses  d  l'extrados 
et  par  une  diminution  du  niveau  de  pression  dans  la  zone  decollde  dl'intrados  alors  que  pour  le 
corps  principal  seul  le  pic  de  survitesse  au  voisinage  du  bord  d'attaque  s’accroit  ldgdrement. 

2.2.2  -  Sondayte  detaJllli _de_l'  ecoulejnent  - 

2. 2. 2.1  -  PiofixlA  de.  vite a&  moyenne 

Les  profils  de  vitesse  moyenne  tracds  Fig.  5  permettent  de  ddcrire  finement  l'dcoulement.  Ainsi 
les  sondages  d  l'intrados  du  bee  (station  3B')  mettent  nettement  en  dvidence  la  rdduction  de  la 
taille  de  la  bulle  de  ddcollement  lorsque  l'incidence  augmente,  rdduction  qui  s'accompagne  d'une 
diminution  de  la  vitesse  exterieure  et  de  son  gradient  transversal.  En  sortie  de  fente  bec/corps 
principal  (station  2B)  les  vitesses  augmentent  ldgdrement  aussi  bien  du  c8td  extrados  qu'intrados. 
Sur  le  corps  principal  (stations  LC,  2C,  5C)  les  profils  de  vitesses  montrent  le  fort  gradient 
transversal  prds  du  bord  d'attaque  (1C),  .'augmentation  de  la  vitesse  dans  le  champ  avec  l'inci¬ 
dence  (stations  1C  et  2C),  la  rdduction  de  la  partie  inferieure  du  sillage  du  bee  due  A  la 
diminution  du  ddcollement  A  l'intrados,  le  deplacement  en  altitude  et  1 ' dlargissement  du  sillage 
du  bee  entre  les  stations  1C  et  5C.  On  notera  egalement  qu'il  n'y  a  pas  de  melange  entre  la  couche 
limite  de  l'aile  qui  s'epaissit  lorque  l'incidence  augmente  et  le  sillage  du  bee. 

Sur  le  volet  en  sortie  de  fente  (station  IV')  les  profils  de  vitesses  font  apparaitre  le  gradient 
transversal  dans  l'dcoulement  potentiel  entre  la  couche  limite  du  volet  et  le  sillage  de  l'aile 
et  1 'dpaississement  du  sillage  du  bee  avec  l'incidence.  Pour  ce  qui  est  du  sillage  du  corps 
principal,  la  partie  infdrieure  provenant  de  l'intrados  n'est  pas  modifide  avec  l'incidence,  par 
contre  la  partie  superieure  qui  provient  de  l'extrados  s’dpaissit  et  se  mdlange  avec  le  sillage  du 
bee.  On  notera  dgalement  le  ddvelopperaent  important  du  sillage  du  corps  principal  entre  les 
stations  IV'  et  3V  du  d  la  recompression  de  l'dcoulement  exterieur.  A  l'aval  du  bord  de  fuite  du 
volet  (station? IS  et  2S)  l'epaisseur  de  la  couche  visqueuse  constitude  des  sillages  des  diffdrents 
dldments  atteint  120mm  soit  environ  le  quart  de  la  corde  de  rdfdrence. 

2. 2. 2. 2  -  fluctucutioni  de  vxteae  - 
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Les  sondages  au  fil  chaud  ont  permis  de  mesurer  les  fluctuations  de  la  vitesse  pour  les  diffdrentes 
stations  (Fig.  6). 

Dans  la  zone  ddcollde  d  l'intrados  du  bee  (station  3B'),  les  fluctuations  sont  dlevdes  et  attei- 
gnent  20%  de  la  vitesse  extdrieure.  Les  profils  de  turbulence  longitudinale  mettent  nettement  en 
dvidence  la  diminution  de  la  bulle  de  ddcollement  avec  l'incidence. 

Sur  le  corps  principal  (stations  1C,  2C)  les  profils  de  fluctuations  au  sein  du  sillage  du  bee 
varient  peu  avec  l'incidence  et  le  maximum  diminue  lorsqu'on  s'dloigne  du  bord  de  fuite  du  bee. 


Au  bord  de  fuite  du  corps  principal  (station  5C)  la  zone  turbulente  atteint  50mm  soit  10%  de  la 
corde  de  reference  et  il  y  a  confluence  entre  la  couche  limite  de  l'aile  et  le  sillage  du  bee. 

Au  niveau  du  sillage  du  bee,  en  tenant  compte  des  mesures  de  w'*  et  en  admettant  que  "v 11  =  "w'1 
on  obtient  pour  l'dnergie  cindtique  de  turbulence  une  valeur  relative  (Vk  /u  )max  -^5%  A  £X  =  20°. 
Pour  ce  qui  est  de  la  couche  limite  de  l'aile,  le  niveau  de  turbulence  est  egalement  eieve 
(vfir  /  ug  )  max  -v/  13%  et  varie  peu  avec  1'  incidence. 

En  sortie  de  fente  sur  le  volet  (station  IV')  on  retrouve  une  zone  d’Acoulement  faiblement 

turbulente  entre  la  couche  limite  du  volet  et  le  sillage  de  l'aile,  zone  qui  disparait  au  bord 

de  fuite  du  volet  (station  3V)  ou  les  fluctuations  sont  trAs  AlevAes  (s/f  /„  )  i~10%). 

0  max 

Pour  ce  qui  est  de  la  tension  de  Reynolds  les  profils  mesures  au  bord  de  fuite  du  corps 
principal,  sur  le  volet  et  dans  le  proche  sillage  sont  traces  Fig.  7.  Ces  profils  prAsentent  des 
pointes  correspondant  aux  regions  A  fort  gradient  transversal  et  sont  peu  influences  par 
1' incidence. 

2.2.3  -  Influence  du  tn.aqua.ge  du  volet  - 

Pour  une  incidence  de  16°  l'influence  du  braquage  du  volet  sur  les  repartitions  de  pressions,  les 
profils  de  vitesse  moyenne  et  ses  fluctuations  sont  presentees  Fig.  8,  9  et  10. 

2.2.3. 1  -  VtitUbutioni  de  paeAiloni  - 

Les  distributions  de  pressions  (Fig.  8)  mettent  en  evidence  une  augmentation  de  la  charge  avec 
1 'augmentation  du  braquage  du  volet  sur  le  bee  et  le  corps  done  une  augmentation  des  survitesses 
au  bord  d'attaque.  A  l'intrados  du  bee,  l'etendue  du  decollement  diminue  quand  le  braquage 
augmente.  Sur  le  bee  et  sur  le  corps,  les  variations  d'incidence  et  de  braquage  du  volet  ont  les 
mgmes  effets.  A  l'extrados  du  volet  compte  tenu  de  la  variation  de  gfiomdtrie  de  la  fente  avec  le 
braquage,  les  repartitions  des  pressions  sont  trAs  diffArentes  avec  un  decollement  sur  le  volet 
pour  <5  =40“. 

2. 2. 3. 2.  -  Ecoulment  - 

a)  Bee  : 

L'influence  du  braquage  est  trAs  nette  aux  deux  stations  de  Bondages  sur  le  bee  (2B  et  3B')  : 

1' augmentation  du  braquage  accrolt  la  survitesse  en  sortie  de  fente  A  la  station  2B  de  30% 
environ,  ainsi  que  l'Apaisseur  du  sillage  (Fig.  9).  Les  hearts  sur  les  minima  de  vitesse  au  sein 
du  sillage  et  sur  la  position  en  altitude  de  ces  minima  sont  dds  6  un  lAger  Acart  de  l'abscisse  de 
sondage  pour  les  deux  braquages.  En  3B',  l'Apaisseur  de  la  zone  dAcollAe  diminue  avec  le  braquage, 
ainsi  que  la  vitesse  extArieure.  Pour  ces  deux  stations,  1'intensitA  des  fluctuations  longitudina— 
les  V u 11  varie  peu  avec  le  braquage  du  volet  (Fig.  10). 

b)  Corps  : 

L' augmentation  des  survitesses  avec  le  braquage  est  trAs  marquee  au  voisinage  de  la  sortie  de 
fente  (stations  1C  et  2C).  On  remarquera  Agaleraent  un  dAplacement  en  altitude  de  la  position  du 
sillage  par  rapport  au  corps  principal  entre  les  deux  valeurs  de  braquage.  La  fluctuation  n/u 
est  plus  forte  A  20°  dans  le  sillage  du  bee  en  1C  et  2C  tandis  qu’en  5C  1 'augmentation  de 
l'Apaisseur  de  couche  limite  sur  le  corps  principal  s'accompagne  d'une  augmentation  des  fluctua¬ 
tions  longitudinales  de  la  vitesse  (Fig  10). 

d)  Volet  : 

Les  figures  9  et  10  ne  montrent  pas  de  differences  essentielles  entre  les  deux  braquages  pour  la 
premiere  station  du  volet  A  l'exception  de  la  vitesse  en  sortie  de  fente.  II  faut  remarquer  que  les 
deux  stations  ne  sont  pas  rigoureusement  A  la  merae  abscisse  ce  qui  explique  quel 'on  ne  retrouve  pas 
dans  le  sillage  les  Acarts  constates  en  5C  sur  la  couche  limite  du  corps  principal. 

e)  Sillage  : 

La  presence  d'un  dAcollement  pour  le  braquage  A  40°  du  volet  conduit  A  un  sillage  plus  Atendu  pour 
cet  AlAment.  De  plus  la  difference  du  champ  de  pression  au-dessus  du  volet  provoque  un  decollement 
trAs  different  du  sillage  du  corps  principal.  Les  Acarts  constates  au  niveau  des  profils  de  vitesse 
se  retrouvent  sur  les  fluctuations  (Fig.  10)  avec  une  forte  augmentation  de  celles-ci  pour  40°  de 
braquage. 


3  -  COMPARISON  CALCULS- EXPERIENCE  - 


3.1  -  Ve&oU.ptLon  de  la  methode  de  calcul 


La  methode  de  calcul  de  l'Acoulement  visqueux  incompressible  autour  de  profils  multicorps  est 
decrite  en  detail  dans  [  2  <  .  Nous  rappellerons  ici  son  principe. 
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3./.J  -  FZiujl&_gaAfroU£  - 

L'dcoulement  de  fluide  parfait  est  calculd  par  une  mdthode  de  singularities  de  type  sources  & 
caractdre  mixte  aux  bords  de  fuite.  Chaque  element  de  profil,  comme  chaque  sillage  est  figure 
par  une  repartition  de  densites  de  source  variant  lineairement  sur  chaque  segment  joignant  deux 
points  de  definition,  Les  points  de  contrdle  ou  sont  imposees  lea  conditions  sur  la  vitesse 
normale  sont  situds  au  milieu  de  chaque  segment  (Fig.  11a).  Pour  assurer  la  condition  de 
Joukowsky  un  terme  tourbillonnaire  reparti  sur  tout  1 'element,  d' intensite  variant  lineairement 
avec  l'abscisse  x,  maximale  au  bord  d'attaque  et  nulle  au  bord  de  fuite  est  utilise.  En  outre 
pour  ameiiorer  la  qualite  de  la  repartition  de  vitesse  dans  les  zones  de  faible  dpaisseur  au 
vois inage  des  bords  de  fuite  des  diffdrents  elements,  des  termes  tourbillonnaires  ont  ete 
rajoutds  dans  ces  regions.  A  chacun  des  termes  tourbillonnaires  correspondent  deux  distributions 
de  densite  tourbillonnaire,  l'une  a  l'intrados,  l'autre  A  l'extrados,  construites  A  partir  de 
densites  dldmentaires  de  mSme  gdomdtrie  que  les  sources  eiementaires  et  de  profils  f^Cx) 
lindaires  par  morceaux  en  fonction  de  l'abscisse  x  (Fig.  lib).  Ces  termes  tourbillonnaires 
suppldmentaires  sont  determines  par  des  conditions  de  regularite  imposees  A  l'ecoulement  fictif 
A  l'interieur  du  profil.  Les  conditions  choisies  consistent  A  imposer  l'egalite  des  vitesses 
tangentielles  de  cet  dcoulement  intdrieur  A  la  paroi  en  des  couples  de  points  de  contrSle 
extrados  et  intrados  situds  A  la  mgme  abscisse  que  les  densites  tourbillonnaires. 

3 .1.2  -  F&ttdeiuAgueux 

Les  couches  visqueuses  (couches  limites  et  sillages)  sont  calculdes  au  moyen  des  equations 
intdgrales  de  continuitd,  de  quantitd  de  mouvement  et  d'une  equation  de  moment  (entrainement 
ou  dnergie  cindtique).  Les  relations  de  fermeture  sont  obtenues  dans  le  cas  laminaire  A  partir 
des  solutions  de  similitude  avec  ou  sans  courant  de  retour  ;  dans  le  cas  turbulent  les  profils 
de  vitesse  sont  moddlisds  par  une  loi  composite  rappelant  celle  de  Coles  et  un  modfele  de 
turbulence  algdbrique  est  utilise.  Dans  les  equations  intdgrales,  les  grandeurs  non  visqueuses 
(P.u  ,w)  et  leurs  ddrivdes  partielles  sont  relevdes  A  la  paroi.  Une  formulation  ddficitaire  est 
utilisde  pour  la  definition  des  dpaisseurs  intdgrales  permettant  de  prendre  en  compte  un 
gradient  de  pression  normal. 

Le  systdme  differentiel  visqueux  est  rdsolu  en  mode  direct  pour  les  faibles  valeurs  du  paramdtre 
de  forme  et  en  mode  inverse  dans  les  autres  cas. 

3.1.3  -  Coug&uje 

Le  couplage  est  rdalisd  A  la  paroi  par  iterations successives  sur  des  resolutions  ddcoupldes  du 
fluide  parfait  et  des  couches  visqueuses.  Les  iterations  sont  de  type  direct  lorsque  le 
pararadtre  de  forme  est  infdrieur  A  1,8  et  de  type  semi-inverse  lorsque  le  paramdtre  de  forme  est 
supdrieur  A  1,8. 

3.2  -  Rtiattatfi  de.  calcul  - 

Les  coefficients  globaux  (Cz,  Cx,  Cm)  calculds  sont  compares  aux  rdsultats  expdriraentaux  Fig. 12  . 
Pour  les  deux  braquages  du  volet,  le  calcul  surestime  les  effets  visqueux  ce  qui  conduit  A  des 
Cz  plus  faibles  que  ceux  mesurds,  les  dcarts  dtant  de  l'ordre  de  5%  pour  le  braquage  de  20°  et 
de  10%  pour  le  braquage  de  40°.  On  notera  1' importance  des  effets  visqueux  notamment  pour  le 
braquage  de  40°  du  volet.  Pour  ce  qui  est  de  la  trainee,  elle  est  trds  bien  estimde  paradoxalement 
pour  la  configuration  la  plus  difficile  (volet  A  40°)  et  surestimded'environ  25%  pour  la  conf iguration 
volet  A  20°.  Les  repartitions  de  pression  calculdes  pour  une  incidence  de  16°  et  les  deux 
braquages  de  volet  sont  compardes  aux  mesures  Fig.  13  et  14.  Pour  le  braquage  de  20°  du  volet 
(Fig.  13)  le  calcul  prdvoit  un  petit  ddcollement  au  bord  de  fuite  du  volet  qui  n'existe  pas 
expdrimentalement.  Sur  le  corps  principal  les  pressions  sont  bien  estimdes  sauf  au  voisinage  du 
bord  d'attaque,  les  dcarts  dtant  dfls  pour  une  partie  A  l'hypothdse  d ' incompressibilitd 
mais  aussi  au  fait  que  dans  son  dtat  actuel  le  programme  ne  traite  que  des  bords  de  fuite  pointus 
ce  qui  a  conduit  A  modifier  la  gdomdtrie  rdelle  du  bee  mais  aussi  en  consequence  celle  de  la 
fente.  Sur  le  bee  le  niveau  de  pression  calculd  dans  le  ddcollement  intrados  est  surestimd  et  la  mauvaise 
prdvision  de  la  circulation  sur  le  volet  conduit  A  une  surestimation  de  la  charge  du  bee.  Pour 
le  braquage  de  40°  (Fig.  14)  le  ddcollement  experimental  sur  le  volet  est  bien  prdvu  par  le  calcul, 
on  retrouve  comme  dans  le  cas  precedent  une  sous  evaluation  des  vitesses  en  sortie  de  fente 
bec/corps  principal,  par  contre  la  charge  sur  le  bee  et  le  niveau  de  pression  dans  la  zone 
ddcollde  A  l'intrados  sont  bien  estimds. 

Pour  ce  qui  est  des  couches  limites  au  voisinage  du  bord  de  fuite  du  corps  principal  (Fig.  15),  les 
dcarts  de  survitesses  au  voisinage  du  bord  d'attaque  conduisent  A  des  dpaisseurs  intdgrales 
calculdes  plus  faibles  que  celles  mesurdes  notamment  dans  le  cas  du  braquage  40°, 

Les  rdsultats  des  comparaisons  calcul-expdrience ,  bien  que  non  totalement  satisfaisants ,  sont  trds 
encourageants  et  montrent  1'intdrSt  d'une  telle  approche  pour  le  calcul  de  configurations 
multicorps  prdsentant  simultandment  plusieurs  zones  ddcoll6es.  Les  dcarts  constates  au  niveau 
du  calcul  sont  dus  pour  une  large  part  A  une  mauvaise  prdvision  de  l'dcoulement  sur  le  volet.  Ceci 
est  du  au  fait  que  dans  la  mdthode  utilisde  la  couche  limite  du  volet  et  le  sillage  du  corps  sont 
traitds  inddpendamment  or  les  rdsultats  expdrimentaux  mettent  nettement  en  evidence  que  la 


presence  du  sillage  du  corps  qui  s'Apaissit  rapidement  dans  le  gradient  de  vitesse  du  au  champ 
du  volet  conduit  A  une  zone  visqueuse  fortement  turbulente  qui  influence  le  dAveloppement  de  la 
couche  limite  sur  le  volet  m§me  s'il  n'y  a  pas  mAlange  entre  ces  deux  couches  visqueuses.  11 
semble  done  important  d'amAliorer  la  modAlisation  de  l’Acoulement  dans  cette  region.  Une  des  voies 
possible  est  le  calcul  de  1* ensemble  de  l'Acoulement  au  dessus  du  volet  par  une  technique  de 
differences  ou  volumes  finis,  cependant  se  pose  le  problAme  du  type  d'Aquations  a  utiliser,  Une 
tentative  a  AtA  effectuAe  en  utilisant  les  equations  de  couche  limite.  Cette  methode  dAveloppAe 
au  DERAT  est  du  type  volumes  finis  et  le  modfele  de  turbulence  A  2  equations  pour  l'energie 
cinetique  de  turbulence  k  et  sa  dissipation  £  est  voisin  de  celuide  Jones  et  Launder.  Le  calcul 
a  ete  effectud  entre  les  stations  IV'  et  3V  et  en  utilisant  comme  donnees  de  depart  les  epaisseurs 
integrales  (mesurees  dans  le  sillage  du  corps  en  IV'  et  calculdes  pour  la  couche  limite  du  volet). 

Le  profil  de  vitesse  au  depart  est  construit  selon  la  methode  de  Whithield.  Pour  ce  qui  est  de 
l'energie  cinetique  de  turbulence  k  le  profil  thAorique  au  depart  est  calcuie  en  utilisant  le 
module  de  longueur  de  melange.  Dans  le  calcul  il  n'a  pas  ete  tenu  compte  du  sillage  du  bee  ce  qui 
explique  1'Acart  entre  le  profil  de  \/k  calcuie  et  le  profil  experimental  de  v'TT11  pour  des 
valeurs  de  z  comprises  entre  40  et  60mm.  A  la  station  3V  les  compsraisons  calcul  experience 
(Fig.  16)  montrent  que  le  profil  de  vitesse  moyenne  est  assez  bien  estime  avec  toutefois  un  leger 
decolage  en  altitude  du  sillage  du  corps  et  une  surestimation  des  vitesses  entre  la  couche  limite 
du  volet  et  le  sillage  du  corps.  Pour  ce  qui  est  de  la  turbulence  longitudinale  (assirailAe  A  k 
dans  le  calcul)  elle  est  sous-estimAe  surtout  dans  une  zone  situAe  juste  au  dessus  de  la  couche 
limite  du  volet.  Enfin  la  tension  de  Reynolds  u'w1  est  elle  aussi  assez  mal  prAdite  dans  la  zone 
du  sillage  du  corps  principal. 

L1 integration  des  profits  de  vitesse  calculAs  permet  d'obtenir  les  evolutions  des  epaisseurs 
intdgrales  du  sillage  du  corps  et  de  la  couche  limite  du  volet  (Fig.  17).  Les  evolutions 
obtenues  montrent  un  accord  satisfaisant  avec  les  valeurs  experimentales  au  bord  de  fuite  du 
volet  (station  3V). 

4  -  CONCLUSION  - 

Les  etudes  effectuees  sur  une  configuration  triple  corps  ont  montre  qu'au  niveau  experimental  il 
etait  indispensable  de  disposer  de  mesures  detailiees  et  completes  permettant  de  comprendre  les 
phAnomenes  et  par  consequent  de  construire  des  mod&les  thAoriques  susceptibles  de  representer 
correctement  1 ' Acouleraent .  A  cet  Agard  les  Bondages  au  fil  chaud  effectuAs  en  de  nombreuses 
stations  autour  des  diffArents  elements  rApondent  k  cette  exigence  bien  qu'ils  n'aient  pas  permis 
d'obtenir  des  informations  precises  dans  les  zones  visqueuses  de  faible  Apaisseur.  Cette  etude 
expArimentale  sera  done  poursuivie  pour  obtenir  un  dossier  experimental  plus  complet.  Pour  ce 
qui  est  des  etudes  thAoriques,  l'approche  effectuAe  a  donnA  des  rAsultats  encourageants  puisque 
une  convergence  des  calculs  a  AtA  obtenue  dans  des  conditions  extrSmement  difficiles  avec  plusieurs 
zones  de  dAcollement  simultanAment  prAsentes.  Les  rAsultats  obtenus  sont  encore  trop  AloignAs  des 
valeurs  expArimentales  pour  que  cette  mAthode  soit  rAellement  utilisable  pour  1' optimisation  de 
profils  hypersustentAs .  Toutefois  un  certain  nombre  d' ameliorations  notamment  pour  le  calcul  de  l'Acoule- 
ment  en  sort  ie  de  fentes  (traitement  des  bords  de  fuite  Apais)  et  au-dessus  du  volet  (prise  en  compte  de  1 '  in¬ 
fluence  du  sillage  du  corps  principal)  permettront  sans  doute  d'amAliorer  nettement  les  prAvisions  thAoriques. 
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INVISCID  COMPRESSIBLE  FLOW  PAST  A  MULTI-ELEMENT  AEROFOIL 

by 

I.M,  HALL  and  A.  SUDDHOO 
Department  of  the  Mechanics  of  Fluids 
University  of  Manchester,  Manchester  M13  9PL,  England 


SUMMARY 


AD-P004  055 


^  A  conformal  transformation  method  is  used  to  generate  an  orthogonal  curvilinear 
grid  for  two*rand  three-e lemen t  configurations.  The  compressible  potential  flow  equations 
are  solved  by  finite  difference  methods.  The  solution  could  serve  as  a  starting  point  for 
an  iterative  solution  of  the  full  viscous  compressible  flow  case.  j  ^ 


INTRODUCTION 

Without  high  lift  devices  the  maximum  lift  coefficient  attainable  by  a  high  aspect 
ratio  wing  is  about  five  times  the  incidence  at  incidences  up  to  the  stall.  Typical 
values  of  CLmax  are  commonly  in  the  range  1.0  to  1.5.  The  addition  of  high  lift  devices 
such  as  flaps  and  slats  can  more  than  double  Ci,max  consequent  improvement  in  take 

off  and  landing  performance. 

Flaps  and  slats  can  take  many  forms  but  slotted  flaps  and  simple  leading  edge  slats 
are  quite  common.  Several  such  configurations  are  shown  in  Fig.l.  In  practice  the  final 
requirement  is  for  a  satisfactory  three-dimensional  configuration  but  it  is  usual  for  the 
high  lift  devices  to  extend  over  a  significant  proportion  of  the  span  and  therefore 
consideration  of  two-dimensional  configurations  is  relevant. 

A  powerful  method  for  the  calculation  of  incompressible  flows  past  multi-element 
configurations  has  been  developed  by  Williams  and  Butter1.  This  depends  on  the  use  of 
panel  methods  to  calculate  the  inviscid  flow  coupled  with  boundary  layer  calculations 
based  on  the  inviscid  flow  pressure  distribution  as  outlined  in  Fig. 2.  When  the  flow  is 
attached,  which  is  usually  desirable,  this  approach  has  proved  satisfactory. 

However,  experiments  have  shown  that  compressibility  effects  could  be  significant 
even  at  quite  low  free  stream  Mach  numbers.  Although  compressibility  effects  can  be 
estimated  by  applying  the  Pr and t 1 -G1 auer t  law  to  the  incompressible  results  obtained  by 
panel  methods  this  is  not  entirely  satisfactory  because  it  essentially  scales  the 
incompressible  results  and  cannot  show  any  trend  towards  a  change  in  the  form  of  the 
pressure  distribution.  A  more  precise  compressible  flow  calculation  seems  desirable. 

An  alternative  approach  to  the  incompressible  case  has  been  given  by  Ives1.  For  a 
two  element  configuration  he  used  conformal  transformations  to  map  the  flow  region  into 
the  region  between  two  concentric,  circles.  He  states  that  the  solution  obtained  by 
Lagally1  may  be  used  to  calculate  the  flow  but  no  results  are  given.  A  modification  to 
Ives's  approach  is  used  in  the  present  paper  and  the  sequence  of  transformations  is  shown 
in  Fig. 3.  A  detailed  description  of  this  sequence  is  given  later. 

Williams^  used  simple  conformal  transformations  to  map  two  circles  into  two  aerofoils, 
analogous  to  the  transformation  of  a  circle  into  a  Zhukowski  aerofoil,  and  thus  obtained 
an  exact  solution  for  a  particular  two  element  configuration.  He  did  this  for  two  cases, 
known  as  Williams  configurations  A  and  B,  Fig. 4,  which  serve  as  important  test  cases 
against  which  other  incompressible  flow  methods  can  be  assessed. 

For  the  single  aerofoil  case,  inviscid  flows  at  freestream  Mach  numbers  up  to  and 
slightly  in  excess  of  the  critical  Mach  number  can  be  accurately  calculated  by  the  method 
devised  and  developed  by  Sells^,  Garabedian  and  Korn^,  Jameson'  and  others.  In  essence 
this  method  depends  on  transforming  the  flow  region  onto  the  inside  of  a  circle  so  that 
a  uniform  polar  grid  in  the  circle  plane  corresponds  to  a  convenient  orthogonal  grid  in 
the  aerofoil  plane.  After  subtraction  of  the  singularities  a  numerical  solution  can 
easily  be  obtained  using  finite  difference  methods.  For  slightly  supercritical  flows 
the  modified  difference  scheme  introduced  by  Murman  and  Cole®  is  used. 

It  is  relatively  easy  to  extend  this  method  to  a  two-element  aerofoil.  Following 
the  general  approach  of  Ives1,  described  above,  the  outer  flow  region  can  be  transformed 
onto  the  region  between  two  concentric  circles.  Using  the  grid  in  the  aerofoil  plane 
corresponding  to  a  uniform  polar  grid  in  the  circle  plane  the  compressible  flow  equations 
can  be  solved  numerically  as  in  the  single  aerofoil  case.  There  are  two  new  factors 
which  cause  additional  difficulties.  Firstly,  the  necessity  to  subtract  out  additional 
singularities  before  solving  numerically  results  in  considerable  algebraic  complexity. 
Secondly,  the  solution  is  very  sensitive  to  small  changes  in  the  circulation.  Although 
the  total  circulation,  and  hence  the  total  lift,  seems  to  be  relatively  easily  obtained, 
the  distribution  between  the  two  elements  is  more  difficult  to  determine  accurately. 
Grossmann  and  Melnik®  used  a  grid  stretching  technique  in  the  circle  plane  to  regulate 
the  coordinate  grid  in  the  aerofoil  plane. 
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Thompson  and  Mastin  approached  the  transformation  problem  in  a  different  way. 
They  introduced  a  cut  between  the  elements  and  transformed  the  cut  plane  into  a 
rectangular  region.  In  the  present  paper,  a  similar  approach  is  used  to  deal  with  the 
three  element  case.  A  cut  is  introduced  between  two  of  the  elements  reducing  the 
triply-connected  region  to  a  doubly-connected  region.  This  can  then  be  conformally 
transformed  into  the  region  between  two  circles  as  in  the  two-element  case.  A  detailed 
discussion  of  the  problems  involved  is  given  below. 


GRID  GENERATION  FOR  A  TWO-ELEMENT  AEROFOIL 

The  two  main  criteria  governing  the  choice  of  a  method  to  generate  a  curvilinear, 
orthogonal  grid  about  a  given  number  of  bodies  are  firstly,  the  surfaces  of  the  bodies 
must  themselves  be  grid  lines  and  secondly,  the  grid  must  extend  to  regions  at  infinity. 
These  two  conditions  then  respectively  allow  accurate  implementation  of  the  surface  and 
far-field  boundary  conditions.  For  the  case  of  a  single  aerofoil,  Sells^  showed  that 
such  a  grid  is  produced  by  conformally  transforming  the  region  exterior  to  the  aerofoil 
onto  the  interior  of  a  circle.  Considerable  advantages  are  obtained  by  using  a  uniform 
polar  grid  which  results  in  a  non-uniform  grid  in  the  aerofoil  plane  with  mesh  density 
greatest  in  the  most  important  regions. 

The  method  adopted  herein  for  a  two-element  aerofoil  also  makes  use  of  conformal 
mapping.  Through  subsequent  transformations,  described  below,  the  two  aerofoils  are 
mapped  onto  two  concentric  circles,  whereby  the  annular  region  between  the  circles 
represents  the  external  region  about  the  aerofoils.  Thus  a  system  of  polar  coordinates 
in  the  annular  region  corresponds  to  an  orthogonal  grid  in  the  plane  of  the  aerofoils. 

Such  a  transformation  was  first  introduced  by  Ives^.  However  his  approach  involves  a 
laborious  mapping  procedure  whereas  the  present  scheme  is  much  simpler  and  computationally 
more  efficient. 


Fig. 3  shows  the  intermediate  stages  of  the  transformation.  As  an  example  the  case 
of  a  main  aerofoil  and  flap  is  sketched.  First  the  flap  in  the  physical  (z)  plane  is 
mapped  onto  a  near  circle  in  the  z^-plane  by  using  the  corner  removing  Karman-Tref f tz 
transformation  given  by 
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and  t  is  the  trailing  edge  angle  of  the  flap.  The  transformation  is  singular  at  the 
points  Zj  and  zN  and  these  are  respectively  placed  at  the  trailing  edge  and  at  a  point 
midway  between  the  nose  of  the  flap  and  its  radius  of  curvature.  Since  the  above 
mapping  function  involves  a  fractional  power,  enforcing  the  continuity  of  the  argument 
of  the  bracketed  term  in  Eq.(l)  as  the  aerofoil's  contour  is  traversed  ensures  that  the 
correct  root  is  taken.  The  mapping  of  the  flap  onto  a  near  circle  distorts  the  main 
aerofoil.  A  second  application  of  the  Karman-Tre f f t z  transformation,  this  time  to  the 
image  of  the  main  aerofoil,  produces  a  near  circle  in  the  Z2~plane  while  the  image  of 
the  flap  although  slightly  distorted,  remains  a  near  circle. 


The  third  step  is  to  translate  the  coordinate  system  of  the  Z2_plane  to  the 
centroid  of  the  near  circle  representing  the  main  aerofoil.  This  improves  the 
convergence  of  a  mapping  series  used  in  the  next  stage.  However,  in  many  cases,  the 
Karman-Tre f f t z  transformation  as  given  by  Eq.(l)  produces  a  near  circle  whose  centroid 
lies  close  to  the  origin  of  the  mapped  domain  and  thus  this  translation  is  not  absolutely 
necessary.  The  fourth  step  is  to  map  the  near  circle  representing  the  main  aerofoil  in 
the  Z2-plane  onto  a  unit  circle  in  the  z-j-plane.  This  transformation  is  effected  using 
the  Theodorsen*^  mapping  series  given  by 
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A  practical  method  of  carrying  out  this  mapping  using  Fast  Fourier  techniques  is 
given  by  Ives  although  it  appears  that  some  of  his  equations  are  printed  incorrectly. 
Theodorsen's  transformation  also  distorts  the  flap  image  and  this  distortion  is 
calculated  iteratively  from  Eq.(2)  using  a  suitably  large  value  of  zj  to  initiate  the 
process . 


The  next  step  is  an  inverse  bilinear  transformation  of  the  Z3~plane  whereby  the 
external  region  is  mapped  onto  the  annular  region  in  the  z^-plane  bounded  by  a  unit 
circle  representing  the  main  aerofoil  and  a  near  circle  representing  the  flap.  This 
transformation  is  carried  out  using  the  mapping  function 
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where  zQ  is  a  complex  constant.  A  large  contour  taken  at  infinity  in  the  Zj-plane  maps 
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onto  the  point  denoted  by  '«•'  in  the  z^-plane  and  given  by 
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It  is  essential  for  the  convergence  of  the  mapping  series  to  be  used  for  the  final  trans¬ 
formation  that  the  image  of  the  near  circle  under  the  above  transformation  is  centrally 
positioned  inside  the  unit  circle  by  determining  the  constant  zc  as  follows: 


(a)  Set  zj}  equal  to  the  approximate  centre,  e.g.  the  mid-point  of  a 
diameter,  of  the  near  circle  in  the  Zj-plane. 


(b) 

(c) 


Carry  out  the  - ans f o rma t ion  using  Eq.(3)  and  determine  the  approximate 
centre,  say  z^c,  of  the  resulting  near  circle  in  the  z^-plane. 


By  reversing  Eq.(3),  a  new  value  of  z  n+1  is  then  given  by 


i 

2c  = 


i*; 

_  i 

f 

v\ 

\ 

V  ' 

{ **« 

-  <  J 

(d)  Using  the  latest  value  of  zc,  repeat  steps  (b)  and  (c)  until  z^c  is 
approximately  equal  to  zero. 


(5) 


The  last  step  is  to  map  the  near  circle  representing  the  flap  in  the  z^-plane  onto 
an  exact  circle  of  radius  &  in  the  o-plane  while  the  image  of  the  main  aerofoil  is  kept 
a  unit  circle.  This  is  accomplished  by  using  the  Garrick^  transformation 
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By  using  a  method  analogous  to  that  of  Theodorsen's  mapping  series,  the  coefficients  and 
the  radius  R  of  the  above  series  may  be  determined.  The  real  constant  b  is  chosen  such 
that  the  image  of  the  trailing  edge  of  the  main  aerofoil  lies  on  the  real  positive  axis 
of  the  o-plane.  The  image  of  infinity  and  that  of  the  trailing  edge  of  the  flap  are 
obtained  iteratively  from  Eq.(6). 

The  above  int  lediate  transformations  thus  effectively  map  the  surfaces  of  the 
two-element  configi  -ion  and  the  external  region  of  the  physical  plane  respectively 

onto  the  c i r c umf e r e  . c e s  of  two  concentric  circles  and  the  annular  region  between  them. 

A  large  contour  taken  at  infinity  in  the  physical  plane  maps  onto  the  point  denoted  by 
in  the  o-plane.  Superimposing  a  polar  grid  in  the  annular  domain  and  tracing  its 
image  backwards  through  the  transformations,  we  obtain  an  orthogonal  grid  that  extends 
to  infinity  about  the  two  aerofoils,  whose  surfaces  are  themselves  grid  lines.  Typical 
grids  for  an  ae r o f o i 1 - f 1 ap  and  an  ae ro f o  i  1  - s 1  a t  configurations  are  shown  in  Figs. 5  and 
6  respectively. 


FLOW  EQUATIONS  FOR  A  TWO-ELEMENT  AEROFOIL 


The  steady,  inviscid  and  compressible  flow  is  assumed  to  be  isentropic  and 
i  r ro t a t i ona 1  .  In  cases  when  the  flow  is  transonic  these  assumptions  remain  valid 

provided  only  weak  shock  waves  occur.  Strong  shock  waves  would  in  any  case  tend  to  cause 
boundary  layer  separation  and  buffeting,  calling  for  an  altogether  more  elaborate 
analysis  including  shock  wave  boundary  layer  interaction  and  unsteady  flow.  Also  a 
configuration  on  which  there  were  strong  shock  waves  would  be  undesirable  because  of  the 
accompanying  loss  of  lift  and  drag  rise. 


The  equations  of  the  flow  in  the  physical  (aerofoil)  plane  are  expressed  in 
curvilinear  coordinates  (r,0)  corresponding  to  the  polar  coordinates  in  the  circle  (o) 
plane.  If  B  represents  the  modulus  of  the  mapping  derivative,  i.e. 
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the  curvilinear  metrics  h^  and  t>2  are 
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The  continuity  equation  is  therefore 
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where  $  is  the  velocity  potential  and  p  and  q  respectively  denote  the  density  and  velocity 
vector,  Y  being  the  specific  heat  ratio  and  the  free  stream  Mach  number. 

The  above  three  equations  govern  the  flow  and  the  unknowns  of  the  problem  are  the 
velocity  potential  and  the  density.  Eqs.  (9)  and  (11)  are  two  coupled  non-linear 
equations  for  $  and  p  and  their  solutions  require  an  iterative  process.  Given  an 
approximation  of  p,  Eq.  (9)  may  be  solved  for  $  and  using  Eq.  (11)  the  density  can  then 
be  adjusted  and  the  process  repeated. 

The  velocity  potential  must  satisfy  the  far-field  boundary  condition  in  the 
physical  (2)  plane.  Ludfordl3  showed  that  for  a  large  contour  taken  at  infinity  in  the 

z-plane,  the  expansion  for  the  velocity  potential  is  of  the  form 

jZ5  =  R  (OJ  (if  -  «)  —  ^ — W2~  Fjtan  1  ta*>  (y  —  <*)]  (12) 

where  (R,t(i)  are  polar  coordinates  of  the  physical  plane.  I'm  and  Tp  are  respectively  the 
circulations  about  the  main  aerofoil  and  the  flap  as  shown  in  Fig. 3,  a  is  the  free  stream 
incidence  and  6  is  given  by 
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In  order  to  apply  the  far-field  boundary  condition  in  the  transformed  (a)  plane,  a  net 
relationship  between  the  2  and  a  planes  must  be  deduced  first.  This  is  initiated  by 
considering  a  large  contour  in  the  2-plane  and  tracing  its  image  through  the  transforma¬ 
tions  onto  the  point  (aj .  It  can  be  shown  that  the  relationship  is  given  by 
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which  may  be  abbreviated  to 
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where  the  real  constants  c^  and  C2  are  completely  defined  by  constants  from  the  inter¬ 
mediate  transformations.  Using  Eq.(12)  and  the  above  asymptotic  relation,  the  corres¬ 
ponding  expansion  for  <j>  near  the  point  (o„)  reveals  that  the  overall  transformation 
effectively  maps  a  uniform  flow  in  the  physical  plane  onto  a  doublet  located  at  the 
point  (o„)  in  the  o-plane.  Thus  the  velocity  potential  contains  a  singularity  and  this 
may  be  subtracted  by  introducing  a  reduced  potential,  G.  Fig. 7(a)  shows  the  distribution 
of  the  circulations  in  the  o-plane.  Taking  into  account  that  of  the  flap,  the  expansion 
for  the  velocity  potential  in  the  o-plane  becomes 
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For  the  sake  of  brevity  the  above  equation  is  written  as 

0  =  W(^B)  +  (EM+Ef)Xh»)-£Fe  +  G(<6)  (1! 

In  the  above  form,  the  singularity  of  the  velocity  potential  is  subtracted,  leaving  a 
finite  and  single-valued  reduced  potential.  Thus  instead  of  solving  for  the  singular 
velocity  potential,  we  now  treat  the  regular  reduced  potential  as  one  of  the  unknowns 
of  the  problem.  We  therefore  express  the  governing  Eqs.(9)  and  (10)  in  terms  of  G  and 
these  respectively  become 
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where  Wr,  Xg  ,  Wrr,  and  Xgg  denote  partial  derivatives.  The  partial  differential  Eq.(16) 
is  elliptic  for  subsonic  flow  and  is  mixed  elliptic  and  hyperbolic  when  the  flow  is 
transonic.  It  can  also  be  shown  that  Eq.(16)  reduces  to  the  Laplacian  of  G  in  the 
incompressible  case  when  derivatives  of  the  density  disappear. 

The  boundary  condition  of  zero  normal  velocity  on  the  surfaces  of  the  aerofoils 
implies  that  on  the  grid  line  (r»l)  of  the  a-plane, 
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Similarly  on  the  flap's  surface,  represented  by  the  grid  line  (r=R),  we  have 
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The  circulations  about  the  aerofoils  are  determined  by  satisfying  the  Kutta  condition  at 
the  trailing  edges.  In  order  to  have  finite  velocities  at  the  trailing  edges,  we  must 
impose  the  condition  of  zero  velocity  at  their  images  in  the  a-plane.  Thus  at  these  two 
points,  in  addition  to  the  normal  velocity  being  zero,  the  tangential  velocity  must  also 
vanish.  By  satisfying  the  latter  condition,  two  linear  equations  are  obtained  from  which 
the  circulation  constants  are  given  by 


C  —  [X»].,[^,  *  >,l;j  MJW.  *  If-],  n 

F  M„  -Ms, 

F  =  Ir-L  -[*«)•.•>  ~  K  lilL 

where  (R,0)  and  (1,0)  are  respectively  the  locations  of  the  trailing  edges  of  the  flap 
and  main  aerofoil  in  the  a-plane. 

FINITE  DIFFERENCE  SCHEMES 

The  numerical  solution  of  the  flow  equations  is  carried  out  using  finite  difference 
methods.  For  this  purpose  it  is  convenient  to  perform  the  calculations  on  a  rectangular 
projection  of  the  a-plane  as  shown  in  Fig. 7(b).  The  two  horizontal  sides  of  the 
computational  grid  represent  the  two  aerofoils'  surfaces  while  the  two  vertical  sides 
are  topologically  identified  because  of  the  periodicity  of  6.  The  mesh  spacing  is  Ar 
and  A8. 

For  subsonic  flow,  the  partial  derivatives  of  the  reduced  potential  G, occurring  in 
the  governing  Eqs.(16)  and  (17)  are  approximated  using  central  d i f f erences such  that 
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and  similarly  for  the  derivatives  of  the  density.  Substituting  the  above  approximations 
into  Eq.  (16)  and  assuming  a  given  set  of  density  values  at  the  mesh  points,  a  linear 
equation  for  G(i,j)  in  terms  of  its  neighbouring  values  is  given  by 


—  TG  (sj)  ■+■  Q& (l+i j)  +  s  G-(tj+i)  T"&(i->j)+ VC(s j-<)+ f  *  0  <23> 

where  P,  Q,  S,  T,  V  and  f  involve  the  density  and  its  derivatives  and  are  evaluated  at 
the  point  (i,j).  Applying  the  above  equation  at  every  interior  mesh  point  of  the  grid, 
gives  a  set  of  linear  equations  which  in  matrix  form  may  be  written  as 

Cc]  [Gr]  -  [D]  <2*> 

where  the  coefficient  matrix  [c] ,  is  of  block  tridiagonal  form.  A  direct  solution  for 
the  unknown  column  vector  [g]  requires  an  inversion  of  the  coefficient  matrix  and  in 
general  this  is  not  practicable  because  of  its  large  size  even  when  dealing  with  a 
coarse  grid.  Since  the  density  values  are  not  yet  known,  the  determination  of  [g]  at 
this  stage  only  represents  one  cycle  of  a  main  iterative  process  and  thus  a  direct 
inversion  of  the  coefficient  matrix  is  not  necessary. 

The  method  adopted  herein  is  an  iterative  process  akin  to  the  point  Gauss-Siedel 
scheme  with  successive  relaxation  and  is  1  -d  on  the  fact  that  the  coefficient  of 
G(i,j)  is  comparatively  larger  than  those  of  the  neighbouring  points.  Given  an 
approximate  set  of  values  Gn  at  the  mesh  points,  a  better  value  Gn+3  is  obtained  by 
rewriting  Eq.(23)  as 

G  (i.j)  -  G  (*, j )  +  -p- 1  Q & (i+'.j)  -*■  T Cr  O-1,))*  VG  (25) 

where  w  is  a  relaxation  factor.  As  the  whole  of  the  interior  grid  is  swept  through 
column  by  column,  the  above  equation  updates  the  value  of  G  at  every  interior  mesh 
point.  On  the  horizontal  sides  of  the  grid  where  boundary  conditions  of  zero  normal 
velocity  given  by  Eqs.(18)  and  (19)  apply,  second  order  one-sided  differences  are  used  to 
approximate  the  r-derivatives  .  Consequently  the  boundary  values  of  G  on  the  grid  lines 
(i*l)  and  (i»I)  are  respectively  related  to  the  interior  values  by 
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where  a  relaxation  factor  may  again  be  used. 

The  Kutta  condition  given  by  Eqs.(20)  and  (21)  then  allows  the  evaluations  of  new 
values  of  the  circulation  constants.  Since  the  trailing  edge  of  the  flap  does  not  lie 
at  a  grid  point,  interpolation  is  required  to  evaluate  the  derivative  of  G  occurring  in 
Eq . ( 20)  . 

For  a  starting  approximate  set  of  values  of  G  and  p  together  with  a  starting 
approximation  of  the  circulation  constants,  the  above  procedure  yields  better  values  of 
G  and  the  circulation  constants.  These  new  values  are  then  used  to  readjust  the  density 
at  every  mesh  point  .  First  the  velocity  is  calculated  using  Eq.(17),  then  new  values 
of  the  density  are  obtained  from  Eq.(ll).  The  latest  values  of  the  density  can  now  be 
used  to  repeat  the  process  until  both  the  reduced  potential  and  the  density  converge  to 
a  set  tolerance  . 

In  the  transonic  case,  information  propagates  through  the  supersonic  zone  in  the 
streamwise  direction.  Thus  it  is  important  to  simulate  the  directional  bias  of  the  flow 
in  the  numerical  calculation.  The  computational  grid  is  therefore  subdivided  into  sweep 
directions,  reminiscent  of  those  used  by  Grossman  and  Melnik5*,  as  shown  in  Fig. 7(b). 

The  line  (r  *  r„)  represents  the  radial  coordinate  of  the  image  of  infinity  in  the  o-plane 


The  horizontal  lines  interior  to  r,*  surround  the  flap  whereas  those  exterior  surround  the 
main  aerofoil.  The  transonic  difference  scheme  used  is  essentiall"  that  of  Human  and 
Cole*1.  Marching  in  the  prescribed  sweep  directions,  the  velocity  at  each  interior  mesh 
point  is  calculated  using  cen t r a  1  d i f f erence s  of  frozen  values  of  G  of  the  previous 
iteration.  Ac  subsonic  points  the  governing  equation  is  discretized  using  central 
d i f f e r enc e s a s  previously  described.  At  supersonic  points,  first  derivatives  of  G  are 
approximated  using  central  d i f f e renc e s and  backward  differences  are  used  for  all  second 
derivatives  of  G  in  the  8-direction,  such  that 

tffr  _  Gft.j)-*Gfr, 

8*  (AC)’ 

with  appropriate  changes  when  the  sweep  direction  is  in  the  0-decreasing  sense.  Also, 
at  supersonic  points  derivatives  of  the  dens  i  t  y  occurr ing  in  the  governing  equation  are 
evaluated  by  first  expanding  them  in  order  to  reveal  their  dependences  on  the  derivatives 
of  G  which  are  then  approximated  as  above.  For  example  from  Eq.(ll),  we  have 


where  the  derivatives  of  the  velocity  can  be  expressed  in  terms  of  derivatives  of  G 
using  Eq.(10).  The  finite  difference  scheme  effectively  yields,  for  every  interior  mesh 
point,  an  equation  relating  G(i,j)  to  its  neighbouring  values.  This  equation  depends  on 
whether  the  flow  at  the  point  (i,j)  is  subsonic  or  supersonic.  The  boundary  and  the 
Kutta  conditions  and  the  density  readjustment  are  analogous  to  the  entirely  subsonic  case. 


RESULTS  FOR  TWO-ELEMENT  AEROFOILS 

Using  the  method  of  images,  analytical  solutions  for  the  incompressible  flow  past 
two  particular  configurations  (Fig. 4)  were  presented  by  Williams4.  The  incompressible 
case  in  the  present  method  is  obtained  by  fixing  the  density  at  all  mesh  points  to  the  free 
stream  value.  Comparisons  of  pressure  distributions  for  one  of  the  test  cases  are  given 
in  Fig. 8.  The  agreement  with  the  exact  solution  is  good  although  small  discrepancies 
are  present  due  to  a  grid  size  effect.  The  variation  of  the  reduced  potential  G,  on  the 
grid  line  (r  =  1)  which  represents  the  main  aerofoil's  surface  is  shown  in  Fig. 9.  Due 
to  the  smoothness  of  the  curve  coupled  with  the  fact  that  it  is  defined  pointwise  at 
small  equal  interval s ,  interpolation  of  high  order  can  be  used  to  obtain  solution  at  non¬ 
grid  points.  For  example  by  fitting  a  cubic  spline  through  the  curve  of  the  interpolated 
region  shown  in  Fig. 9,  which  corresponds  to  a  region  near  the  leading  edge  of  the  main 
aerofoil,  derivatives  of  G  may  be  evaluated  to  give  the  pressure  at  corresponding  points 
on  the  main  aerofoil.  Comparison  of  the  interpolated  result  with  the  exact  solution  is 
shown  in  Fig. 10.  Again  the  agreement  is  good. 

The  incompressible  solution  is  a  good  starting  approximation  for  subsonic 
calculations.  Over  relaxation  is  used  in  Eq.(25)  during  the  iterative  process. The  solution 
is  obtained  when  both  the  density  and  the  reduced  potential  converge  to  a  tolerance  of 
5  x  10'5.  The  pressure  distributions  for  the  slat  and  main  aerofoil  case  in  an  entirely 
subsonic  flow  are  given  in  Fig. 11.  It  is  noted  that  there  is  a  significant  decrease  in 
the  lift-coefficient  of  the  slat  compared  to  the  incompressible  case  while  there  is  little 
change  on  the  surface  of  the  main  aerofoil  except  for  a  marked  drop  in  the  pressure  peak 
near  the  leading  edge.  Since  the  reduced  potential  remains  a  smoothly  varying  function 
and  since  all  of  the  flow  parameters  may  be  calculated  from  the  derivatives  of  G,  inter¬ 
polation  as  described  earlier  can  again  be  used  to  obtain  more  details  in  regions  of  mesh 
sparcity.  The  Mach  number  effect  on  Williams's  Test  Case  (B)  is  shown  in  Fig. 12  and  the 
corresponding  effect  on  the  lift-coefficient  is  given  in  Fig. 13. 

In  the  transonic  case,  for  slightly  supercritical  flow  in  the  absence  of  shock 
waves,  the  program  developed  works  without  difficulty.  However,  as  the  supersonic  zones 
that  develop  on  the  surfaces  of  the  aerofoils  grow  larger  and  stronger  due  to  an  increase 
in  the  free  stream  Mach  number,  the  iterative  process  showed  signs  of  oscillation  when 
over  relaxation  was  used.  In  order  to  achieve  convergence  under  relaxation  was  used  at 
supersonic  points.  The  pressure  distributions  for  a  transonic  flow  past  Williams's 
configuration  (B)  are  shown  in  Fig. 14,  where  Cp*  denotes  the  critical  pressure  coefficient. 
Supersonic  zones  occur  on  both  the  main  aerofoil's  and  flap's  surfaces  and  in  the  former 
case,  a  shock  wave  is  also  formed. 


j-Q  +  G-(sj-a)  .  ^ 


a.  A-*- A  8 


(28) 


GRID  GENERATION  FOR  A  THREE-ELEMENT  AEROFOIL 

Whereas  for  a  two-element  aerofoil,  it  was  possible  to  initialise  the  grid  genera¬ 
tion  process  by  transforming  the  two  aerofoils  onto  two  concentric  circles,  a  direct 
extension  of  this  approach  for  a  thr ee -e 1 emen t  configuration,  such  as  a  mapping  onto 
three  concentric  circles,  is  not  possible  because  of  the  multiple  connectivity  of  the 


physical  do-ann.  A  method  based  on  conformal  mapping  was  introduced  by  Halsey  .  His 
approach  essentially  uses  branch  cuts  to  string  together  the  components  of  the  configur¬ 
ation.  The  resulting  body  is  then  treated  as  a  single  body  and  mapped  onto  a  circle. 
However  in  cases  where  the  components  of  the  given  configuration  overlap  each  other, 
Halsey's  scheme  tends  to  generate  grids  that  are  extremely  sparse  in  the  regions  between 
overlapping  elements.  Since  overlapping  is  a  very  common  feature  from  the  practical 
point  of  view,  this  is  a  serious  drawback. 

The  present  method  also  makes  use  of  string  mapping,  but  ideas  from  the  two-element 
transformation  are  employed  to  ensure  that  the  generated  grid  is  well  defined  in  the  over¬ 
lapping  regions.  Fig. 15  shows  a  sketch  of  the  transformation  of  a  three-element  aero¬ 
foil.  The  intermediate  transformations,  as  described  below,  effectively  introduces  a 
branch  cut  to  string  together  two  of  the  components  of  the  configuration  thus  reducing 
the  degree  of  connectivity  of  the  domain.  The  stringed  components  may  be  regarded  as  a 
single  body  and  therefore  a  three-element  configuration  is  reduced  to  a  two-element  case. 
Consequently,  following  a  method  analogous  to  that  described  previously,  the  resulting 
two  bodies  are  mapped  onto  two  concentric  circles. 

The  first  step  is  to  map  the  three  aerofoils  onto  three  near  circles  in  the  z^-plane, 
by  a  triple  application  of  the  Karman-Trefftz  transformation  given  by  Eq.(l),  once  for  each 
aerofoil.  The  second  step  uses  the  two-element  mapping  procedure  to  transform  the  images 
of  the  main  aerofoil  and  the  flap  onto  two  concentric  circles  in  the  o-plane  except  that 
this  time  the  image  of  the  slat  is  carried  through.  The  third  step  is  a  bilinear  trans¬ 
formation  of  the  o-plane  such  that  the  point  representing  infinity  maps  onto  the  origin 
of  the  o^-plane.  This  transformation  also  keeps  the  shape  of  the  image  of  the  main 
aerofoil  a  unit  circle  and  is  given  by 

-i  8. 


<s—  = 


6"  -r-  e-t  — 


where  (r^.fl^)  denotes  the  polar  coordinates  of  the  image  of  infinity  in  the  o-plane.  A 
straight  line  branch  cut  as  shown  in  the  o^-plane  is  then  introduced  to  string  together 
the  near  circle  representing  the  slat  and  the  circle  representing  the  flap.  The  branch 
cut  passes  close  to  the  image  of  infinity  and  this  is  a  vital  feature  which  determines 
the  length  of  the  cut  in  the  physical  plane.  The  stringed  body  is  treated  as  a  single 
bod/  by  storing  its  coordinates  in  a  continuous  manner.  The  fourth  step  is  to  stretch- 
open  the  stringed  configuration.  This  may  be  visualised  by  imagining  the  two  ends  of 
the  branch  cut  to  extend  in  both  directions  to  points  inside  the  near  circle  and  the 
circle.  Then  by  placing  the  two  singularities  of  Eq.(l)  at  the  two  imaginary  ends  of  the 
cut,  the  Zhukowski  transformation  which  is  a  special  case  of  Eq.(l)  when  T  is  zero,  can 
be  used  to  map  the  two  sides  of  the  branch  cut  onto  two  circular  arcs  as  shown  in  the 
J2”Plane-  This  step  is  necessary  in  order  to  ensure  and  improve  convergence  of  the 
Theodorsen  mapping  series  to  be  used  later,  and  it  also  distorts  the  image  of  the  unit 
circle  of  the  o^-plane.  The  resulting  configuration  has  four  corners.  These  discontin¬ 
uities  in  slope  are  removed  by  applying  the  Ka rman-Tr e f f t z  transformation  once  at  each 
corner.  Theodorsen's  mapping  series  can  now  be  used  to  map  the  smooth  body  onto  a  unit 
circle  in  the  o^-plane.  Finally  the  Garrick  transformation  produces  the  t:nal  configura¬ 
tion  of  two  concentric  circles  by  mapping  the  outer  near  circle  representing  the  main 
aerofoil  onto  a  circle  of  radius  r  while  the  shape  of  the  inner  unit  circle  is  preserved. 
The  surfaces  of  the  slat  and  the  flap  together  with  the  two  sides  of  the  branch  cut  are 
now  represented  by  the  circumference  of  the  unit  circle  in  the  £-plane. 

Since  the  external  region  about  the  t hr e e -e 1 eme n t  aerofoil  is  now  confined  to  the 
annular  domain  of  the  £-plane,  a  system  of  polar  coordinates  in  this  annular  region 
corresponds  to  an  orthogonal  grid  in  the  physical  plane.  Also  the  surfaces  of  the 
aerofoils  and  the  sides  of  the  branch  cut  are  grid  lines  in  the  transformed  plane.  Fig. 16 
shows  the  type  of  grid  generated  by  the  above  scheme.  We  note  the  desirable  high 
concentration  of  grid  points  in  the  overlapping  regions.  Contrary  to  Halsey's  method,  we 
also  note  that  the  branch  cut  is  well  defined  in  terms  of  grid  points.  This  is  an 
important  factor  which  enhances  the  implementation  of  the  reentrant  boundary  conditions 
when  considering  the  flow  problem. 


OUTLINE  OF  METHOD  OF  SOLUTION  FOR  A  TH RE E -ELE MENT  AEROFOIL 

The  formulation  of  the  flow  problem  for  the  t h r e e -e 1 eme n t  case  is  similar  to  that 
of  the  two-element  configuration.  The  overall  transformation  of  the  three-elenent  aero¬ 
foil  is  summarised  in  Fig. 17  which  also  shows  the  representations  of  the  individual 
circulations  in  the  £-plane.  An  expansion  for  the  velocity  potential  and  also  the 
definition  of  the  reduced  potential  become 

$  e)  =  W(<&)  +  (  Ef-*-  Es)  X  (^,B)  -(Ef+  £s)&  +  &  (■r,®)  <31> 

where  E s  represents  the  circulation  constant  for  the  slat.  The  above  equation  then  leads 
to  a  similar  analysis  to  that  of  the  two-element  case.  However  two  major  differences 
arise.  Firstly,  the  Kutta  condition  to  be  satisfied  at  all  three  trailing  edges  yields 
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three  non-linear  equations  for  the  three  circulation  constants.  These  may  be  solved  using 
a  three-dimensional  Newton-Raphson  iteration  process.  Secondly,  because  of  the  intro¬ 
duction  of  the  branch  cut,  reentrant  boundary  conditions  must  be  applied  on  the  two  sides 
of  the  cut  in  the  computational  plane  shown  in  Fig. 17.  This  condition  can  be  implemented 
in  the  numerical  procedure  by  requiring  the  velocities  at  grid  points  on  one  side  of  the 
cut  to  be  equal  to  the  velocities  at  corresponding  points  on  the  other  side  of  the  cut. 
This  scheme  will  require  some  measure  of  interpolation  since  grid  points  on  one  side  of 
the  cut  do  not  correspond  to  grid  points  on  the  other  side.  The  finite  difference 
schemes,  the  choice  of  suitable  sweep  directions  for  the  transonic  case  and  the  numerical 
method  of  solution  are  analogous  to  the  two-element  case. 


CONCLUSIONS 

For  the  two-element  aerofoil  case,  the  grid  generation  method  based  on  conformal 
mapping  and  applicable  to  two  aerofoils  of  arbitrary  shapes,  becomes  a  simple  scheme 
resulting  from  modifications  made  to  Ives's  method.  The  compressibility  effects  in  the 
flow  are  fully  implemented  in  the  formulation  of  the  flow  problem.  The  t ype -d i f f erenc  ing 
used  in  the  numerical  calculation  which  are  performed  on  a  rectangular  grid,  leads  to  an 
iterative  process.  A  working  computer  program  has  been  developed  which  gives  reliable 
results  for  the  incompressible,  subsonic  compressible,  and  transonic  cases.  The  method 
of  solution  has  also  proven  capable  of  predicting  weak  shock  waves  in  the  solution.  In 
regions  of  relative  sparseness  of  the  grid,  the  smoothness  of  the  converged  solution  for 
the  reduced  potential  in  the  transformed  plane,  allows  interpolation  of  high  order  to  be 
used  to  '■'btain  solution  at  non-grid  points.  One  of  the  long  termaims  of  this  work  is  to 
include  the  viscous  effects  of  the  flow.  This  may  be  initiated  by  modifying  the  present 
program  tc  include  a  preliminary  calculation  of  the  boundary  layer  thickness  and  wakes 
from  t1'.  inviscid  results. 

For  the  three-element  configuration,  the  grid  generation  method  emerges  from  ideas 
used  for  the  two-element  case  together  with  Halsey’s  concept  of  string  mapping.  The 
result  is  a  grid  that  is  well  defined  in  the  overlapping  areas  of  the  configuration  and 
is  possibly  the  best  that  may  be  obtained  from  conformal  mapping  methods  without 
coordinate  stretching.  There  is  some  scope  for  extending  the  present  approach  to 
configurations  of  more  than  three  components  although  this  would  require  extra  effort  in 
terms  of  intermediate  transformations  involved.  The  analysis  of  the  flow  problem  is 
analogous  to  that  of  the  two-element  case  and  a  program  is  currently  being  developed. 
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Fig.  2  Flow  chart  for  inviscid-viscous  iterative  calculation. 
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Fig,  11  Pressure  distributions  for  Slat-Aerofoil  configuration  in  subsonic  flow. 
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With  the  objective  to  evaluate  vthe  capabilities  of  a  computer  program  system  for  the  aerodynamic  design 
of  multi-element  airfoils,  a  two-element  airfoil  design  study  has  been  performed,'^ In  the  present  study  a  two 
dimensional  wing-slat  combination,  tested  earliepirl  the  wind  tunnel,  was  selected  as  the  starting  configu¬ 
ration.  From  these  tests,  the  "takeoff  condition"  for  this  configuration  appeared  to  suffer  from  an  early 
turbulent  boundary  layer  separation  on  the  main  wing  upper  surface  resulting  in  high  drag  values.  To  improve 
the  drag  characteristics,  a  new  slat-wing  configuration  has  been^designed.  The  design  -wahy  focussed  on  the 
main  wing  nose  geometry  at  the  slat-wing  intersection. 

Both,  the  original  and  the  new  slat-wing  configuration  have  been  tested  in  the  NLR  low  speed  wind  tun¬ 
nel  LST  3x2  at  'M°°'  =  0.19  and  Rec  =  3.1  x  10°.' The  tests  showed  a  substantial  improvement  in  the  drag  char¬ 
acteristics  for  the  new  configuration  and  unchanged  maximum  lift  properties  (in  takeoff  condition). 


1.  INTRODUCTION 

The  design  of  the  high  lift  system  of  an  airplane  is  perhaps  one  of  the  most  complicated  aerodynamic 
design  problems.  Strong  mutual  interferences,  large  viscous  effects  and  rigid  geometry  constraints  have  to 
be  dealt  with.  In  the  past,  the  high  lift  design  process  relied  largely  on  empiricism  and  wind  tunnel  testing 
procedures.  More  recently  computational  methods  for  both  the  analysis  and  design  of  high  lift  configurations 
have  become  increasingly  important. 

Nowadays  several  computational  methods  for  the  design  and/or  analysis  of  high  lift  configurations  can 
be  found  in  the  literature  (see  e.g.  Refs.  1-6).  Based  upon  an  aerodynamic  design  philosophy  which  involves 
the  use  of  inverse  methods  to  generate  shapes  that  will  produce  desired  pressure  distributions  (Fig.  1), 
Labrujfere  at  NLR  has  developed  the  design  system  MAD  (Multi-element  Airfoil  Design).  Like  most  of  the  exis¬ 
ting  methods,  MAD  has  been  based  upon  an  integral  equation  method  (panel  method)  for  incompressible  potential 
flow.  A  possibly  unique  feature  of  the  code  is  that  it  contains  means  for  explicit  control  of  the  geometry. 

The  computer  program  system  is  based  on  a  method  which  solves  the  inverse  aerodynamic  problem  in  an  approx¬ 
imate  way  subject  to  geometric  constraints.  A  priori  specified  aerodynamic  requirements  (surface  pressure 
distribution)  and  geometry  requirements  are  both  fulfilled  approximately.  The  deviations  from  the  requirements 
are  minimized  in  a  least-squares  way,  introducing  weight  factors  to  emphasize  locally  either  the  aerodynamic 
-  or  the  geometry  requirements. 

To  evaluate  the  applicability  of  the  design  system  MAD,  it  was  decided  to  perform  a  design  study  for  a 
two-dimensional  wing  with  leading  edge  slat.  The  problem  is  representative  for  that  of  a  transport  airplane 
operating  out  of  high  altitude  airfields  (Refs.  7,  8)  requiring  a  high  lift-to-drag  ratio  at  takeoff.  A  two- 
dimensional  high  lift  configuration  tested  earlier  in  the  NLR  low  speed  wind  tunnel  LST  3  x  2  ra  was  selected 
as  the  starting  configuration. 

In  chapter  2  of  the  present  paper,  a  brief  description  is  presented  of  the  design  system  MAD.  The  actual 
leading  edge  slat  design  is  described  in  chapter  3.  The  new  slat -wing  configuration  was  tested  in  the  wind 
tunnel  and  some  of  the  test  results  are  presented  in  chapter  ^  together  with  some  results  of  the  baseline 
configuration. 

2.  DESIGN  PROCEDURE 

"MAD"  stands  for  an  interactive  computer  aided  design  system  for  two-dimensional  (multi-element)  airfoils 
in  incompressible  potential  flow*).  The  system  is  based  on  the  use  of,  alternating,  direct  and  inverse  second 
order  panel  methods  utilizing  the  surface  doublet  distribution  formulation.  Both  the  doublet  distribution  and 
the  airfoil  contour  are  approximated  by  means  of  quadratic  functions  (Ref.  9). 

Labrujere  solves  the  design  problem  for  multi  element  airfoil  configurations  by  formulating  the  object 
functional : 

F  -  fS(F?  +  F2  +  F2)ds 
o  t  n  g 

with 

Ft  =  Wt^t  ""  )  =  weighted  deviation  from  a  prescribed  target  velocity 

F  =  W  .  <t  -  weighted  deviation  from  zero  normal  velocity 

n  n  n 

F  =  W  ( Z  —  Z  )  =  weighted  deviation  from  starting  (target)  geometry 

g  g  o 

* )  The  system  has  recently  been  extended  with  possibilities  for  viscous  flow  analysis  (MADV).  However,  this 
option  was  not  yet  available  at  the  time  of  the  present  design  study. 
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Minimizing  this  object  function  results  in  an  (multi  element)  airfoil  configuration  fulfilling  approximately 
a  priori  specified  aerodynamic  and  geometric  requirements.  The  object  function  is  minimized  by  varying  the 
doublet  strengths  and,  as  far  as  admitted  by  the  designer  (by  prescribing  Wg)  the  coordinates  of  the  geometry. 
By  taking  W()  large  in  comparison  with  Wt  and  Wg,  the  solution  approximates  the  boundary  condition  of  zero 
normal  velocity  at  the  airfoil  contour  sufficiently  close.  The  aerodynamic  designer  chooses  initial  geometry, 
target  design  pressure  distribution  and  the  weight  functions.  The  latter  may  be  adjusted  during  the  design 
process  to  relax  or  enforce  geometric  constraints.  The  system  involves  a  data  base  in  which  all  data  gener¬ 
ated  during  the  design  process  are  stored  such  that  the  user  can  recall  previous  results  at  will.  Options 
for  interactively  modifying  the  design  parameters  (weight  functions,  geometry,  target  pressure  distribution) 
and  an  interactive  geometry  routine  (smoothing,  interpolation)  form  part  of  the  design  system. 

A  general  view  of  the  iterative  design  process  is  presented  in  figure  2.  It  proceeds  as  follows: 

1.  The  user  chooses  a  starting  geometry  and  a  target  design  pressure  distribution.  These  are  fed  into  the 
system  either  from  file  or  by  means  of  a  graphical  tablet  or  from  the  data  base  saved  from  an  earlier 
session. 

2.  Additional  design  requirements,  such  as  possible  constraints  on  the  geometry  are  selected  and  a  new  con¬ 
figuration  is  determined  by  means  of  the  design  calculation  method 

3.  Review  of  the  resulting  configuration  may  lead  to  changing  the  design  requirements  and  determining  a  new 
starting  configuration.  However,  in  general  the  flow  properties  of  the  new  configuration  will  first  be 
analyzed  by  means  of  the  analysis  method.  Then  the  user  may  proceed  with  a  next  design  iteration  or; 

1.  if  the  user  is  satisfied  with  the  degree  of  fulfillment  of  the  design  requirements,  the  flow  properties 
can  be  analyzed  for  off  design  conditions  (e.g.  another  angle  of  attack,  different  mutual  positions  of  the 
airfoil  elements)  also  by  means  of  the  analysis  method. 

S,  The  whole  design  process  can  be  concluded  by  presentation  of  the  results  by  means  of  off-line  plots  and 
tables. 


3.  DESIGN  OF  THE  NEW  CONFIGURATION 
i.  1  General 

As  mentioned  above,  the  aim  of  the  present  design  study  is  to  re-design  a  two  dimensional  slat -wing 
configuration  with  the  objective  to  improve  the  drag  characteristics  at  takeoff  condition,  without  affecting 
the  maximum  lift.  The  starting  configuration  has  been  depicted  in  figure  3  (slat  in  takeoff  position).  The 
wind  tunnel  tests  of  this  configuration  (see  also  chapter  )  gave  a  maximum  lift  coefficient  Clmax  «  3 
(Rec  =  3.  1  x  !0b).  The  design  liftcoef f icient  of  the  present  study  was  therefore  chosen  as  Cl<ies  »  2.1, 
being  the  "takeoff"  liftcoefficient  commonly  defined  at  Cl  »  0.7  Clmax. 

The  measured  pressure  distribution  for  the  starting  configuration  at  Cl  “  2.1  (a  =  20.2°)  is  presented 
in  figure  U.  From  this  pressure  distribution  it  can  be  seen  that  turbulent  boundary  layer  separation  must 
have  occurred  on  the  main  wing  upper  surface  at  about  70  %  chord  (this  has  been  confirmed  by  oil  flow  visual¬ 
ization  tests).  Th :s  suggests  that  a  substantial  drag  reduction  might  be  obtained  when  this  separation  region 
could  be  reduced. 

Because  the  MAD  system  utilizes  potential  flow  methods,  the  first  step  in  the  design  process  was  to  per¬ 
form  some  analysis  calculations  for  the  starting  configuration.  The  purpose  of  this  was  to  determine  the 
potential  flow  angle  of  attack  at  which  the  suction  peak  levels  (and  Cp)  for  the  potential  flow  are  in  rea¬ 
sonable  agreement  with  the  experimental  design  condition.  This  was  found  to  occur  at  o  =  17°  (see  figure  U).») 

In  performing  these  calculations,  the  effect  of  the  separation  bubble  in  the  slat  lower  surface  cavity 
was  simulated  through  an  "effective  bubble  geometry".  This  effective  bubble  geometry  was  determined  by  means 
of  the  MAD  system  by  prescribing  measured  pressure  distributions  for  the  slat  lower  surface.  Strictly  speaking, 
this  bubble  geometry  ought  to  be  adjusted  for  each  flow  condition.  However,  it  was  found  that  the  required 
bubble  geometry  varied  little  within  a  certain  range  of  flow  conditions.  Therefore,  the  bubble  geometry  used 
for  these  analysis  calculations  (covering  only  a  limited  range)  has  been  kept  constant.  The  bubble  geometry 
used  is  indicated  in  figure  3. 

To  start  the  actual  design  computations,  a  set  of  design  requirements  has  to  be  defined,  concerning  both 
the  geometry  and  the  aerodynamics.  The  aerodynamic  requirements  were  chosen  with  the  aim  to  reduce  the  drag 
of  the  baseline  configuration  (without  affecting  maximum  lift  properties)  and  from  the  analysis  presented 
above.  The  aerodynamic  requirements  result  in  the  choice  of  a  design  target  pressure  distribution,  which  will 
be  discussed  in  more  detail  in  paragraph  3.3.  The  geometry  is,  to  a  large  extent,  determined  by  the  geometry 
of  the  basic  airfoil.  In  practice,  detailed  geometry  requirements  follow  from  the  structural  wing  design. 
Because  of  the  fact  that  the  present  design  study  is  not  directed  towards  a  specific  practical  wing  design, 
the  geometry  constraints  were  mainly  based  on  wind  tunnel  model  manufacturing  requirements.  These  geometry 
constraints  are  discussed  in  the  next  paragraph. 

3.2  Geometry  requirements 

For  a  conventional  slat -wing  configuration,  the  slat  geometry  is  largely  determined  by  the  basic  airfoil 
geometry  and  only  a  few  degrees  of  freedom  in  geometry  are  left,  viz. 

-  slat  position 

-  the  intersection  between  main  wing  and  slat 

-  the  slat  chord;  to  a  limited  extent  (see  below) 

The  geometry  was  redesigned  subject  to  the  following  constraints 

-  the  slat  traling  edge  angle  should  be  sufficiently  large  for  model  manufacturing  reasons 

-  the  slat  chord  may  not  exceed  18  %  of  the  basic  airfoil  chord,  as  the  original  wind  tunnel-model  is  built 
up  by  parts  with  partition  at  t3  %  chord. 


*)  The  irregularities  in  the  calculated  suction  peaks  for  the  main  wing  are  due  to  local  curvature  peaks  in 
the  geometry,  showing  up  somewhat  clearer  in  the  calculations  than  in  experiment. 
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Although  these  constraints  have  been  dictated  by  wind  tunnel  model  manufacturing  requirements  one  may  expect 
that  similar  geometry  constraints  apply  in'  a  practical  wing  design. 

3.3  Aerodynamic  requirements  and  target  pressure  distribution 

Under  the  given  circumstances,  the  main  aerodynamic  requirements  are  rather  simple  and  can  be  summarized 
as  follows : 

-  To  reduce  drag,  the  extent  of  the  separation  region  on  the  main  wing  upper  surface  near  the  trailing  edge 
must  be  reduced.  With  the  main  wing  nose  shape  as  the  unconstrained  part  of  the  geometry,  this  reduction 
can  be  obtained  most  effectively  by  trying  to  reduce  the  suction  peak  level  on  the  main  wing  nose. 

-  Decreasing  this  suction  peak  means,  in  general,  decreasing  the  lift  contributed  by  the  main  wing.  So,  pref¬ 
erably,  the  slat  should  contribute  more  lift.  Then,  to  prevent  early  slat  flow  separation  (and  possibly 
decreasing  Cl^ax),  the  dumping  velocity  at  the  slat  trailing  edge  must  be  increased. 

Because,  as  mentioned  before,  the  design  code  MAD  neglects  viscous  effects  the  design  target  pressure 
distribution  must  be  prescribed  in  potential  flow.  Except  for  the  slat  lower  surface,  the  target  pressure 
distribution  has  been  defined  by  means  of  alterations  in  the  potential  flow  pressure  distribution  for  the 
baseline  configuration  (a  =  17°,  GA  =  2.5  %,  ov  =  0,  DS  =  10°).  The  slat  lower  surface  target  pressure  dis¬ 
tribution  has  been  related  to  the  measured  pressure  distribution  on  the  basic  configuration.  The  target  pres¬ 
sure  distribution,  for  the  theoretical  design  condition  (a  =  17°),  was  chosen  as  indicated  in  figure  5.  The 
four  domains  of  main  interest  are  (see  Fig.  5): 

(i)  a  decreased  velocity  peak  on  the  main  wing  upper  surface,  to  improve  the  boundary  layer  characteristics 
and  delay  the  separation 

(ii)  a  more  rapid  expansion  around  the  main  wing  nose,  resulting  in  higher  velocities  in  the  region  where 
the  slat  trailing  edge  is  situated  (see  also  next  item) 

(iii)  an  increase  of  the  slat  dumping  velocity,  to  increase  the  lift  contribution  of  the  slat,  without  in¬ 
creasing  the  risk  of  early  flow  separation  on  the  slat  upper  surface. 

(iv)  an  increase  of  the  slat  lower  surface  pressure  level  (compared  with  the  measured  level  at  a  =  17°), 
again  to  increase  the  slat  lift  contribution  but  at  the  same  time  because  of  possibly  favourable  ef¬ 
fects  on  the  drag.  It  has  to  be  emphasized  that  the  latter  is  highly  speculative  because  the  slat 
lower  surface  pressure  level  will  be  determined  mainly  by  the  viscous  effects  in  the  slat  cavity. 

The  magnitude  of  the  "modifications"  has  been  chosen  '  -her  arbitrarily.  However,  adjustments  can  easily 
be  made  during  the  design  proces. 

3.**  Design  computations 

First  it  should  be  mentioned  that  the  design  computations  do  not  optimize  automatically  for  chord  length. 
For  this  reason,  different  design  runs  were  performed  for  different  slat-  to  wing  chord  ratios. 

In  defining  -  and  adjusting  the  weight  functions,  some  care  must  be  taken  to  prevent  the  system  of 
equations  to  become  underdetermined  by  too  much  freedom  in  both  geometry  and  target  velocity  at  the  same  lo¬ 
cation.  Potential  problem  areas  are  stagnation  regions  and  nose  regions  when  large  geometry  changes  occur. 

In  stagnation  regions,  the  geometry  weight  function  Wg  must  be  /  0  in  order  to  satisfy  the  so-called  regu¬ 
larity  condition  (Ref.  10).  On  the  other  hand,  the  geometry  should  not  be  kept  too  rigid  because  this  would 
jeopardize  the  possibility  to  obtain  an  improved  pressure  distribution.  When  large  geometry  changes  occur, 
the  regularity  of  the  panel  distribution  may  be  disturbed  locally,  resulting  in  numerical  problems.  These 
are  prevented  by  rearranging  the  panel  distribution  from  time  to  time  during  the  iteration  process. 

The  final  results  of  the  design  computations  are  presented  in  figures  6  and  7.  Figure  6a  shows  the  new 
geometry,  together  with  the  original  one.  The  main  wing  nose  has  become  quite  blunt.  The  slat  chord  has  in¬ 
creased  slightly.  In  order  to  prevent  the  slat  trailing  edge  region  from  becoming  too  thin,  the  main  wing 
chord  had  to  be  decreased  a  little.  In  figure  7  the  potential  flow  design  pressure  distribution  for  the  new 
configuration  is  compared  with  the  target  pressure  distribution.  As  can  be  seen,  a  fairly  close  agreement  has 
been  achieved.  The  slat  position  (GA  =  2.7  %,  ov  =  0,  DS  =  6.8°)  differs  only  slightly  from  that  of  the  orig¬ 
inal  configuration,  although  the  slat  position  was  kept  free  during  the  design  computations.  The  design  com¬ 
putations  indicated  that  the  pressure  distribution  is  not  very  sensitive  to  (small)  changes  in  slat  position. 
It  should  be  noted,  however,  that  the  computations  also  showed  that  the  pressure  distribution  is  very  sensi¬ 
tive  to  small  changes  in  the  main  wing  nose  geometry. 


U.  EXPERIMENTAL  VERIFICATION 

The  aerodynamic  properties  of  the  new  configuration  have  been  verified  experimentally  in  the  NLR  LST 
3  x  2  wind  tunnel.  The  tests  comprised  measurement  of  surface  pressure  distributions,  wake  traverses,  bound¬ 
ary  layers  and  flow  visualization  tests  for  several  slat-wing  configurations.  Full  results  of  this  experi¬ 
mental  study  are  to  be  published  elsewhere  (Ref.  11).  However,  the  results  pertaining  to  the  present  design 
study  are  discussed  below.  The  test  results  to  be  shown  have  been  obtained  with  natural  boundary  layer  tran¬ 
sition,  at  a  Reynolds  number  R»c  =  3. 1  x  10^  and  Mach  number  Ma®  »  0.2. 

Several  slat  positions  have  been  investigated  both  for  the  original  -  and  for  the  new  configuration. 
Mainly  on  the  basis  of  optimum  lift  to  drag  ratio,  a  gap  of  GA  =  2.5  i  c,  zero  overlap  (ov  =  0)  and  a  relative 
slat  angle  D3  -  10°  was  selected  as  the  takeoff  condition  for  the  original  configuration.  Subsequent  tests 
with  the  new  design  indicated  a  slightly  different  optimum  situation  viz.  a  gap  of  2  %  c ,  1  %  c  overlap  at 
the  same  relative  slat  angle  of  10°  (see  Fig.  6b).  This  differs  from  the  theoretically  determined  design  po¬ 
sition  (see  previous  chapter).  The  effects  of  this  difference  are,  theoretically  as  well  as  experimentally  of 
minor  importance  at  the  design  condition  (Cl  fa  2.1).  The  reason  to  choose  yet  a  slightly  different  slat  po¬ 
sition  for  the  new  design  is  because  of  a  favourable  influence  on  the  maximum  lift  (the  latter  was  not  ad¬ 
dressed  directly  in  the  theoretical  design  process). 
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Figure  6  shows  the  lift  curve  measured  for  both  configurations.  The  new  design  exhibits  higher  lift 
at  the  same  angle  of  attack,  indicating  reduced  viscous  losses  particularly  in  the  range  1.8  <  Cl  <  Clmax. 
This  is  clearly  reflected  in  the  C^-Cj  curves  (Fig.  9).  At  the  design  condition  ( Cq  »  2.1),  a  drag  reduc¬ 
tion  is  found  of  approximately  30  %. 

Some  typical  measured  pressure  distributions  around  the  design  condition  are  presented  in  figures  10a 
and  b  for  the  slat,  and  in  figures  11a  and  b  for  the  main  wing  (pressure  coefficient  plotted  against  arc 
length  along  airfoil  contour,  with  the  origin  at  the  upper  surface  trailing  edge).  On  the  slat,  as  expected, 
both  the  peak  velocities  and  dumping  velocities  are  higher  for  the  new  configuration.  On  the  main  wing,  a 
substantial  reduction  of  the  peak  velocities  is  obtained,  which  is  also  in  agreement  with  the  design  goal. 

The  latter  has  resulted  in  a  rearward  shift  of  the  separation  position.  This  can  be  seen  from  the  pressure 
distributions  and  was  confirmed  by  flow  visualization  tests.  The  rearward  shift  of  the  separation  point  on 
the  main  wing  is  very  likely  the  main  reason  for  the  lift  increase  and  drag  decrease  (at  constant  angle  of 
attack)  of  the  new  configuration. 

Finally,  figures  12a  and  b  present  some  typical  boundary  layer  velocity  profiles  measured  at  a  =  21.2°. 
For  the  slat  these  were  obtained  near  the  trailing  edge  and  for  the  main  wing  in  a  position  close  to  the  sep¬ 
aration  point  of  the  original  configuration.  The  higher  velocities  in  the  wall  region  for  the  new  configura¬ 
tion  indicate  improved  boundary  layer  conditions  both  for  slat  and  main  wing  (more  remote  from  separation). 

A  small  drawback  of  the  higher  mean  velocities  on  the  slat  upper  surface  appears  in  the  slat  wake  (Fig.  12b) 
as  a  somewhat  larger  velocity  defect,  with  consequently  a  somewhat  larger  drag  contribution  from  the  slat. 
However,  this  is  more  than  compensated  by  the  improvements  in  the  main  wing  upper  surface  boundary  layer 
flow. 


5.  CONCLUDING  REMARKS 

A  two-element  airfoil  design  study  has  been  performed  with  the  primary  aim  to  evaluate  the  applicability 
of  the  interactive  design  system  MAD  for  the  design  of  multi-element  airfoil  configurations.  An  attractive 
aspect  of  MAD  is  the  possibility  to  balance  aerodynamic-  and  geometric  requirements  by  means  of  weight  func¬ 
tions. 

The  study  concerned  the  improvement  of  the  drag  characteristics  of  a  slat-wing  configuration  at  "take¬ 
off"  condition.  Subject  to  certain  geometric  constraints,  a  new  slat-wing  configuration  has  been  generated 
exhibiting  approximately  30  %  lower  drag  than  the  original  configuration  at  the  design  lift  coefficient 
(Cl  <a  2.1)  in  the  wind  tunnel  (Rec  =  3. 1  x  10^),  while  the  maximum  lift  remained  unchanged. 

During  the  design  computations  it  was  found  that  the  flow  around  the  main  wing  nose  is  very  sensitive 
to  small  geometry  changes;  in  the  authors'  opinion  the  detailed  design  of  the  main  wing  nose  geometry  would 
not  have  been  possible  without  inverse  design  computations. 
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SUMMARY 


-  This  paper  describes  a  now  theoretical  representation  of  circulation  control  based  on  discrete  vortex 
modelling  techniques.  The  application  of  discrete  vortex  modelling  to  the  prediction  of  circulation  control  is  initially 
presented  for  the  Coanda  flow  of  a  wall  jet  around  a  circular  cylinder  in  a  free  stream.  The  decay  in  the  jot 
momentum,  due  to  viscous  and  entrainment  effects,  has  been  represented  in  the  model  by  decaying  the  strength  of  each 
vortex  as  it  flows  downstream  from  the  slot.  The  model's  application  has  then  been  extended  to  predict  the  effect  of 
circulation  control  on  other  shapes  of  aerofoil.  The  paper  includes  the  application  of  the  model  to  an  elliptic  section  as 
an  example  of  any  aerofoil  section  that  can  bo  represented  in  a  potential  flow.  The  model  has  had  considerable  success 
in  predicting  the  lift  produced  from  such  bodies  duo  to  the  jot,  but  information  about  the  drag  requires  additional 
modelling  of  the  surface  boundary  layer.  A  similar  technique  has  been  used  to  represent  the  boundary  layer  by  discrete 
vortices  and  doublets.  The  model's  prediction  has  been  compared  with  the  experimental  data  of  an  unblown  circular 
cy  lindor.  ' 
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INTROOUCTIUN 

The  concept  of  circulation  control  for  high  lift  generation  was  developed  in  the  early  1960's  at  the  National 
Gas  Turbine  Establishment  and  has  sinco  been  investigated  by  a  number  of  researchers.  Early  work  in  the  subject  had 
investigated  the  lift  and  drag  characteristics  of  two-dimensional  circular  and  elliptic  cross-sections  with  circulation 
control  (References  1-4).  Later  work  extended  the  application  of  circulation  control  concept  to  helicopter  rotors 
(References  5-6).  The  main  current  research  effort  is  the  X-wing,  being  developed  for  the  US  Navy  and  DARPA 
(References  7-9). 

Circulation  control  relies  for  lift  generation  on  the  ability  of  a  wall  jot  to  control  the  separation  point  at 
the  bluff  trailing  edge  of  an  aerofoil.  Conventional  aerofoils  feature  a  sharp  trailing  edge  which  effectively  determines 
the  location  of  the  rear  stagnation  point.  The  rear  stagnation  point  of  an  aerofoil  with  a  non-sharp  trailing  edge  is  not 
constrained  in  this  manner,  and  its  location  can  be  controlled  by  a  wall  jot.  Control  of  the  aerofoil  circulation  results 
in,  what  is  known  as,  "circulation  control  by  blowing". 

The  relationship  between  the  lift  generated  by  a  circulation  control  aerofoil  and  the  wall  jot  momentum 
supplied  reflects  a  complex  interaction  of  the  aerofoil  design  parameters.  Factors  influencing  performance  include  the 
aerofoil  shape,  lea  'ing  and  trailing  edge  design,  blowing  slot  width  and  the  numbor  of  slots  as  well  as  slotfe)  position. 
The  performance  of  an  arbitrary  circulation  control  aerofoil  is  determined  by  the  interaction  of  those  design 
parameters.  If  a  theoretical  model  does  not  correctly  represent  the  effects  of  those  parameters,  it  will  fail  to  model  an 
arbitrary  circulation  control  aerofoil.  The  lack  of  a  generalized  performance  prediction  method  has  restricted 
circulation  control  development  and  applications  despite  its  promising  performance. 

2. 1  CONVENTIONAL  CIRCULATION  CONTROL  MODELLING 

Thcro  have  boon  several  offorts  to  predict  the  performance  of  an  arbitrary  circulation  control  aerofoil,  all 
based  on  a  conventional  boundary  layor  approach  to  tho  problem.  This  approach  was  dovolopod  initially  by  Dunham 
(Reference  10)  to  predict  tho  flow  about  a  circular  cylinder  fitted  with  a  wall  jot  oxhausting  noar  tangentially  to  its 
surface.  Dunham's  method  rolicd  on  tho  conventional  boundary  layer  and  wall  jot  calculations  to  dccido  tho  pressures  at 
the  separation  points  on  tho  uppor  and  lowor  surfaces.  A  solution  was  reachod  when  a  cortain  jet  strongth  satisfied 
Thwaitos  condition  (Roferencc  11)  of  equal  separation  pressures  at  the  uppor  and  lowor  surfaces. 
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The  model's  accuracy  of  prediction  depended  on  the  assumptions  made  regarding  the  wall  jet 
representation,  flow  entrainment  from  the  outer  flow  to  the  jet,  and  the  separation  criterion.  Dunham's  model 
satisfactorily  predicted  circulation  control  performance  trends  at  low  momentum  coefficients  (Figure  1).  However,  the 
numberical  accuracy  became  poor  at  high  momentum  coefficients  with  small  slot  widths  or  when  analysing  single  slot 
models.  This  accuracy  reflected  the  sensitivity  of  the  model  to  the  treatment  of  separation  and  entrainment.  These 
became  significant  considerations  when  the  length  of  the  surface  between  the  blowing  slot(s)  and  the  separation  point 
was  large,  either  at  high  momentum  coefficient,  or  when  only  one  slot  was  employed  at  a  position  far  from  the 
separation  point. 

Similar  methods  have  been  developed  (References  12-13),  but  ail  these  methods  relied  on  successful 
development  of  semi-empirical  expressions  to  treat  turbulent  boundary  layers  and  wall  jets  over  curved  surfaces  in  the 
presence  of  an  arbitrary  pressure  gradient.  Although  encouraging  results  have  been  obtained  using  this  technique,  a 
more  fundamental  approach  is  desirable.  It  is  desirable  that  such  an  approach  should  be  sufficiently  general  to  allow 
treatment  of  the  many  applications  of  boundary  layer  control  and  Coanda  flows  in  contemporary  aerodynamics.  A  new 
model  is  developed,  and  described  below,  which  is  based  on  a  discrete-vortex  approximation  to  the  shear  layer  external 
to  a  wall  jet  under  an  external  stream. 

2.2  DISCRETE  VORTEX  MODELLING  OF  CIRCULATION  CONTROL 

Discrete-vortex  modelling  consists  of  the  representation  of  a  shear  layer,  by  a  number  of  discrete  vortex 
filaments  surrounded  by  an  inviscid,  irrotational  flow.  Deformation  of  the  sheet  is  calculated  by  evaluating  the  velocity 
induced  at  each  element  by  the  remaining  elements  and  satisfying  the  boundary  conditions  of  the  initial  flow.  Discrete- 
vortex  modelling  has  been  applied  to  a  wide  range  of  flows  which  include  shear  layerfe).  Rosenhead  (Reference  14) 
applied  this  technique  to  the  shear  layer  formed  between  two  uniform  streams  of  flow  with  equal  speed  in  opposite 
directions.  The  same  technique  was  used  to  represent  the  two  shear  layers  separating  a  stream  from  an  exterior  stream 
flowing  with  equal  speed  in  the  opposite  direction  (Reference  15).  Gerrard  (Reference  16)  adapted  this  approach  to 
model  the  wake  shed  by  a  bluff  body,  the  shear  layer  at  the  wake  boundary  being  represented  by  discrete  vortices 
introduced  into  the  flow  at  successive  time  steps. 

The  application  of  this  technique  to  circulation  control  was  developed  initially  for  circular  cylinders 
(Reference  17),  then  extended  later  for  other  forms  of  aerofoils  (Reference  18).  Several  modifications  and 
developments  have  been  introduced  since,  and  the  latest  form  of  the  models  is  presented  below. 

3.1  MODEL  DESCRIPTION 

Initially,  the  flow  about  a  circular  cross-section  in  a  uniform  stream  is  modelled  with  zero  circulation.  The 
circular  boundarv  is  formed  by  introducing  a  doublet  into  the  uniform  stream.  The  shear  layer  formed  at  the  edge  of 
the  jet  is  represented  by  a  series  of  discrete  vortices.  The  shear  layer  is  formed  as  the  jet  emerges  from  the  slot,  so 
the  vortices  are  introduced  progressively  to  simulate  the  growth  of  the  jet  as  it  leaves  the  slot  and  flows  downstream. 
The  first  vortex  is  introduced  at  a  point  above  the  circular  boundary  where  the  slot  is  located.  The  distance  of  this 
point  from  the  boundary  is  the  slot  width.  The  vortex  is  accompanied  by  an  image  v  ortex  inside  the  boundary,  with  the 
same  strength  but  opposite  sense  of  rotation.  The  position  of  the  image  vortex  is  decided  by  the  equation: 

RvRi  =  r2o  (1) 

where  Rv  :  Radial  distance  of  the  vortex 

Rj  :  Radial  distance  of  the  image  vortex 

R0  :  Radius  of  the  circular  boundary 

The  reason  for  introducing  the  image  vortex  i3  to  preserve  the  shape  of  the  circular  boundary  by  ensuring 
the  absence  of  any  normal  velocity  at  the  circular  boundary.  The  external  vortex  moves  a  specified  distance  step  after 
calculating  the  induced  velocities  on  this  vortex  by  all  elements  of  the  flow  field,  including  its  image.  The  image 
vortex  position  is  readjusted  according  to  equation  (1),  while  a  new  vortex  is  introduced  at  the  slot  lip  with  its  new 
image.  The  process  is  repeated,  allowing  each  vortex  to  move  a  distance  proportional  to  the  time  taken  by  the  initial 
vortex  to  move  over  the  fixed  distance-step,  and  also  to  the  local  velocity  of  the  vortex  in  question.  After  each  step,  a 
new  vortex/image  is  introduced  at  the  slot  lip.  The  process  leads  eventually  to  a  sheet  of  discrete  vortices  as  shown  in 
Fig.2. 


3.2  JET  DECAY 

In  the  real  flow,  the  jet  momentum  decays  due  to  viscous  and  mass  entrainment  effects.  As  a  segment  of 
the  jet  mass  flow  leaves  the  slot  and  flows  downstream,  a  gradual  loss  of  its  momentum  occurs  due  to  viscosity  and 
entrainment  from  the  external  flow.  This  loss  in  momentum  may  be  represented  in  the  model  by  the  use  of  a  time 
dependent  vortex  decay.  The  rate  of  loss  of  momentum  is  expected  to  be  in  proportion  to  the  initial  jet  momentum  and 
the  external  flow  momentum.  Therefore,  an  arbitrary  form  of  decay  has  been  adopted  in  the  model  by  reducing  the 
vortex  strength  as  it  flows  from  the  slot.  Assuming  that  the  initial  strength  of  the  vortex  is  (y^),  then  its  strength  will 
be  reduced  to  the  value 

y(t)  =  Y0.F.XP(-  KU»Y0t/d)  (2) 

Uoo:  Free  stream  velocity 
d  :  Distance  step 
t  :  Time  age  of  the  vortex 
K  :  Arbitrary  constant 


where 
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The  value(\,/d)represents  the  circulation  per  unit  length  of  the  shear  layer  when  the  jet  leaves  the  slot,  hence  it  can  be 
used  as  a  measure  of  the  jet  momentum,  the  value  u,»  is  a  measure  of  the  momentum  of  the  external  flow.  The  chosen 
form  of  decay  obeys  the  observed  conditions  that  the  strength  of  the  vortex  becomes  zero  as  its  age  increases 
indefinitely  and  that  its  decay  is  most  rapid,  when  the  vortex  age  is  small  and  the  shear  is  greatest. 

3.3  CALCULATION  OF  THE  LIFT  AND  JET  MOMENTUM  COEFFICIENTS  (CL  and  Cj) 

The  lift  coefficient  (C|_)  is  calculated  by  integrating  the  normal  local  pressure  coefficients  (Cp3  on  the 
circular  boundary,  determined  as  usual  from  * 

cpe  -  1  "  (Vuj2 

where  u,  =  local  velocity  induced  by  all  the  flow  elements. 


The  jet  mass  flow  rate  (in  )  is  defined  as  pVjtj,  where  Vj  is  the  mean  jet  velocity  at  the  slot  exit,  tj  is  the 
jet  thickness  at  the  slot.Vj  is  calculated  in  the  model  as  the  surface  velocity  beneath  the  slot  lip  and  defined  as  Vs.  The 
jet  momentum  is  then  defined  as  the  product  of  rh  and  the  increment  in  surface  velocity  beneath  the  slot(AV)due  to  the 
presence  of  the  jet.  In  defining  this  jet  momentum,  a  primary  consideration  is  that  the  momentum  coefficient 
predicted  should  be  zero  when  no  air  is  supplied  to  the  blowing  system.  Therefore  the  jet  momentum  coefficient  is 
calculated  as: 


z  ‘zV 


Cj  =  (Vs  AV  tj)/(u i  Ro) 

where  Vs  is  the  total  surface  velocity  at  the  slot  and  A V  is  the  velocity  induced  at  the  surface  by  the 
vortices  only. 

4.1  MODEL  CONVERGENCE  AND  SENSITIVITY  TO  VORTEX  SPACING 

The  lift  and  momentum  coefficients  will  be  reliably  predicted  when  the  following  conditions  are  met:- 

1)  the  geometry  of  the  jet  sheet  should  stabilise  so  that  the  introduction  of  additional  vortices  have  no 

effect  on  it 

2)  the  vortex  spacing  used  to  model  the  jet  sheet  should  not  affect  the  lift  and  momentum  coefficients. 

In  the  previous  sections  it  has  been  shown  that  the  process  of  introducing  vortices  at  the  slot  lip  eventually 
led  to  a  fixed  geometry  for  the  jet  sheet  which  was  unaffected  by  the  introduction  of  further  vortices  at  the  slot  lip, 
thus  satisfying  condition  (1)  above. 

Condition  2  was  tested  by  evaluating  Cl  and  Cj  for  different  values  of  the  vortex-distance  ratio  (d*  =  d/R) 
for  appropriate  initial  vortex  strengths  y0  determined  so  that  Yo/dU„  remained  constant.  Figures  3  and  4  show  that  the 
predicted  values  of  Cl  and  Cj  is  strongly  dependent  on  the  vortex-distance  ratio  d'.  The  curves  of  both  figures  suggest 
that  there  are  unique  values  of  Cl  and  Cj  when  d'  =  O.  The  curves  do  not  continue  to  d'  =  0  because  the  effect  that  one 
vortex  induced  on  its  immediate  neighbours  became  very  large  at  small  d'  and  the  resultant  motions  of  the  sheet  are 
best  described  as  chaotic.  To  solve  this  problem,  a  vortex  splitting  process  has  been  adopted,  as  explained  below. 

4.2  VORTEX  SPLITTING 

In  order  to  study  the  convergence  of  the  model's  prediction,  further  reduction  in  the  vortex  distance  is 
needed,  without  altering  the  contour  of  the  vortex  sheet.  Reduction  of  the  vortex  distance  is  possible  by  splitting  the 
vortices  after  the  sheet's  contour  has  been  established.  Each  vortex  in  the  sheet  is  divided  into  a  group  of  sub-vortices. 


The  sub-vortices  are  spread  along  the  Line  separating  this  vortex  from  the  next  one.  The  strength  of  each  sub-vortex  is 
calculated  in  proportion  with  the  general  decay  of  the  sheet  as  expressed  in  equation  (2),  provided  that  the  total 
strength  of  a  group  of  sub-vortices  equals  the  strength  of  the  original  vortex  which  was  split.  This  has  similarities  to 
Maskew's  work  (Ref.  19). 

The  splitting  process  allows  an  indefinite  reduction  in  the  vortex  distance  without  altering  the  contour  of 
the  vortex  sheet,  or  the  circulation. 

Figures  5  and  6  show  the  results  obtained  by  introducing  the  splitting  process  to  the  model.  The  figures 
show  that  both  Cl  and  Cj  continue  to  converge  towards  ultimate  values,  as  suggested  before  by  Figures  3  and  4.  A 
wider  range  of  investigation  on  different  circular  cylinders  has  concluded  that  if  the  vortex  distance  is  eventually 
reduced  to  0.1  per  cent  of  the  cylinder's  radius,  the  predicted  Cl  and  Cj  values  will  converge  to  within  0.5  per  cent  of 
its  ultimate  values.  The  ultimate  values  are  those  expected  if  the  vortex  distance  is  reduced  to  zero,  i.e.  when  the 
vortex  sheet  becomes  a  continuous  sheet  of  vorticity.  The  model,  in  this  form,  has  successfully  represented  a 
continuous  sheet  of  vorticity  by  a  discrete  vortex  model. 

5.1  COMPARISONS  WITH  EXPERIMENTAL  DATA 

The  mathematical  model  has  been  applied  to  a  wide  range  of  circular  cylinders  and  its  predictions 
compared  with  the  corresponding  experimental  data.  The  application  has  covered  different  circular  cylinder  designs 
and  flow  conditions.  A  variety  of  circular  cylinders  have  been  tested  and  reported  in  Ref. (2).  Two  of  those  models  have 
been  chosen  to  demonstrate  the  vortex  model's  prediction  capability.  Figure  7  shows  the  comparison  for  a  single  slot 
model  (ROMNEY  MODEL  2  BUILD  4)  at  two  angles  of  attack.  Figure  7a  represents  the  case  when  the  slot  was 
located  at  the  top  dead  centre,  with  the  wind  tunnel  speed  at  M»=  0.2.  In  Figure  7b  the  slot  was  moved  2CP  8ft  from  top 
dead  centre,  while  the  tunnel  speed  was  at  M„=  0.34.  The  prediction  has  been  calculated  in  each  case  for  different 


values  of  the  arbitrar>  constant  (K),  defined  in  the  decay  equation  (2).  The  model  gives  an  excellent  prediction  of  the 
experimental  results  when  K  =  0.165.  Despite  the  differences  in  free  stream  velocity  and  slot  position,  the  same  value 
of  K  has  produced  equally  good  agreement  with  the  experiment  shown  in  the  second  case  (7b). 

A  different  model  (ROMNEY  MODEL  2  BUILD  2)  has  been  used  for  further  comparison.  The  model 
employed  two  slots,  one  at  top  dead  centre  and  the  other  at  30°  downstream,  while  the  wind  tunnel  speeds  were  M„  = 
0.2  and  0.32,  as  shown  in  Figure  (8).  The  discrete  vortex  model  has  been  applied  in  this  case  by  introducing  vortices 
from  the  two  slots  simultaneously.  Both  sheets  have  the  same  intensity  of  vorticity,  the  total  jet  momentum 
coefficient  is  the  sum  of  both  jet  momentum  coefficients.  The  motion  of  each  vortex  is  decided  by  the  velocity  induced 
on  this  vortex  by  all  vortices  in  both  sheets.  Figure  8  shows  that  the  prediction  is  consistent  with  that  produced  in  the 
single  slot  model,  since  the  value  of  K  remains  virtually  unchanged.  The  comparison  of  the  discrete  vortex  model's 
prediction  with  other  circular  cylinders  has  produced  the  same  conclusion.  The  value  of  K  remains  near  constant  in  all 
cases,  regardless  of  the  model's  dimension,  slot(s)  position  on  free  stream  velocity.  A  similar  conclusion  has  been 
obtained  when  the  model  is  applied  to  cross-sections  other  than  circular.  An  example  of  this  application  is  shown 
below. 

5.2  APPLICATION  OF  THE  MOOEL  TO  ELLIPTIC-SECTIONS 

The  discrete-vortex  modelling  may  be  used  to  represent  a  jet  on  other  cross-sections.  The  modelling  can 
be  applied  to  any  section  provided  that  it  can  be  represented  by  potential  flow  elements  such  as  doublets,  sinks,  sources, 
etc.  This  representation  is  essential  because  it  is  used  as  a  starting  point  for  the  discrete  vortex  modelling.  However, 
an  alternative  method  to  predict  the  performance  of  a  specified  cross-section  is  to  use  the  conformal  transformation. 
If  the  required  section  can  be  produced  by  a  suitable  conformal  transformation  from  a  circular  section,  then  the 
velocity  distribution,  as  predicted  from  the  model  discussed  above,  can  be  transformed  to  predict  the  performance  of 
the  required  section.  This  method  has  been  used  to  predict  the  performance  of  an  elliptic-section.  The  Kutta- 
Zhukovsky  transformation  has  been  used  to  calculate  the  velocity  distribution  on  the  elliptic  boundary  which  allows  the 
calculation  of  both  lift  and  jet  momentum  coefficients  of  the  ellipse. 

A  comparison  with  experimental  results  is  shown  in  Figure  9.  The  experimental  model  is  Allcock's  elliptic 
section  10/A  (Reference  3),  the  section  has  a  thickness  chord  ratio  of  20%,  with  the  slot  located  at  a  position  of  0.874C 
from  the  leading  edge,  C  being  the  chord  of  the  ellipse.  Figure  9  shows  a  similar  result  to  that  demonstrated  for  the 
circular  section.  A  value  of  K  within  the  range  of  0.15-0.165  brings  the  model's  prediction  into  very  good  agreement 
with  the  experimental  data,  further  supporting  the  thought  that  K  may  be  a  constant  irrespective  of  section. 

6. 1  BOUNDARY  LAYER  MOOELLING  BY  DISCRETE-VORTICES 

The  previous  discussion  has  shown  that  the  discrete  vortex  modelling  of  the  jet's  shear  layer  successfully 
predicts  the  lift  produced  from  an  arbitrary  aerofoil  section  with  circulation  control.  The  model  in  its  present  form 
cannot  provide  a  prediction  of  the  drag  produced  from  such  an  aerofoil.  An  accurate  prediction  of  the  drag  requires 
additional  modelling  of  the  surface  boundary  layer.  The  surface  boundary  layer  is  a  shear  layer  which  forms  on  the 
aerofoil  boundary  due  to  the  "non-slip"  condition  at  the  surface.  The  surface  shear  layer  is  formed  between  a  zero- 
velocity  surface  and  an  external  flow  of  non-zero  velocity,  while  the  jet  shear  layer  is  formed  between  a  high  velocity 
jet  flow  and  an  external  slower  velocity  flow.  Therefore  the  surface  shear  layer  can  be  considered  as  a  sheet  of 
vorticity  similar  to  that  of  the  jet  but  with  the  opposite  sense  of  circulation.  While  the  jet  sheet  speeds  up  the  flow  at 
the  upper  surface,  the  boundary  layer  sheet  tends  to  slow  the  flow  down.  Therefore  the  circulation  in  the  two  sheets 
will  be  opposite.  A  discrete  vortex  model  of  the  boundary  layer  on  an  unblown  circular  section  has  been  developed  prior 
to  combining  it  with  the  jet  model  in  order  to  predict  both  lift  and  drag. 

6.2  UNBLOWN  CIRCULAR  SECTION  BOUNDARY  LAYER  MODEL 

A  model  of  discrete  vortices,  which  represent  the  boundary  layer,  must  satisfy  the  boundary  conditions  of 
the  flow  in  this  layer.  The  velocity  profile  inside  the  boundary  layer  should  satisfy  the  two  basic  conditions  of  zero 
velocity  at  the  surface  and  a  velocity  at  the  outer  edge  of  the  profile  equal  to  that  of  the  potential  flow.  The  presence 
of  the  vortices  should  create  a  velocity  field  which,  when  combined  with  the  potential  flow  field,  leads  to  a  velocity 
profile  similar  to  that  measured  in  the  boundary  layer.  Figure  10  explains  how  a  pair  of  vortices  (vortex  +  image) 
create  a  velocity  profile  that  alters  the  potential  flow  profile  into  one  similar  to  that  of  a  boundary  layer.  The 
magnitude  of  the  velocities  in  the  vortex  profile  depend  on  the  strength  and  position  of  the  vortex  relative  to  the 
circular  boundary,  as  well  as  the  angular  distance  of  the  vortex  from  the  control  point  A. 

To  calculate  the  strength  of  the  vortex,  consider  a  control  area  as  shown  in  Figure  11.  The  area  lies 
between  two  arbitrary  angular  positions  (01,  62),  its  internal  edge  is  the  circular  cylinder  surface  and  the  outer  edge 
lies  in  the  flow  just  outside  the  boundary  layer.  The  total  circulation  bounded  by  this  area  can  be  calculated  as: 


where  q  =  the  velocity  tangential  to  the  area's  boundary 
and  ds  =  element  of  distance  along  the  area's  boundary 

Since  q  =  0  along  the  circle  surface 

f*b  rRb 

%2  dr  +  0  +  j  q"l  dr 

0  J  R0  R0 

where  qt  :  Potential  flow  tangential  velocity 

qn  :  Normal  velocity  inside  the  boundary  layer 
0  :  Angular  position  measured  from  the  leading  edge 
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Assuming  that  the  change  in  the  normal  velocity  between  positions  6j  ande2  is  negligible,  i.e. 


*t>2 

-  Ro 

>ei 


it 


d9 


(3) 


The  circulation  calculated  in  this  way  satisfies  the  conditions  of  zero  surface  velocity,  and  that  the 
velocity  outside  the  boundary  layer  is  that  of  the  potential  flow.  However,  if  equation  (3)  is  applied  for  the  vortices  at 
positions  of  0>9O°,  the  calculated  circulation  will  decrease  as  e  increases  because  of  the  reduction  in  qt  .  This  is  not 
physically  acceptable,  since  the  boundary  layer  vorticity  has  to  increase  because  it  represents  the  momentum  destroyed 
by  the  surface.  Therefore  it  has  been  assumed  that  the  vortex  strength  remains  constant  for  the  region  6  >90°.  The 
complete  modelling  of  the  boundary  layer  starts  by  dividing  the  layer  along  the  surface  into  (n)  control  areas  of  equal 
angular  width.  The  circulation  within  each  box  is  calculated  according  to  equation  (3)  or  according  to  the  assumption 
mentioned  above,  then  each  calculated  circulation  is  concentrated  in  a  single  vortex  at  the  middle  angular  position 
between  9yand  02(Fig.ll).  The  distance  of  each  vortex  from  the  circular  surface  is  decided  by  applying  the  condition  of 
zero  velocity  at  (n)  control  points  on  the  circle.  The  control  points  are  chosen  at  the  intermediate  angular  positions 
between  the  vortices.  These  points  are  used  as  reference  points  for  calculating  the  velocity  profiles  across  the 
boundary  layer.  The  application  of  zero  velocity  condition  leads  to  (n)  algebraic  equations  which  can  be  solved  to 
calculate  the  exact  positions  of  the  vortices.  The  model  adopts  two  groups  of  (n)  discrete  vortices  to  represent  the 
boundary  layer  at  the  upper  and  lower  surfaces,  but  only  (n)  algebraic  equations  are  solved  because  of  the  symmetry  of 
the  flow  on  both  surfaces.  The  velocity  profile  has  been  calculated  at  each  control  point,  and  the  outer  edge  of  the 
profile  (Rb)  is  considered  to  be  reached  when  the  calculated  velocity  equals  that  of  the  potential  flow. 

The  calculated  velocity  profile  has  been  used  to  calculate  the  displacement  thickness  at  each  control  point. 
The  displacement  thickness  is  calculated  from  the  equations: 


where  dy  :  distance  element  along  the  radial  direction 
5<j  :  Displacement  thickness 
PF  denotes  the  original  potential  flow 
BL  denotes  the  boundary  layer  due  to  vortex  flow 

This  equation  is  driven  from  the  definition  of  the  displacement  thickness  as  the  distance  by  which  the 
potential  flow  streamlines  are  displaced  by  the  presence  of  the  boundary  layer. 

The  pressure  coefficient  at  this  point  is  then  defined  as 

Cp  =  l-  (qtd/Uo)Z 

where  qtc|  is  the  tangential  potential  flow  velocity  at  the  distance  R<j-  The  pressure  coefficient  distribution  along  tire 
surface  is  used  to  correlate  the  model's  prediction  with  the  experimental  data.  To  complete  modelling  the  flow  around 
the  circular  cylinder,  it  is  necessary  to  model  the  separated  flow  region  behind  the  cylinder.  The  position  of  the 
separation  point  is  decided  from  the  calculated  velocity  profiles  by  using  the  definition  of  separation.  The  separation 
point  is  defined  as  the  point  where  the  surface  shear  stress  vanishes,  i.e.  when  the  tangential  velocity  gradient  at  the 
surface  becomes  zero  Qjt/3yis=  0.  This  gradient  has  been  calculated  from  the  velocity  profile  at  each  control  point  until 
its  value  reaches  zero.  The  separation  is  considered  to  occur  at  this  position  and  the  seporation  pressure  coefficient  is 
taken  as  the  pressure  coefficient  of  this  point.  Since  the  separated  flow  region  has  constant  pressure,  it  is  simulated  by 
introducing  a  number  of  doublets  on  the  surface  between  the  separation  points.  The  strength  of  these  doublets  are 
decided  by  applying  the  condition  of  constant  separation  pressure  at  the  control  points  in  the  separated  area. 

The  model's  prediction  of  the  pressure  coefficient  distribution  has  been  compared  with  Achenbach '  s  data 
(Reference  20)  for  a  supercritical  flow,  i.e.  the  turbulent  boundary  layer  is  fully  developed.  Figure  12  shows  the 
comparison  between  experiment,  potential  flow  and  model's  prediction.  The  figure  shows  how  the  number  of  vortices 
ha3  affected  the  predicted  separation  position  and  pressure.  It  has  been  found,  as  suggested  by  the  figure,  that  the 
prediction  converges  rapidly  as  the  number  of  vortices  increases.  If  the  number  is  increased  more  than  60,  there  is 
little  effect  on  the  predicted  position  and  pressure  at  separation.  Apart  from  the  region  between  9  =  85°  and  105°,  the 
prediction  has  produced  a  very  good  agreement  with  the  experimental  data.  The  deficiency  in  the  prediction  in  this 
region  is  probably  due  to  the  assumption  of  constant  vorticity  in  the  region  of  9  >  90°.  The  model's  prediction  is 
expected  to  improve  if  the  vorticity  increases  in  this  region  rather  than  remaining  constant.  Further  investigation  is 
required  to  find  a  formula  governing  the  growth  of  vorticity  in  this  region.  The  drag  coefficient  Cq  has  been  calculated 
by  integrating  the  predicted  pressure  distribution,  and  compared  with  the  experimental  value.  The  predicted  pressure 
distribution  gave  a  value  of  Cq  =  0.768,  while  the  corresponding  experimental  value  was  Cq  =  0.755,  that  is,  an  error  of 
less  than  2%.  The  noticable  error  in  the  model's  prediction  of  the  Cp  distribution  in  the  region  of  105°  >  0  >  85°  has,  as 
expected,  a  very  small  contribution  to  the  calculated  value  of  Cq. 

7.  CONCLUSIONS 

A  theoretical  model  has  been  developed  to  predict  the  performance  of  an  arbitrary  aerofoil  whose 
circulation  is  controlled  by  blowing.  The  model  relies  on  representing  the  existing  shear  layer(s)  by  sheet(s)  of  discrete 
vortices  rather  than  using  the  conventional  boundary  (shear)  layer  analysis.  Initially,  a  model  has  been  developed  to 
predict  the  lift  and  jet  momentum  coefficients  of  a  section  equipped  with  a  slot  which  discharges  a  wall  jet 
downstream.  The  shear  layer  between  the  jet  and  the  external  flow  has  been  represented  by  a  series  of  vortices 
emerging  from  the  slot.  The  model  has  employed  a  form  of  vortex  time  decay  to  simulate  the  real  jet  decay  due  to 
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viscous  and  entrainment  effects.  It  has  boon  assumed  that  the  strength  of  decay  is  in  proportion  to  the  external  flow 
momentum,  the  jet  momentum  and  an  arbitrary  constant  of  docay.  In  comparison  with  experimental  data,  the  model's 
prediction  has  shown  that  the  value  of  this  arbitrary  constant  is  approximately  fixed  despite  the  wide  variations  in 
modol  geometry,  number  of  slots  and  external  flow  velocity.  In  order  to  predict  the  drag  of  the  circulation  controlled 
aerofoil,  a  second  modol  has  been  developed  to  represent  the  boundary  layer  on  an  unblown  circular  aerofoil,  as  an 
initial  stop  towards  combining  tho  two  models  for  the  prediction  of  both  lift  and  drag.  The  boundary  layer,  as  a  shear 
lay  or,  has  boon  represented  in  the  modol  by  a  series  of  discrete  vortices,  while  tho  separated  flow  rogion  has  boon 
simulated  by  a  group  of  doublots.  The  strength  of  vortices/ doublets  has  boon  calculated  using  tho  boundary  conditions 
applicable  to  the  boundary  layer  and  separation  criteria.  Tho  model's  prediction  of  tho  prossure  distribution  around  tho 
surface  has  produced  reasonable  agroomont  with  tho  experimental  data  of  tho  unblown  circular  section.  Tho 
experimental  drag  coefficient  is  predicted  theoretically,  with  an  error  of  only  2%. 

A  combination  of  the  jot  and  tho  unblown  models  is  oxpectod  to  result  in  a  generalized  representation 
which  predicts  both  lift  and  drag  coefficients  of  an  arbitrary  circulation  controlled  aerofoil.  It  is  also  expected  that  by 
combining  the  jot  and  tho  boundary  layer  sets  of  vortices,  an  explanation  for  the  nearly  constant  value  of  decay  in  the 
jet  model  may  be  possible. 
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Fig.1.  Dunhams  prediction  of  the  performance  of  a  circular  cylinder  with 
two  blowing  slots 


Fig. 2.  Elements  of  potential  flow  model 
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Fig. 9.  Allcock  elliptic  model  10 7  A 
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Fig.  10  Boundary  layer  profile  formation  by  vortices 
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SUMMARY 

'''’-  More  accurate  inviscid  and  viscous  flow  models  are  needed  for  simulating  the  main  fea¬ 
tures  of  the  turbulent  bubbles  in  the  near  wakes  behind  airfoils  at  high  angles  of  attack. 

Descriptions  of  these  flows  are  not  suf f icientely  detailed  to  allow  accurate  modelling 
for  the  recirculating  flow  regions. 

Numerical  and  wind  tunnel  experiments  are  required  to  ensure  convergence  criteria  and 
wake  closure  conditions  at  different  Reynolds  numbers. 

A  simple  relation  is  found  which  correlates  the  airfoil  viscous  lift  loss  with  the  lo¬ 
cation  of  the  upper  surface  separation  point  and  lift  predicted  in  full  attached  flow  con'’ 
ditions. 

This  simple  2-D  model  has  been  extended  to  3-D  wing  flows  with  embedded  turbulent  bub¬ 
bles  after  a  set  of  wind  tunnel  experiments  and  oil-flow  visualizations. 

A  fast  and  efficient  method  is  given  for  predicting  spanwise  load  distribution  and 
C_  for  finite  unswept  wings. 

Lmax  »  „  /  /  .  .  . 

1 .  INTRODUCTION 

Large  turbulent  bubbles  may  be  observ.ed  in  the  near  wakes  behind  axysimmetric  and  3-D 
bluff-bodies  as  well  as  behind  airfoils  and  wings  at  high  anglesi*of  attack. 

For  axysimmetric  bodies  detailed  experimental  mean  velocity  profiles  in  the  near  and 
far  wakes  are  available  (Ref.  1)  and  furthermore  the  shape  of  the  turbulent  bubbles  have 
been  correlated  to  the  boundary  layer  momentum  thickness  at  the  separation  points.  Since 
these  points  may  be  easily  predicted  or  fixed,  an  efficient,  fast  and  accurate  computatio 
nal  method  has  been  presented  in  Ref.  2  for  iterative  calculations  of  the  outer  inviscid, 
turbulent  boundary  layers  and  wake  regions,  which  leads  to  a  very  good  agreement  with  the 
experimental  data. 

For  wakes  flows  behind  bluff-bodies  like  car  configurations  up  to  now  the  complex  stru 
cture  of  turbulent  bubbles,  with  and  without  embedded  longitudinal  vortices,  is  studied 
by  qualitative  examination  of  oil-flow  patterns  on  the  body  surface.  Searches  are  in  pro¬ 
gress  for  a  better  comprehension  of  the  wakes  behind  road  vehicles  by  visualizations  of 
measurements  of  total  pressure  with  coloured  isopressure  maps  (Ref.  3),  and  by  some  wake 
surveys  conducted  with  the  ultimated  goal  of  the  drag  prediction  e.g.  (Ref.  4). 

Fig.  1  shows  the  oil-flow  pattern  on  a  notchback  car  configuration  obtained  in  the  small 
scale  test  facility  at  the  Italian  Air  Force  Academy.  The  starting  lines  of  these  wakes 
cannot  be  accurately  predicted  by  the  present  abilities  of  the  3-D  boundary  layer  compu¬ 
tational  methods. 

It  is  well  known  from  the  basic  paper  of  Me  Cullough  and  Gault  (Ref.  5),  that  infinite 
unswept  wings  show  a  turbulent  type  of  stall  which  is  the  representative  mechanism  of  the 
breakdown  of  flow  for  all  airfoils  at  high  Reynolds  numbers  (Re«  >107  )  and  for  thick  air 
foils  at  intermediate  Reynolds  numbers. 

In  the  trailing-edge  separation  region  and  in  the  near  wake  of  these  airfoils  turbulent 
bubbles  are  found  at  moderate  angle  of  attack  a  but  their  effects  increase  with  ct  . 

The  upper  surface  separation  region  is  usually  characterized  by  a  constant  pressure  but 
in  the  near  wake  a  recompression  region  follows  up  to  the  rear  stagnation  point,  the  Clo¬ 
sure  point  of  the  wake  Fig.  2. 

Available  experimental  techniques  for  measuring  mixing  process  in  the  separated  regions 
suffers  from  the  basic  shortcoming  that  flow  separation  from  an  airfoils  is  quite  sensitive 


to  small  change  in  the  ambient  flow  even  at  large  distance.  The  flying  hot-wire,  which  is 
well  usable  to  measure  wake  flows  behind  bluff-bodies,  seems  to  be  a  difficult  tool  for 
airfoil  flows  since  appreciate  interference  effects  became  measurable. 

Consequently  are  very  few  detailed  measurements  of  flow  fields  associated  with  low 
speed  turbulent  boundary  layers  and  wakes  for  airfoils;  are  not  extensive  the  pressure  and 
velocity  surveys  of  the  pre  and  post-separated  regions  on  airfoils  with  rear  separation. 

For  example  Seetharam  and  Wentz  (Ref.  6)  have  measured  for  17%  thick  GA(W)-1  airfoil 
section  at  angle  of  attack  of  10,  14  and  18  deg.  steep  gradients  of  displacement  and  mo¬ 
mentum  thickness  and  of  the  separation  streamline.  Details  of  the  wake  velocity  and  pres 
sure  distributions  were  obtained  at  only  four  stations  and  it  has  been  observed  that  the 
region  of  flow  reversal  terminates  at  the  rear  stagnation  point  within  a  short  distance 
of  less  than  20%  chord  downstream  from  the  trailing-edge  for  the  test  range  of  anqle  of 
attack. 

More  recently  Mehta  and  Goradia  (Ref.  7)  have  published  new  experimental  studies  of 
the  separated  flow  always  over  the  NASA  GA(W)-1  airfoil.  Mean  velocity  profiles,  boundary 
layer  properties  and  skin  friction  distributions  have  been  presented  but  measurements  ha¬ 
ve  not  been  performed  behind  the  trailing-edge. 

Furthermore  experimental  investigations  of  separating  boundary  layers  and  downstream 
wakes  by  Laser-Doppler  velocimeters  have  been  generally  concerned  with  small  regions  of 
separated  flow  and  the  consequent  wakes  (Ref.  8-11). 

Computational  models  based  on  the  solution  of  Navier-Stokes  equations  (Ref.  12  to  19) 
have  been  developed  too  for  flows  when  the  depths  and  lenghts  of  separated  regions  are 
small,  the  downstream  wakes  are  symmetric  or  weakly  asymmetric  and  the  test  Reynolds  num 
bers  are  often  not  of  engineering  interest. 

In  this  paper  the  capabilities  of  boundary  element  methods  for  predicting  airfoil  ty¬ 
pe  flows  at  high  angle  of  attack  are  critically  examined  in  view  of  their  extension  to 
3-D  flows. 

Our  knowledge  and  understanding  of  3-D  separated  flows  is  today  poor  and  computational 
methods  of  3-D  boundary  layers  where  strong  crossflows  are  involved  are  seen  to  be  inade¬ 
quate  for  the  prediction  of  wing  flows  at  high  angle  of  attack.  The  conclusion  is  that 
effects  of  turbulent  bubbles  behind  finite  wings  can  be  calculated  only  by  suitable  exten 
sion  of  simple  2-D  models. 

It  will  be  shown  that  the  2-D  viscous  lift  losses  are  strictly  related  to  the  lenghts 
of  turbulent  bubbles  and  particulary  to  the  distance  of  separation  point  from  the  trai¬ 
ling-edge  even  when  the  recirculating  flow  in  the  turbulent  bubbles  change  almost  abrup¬ 
tly  from  pre-stall  at  post-stall  conditions. 

This  result  has  been  extended  to  3-D  finite  unswept  wings  and  justified  also  with  the 
aid  of  oil-flow  pattern  visualizations. 

By  an  efficient  and  fast  procedure  based  on  a  modified  lifting-line  theory  and  on  2-D 
viscous  calculations  at  several  spanwise  stations  accurate  solutions  for  high  (10.05)  and 
low  (3.1)  aspect  ratio  unswept  wings  have  been  obtained  at  pre  and  post-stall  conditions. 


2.  SIMULATIONS  OF  SEPARATED  FLOWS  BY  BOUNDARY  ELEMENT  METHODS 

A  general  computational  iterative  scheme  for  predicting  inviscid,  viscous  and  wake  re 
gions  is  shown  in  Fig.  3. 

Numerical  predictions  of  pressure  and  skin  friction  distributions  and  the  overall  aero¬ 
dynamic  characteristics  for  airfoils  and  wings  are  currently  very  successful  in  the  aero¬ 
space  industries  when  the  viscous-inviscid  interactions  are  weak,  i.e.  when  small  separa¬ 
tion  regions  are  very  close  to  the  trailing-edges .  These  engineering  solutions  can  be  achi 
eved  in  a  fast  and  economic  way  with  the  today  available  computers. 

At  higher  angles  of  attack  the  viscous-inviscid  interaction  become  more  and  more  seve¬ 
re  up  to  the  dramatic  behaviour  of  flow  at  stall  critical  incidence . 

In  almost  all  the  proposed  methods  inviscid  approximations  are  introduced  for  modelling 
separated  boundary-layers  and  wakes.  Separation  streamlines  or  thin  vortex-sheet  are  cal¬ 
culated  combining  boundary-layer  and  potential  flow  codes  in  an  iteration  cycle. 

In  the  inviscid  problems  Neumann  and  Dirichlet  mixed  boundary  conditions  are  imposed 
on  the  attached  regions  and  on  the  separated  streamlines  respectively.  The  Neumann  con¬ 
dition  on  the  outer  surfaces  of  attached  flow  regions  is  sometimes  imposed  as  an  inter 
nal  Dirichlet  boundary  condition  as  stated  by  known  potential  theory.  This  type  of  condi¬ 
tion  is  then  imposed  everywhere  on  the  boundaries. 

First-order  source  panel  procedures  have  been  used  by  Jacob  (Ref.  20  and  21),  Geller 
(Ref.  22),  Farn  and  al.  (Ref.  23).  Finite  difference  calculations  were  performed  by  Barn 
well  (Ref.  24),  Carlson  (Ref.  25).  First-order  vortex  panel  method  has  been  picked  by 
Dvorak  and  Maskew  (Ref.  26).  These  last  excepted  all  the  other  impose  the  boundary  condi¬ 
tions  in  a  linearized  form  but  even  in  the  free  vortex  sheet  model  of  Dvorak  any  detail 
of  the  flow  within  the  turbulent  bubbles  are  not  given. 

Convergence  criteria  and  wake  closure  have  not  investigated  or  ensured  in  many  of  the 
above  proposed  models. 


Boundary-layer  calculations  are  carried  out  by  integral  methods  in  order  to  reduce  com 
puting  times;  therefore  predictions  of  separation  points  are  not  often  accurate.  In  many 
investigations  locations  of  separation  points  were  prescribed  according  to  the  experimen 
tal  measurements  or  were  arbitrary  fixed. 

Moreover  empirical  relations  have  been  introduced  to  obtain  appropriate  lenghts  of  the 
separation  streamlines  or  vortex  sheets. 

Almost  all  the  mentioned  approximations  have  been  introduced  in  the  computational  mo¬ 
dels  developed  by  Gross  (P.ef.  27),  Zumwalt  and  Naik  (Ref.  28)  and  Zumwalt  and  Elongaven 
(Ref.  29),  even  if  an  attempt  of  simulation  of  turbulent  bubbles  in  the  recompression  re¬ 
gions  has  been  set  up.  The  mixing  process  in  the  outer  part  of  the  bubbles,  from  separa¬ 
tion  to  the  rear  stagnation  point,  is  computed  with  an  adaptation  of  the  Chapman-Korst 
turbulent  mixing  theory  (Ref.  30)  to  the  incompressible  case.  Approximate  elliptic  velo¬ 
city  profiles  are  used  in  the  lower  part  of  the  recirculating  flow  regions. 

As  a  consequence  of  various  simplifying  assumptions  and  approximations  good  correla¬ 
tions  with  the  experimental  data  for  both  pressure  distributions  and  lift  coefficients 
have  been  achieved  in  very  few  cases. 

Generally  the  constant  pressure  level  C  in  the  separation  zone  are  somewhat  lower 
than  experiment;  but  if  C  values  are  in  ifose  agreement  with  experimental  results  the 
same  accuracy  has  not  sholm  to  be  attained  in  the  attached  flow  regions. 

Finally  it  is  unusual  to  see  accurate  predictions  for  the  pressure  drag.  It  must  be 
pointed  out  that  when  weak  viscous-inviscid  interaction  are  taken  in  account  the  compu¬ 
ted  airfoil  drag  characteristics  are  in  very  close  agreement  with  experiment  for  low  and 
intermediate  angle  of  attack  Fig.  4  (Ref.  38).  Conversely  if  some  procedure,  such  as,  for 
example  the  approach  used  by  Dvorak  and  Maskew  (Ref.  26)  gives  reasonable  correlation  with 
experimental  data  at  high  incidence  there  is  to  be  surprised  that  comparisons  of  calcula 

ted  and  experimental  drag  characteristics  at  lower  lifting  conditions  are  worst  as  in 

Fig.  4. 

Really  many  detailed  phisical  aspects  of  the  turbulent  bubbles  are  not  yet  well  Known 
and  the  actual  processes  in  the  separated  region  have  not  been  incluted  in  the  models. 

Some  improvements  can  be  easily  introduced  in  the  computational  elements  and  works 
are  in  progress  to  this  aim  as  shown  in  (Ref.  32) . 

Computational  methods  for  3-D  wing  flows  with  embedded  turbulent  bubbles  at  high  angles 
of  attack  are  very  few.  With  the  potential  code  of  (Ref.  26)  extended  to  3-D  flows,  Summa 
and  Maskew  (Ref.  33)  have  applied  the  vortex  sheet  model  to  a  10°  swept  wing  at  21°  inci¬ 
dence  with  3-D  separation  line  prescribed  according  to  experiment  (approximately  at  6% 

chord) . 

Comparison  of  calculated  and  experimental  pressure  distributions  are  shown  only  at 
two  stations,  but  are  not  reported  neither  the  spanwise  lift  distributions  nor  the  over¬ 
all  lift  and  drag  caef f icients . 

In  section  4  a  simple  and  fast  method  for  evaluating  spanwise  load  distributions  on 
wings  with  extended  separation  within  turbulent  bubbles  will  be  discussed. 

Here  it  should  also  be  stated  some  remarks  concerning  the  basic  weak  point  of  the  pre¬ 
diction  of  separation  at  high  angle  of  attack  when  high  adverse  pressure  gradient  can 
be  met  even  at  a  very  short  distance  from  the  airfoil  leading-edges. 

After  extensive  experimentations  we  have  come,  years  ago,  to  a  conclusion  that  bounda¬ 
ry  layer  calculations  by  finite  difference  methods  such  as  the  modified  Mellor  procedure 
of  (Ref.  34),  lead  to  reasonable  prediction  of  separation. 

At  high  angle  of  attack  two  basic  results  stem  from  our  numerical  experiments: 

1)  the  interactive  flow  w.  =3/Ss(U  6X  ),  computed  at  the  separation  points,  exhibits 
a  maximum  value  just  at^ne  stalling  incidence  (Ref.  35),  Fig.  5.  An  explanation  of 
this  behaviour  may  be  the  following:  the  interactive  normal  flow  w,  increases  with 
a  at  all  the  airfoil  contour  points  and  the  shiftings  of  the  separation  points  (SP) 
are  small  at  pre-stall  conditions.  Just  at  the  stall  angle  of  attack  the  separation 
points  (for  airfoils  with  turbulent  stall)  shift  remarkably  towards  the  leading-edge 
and  there  one  meets  with  a  lower  level  of  interactive  flow; 

2)  a  go-down  of  lift  curves  after  stall  is  attained  without  introducing  any  wake  model, 
using  a  "reduced  perimeter"  in  the  basic  airfoil  circulation  q-n p (Ref .  35,  36)  Fig.  6 


3.  2-D  VISCOUS  LIFT  LOSS 

Global  effects  of  2-D  turbulent  bubbles  on  the  airfoil  lift  could  be  measured  by  the 
two  characteristic  lenghts  of  the  bubbles,  i.e.  the  distance  from  the  trailing-edges  of 
the  upper  surface  separation  points  and  of  the  reattachement  points  in  the  near  wakes. 

Experimental  observations  show  that  the  location  of  wake  closure  does  not  appreciably 
change  with  the  angle  of  attack  at  constant  Reynolds  number. 

The  assumption  is  here  made  that  the  lifting  capability  of  an  airfoil  with  an  embedded 
turbulent  bubble  is  reduced  in  comparison  with  the  full  attached  flow  conditions  in  direct 
ratio  to  the  location,  in  term  of  chord  fraction,  of  the  upper-surface  separation  point 
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where  K  is  a  constant  which  can  be  evaluated  from  experiments. 

The  simple  relation  (1)  comes  from  physical  resonings  as  well  as  from  computations  of 
several  potential  flows  and  turbulent  boundary  layers.  V 

Full  attached  flow  solutions  have  been  obtained  by  higher  order  panel  method  (Ref.  7) . 

Boundary  layer  equations  were  solved  by  the  finite  difference  procedure  of  (Ref.  34). 

Fig.  7  shows  the  calculated  results  (  C  x  )  and  the  experimental  data  (C^ex  )  •*' 

for  a  standard  and  laminar  airfoil.  It  can  be'  obll?ved  that  eq.  (1)  with  K  *  1  is  verSfied 
quite  well  for  NACA  63^-018  and  quantitatively  in  a  less  fashion  for  the  NACA  0012  airfoil 
whose  behaviour  at  the  stall  is  abrupt.  Eq.  (1)  will  be  used  in  3-D  separated  flows  for 
his  simplicity  and  for  the  good  agreement  shown  in  many  2-D  flows  with  turbulent  bubbles. 


4.  CALCULATION  OF  FINITE  WINGS  AT  HIGH  ANGLE  OF  ATTACK 

For  finite  unswept  wings  at  high  lift  and  at  low  speed  the  separation  zone  is  largely 
two-dimensional  except  at  the  wing  tips  and  at  wing-body  junction. 

This  conclusion  has  been  confirmed  too  by  the  oil-flow  visualizations  of  limiting  stre¬ 
amlines  on  the  upper  surface  of  several  rectangular  wings,  with  different  aspect  ratio  and 
thickness. 

Fig.  8  to  10  show  some  oil-flow  patterns  obtained  in  the  low  Reynolds  number  ( 4 — 7 -  1 05  ) 

small  scale  wind  tunnel  at  Italian  Air  Force  Academy. 

Strong  3-D  effects  are  manifest  at  the  wing  tip  and  near  the  tunnel  wall-model  junc¬ 
tion  with  intense  vortices  and  3-D  separated  flows.  In  the  mean  part  of  the  models  either 
in  the  attached  or  even  in  large  separation  regions  the  limiting  streamlines  show  2-D  be¬ 
haviour 

The  assumption  that  for  unswept  finite  wings  the  potential  flows  in  the  streamwise  pla¬ 
ne  of  motion  are  2-D  comes  from  the  Prandtl's  genious.  The  2-D  hypothesis  can  be  extended 
even  for  viscous  flows  once  it  is  known  the  spanwise  distribution  of  the  induced  angle  of 

attack  in  order  to  obtain  the  effective  spanwise  incidence  (a  =  a  +  a  .  ) , 

e  ci  i 

For  small  values  of  a  this  technique  has  been  successfully  applied  in  (Ref.  38)  for 
the  calculation  of  polar  8rag  of  finite  wings  within  an  integrated  computer  system. 

At  higher  angles  of  attack  the  viscous  computations,  at  different  spanwise  stations, 
should  include  simulations  of  2-D  wake  effects.  In  any  case,  once  the  separation  points 
have  been  predicted,  the  lift  curve  slopes  (y) ,  which  are  input  parameters  in  the  lift 

ing  line  theory,  have  been  reduced  according  ?o: 


TT 


[ci°<ylL 


viscous+wake  corrected  ^  *sep 


[culyl] 


full  attached  flow 


(2) 


a 


3-D  inviscid  solutions  have  been  achieved  by  the  Multhopp  method  as  modified  by  the 
first  author  (Ref.  39)  with  a  fast  and  accurate  extension  of  Prandtl's  wing  theory  to 
very  low  aspect  ratio  unswept  wings. 

A  first  set  of  calculations  has  been  carried  out  for  a  10.05  aspect  ratio  tapered  and 
twisted  wing,  experimentally  investigated  in  (Ref.  40). 

Locations  of  separation  points  at  different  angles  of  attack  have  been  obtained  by  vi¬ 
scous  calculations  and  shown  in  Fig.  11.  Spanwise  load  distributions  in  full  attached  flow 
and  with  the  viscous  correction  of  eq.  (2)  can  be  seen  in  Fig.  12,  representing  pre-stall 
(  a  =16°),  stall  (  a  =17°)  and  post-stall  (  a  =18°)  conditions. 

Comparison  of  calculated  lift  coefficients  with  experimental  data  are  quite  satisfacto¬ 
ry  as  shown  in  Fig.  13.  At  a  =17°  the  predicted  maximum  lift  coefficient  is  C  =1.44 
in  good  agreement  with  the  experimental  value  1.43.  At  a  =20°  the  calculated  £max  is 
1.38,  lightly  lower  than  the  measured  value  1.39.  Lmax 

A  second  set  of  numerical  solutions  have  been  achieved  for  a  3.1  aspect  ratio  untwisted 
rectangular  wing  at  a  =22.5°,  recently  investigated  by  Jacob  (Ref.  41).  Jacob's  calculations 
lead  to  an  overprediction  of  the  spanwise  load  distribution  and  of  the  overall  lift. 

The  spanwise  load  distribution  in  full  attached  flow  is  shown  as  the  upper  curve  in 
Fig.  14  and  is  in  very  good  agreement  with  the  solution  of  lifting  surface  theory  used  by 
Jacob. 

The  obtained  spanwise  separation  line  has  been  reported  in  Fig.  15  and  compared  with 
Jacob's  solutions  and  with  experimental  data  from  DLR-FB-2 1-12.  With  the  now  known  x  /c 
new  inviscid  3-D  lifting  line  calculations  have  been  performed,  assuming  for  the  spanw?se 
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2-D  lift  curve  slopes  values  corresponding  to  the  proposed  equation  (2) . 

The  calculated  spanwise  lift  distribution  for  the  given  wing  with  extended  separation 
(  a=22.50)  is  given  in  Fig.  14  and  is  found  in  a  closer  agreement  with  experiment  than 

Jacob's  solutions. 

It  is  necessary  to  point  out  that  our  viscous  calculations  for  seven  stations  in  the 
halfspan  need  for  21  minutes  on  an  IBM  3032  in  comparison  with  the  about  1  hour  CPU-time 
on  an  IBM  370/158  computer  spent  in  the  Jacob's  calculations. 

A  paltry  time  is  obviously  required  for  the  inviscid  solutions  with  the  modified  lif¬ 
ting-line  theory. 

The  present  method  is  very  profitable  when  separation  lines  are  known  from  experiments 
or  from  other  viscous  computations. 

Fig.  16  show  shapes  of  separation  lines  given  in  (Ref.  33)  and  the  calculated  spanwise 
load  distributions  and  overall  lift  coefficients  for  a  4  apect  ratio  rectangular  wing  at 
12°,  16°  and  18°  deg.  and  Reynolds  number  Re=  6-10  .  The  results  state  that  this  wing 

should  have  a  stalling  angle  of  attack  a  =16°  and  a  C  =0.887. 

Lmax 


5.  CONCLUSIONS 

The  abilities  of  potential  and  viscous  methods  for  simulating  airfoil  type  flows  at 
high  angle  of  attack  with  large  turbulent  bubbles  have  been  examined  in  view  of  their  ex¬ 
tensions  to  3-D  flows. 

Improvements  are  needed  in  the  inviscid  models  to  ensure  convergence  criteria  of  the 
iteration  cycles  and  conditions  of  wake  closure  at  different  Reynolds  number. 

Better  velocity  profiles  have  to  be  introduced  in  modelling  the  viscous  recirculating 
flows  inside  the  turbulent  bubbles  at  pre-stall  and  post-stall  conditions. 

With  these  improvements  closer  agreements  with  experiment  will  be  attained  for  the  pres 
sure  distributions  and  for  lift  and  drag  characteristics  for  all  airfoils  with  turbulent 
type  of  stall.  i 

A  simple  but  efficient  correlation  between  the  2-D  viscous  lift  losses  and  len^it^s  of 
turbulent  bubbles  has  been  introduced  after  computations  of  several  potential  flowfe  !  and 
turbulent  boundary  layers. 

The  proposed  correlation  has  been  extended  for  3-D  nnswept  wing  flows  when  the  separa¬ 
tion  zone  is  largely  2-D.  ^ 

Intensive  experimental  tests  have  been  carried  out  by  the  oil-flow  tecnique  to  obtain 
confirmations  of  the  2-D  behaviour  of  large  separated  flows  far  from  wing  tips  and  from 
wing-body  junction  even  at  post-stall  angle  of  attack. 

By  the  proposed  correlation  a  computational  method  has  been  presented  which  leads  to 
fast  and  accurate  predictions  of  spanwise  lift  distributions  and  maximum  lift  coefficient 
of  high  and  low  aspect  ratio  unswept  wing. 

The  present  method  can  be  easily  applied  to  wings  with  spanwise  and  chorwise  blowing 
once  are  known  blowing  effects  on  xge  /c  (y) . 
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Fig.  4  Comparison  of  Calculated  Airfoil  Drag  Coefficient  with 
Experiments 
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Fig.  11  Separation  Lines  on  a  10.05  Aspect 
Ratio,  Tapered  (A=o.4),  Twisted 
Wing  -  Root  Section  NACA  4420  - 
Tip  Section  NACA  4412 
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Fig.  12  Spanwise  Load  Distribution  on  a  10.05 
Aspect  Ratio,  Tapered  (A=0.4),  Twi¬ 
sted  Wing  -  Root  Section  NACA  4420 
Tip  Section  NACA  4412,  at  High  Angles 
of  Attack 
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Fig.  13  Comparison  of  Calculated  and 
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Fig.  14  Comparison  of  Computed  Lift  Distribution 
with  Experiment  and  Jacob's  Solutions  for 
a  Rectangular  Wing  at  High  Angle  of  Attack 


rig.  15  Separation  Lines  on  the  Upper  Surface  of 
Rectangular  Wing  (a=22.5°) 
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Fig.  16  Load  Distribution  and  cLmax  for  a  4  Aspect  Rat 
Rectangular  Wing  with  Given  Separation  Lines 
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"The  design  of  the  high  lift  system  has  a  profound  effect  on  the  sizing  and  total  performance  of 
transport  aircraft,  both  civil  and  military.  JRte — purpose  -©£>  this  paper  i-e-  fcb>  first  reviews  the 
fundamentals  of  high-lift  system, design  and  the  phenomena  that  govern  their  performance.  A  review  of 
the  computational  methods  available  to  the  high  lift  designer,  with  examples  of  their  validity,  is  then 
presented.  (Jew  developments  in  flow  diagnostic  techniques  are  reviewed.  Finally,  examples  of  several 
Boeing  high-lift  design  efforts  are  presented.  Emphasis  is  placed  on  the  use  of  computational 
aerodynamic  methods  and  the  synergistic  effect  of  using  those  methods  in  parallel  with  testing.  Finally 
a  list  of  todays  ten  most  important  issues  is  presented,  »■, 
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NOMENCLATURE 


WCm 


WS. 


Aerodynamic  Prediction  Program 
aspect  ratio,  b2/S 
wing  span 

basic  cruise  wing  or  airfoil  chord 
average  wing  chord  S/b 
two-dimensional  (section)  drag,  lift 
and  pitching  moment  coefficients, 
force/qc  and  moment/qc2 
three-dimensional  configuration  drag, 
lift  and  pitching  moment  coefficient, 
force/qS  and  moment/qSc 
blowing  coefficient  MjVj/qo  S 
pressure  coefficient,  Ap/qc;l=(Plocal-p„) 

Distributed  Vorticity  Method 

boundary  layer  form  parameter,  5*/G 

ratio  of  lift  to  drag 

Mach  number 

jet  mass  flow  rate 

static  pressure 

dynamic  pressure 

Reynolds  Number 

Subsonic  Analysis  Section  System 

Wing  area 

Thrust 

airfoil  thickness 
Velocity 
jet  velocity 
Weight 


Subscripts 


longitudinal  coordinate 
lateral  coordinate 
angle  of  attack 
differences  (residuals) 
flap  deflection 

boundary  layer  displacement  thickness 
boundary  layer  momentum  thickness 
non-dimensional  spanwise  wing 
station  2y/b 

sweep  angle  measured  at  wing  quarter 
chord 


"effective"  viscous  condition 

experimental  value 

flap 

geometric  value 


free  stream  conditions 

point  at  which  pressure  recovery  to 

freestream  conditions  begin  on  an 

airfoil 


Superscripts 


adjusted  or  scaled  quantity 
critical  section 


INTRODUCTION 


It  has  been  a  decade  since  A.M.O.  Smith,  then  of  the  McDonnell -Douglas  Aircraft  Corporation, 
presented  his  Wright  Brothers  Lecture1  entitled  "High-Lift  Aerodynamics"  (based  on  an  earlier  AGARD 
Lecture  )  to  the  American  Institute  of  Aeronautics  and  Astronautics.  In  the  flood  of  technical  papers 
which  have  documented  the  extraordinary  progress  of  aeronautical  science  over  the  past  forty  years, 
A.M.O.  Smith's  paper  stands  as  a  true  classic.  In  addition  to  greatly  clarifying  the  physics  of 
important  aspects  of  high-lift  aerodynamics,  Smith  clearly  set  the  stage  for  much  of  the  subsequent  work 
in  this  discipline. 

The  history  of  high-lift  technology  can  be  traced  in  the  application  of  high  lift  devices  on  Boeing 
aircraft  over  the  past  forty  years  shown  in  Figure  1.  Since  the  authors  have  been  involved  in  at  least 
part  of  this  development  at  Boeing,  we  necessarily  approach  our  subject  from  that  somewhat  parochial 
viewpoint.  As  will  be  described  in  later  sections  of  this  paper,  much  of  the  progress  demonstrated  in 
Figure  1,  was  achieved  by  a  process  best  characterized  as  "enlightened  cut-and-try."  This  was  aided  in 
its  later  phases  by  slowly  improving  but  still  fairly  elementary  analytical  methods.  Testing  was 
conducted  almost  universally  in  wind  tunnels  operating  at  Reynolds  numbers  at  least  an  order  of 
magnitude  lower  than  actual  flight  conditions.  Such  has  been  the  general  state  of  affairs  until  very 
recently  throughout  the  industry. 
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Advances  over  the  past  fifteen  years  in  both  computational  methods,  including  use  of  inverse 
methods,  and  experimental  flow  diagnostic  technology,  have  made  possible  a  high  lift  system  design 
process  quite  different  than  that  which  has  relied  largely  on  experience,  intuition  and  experimentation 
alone.  The  further  development  and  enhancement  of  this  modern  high“lift  design  process  is  one  of  the 
major  issues  referred  to  in  the  title  of  this  paper. 

There  were  several  objectives  in  preparing  this  paper.  These  include: 

•  A  review  of  some  of  the  factors  which  influence  the  design  of  modern  transport  aircraft  (both 
civil  and  military)  and  the  effect  of  high-lift  system  performance  on  the  overall  design  of 
such  aircraft. 

•  The  assessment  of  progress  in  the  understanding  and  methodology  development  which  has  occurred 
in  the  decade  since  A.M.O.  Smith  presented  his  classic  A1AA  Wright  Brothers  Lecture. 

.  The  demonstration  of  a  modern  approach  to  the  solution  of  selected  practical  high-lift  system 
design  problems. 

.  To  list  the  major  issues,  both  practical  and  theoretical,  which  still  confront  the  high-lift 
aerodynamicist  as  perceived  by  the  authors. 


As  numerous  authors  have  pointed  out,  the  topic  of  high-lift  aerodynamics  covers  an  enormous  range 
of  flight  vehicle  types  operating  under  a  wide  range  of  Mach  and  Reynolds  number  condition.  While  the 
entire  topic  holds  a  fascination  for  the  authors,  it  is  necessary  to  limit  the  scope  of  this  paper  to 
high-lift  issues  relating  specifically  to  transport  aircraft  during  "normal"  take-off  and  landing. 


HIGH-LIFT  AERODYNAMIC  ISSUES 


The  fundamental  issues  to  be  addressed  in  this  paper  are : 

.  Recognizing  that  maximizing  the  maximum  lift  coefficient  is  a  simplistic  view  of  the  hign-lift 
system  design  problem,  what  are  the  appropriate  high-lift  system  aerodynamic  design  criteria 
for  the  anticipated  range  of  moderate-to-large  sized  transport  aircraft? 

•  In  the  light  of  our  present  theoretical  understanding,  how  much  practical  performance,  in 
terms  of  maximum  lift  coefficient,  remains  to  be  extracted  from  a  truly  optimized 
"conventional"  high-lift  system  i.e.  one  which  relies  on  passive  boundary  layer  control  based 
on  geometry  alone? 

•  What  tools  are  available  to  design  practical,  efficient  high-lift  systems,  and  what  additional 
tools  do  we  need? 

Before  addressing  any  of  the  questions  listed  above,  it  is  useful  to  compare  and  contrast  the 
general  design  objectives  and  constraints  of  military  and  civil  transport  aircraft,  particularly  as 
these  factors  may  influence  the  designer's  options  regarding  high-lift  system  design.  A  partial  summary 
listing  of  these  design  objectives/constraints  is  presented  in  Table  1. 

In  reviewing  the  criteria  listed  in  Table  1,  it  should  be  noted  that  the  general  civil  transport 
aircraft  design  problem  is  driven  largely  by  economic  considerations  with  an  equally  strong  concern  for 
safety.  Thus,  the  design  is  generally  optimized  first  and  foremost  for  cruise  efficiency.  p»e 
objective  of  the  complementary  high-lift  design  effort  is  to  produce  a  system  which  will  allow  a  cruise 
optimized  configuration  to  adequately  meet  take-off  and  landing  requirements  safely  and  reliably.  It 
should  also  be  noted  that  in  normal  commercial  operations,  the  operating  environment  is  relatively 
benign  (aside  from  meterological  considerations)  involving  paved  runways,  adequate  to  excellent  air 
traffic  control  and  landing  aides,  and  well  established  maintenance  facilities. 

The  military  transport  airplane  designer  appears  to  face  a  somewhat  different  problem.  In 
principle,  the  dominant  design  criterion  is  successful  mission  accomplishment.  While  basic  economic 
criteria  such  as  range,  payload  and  cruise  speed,  as  an  index  of  productivity,  play  important  roles  in 
layout  and  sizing,  mission  accomplishment  simultaneously  places  very  heavy  demands  on  the  high-lift 
system  designer.  In  this  case,  mission  accomplishment  may  require  that  the  aircraft  be  able  to  operate 


I  dues 


Civil 

•  Economics  and  safety 


Dominant  design  criteria 
Performance 

Airfield  environment 


System  complexity  and 
mechanical  design 


Government  regulations  and 
community  acceptance 


•  Maximum  economic  cruise 

•  Minimum  off-design  penalty 
in  wing  design 

•  Moderate- to- long 
runways 

•  Paved  runway 

•  High  -level  ATC  and 
landing  aides 

■  Adequate  space  for  ground 
maneuver  and  parking 

•  Low  maintenance- 
economic  issue 

•  Low  system  cost 

•  Safety  and  reliability 

•  Long  service  life 


Military 

•  Mission  accomplishment 
and  survivability 

•  Adequate  range  and  response 

•  Overall  mission  accomplishment 

•  Short- to- mode  rate 
runways 

•  All  types  of  runway  surfaces 

•  Often  Spartan 
ATC,  etc. 

•  Limited  space  available 

•  Low  maintenance- 
availability  issue 

•  Acceptable  system  cost 

•  Reliability  and  survivability 

•  Damage  tolerance 

•  Military  star -lards 

•  Performance  and  safety 

•  Reliability  oriented 

•  Low  noise  desirable 

•  Good  neighbor  in  peace 

•  Detectability  in  war 


•  Must  be  certifiable 
(FAA,  etc.) 

•Safety  oriented 

•  Low  noise  mandatory 


Table  1.  Transport  Aircraft  Design  Objectives  and  Constraints 


from  battle  damaged  and/or  primitive  airfields,  sometimes  in  a  hostile  environment.  In  exchange  for 
these  more  demanding  criteria,  the  military  high-lift  systems  designer  has  more  system  options  at  his 
disposal  in  that  presently  "difficult  to  certify"  powered  lift  schemes  become  viable  -  if  they  can  be 
shown  to  be  sufficiently  reliable,  maintainable  and  insensitive  to  battle  damage. 


It  is  perhaps  ironic  that  in  the  extended  "peacetime"  environment,  many  of  the  civil  aircraft 
design  criteria  play  a  larger  role  in  military  design  requirements  than  may  be  fully  appropriate.  As 
examples  one  may  cite  budgetary  constraints  which  demand  low  initial  cost  biasing  the  design  in  favor  of 
minimum  size  and  weight  and  low  fuel  burn  to  minimize  routine  operating  and  training  flight  costs.  Also 
increasing  concern  for  community  acceptance  carries  potential  performance  penalties  in  terms  of 
concessions  for  noise  reduction  and  engine  emissions.  The  longer  military  transport  aircraft  serve  the 
function  of  contributing  to  maintaining  peace,  the  more  civil  type  design  criteria  become  important  in 
the  overall  balance. 

The  discussion  so  far  indicates  that  while  the  basic  design  criteria  for  civil  and  military 
aircraft  are  somewhat  dissimilar,  the  high-lift  system  design  problem  still  resolves  into  several  common 
issues.  Fundamentally,  the  high-lift  system  must  allow  the  aircraft  to  achieve  adequate  performance  - 
both  at  landing  and  take-off  (Fig.  2  &  3).  Experience  indicates  that  for  CTOL  aircraft  the  dominating 
factor  for  take-off  is  climbout  L/D  and  for  landing,  Cl^*.  As  shown  in  Fig.  4,  approach  speed  has  a 
value  in  itself,  not  only  as  a  performance  variable,  but  as  an  important  safety  factor.  Even  though  the 
level  is  dependent  on  the  operational  environment  and  level  of  technology  the  general  trend  holds  true. 
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Figure  2.  Takeoff  Profile 
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Figure  3.  Landing  Profile 
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Figure  4.  Influence  of  Aircraft  Approach 

Speed  on  Carrier-Landing  Accidents 
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Finally,  it  is  obvious  that  whether  the  primary  concern  is  safety  and  certifiability ,  or  mission 
accomplishment,  the  high-lift  system  must  be  reliable.  Thus  the  strongest  bias  must  be  in  favor  of 
simplicity.  In  both  the  civil  and  military  case,  maintainability  implies  availability,  and  simplicity 
has  a  very  strong  leverage  on  these  factors.  Vulnerability  to  battle  damage  is  intrinsic  in 
mechanically  complex  systems,  and  the  attraction  of  a  very  large  number  of  mechanically  complex 
augmented/powered  lift  schemes  begins  to  vanish  despite  the  potentially  large  increments  in  lift 
achievable  with  such  systems  under  benign  conditions. 


THE  INFLUENCE  OF  HIGH-LIFT  SYSTEM  PERFORMANCE  ON  TRANSPORT  AIRCRAFT  SIZING 


Having  discussed  in  general  terms  the  objectives  and  constraints  on  civil  and  military  transport 
aircraft  design,  it  now  remains  to  demonstrate  in  more  detail  how  high-lift  system  performance  may 
influence  the  sizing  of  such  aircraft.  While  a  comprehensive  discussion  of  this  topic  is  far  beyond  the 
scope  of  this  paper,  two  examples,  one  civil  and  one  military,  will  serve  to  illustrate  the  complex 
trades  to  be  made  in  selecting  an  appropriate  high-lift  system  for  such  aircraft. 


An  Energy  Efficient  Transport 

The  first  example  selected  is  based  on  work  for  the  NASA  Energy  Efficient  Transport  EET  program 
(ref  3  &  4).  Most  of  the  analysis  and  design  methods  used  in  this  study  were  developed  under  Boeing 
Independent  Research  and  Development  (IR4D)  funds  and  will  be  described  in  some  detail  in  later  sections 
of  this  paper.  The  intent  of  the  present  discussion  is  to  demonstrate  the  dominant  high-lift  system 
requirements  which  emerge  in  the  course  of  a  typical  preliminary  design  exercise  for  a  modern  commercial 
transport  airplane. 


Typically  the  wing  for  a  new  design  is  sized  to  satisfy  cruise  considerations,  including  initial 
cruise  altitude,  cruise  Mach,  buffet  margin,  etc.,  and  low-speed,  high  lift  considerations  such  as 
approach  speed  and  takeoff  field  length. 


The  results  of  a  typical  "thumb  print"  analysis  of  the  Boeing  baseline  EET  configuration  (Fig.  5) 
is  summarized  in  Fig  6.  In  the  study,  size  consequences  of  three  discrete  optimization  indicies  were 
explored.  These  were: 

•  Minimum  take-off  gross  weight  which  would  presumably  result  in  an  aircraft  of  minimum  airframe 
acquisition  cost. 

•  Minimum  block  fuel  burned;  of  major  interest  to  the  EET  program. 

•  Minimum  direct  operating  cost  (DOC);  the  traditional  index  of  interest  to  airline  operators. 


Conditions: 

•  Payload:  196  passengers 

•  Range:  2,000  nmi 

•  TOGW:  273.3001b 

•  Body  diameter:  212  in 

•  Wing  area:  2.53S  ft* 

•  Aspect  ratio:  10.24 
•Sweep:  30 deg 

•  Engines  (2):  CF6-50C  (scaled) 

•  SLST :  36,9301b 


LEADING  EDGE 
DEVICE 


DOUBLE  SLOTTED  0.3«  r 


2,000  nmi 
196  passengs 
(40.180  lb) 

•  Cruise  madi:  0.80 


1967  ATA  domestic 
30  deg/10.24 
CF6-60C  (seeled) 


too  110  120  130  140 

WING  LOAOING.W/SHb/tt2) 


Figure  5.  Baseline  Airplane 


Figure  6.  EET  Baseline  Design  Selection  Chart 


The  conclusions  drawn  from  the  results  shown  in  Figure  6  were: 

e  Both  the  minimum  weight  and  minimum  DOC  design  points  were  very  far  away  from  the  minimum  fuel 
burn  design  point.  The  minimum  block  fuel  airplane  required  a  much  larger  wing  and  engines 
than  either  the  minimum  DOC  or  minimum  weight  designs. 

•  A  conservative,  state-of-the-art  double-slotted  flap/variable  camber  Krueger  leading  edge 
high-li.ft  system  more  than  adequately  met  approach  speed  and  landing  field  length  requirements. 

•  The  dominant  constraint  on  sizing,  leading  to  a  compromise  design  point  skewed  in  favor  of  the 
minimum  block  fuel  condition,  was  take-off  field  length  (and  hence  take-off  lift-drag  ratio) 
followed  very  closely  by  a  nominal  12,000  ft.  engine-out  altitude  constraint. 

From  this  study  it  is  clear  that  a  priori  assumptions  regarding  high  lift  system  performance 
requirements  for  a  new  design  are  inappropriate.  Care  must  be  taken  to  evaluate  the  range  of  conditions 
(take-off,  landing,  initial  climb,  etc.)  in  which  high  lift  system  performance  may  be  critically 
important  before  investing  much  resource  in  developing  a  high  lift  system. 
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A  Military  Short-Haul  Transport  (MST) 

This  example  will  use  results  from  a  feasibility  study  for  a  Medium  STOL  Transport  (MST)  which  led 
to  the  Advanced  Medium  STOL  Transport  (AMST)  program  under  which  the  Boeing  YC-14  and  McDonnell -Douglas 
YC-15  were  developed.  The  fundamental  performance  requirements  were  that  the  airplane  fly  a  radius 
mission  with  a  28,000  pound  payload  operating  into  and  out  of  a  2,000  foot  long  airfield  at  the  mission 
midpoint.  The  field  was  assumed  to  have  an  elevation  of  2500  feet  and  an  ambient  temperature  of  93°F . 
Operation  had  to  consider  failure  of  the  most  critical  engine  during  takeoff  and  landing.  In  addition, 
the  aircraft  had  to  carry  38,000  pounds  of  payload  for  2600  nmi  While  operating  from  longer  runways. 

One  of  the  fundamental  considerations  was  selection  of  a  high-lift  system  concept.  Figure  7  shows 
a  map  of  airplane  design  solutions  for  the  design  radius  mission  for  a  four  engine  airplane  using  a  high 
lift  system  having  a  maximum  lift  coefficient  of  4.0.  Superimposed  on  this  map  are  takeoff  and  landing 
field  length  and  engine-out  climb  gradient  limits.  The  selected  design  is  the  lowest  takeoff  gross 
weight  solution  satisfying  all  of  the  design  constraints. 

Conditions: 

•  Payload:  28,0001b 

•  Radius:  500  nmi 

•  W/S  and  T/W  baud  i 
initial  design  takeoff 
gross  weight 
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Figure  7.  MST  Design  Sizing  Figure  8.  Effect  of  Lift  Capability  on  MST  Design 

This  process  can  be  repeated  for  high  lift  systems  having  varying  lift  capability  accounting  for 
the  obvious  fact  that  the  weight  of  a  high  lift  system  increases  as  its  maximum  lift  increases.  These 
results  are  shown  in  Figure  8.  The  design  point  determined  from  Figure  7  is  noted.  Airplane  size  for  a 
2000  foot  mid-point  field  length  continues  to  decrease  as  maximum  lift  coefficient  is  increased  up  to 
of  about  6.0.  However,  the  wing  volume  available  for  fuel  tankage  to  fly  the  deployment 
missron  now  becomes  a  limit.  The  selected  design  had  a  CL  of  5.5  and  a  design  gross  weight  of 
235,000  pounds.  This  study  was  conducted  in  1976  with  the  propulsion  and  aerodynamics  technology 
available  at  that  time.  If  it  were  repeated  today  the  results  would  differ  but  the  process  by  which  the 
airplane  was  sized  and  the  high  lift  system  selected  would  remain  the  same. 

THE  LIMITS  OF  HIGH  LIFT 

Before  assessing  the  state  of  high  lift  aerodynamics,  it  is  useful  to  establish  an  "upper  bound" 
against  which  one  can  compare  the  "practical"  limits  in  design.  A.M.O.  Smith  discussed  these  limits  a 
decade  ago  and  it  is  merely  necessary  to  summarize  his  discussion  with  the  inclusion  of  Figure  9. 
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The  left  hand  side  of  Figure  9  shows  a  number  of  theoretical  two-  and  three-dimensional  bounds 
which  have  been  developed  for  maximum  lift  generating  capability  of  "ideal"  configurations.  The  right 
hand  side  shows  several  of  the  practical  factors  which  may  severly  limit  achievable  performance.  In 
addition  to  obvious  limits  imposed  by  viscosity,  compressibility  and  mechanical  constraints  on 
two-dimensional  sections,  further  losses  are  incurred  in  applying  such  sections  to  three-dimensional 
configurations.  These  effects  include  the  adverse  influence  of  wing  sweep,  the  fact  that  the  entire 
wing  span  of  most  practical  configurations  cannot  be  taken  up  with  idealized  (ligh-lift  systems,  and  the 
existence  of  necessary  supporting  structures  which  may  produce  local  interference  and  boundary  layer 
contamination  effects.  Besides  reducing  the  lift  these  factors  also  tend  to  increase  drag,  and  the 
effects  on  achieved  lift-to-drag  ratio  for  a  typical  transport  are  demonstrated  in  Figure  10.  The 
influence  of  wing  sweep  on  the  achieved  maximum  lift  performance  of  a  variety  of  modern  transport 
aircraft  with  conventional  high-lift  systems  is  shown  as  a  function  of  high-lift  system  complexity  in 
Figure  11. 
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Figure  10.  Potential  Performance  Improvement  for 
Mechanical  High- Lift  Systems 


Figure  1 1.  Statistical  Analysis  of  Maximum  Lift  Coefficient  for 
Transport  Aircraft 


If  one  now  plots  (Figure  12)  the  theoretical  limits  specified  in  Figure  9  and  identifies  the  region 
of  maximum  lift  coefficient  achieved  with  unpowered  high-lift  systems,  one  sees  the  huge  gap  between 
achieved  levels  and  the  theoretical  limits.  It  is  here  that  powered  lift  schemes  have  application.  A 
very  useful  discussion  of  this  range  of  powered  lift  schemes  is  presented  by  Foster^  as  a  companion 
piece  to  A.M.O.  Smith's  discussion.  A  recent  paper  by  Loth  &  Boasson9  provides  an  update  on  Foster's 
discussion  in  addition  to  providing  a  description  of  practical  STOL  aircraft  operational  requirements 
vis-a-vis  powered  lift  system  performance  characteristics. 
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Figure  12.  Limits  of  Maximum  Lift  Coefficient 

Having  noted  the  approximate  boundaries  of  the  feasible  in  terms  of  maximum  lift  coefficient  as 
shown  in  Figures  9  and  12,  it  has  been  shown  that  the  practical  limits  of  maximum  lift  demonstrated  for 
unpowered  high-lift  systems  is  far  below  the  theoretical  limit,  even  when  systems  of  considerable 
mechanical  complexity  are  employed.  Of  the  practical  reasons  for  this  huge  discrepancy  noted  earlier, 
by  far  the  dominant  factors  limiting  maximum  lift  are  viscous  effects  and  flow  separation. 
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In  view  of  the  design  space  available  within  Figure  12  it  is  possible  to  describe  a  hierarchy  of 
ways  to  control  the  boundary  layer  on  a  wing  surface. 

These  are: 

•  Passive  Boundary  Layer  Control  by  Contour  Shaping  and  Variable  Geometry.  This  approach  is  the 
most  subtle;  so  much  so  that  one  sometimes  forgets  that  it  is  a  form  of  boundary  layer 
control.  The  limits  of  boundary  layer/circulation  control  for  both  single  and  multielement 
airfoils  has  been  greatly  clarified  in  the  past  two  decades,  perhaps  foremost  by  A.M.O.  Smith 
and  his  co-workers  at  Douglas,  specifically  R.  H.  Liebeck9.  The  full  extensions  of  this 
work  to  three  dimensional  flows  remains  to  be  accomplished  however. 

•  Power  Augmented  Boundary  Layer/Circulation  Control.  Once  one  has  approached  the  limit  of 
maximum  lift  achievable  by  passive  boundary  layer  circulation  control  through  contour  shaping 
including  the  mechanical  complexity  of  multielement  airfoils  and  wings,  the  next  level  of 
performance  increase  is  achieved  by  using  small  amounts  of  auxiliary  power  to  (1)  increase  the 
energy  of  the  boundary  layer  by  blowing  or  (2)  remove  all  or  part  of  the  boundary  layer  by 
suction.  As  shown  in  Figures  13  &  14  there  are  a  wide  variety  of  schemes  to  accomplish  either 
of  these  objectives.  In  all  cases  the  objective  is  to  delay  the  onset  of  separation  and  thus 
produce  an  increase  in  maximum  lift. 

The  particular  application  under  study  and  the  indices  of  merit  by  which  the  overall 
configuration  will  be  judged  will  determine  when  substitution  of  a  simple  blowing/suction 
system  would  be  preferable  to  adding  yet  another  flap  element  to  an  already  complex 
passive/mechanical  system.  At  the  other  extreme,  when  does  one  reach  a  blowing/suction  limit 
and  one  of  the  more  powerful  jet  flap/circulation  control  schemes  (Figure  15)  becomes  a  better 
way  to  produce  still  higher  lift  coefficients. 

•  Powered  Lift.  As  the  required  lift  coefficients  increase,  we  a^ain  pass  through  a  transition 
region  to  the  powered  lift  concepts  involving  the  propulsion  system  as  an  integrated  part  of 
the  high-lift  system  (Fig  16).  Two  types  of  powered  lift  concepts  may  be  identified.  The 
first  separates  the  propulsion  and  circulation  lift  system  and  provides  only  direct  jet  lift, 
e.g.,  vectored  thrust  or  lift  engines.  The  second  combines  the  propulsion  and  circulation 
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Figure  IS.  Powered  High-Lift  Performance  for  Various  Figure  16.  Powered  Lift  Concepts 

Wing  Configurations  (ref.  8) 


lift  system  into  a  jet-flap  type  powered  lift  system.  The  augmentor  wing,  externally  blown 
flap,  and  upper  surface  blown  flap  can  all  be  considered  subsets  of  the  jet-flap  concept. 

While  identifying  the  various  lift  enhancing  schemes  aids  in  discussing  the  multitude  of  possibilities 
and  gives  some  flavor  for  the  general  level  of  lift  performance  achievable,  it  still  does  little  to 
esi  iblish  which  is  "best"  for  a  particular  application.  This  will  depend  on  the  payoff  function,  (e.g., 
DOC,  LCC ,  Trip  Fuel,  etc;),  the  payload  range  of  the  airplane,  and  off  design  mission  requirements. 

While  the  probable  trends  in  high-lift  system  development  for  long  field-length  transports  can  be 
described  with  some  assurance,  the  same  cannot  be  said  for  the  case  of  STOL  transport  aircraft.  What 
does  emerge  from  the  preceeding  discussion  is  that  there  are  a  number  of  promising  ways  to  achieve  the 
high  lift  performance  required  for  any  reasonable  STOL  mission.  All  of  the  powered  lift  systems 
mentioned  previously  have  been  incorporated  into  flight  hardware.  The  pure  jet  flap  on  the  Hunting  126, 
the  augmentor  wing  on  a  Boeing/NASA  modified  Buffalo,  the  externally  blown  flap  on  the  McDonnell- 
Douglas  YC-15,  and  the  upper  surface  blown  flap  on  the  Boeing  YC-14  and  Boeing/NASA  QSRA  are  some 
examples. 

Passive/mechanical  BLC  high-lift  systems  are  likely  to  be  the  norm  for  long  range,  moderate  to  long 
field  length  transport  aircraft  into  the  forseeable  future.  It  must  continue  to  form  a  major  element  of 
a  discussion  of  high-lift  technology.  There  is  still  progress  to  be  made  in  the  design  of  such  systems. 

The  design  of  powered  lift  aircraft  requires  that  more  variables  be  considered  than  in  the  design 
of  more  conventional  airplanes  since  STOL  airplanes  encounter  control  and  handling  qualities  problems 
more  severe  than  conventional  airplanes.  It  must  be  noted  that  solutions  to  these  problems  have  been 
found  in  specific  design  applications. 

An  example  of  one  practical  limit  is  the  angle  of  attack  of  a  particular  configuration  required  to 
generate  a  given  lift  level.  Here  the  coupling  between  approach  speed,  glide  slope  angle,  and  angle  of 
attack  as  it  influences  pilot  visibility  and  hence  decision  time,  is  shown  schematically  in  Figure  17. 


Figure  17.  Effects  of  Glidetlope  and  Angle-of-Atteck  on  Decision  Time 


In  view  of  Che  factors  discussed,  it  is  Che  authors'  present  opinion  that  of  the  many  powered  lift 
schemes  presently  available  to  choose  from,  relatively  few  offer  the  prospect  of  satisfactorily  meeting 
the  performance  requirements  and  many  constraints  of  practical  STOL  transports.  Experience  with  tne 
upper  surface  blowing  (YC-14,  QSRA)  and  externally  blown  flap  (YC-15)  indicates  that  these  approaches 
could  be  developed  into  satisfactorily  reliable  and  economical  vehicles  for  both  civil  end  military 
appl icat ions . 

With  the  overview  discussion  of  practical  issues  in  high-lift  technology  provided  above,  it  is  now 
possible  to  discuss  the  state-of-the-art  in  methodology  available  to  the  high-lift  system  designer. 
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BOEING  RESEARCH  IN  HIGH-LIFT  TECHNOLOGY 


A  comprehensive  survey  of  the  industry-wide  research  devoted  to  solution  of  the  theoretical  problems  in 
high-lift  technology  identified  by  AMO  Smith  a  decade  ago  is  a  prohibitive  task.  Instead  we  choose  to 
outline  Boeing  research  devoted  to  this  topic  in  the  past  decade  and  cite  limited  examples  of  related 
significant  work  by  others.  Further,  the  majority  of  the  discussion  is  limited  to  mecnanical  systems 
since  little  theoretical  work  has  been  done  at  Boeing  in  recent  years  on  powered  lift  systems. 

While  fully  realizing  that  the  approach  taken  here  represents  a  rather  parochial  view  of  a  very  broad 
topic,  it  is  the  authors’  opinion  that  the  Boeing  research  effort  is  representative  of  the  current 
s  tate-o f-the-art . 

The  Boeing  Company  research  effort  has  been  directed  at  developing  a  range  of  powerful  tools  for  the 
design  and  analysis  of  transport  type  aircraft  operating  in  low-speed/high-lift  conditions.  The  basic 
objectives  of  this,  largely  company-funded,  long  term  effort  have  been: 

•  To  develop  computational  methods  for  the  analysis  and  design  of  high-lift  configurations. 

•  To  provide  improved  flow  diagnostic  techniques  and  experimental  data  bases  to  support 
computational  methods  development. 

•  To  apply  these  new  tools  to  practical  design  problems  to  assess  their  capabilities  and  to 
guide  further  basic  method  development. 

Thus  over  the  past  decade,  the  basic  approach  has  been  a  balanced  one  encompassing  theory,  experiment 
and  applications. 

POTENTIAL  FLOW  SIMULATION  OF  THREE  DIMENSIONAL  MULTIELEMENT  WINGS 


Potential  flow  simulation  of  transport  aircraft  with  hign-lift  devices  deployed  is  an  essential  step  in 
the  evolution  of  a  rational  analytic  design  capability  and  also  serves  as  the  foundation  for 
viscous/vortex  flow  simulations  of  these  configurations.  In  addition,  until  a  full  three-dimensional 
viscous  analysis  capability  becomes  available,  a  three-dimensional  potential  flow  analysis/design 
capability  remains  an  essential  cornerstone  of  an  analytic  high-lift  design  procedure.  The  work  has 
been  devoted  largely  to  two  computer  programs:  A  Distributed  Vorticity  Lifting  Surface  Theory,  and 
extension  of  the  PAN  AIR  code  to  the  modeling  of  high  lift  configurations. 

Computational  methods  for  the  analysis  and  design  of  three-dimensional  wing  and  wing-fuselage 
configurations  have  evolved  over  the  years  from  simple  lifting  line  techniques  which  made  very 
restrictive  assumptions  about  the  geometry  of  the  configuration  and  the  flow  conditions,  to  very 
sophisticated  and  general  panel  methods.  The  most  sophisticated  of  the  newer  methods  (e.g.  PAN  AIK, 
ref.  10)  offers  the  designer  a  very  powerful  potential  flow  analysis  tool.  However  the  difficulty  in 
using  these  methods  because  of  the  very  precise  geometric  definitions  required  especially  for 
multielement  high-lift  configurations,  coupled  with  the  expense  of  running  such  codes,  has  precluded 
their  wide  spread  use  in  high-lift  applications.  Only  in  cases  where  detailed  pressure  distribution 
information  is  required  are  they  being  used.  Parenthetically  we  note  that  in  our  opinion  the  concern 
with  computer  costs  is  overstated.  The  actual  machine  costs  of  obtaining  a  solution  are  substantially 
less  than  the  cost  of  the  engineering  labor  required  to  prepare  the  problem  for  input  to  the  computer. 
In  may  cases  the  money  spent  in  the  search  for  computer  efficiency  might  be  better  spent  in  making  the 
code  more  user  friendly. 

In  many  practical  problems  the  analyst/designer  primarily  requires  accurate  information  on  items  such  as 
net  lift,  pitching  moment,  induced  drag  and  span  loading  -  items  available  in  principle  from  a  potential 
flow  analysis  of  less  sophistication  than  a  full  higher  order  panel  method. 

In  1975,  M.  I.  Goldhammer  began  to  develop  the  elements  of  an  advanced  lifting  surface  method  (ref. 
II).  Goldhammer  developed  a  very  powerful  version  of  his  program  aimed  specifically  at  the  multielement 
wing/body  problem  and  possessing  a  great  deal  of  automation  aimed  at  easing  the  burden  on  the  user  of 
the  code. 

Two  different  lifting-surface  theories  are  included  in  Goldhammer's  computer  program.  A  non-planar, 
non-linear  distributed  vorticity  method  (DVM)  is  the  primary  method  while  a  simpler  vortex  lattice 
approach  is  available  a9  a  user  option.  The  primary  technique  represents  the  thin  wing  by  a  continuous 
sheet  of  distributed  vorticity  which  lies  on  the  mean  camber  surface.  The  vorticity  distribution  used 
is  continuous  in  the  chordwise  direction  and  is  piecewise  constant  in  the  spanwise  direction  (Fig  lb). 
Special  treatment  is  given  to  the  chordwise  vorticity  distribution.  The  loading  at  the  wing  leading 
edge  is  modeled  to  be  infinite,  which  is  consistent  with  the  thin  wing  approximation.  The  DVM  technique 
also  explicitly  satisfies  the  Kutta  condition  by  forcing  each  trailing  edge  loading  to  zero. 

Full  provision  is  made  for  multielement  wings  with  part  span  flaps.  A  two-dimensional  algorithm  is  used 
by  the  program  to  specify  the  downstream  path  of  shed  vorticity.  The  program  is  highly  automated,  and 
the  user  need  specify  only  gross  geometric  parameters  for  multielement  wings  (e.g.  planform,  twist, 
camber,  flap  deflection)  the  program  then  generating  its  own  detailed  vorticity  networks. 
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In  addition  the  overall  method  includes  a  modified  slender-body  theory  representation  of  the  fuselage, 
which  is  adequate  for  modeling  wing  lift  carry-over  effects  and  the  body  contribution  to  pitching  moment. 

The  program  also  includes  three-dimensional  design  (inverse)  capabilities.  An  induced  drag  minimization 
technique  is  included,  for  example,  based  on  the  Lagrange  multiplier  technique. 


Since  release  of  the  production  version  of  the  basic  code  in  1978,  the  program  has  achieved  widespread 
acceptance  within  the  Boeing  Company.  As  part  of  the  code  development  and  subsequent  validation  effort 
a  number  of  test-theory  comparisons  have  been  made,  with  the  results  shown  in  Fig.  19  being  typical  of 
those  obtained. 


Figure  18.  DVM  Lifting  Surface  Analysis  for 
High-Lift  Configurations 


Figure  19.  Typical  Distributed  Vorticity  Method 
(DVM)  Results 


The  excellent  agreement  in  both  lift  curve  slope  and  lift  level  demonstrate  the  satisfactory  nature  of 
the  thin  wing  approximation  when  no  separation  occurs.  The  usual  explanation  for  these  good  results  is 
that  neglect  of  both  thickness  effects  and  boundary  layer  build-up  ("viscous  decambering")  are  counter 
effects  which  approximately  cancel  each  other.  This  mutual  cancellation  effect  deteriorates  at  higher 
flap  deflections  and  most  particularly  when  there  is  significant  partial  separation  of  the  flow. 

The  DVM  Lifting  Surface  Theory  program  does  a  remarkably  good  job  of  predicting  net  lift,  pitching 
moment,  induced  drag  and  span  loadings  for  a  wide  class  of  high-lift  configurations.  However,  it  does 
not  provide  two  important  capabilities.  It  cannot  give  detailed  potential  flow  pressure  distributions 
and  it  does  not  have  the  ability  to  model  details  of  the  configuration  such  as  wing/body  junctions  or 
nacelle/strut  combinations. 


To  obtain  such  additional  detailed  information,  one  must  resort  to  more  sophisticated  methods  such  as 
PAN  AIR.  While  application  of  panel  method  technology  to  the  cruise  configuration  has  been  widely 
successful,  its  extension  to  high-lift  configurations  has  not.  Early  attempts  to  model  multielement 
wings  using  panel  methods  led  to  major  discrepancies  in  prediction  of  both  lift  level  and  lift  curve 
slope.  These  difficulties  have  generally  been  attributed  to  deficiencies  in  the  way  early  panel  methods 
handled  the  Kutta  condition  and  uncertainties  in  proper  modelling  of  multiple  wakes  and  vorticity  shed 
from  part-span  flap  edges. 

With  final  production  release  of  the  Lifting  Surface  Theory,  attention  turned  to  the  problem  of  adapting 
the  lessons  learned  regarding  wake  modelling  to  the  advanced  panel  method  codes.  In  addition,  the 
difficulty  of  paneling  the  complex  geometries  of  multielement  wings  has  been  solved.  A  typical  result 
compared  with  experimental  data  from  ref.  12,  is  shown  in  Fig.  20. 

The  central  purposes  of  this  work  with  PANAIR  have  been: 

•  To  extend  the  power  of  the  full  panel  method  to  include  high-lift  configurations. 

•  To  provide  potential  flow  pressure  distribution  data  essential  to  future  development  of  a 
full  three-dimensional  viscous  flow  analysis  capability  for  multielement  wings. 


•  To  provide  a  theoretical  tool  which  provides  some  insight  into  the  inviscid  aspects  of 
large  scale  vortex/airframe  interaction  problem. 

An  early  PANA1R  test-theory  comparison  for  the  case  of  a  swept  wing  with  part-span,  triple-slotted  flaps 
and  leading  edge  slat  is  shown  in  Fig.  21. 
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Figure  20.  PAN  AIR  Modeling  of  Wings  With  High- Lift  Devices 
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Figure  21.  Test-Theory  Comparison  of  PANAIR  Modeling  of  a 
Boeing  737-300  Wing 


ANALYSIS  AND  DESIGN  OF  MULTIELEMENT  HIGH-LIFT  SYSTEMS  IN  A  VISCOUS  FLOW 


The  performance  of  high-lift  systems  is  largely  limited  by  viscous  flow  phenomena  and  subsequent 
separation.  Because  of  the  inordinate  difficulty  of  computing  viscous  flows  in  three-dimensions, 
particularly  those  which  may  occur  on  complex  multielement  wings,  the  bulk  of  past  effort  has  been 
devoted  to  the  development  of  a  full  viscous  flow  analysis  and  design  (inverse)  capability  for 
two-dimensional,  multielement  airfoil  sections.  It  was  in  the  clarification  of  the  physics  of 
multielement  airfoils  that  A.H.O.  Smith  made  one  important  contribution  to  high-lift  technology. 

The  flow  around  high  lift  airfoils  is  characterized  by  many  different  inviscid  and  viscous  flow  regions 
as  illustrated  in  Figure  22.  In  particular,  the  existence  of  confluent  boundary  layers  and  the  regions 
of  separated  flow  distinguish  the  high  lift  airfoil  problem  from  the  aerodynamic  problem  of  airfoils  at 
normal  operating  conditions.  The  characteristics  of  the  various  flow  regions  must  all  be  calculated. 
Futhermore,  the  prediction  of  transition  from  laminar  to  turbulent  boundary  layer  flow,  the  prediction 
of  the  onset  of  boundary  layer  separation  and  the  effects  of  large  scale  separation  from  one  or  more 
airfoil  elements  are  a  necessary  part  of  any  general  high-lift  analysis  computer  program. 

In  addition  to  allowing  a  pure  analysis  of  a  given  geometry,  a  truly  utilitarian  code  should  also 
contain  an  inverse  capability,  which  allows  one  to  extract  an  airfoil  shape  from  a  specified  pressure 
distribution.  In  addition  methodology  should  exist  which  would  allow  the  design/optimization  of  this 
pressure  distribution  in  a  viscous  flow. 

The  development  of  this  full  capability  has  been  a  central  objective  of  the  Boeing  high  lift  research 
effort  since  1975.  The  outcome  has  been  the  development  of  two  basic  computer  programs  each  of  which 
possess  unique  capabilities  which  are  not  presently  fully  duplicated  in  the  other. 

As  pointed  out  earlier,  the  most  striking  viscous  phenomena  which  distinguish  the  flow  around  high-lift 
systems  from  the  flow  at  cruise  conditions  are  the  possible  existence  of  confluent  boundary  layers  and 
of  significant  regions  of  separated  flow  at  normal  operating  lift  levels.  The  dual  problems  of 
separation  and  confluence  have  generally  been  approached  separately  in  the  course  of  developing  analysis 
schemes  for  multielement  airfoils,  although  the  existence  of  a  strong  confluent  boundary  layer  flow  may 
have  a  substantial  influence  on  the  point(s)  at  which  the  flow  may  separate.  A  large  body  of 
experimental  two-dimensional  multielement  airfoil  data  indicates  that  optimum  high  lift  performance  is 
obtained  when  gap  and  overlap  conditions  on  the  airfoil  elements  are  set  such  that  no  regions  of  strong 
confluence  exist  (Fig.  23).  However,  any  general  multielement  airfoil  analysis  should  have  the 
capability  of  accounting  for  merging  shear  layers  in  addition  to  its  other  capabilities.  Without  this 
capability  it  is  impossible  to  properly  perform  analytical  gap-overlap  optimization  studies,  to  account 
properly  for  boundary  layer  characteristics  in  the  presence  of  even  weak  confluence  which  may  effect 
both  drag  and  separation  location. 


Figure  23.  Influence  of  Airfoil  Element  Gap  on  Optimum 
Lift  Performance 

One  approach  to  multielement  airfoil  analysis  was  originally  developed  by  Goradia  and  his  coworkers 
(ref.  15)  at  Lockheed-Georgia  under  the  sponsorship  of  the  NASA-Langley  Research  Center.  This  program 
was  among  the  first  attempts  at  analyzing  the  complex  viscous  flow  about  slotted  airfoils  and  received 
worldwide  distribution  and  usage.  A  unique  feature  of  this  multielement  airfoil  program  was  the  model 
of  the  confluent  boundary  layer  flow. 

Over  the  years  ,  the  original  version  of  the  program  was  modified  extensively  to  improve  its 
predictions  for  different  types  of  high  lift  airfoils.  Many  improvements,  mainly  in  the  area  of  the 
potential  flow  calculation,  were  made  by  researchers  at  the  NASA-Langley  Research  Center.  For  tnis 
reason,  the  code  generally  has  been  referred  to  as  the  NASA-Lockheed  multielement  airfoil  program. 

This  program  has  since  been  further  developed  by  Brune  et  al  (ref  16  &  17)  partly  under  contract  with 
NASA-Langley. 

In  many  respects,  this  program,  (with  the  Boeing  modifications)  is  an  excellent  tool  for  the  analysis  of 
multielement  airfoils  with  fully  attached  boundary  layers.  It  remains  useful  both  as  a  research  tool 
and  for  those  cases  where  its  assumptions  and  limitations  are  non-restrictive  in  project  use.  It 
suffers  from  two  major  shortcomings,  however.  It  is  incapable  of  analyzing  separated  flows  and  it  has 
no  inverse  capability.  A  typical  analysis  result  is  shown  in  Fig.  24. 

In  the  course  of  modifying  the  NASA-Lockheed  code,  Brune  found  the  original  confluent  boundary  layer 
analysis  method  to  be  inadequate.  Therefore  a  new  confluent  boundary  layer  scheme  was  developed,  (ref 
16).  It  is  a  finite  difference  technique  which  solves  the  turbulent  boundary  layer  equations  and  a 
two-equation  model  of  turbulence  due  to  Jones  and  Launder  (ref.  17)  known  a9  the  Kappa-epsilon  model. 


TURBULENT  BOUNDARY  LAYER 


Figure  22.  2  D  Viscous  Flow  Analysis  and  Design 
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Figure  24.  Lift ,  Drag,  and  Pitching  Moment  of  a  Boeing  Four-Element  Airfoil 

One  of  the  central  difficulties  in  validating  confluent  boundary  layer  methods  and  viscous  flow  analysis 
methods  for  multielement  airfoils  in  general,  is  the  very  sparse  set  of  complete  experimental  data  which 
exist  in  the  literature  for  realistic  airfoil  sections.  Thus  a  comprehensive  test  was  conducted  to 
acquire  the  data  necessary  to  fully  validate  the  new  theory.  In  addition  to  force,  moment  and  pressure 
distribution  data,  detailed  information  on  mean  velocity  profiles  and  turbulence  properties  in  the 
boundary  layer  at  several  chordwise  stations  was  required. 

Prior  to  conducting  the  test  however,  a  survey  of  available  instrumentation  showed  that  existing 
equipment  was  inadequate  to  provide  the  high  quality,  detailed  data  required.  Thus,  an  improved 
mechanical  traversing  mechanism  was  designed  which  would  provide  minimum  disruption  to  the  flow  being 
measured  and  high  position  accuracy. 

This  new  traversing  mechanism  and  flow  sensors  are  shown  in  figure  25.  The  traverse  is  self-propelled 
and  is  normally  mounted  on  the  side  of  the  model  opposite  to  the  surface  on  which  measurements  are  being 
taken.  The  traverse  mechanism  is  equiped  with  four  flow  sensors:  a  pitot  probe,  two  X-hot  wires  and  a 
dual  split  film.  Data  from  all  sensors  is  acquired  simultaneously.  A  description  of  this  probe  and 
samples  of  the  very  high  quality  data  obtained  are  discussed  in  ref.  18  and  19.  Sample  data  are  shown 
in  Fig.  26.  The  test-theory  comparison  of  this  data  with  the  new  confluent  boundary  layer  program  is 
shown  to  be  excellent. 
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Figure  25.  Sketch  of  Boundary  Layer  Traversing  Mechanism 
Configuration  for  Minimum  Flow  Disturbance 


Figure  26.  Confluent  Boundary  Layer  Experiment 


In  most  realistic  applications,  knowledge  of  section  maximum  lift  coefficient  is  important,  if  not 
crucial,  in  airfoil  design/optimization.  In  the  absence  of  a  computational  capability  to  predict  the 
effects  of  large  scale  flow  separation,  and  hence  maximum  lift  coefficient,  heavy  reliance  must  be 
placed  on  wind  tunnel  testing  which  has  traditionally  been  conducted  at  Reynolds  numbers  an  order  of 
magnitude  lower  than  actual  flight  conditions.  This  has  generally  led  to  substantial  conservatism  in 
the  design,  in  efforts  to  reduce  risk.  In  addition,  the  usual  approach  to  computational  design  has  been 
conducted  by  an  iterative  analysis  process,  wherein  one  begins  with  a  baseline  geometry  and  a  desired 
performance  goal  and  by  analyzing  the  characteristics  of  the  baseline  geometry,  obtained  either 
experimentally  or  computationally,  attempts  to  determine  "intuitively"  how  the  initial  geometry  ought  to 
be  modified  to  meet  performance  goals.  Whether  conducted  in  the  wind  tunnel  or  on  the  computer,  the 
process  remains  largely  one  of  "cut-and-try." 

It  has  long  been  realized  that  a  more  rational  approach  to  the  aerodynamic  design  problem  would  be  to 
begin  with  a  realistic  set  of  performance  objectives  and  constraints,  and  derive  the  pressure 
distributions  and  other  flow  characteristics  necessary  to  meet  these  objectives  based  on  boundary  layer 
theory.  With  the  desired  flow  characteristics  established,  one  can  then  extract  by  computation  the 
geometry  necessary  to  produce  these  desired  flow  characteristics.  This  "inverse"  or  synthesis  process, 
while  conceptually  simple  and  desirable  has  only  become  practical  with  the  advent  of  large  digital 
computers. 

With  these  considerations  in  mind,  M.  L.  Henderson  developed  a  versatile  computer  program  system  (ref. 
20)  which  would  allow  both  the  analysis  and  design  of  multielement  airfoils  with  inclusion  of  the 
effects  of  separation  in  the  analysis  mode  and  inverse  boundary  layer  techniques  for  pressure 
distribution  synthesis  in  the  design  mode. 
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The  Subsonic  Analysis  Section  System  (SASS)  is  based  on  two-dimensional  higher  order  panel  method 
algorithms  for  potential  flow  and  integral  boundary  layer  methods  for  viscous  flow  computations*  The 
two  important  components  of  the  separation  modeling  are  the  determination  of  the  separation  point(s), 
and  and  the  streamline  displacement  caused  by  the  separated  wake*  This  latter  problem  is  handled  by 
introducing  a  separation  cavity  whose  contours  may  be  determined  without  recourse  to  detailed 
calculations  of  the  complex  interior  physics.  This  wake  displacement  body  is  added  to  the  bare  airfoil 
geometry,  and  the  whole  "equivalent  body"  may  then  be  analyzed  in  potential  flow  to  predict  separated 
flow  airfoil  section  performance.  This  procedure  is  described  in  detail  in  refs.  3  and  20.  Some 
typical  test-theory  comparisons  are  shown  in  Figure  27. 
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Figure  27.  Predicted  Airfoil  Data  From  Subsonic  Analysis  Section  System  (SASS) 

The  overall  program  system  also  incorporates  provision  for  a  separate  inverse  boundary  layer  method  for 
the  design  and  evaluation  of  pressure  distributions  for  input  to  the  design  mode  of  the  program.  This 
inverse  boundary  layer  method,  (ref.  21  and  22)  is  also  a  valuable  tool  in  its  own  right. 

HIGH-LIFT  FLOW  CORRELATION  AND  PREDICTION  TECHNIQUES 

At  present  there  is  no  analytic  method  capable  of  solving  the  three-dimensional  viscous  flow  about 
wings,  let  alone  full  aircraft,  in  high-lift  configurations.  Even  if  or  when  this  capability  is 
developed  it  will  likely  be  time-consuming  and  expensive  to  use  on  a  production  basis.  Tnus  there  will 
always  be  a  need  for: 

•  Correlation  methodology  for  two-and  three-dimensional  flows  which  allow  (where  appropriate) 
the  use  of  simpler,  more  economical  two-dimensional  viscous  methods  loosely  coupled  to 
three-dimensional  potential  flow  techniques. 

•  Semi-empirical  techniques  for  the  prediction  of  full-scale  aircraft  high-lift  performance  from 
wind  tunnel  data  and  from  the  performance  of  previous  aircraft  of  similar  geometry. 

•  Techniques  for  the  prediction  of  both  wind  tunnel  and  flight  level  high-lift  performance  of 
preliminary  design  configurations  for  which  no  specific  wind  tunnel  data  exists. 

The  problem  of  establishing  rational  methods  for  connecting  the  results  of  three-dimensional  potential 
flow  with  two-dimensional  viscous  flow  analyses  has  been  an  important  part  of  the  high-lift  research 
effort.  As  a  major  part  of  this  effort  it  has  been  necessary  to  establish  the  correlation  between 
two-dimensional  multielement  section  characteristics  with  the  corresponding  sections  on 
three-dimensional  wings  as  influenced  by  sweep,  induced  angle-of-attack  and  camber  effects,  and  spanwise 
components  of  boundary  layer  flow. 

As  an  example  of  early  correlation  methodology  work,  it  was  found  that  "simple  sweep  theory"  type 
corrections  to  two-dimensional  results,  which  are  rigorously  valid  only  for  thin  wings  of  constant  chord 
and  infinite  aspect  ratio,  should  be  replaced  by  the  more  theoretically  correct  method  due  to  R.  C.  Lock 
(ref.  23)  which  explicitly  accounts  for  taper  and  finite  aspect  ratio  effects. 

With  the  advent  of  the  DVM  Lifting  Surface  Theory  program,  Goldhammer  was  able  to  achieve  a  substantial 
advance  in  correlation/prediction  methodology.  For  the  first  time  it  became  possible  to  reliably  obtain 
potential  flow  results  for  high-lift  configurations  representative  of  actual  transport  aircraft. 

An  example  of  what  Goldhammer  was  able  to  achieve  with  combined  use  of  programs  DVM  and  SASS  (corrected 
for  sweep),  to  predict  high-lift  wing/body  characteristics  beyond  the  linear  portion  of  the  lift  curve 
is  demonstrated  here.  The  assumptions  made  in  this  example  are  that  airfoil  section  characteristic 
dominate  the  lift  behavior  of  the  wing;  and  that  even  in  cases  where  the  flow  may  be  locally  separated, 
spanwise  boundary  layer  flow  effects  can  be  neglected. 

As  demonstrated  earlier,  use  of  the  DVM  program  for  cases  of  highly  deflected  part-  or  full-span  flaps, 
with  separation  at  normal  operating  conditions,  leads  to  a  substantial  overprediction  of  lift.  However, 
by  analyzing  "critical  2D  sections"  of  the  wing  (located  at  "peaks"  in  the  span  loading  distribution) 
using  the  SASS  program  with  its  separated  wake  modeling  capability,  an  "effective"  viscous  flap 
deflection  angle  can  be  determined  as  shown  in  Figure  2S. 


When  this  new  effective  viscous  flap  deflection  is  input  to  the  potential  flow  analysis  (DVM)  the  result 
is  a  dramatic  improvement  in  the  test-theory  comparison  of  span  loading  shown  in  Figure  28. 
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Figure  28.  Effective  Flap  Deflection— Influence  on  Span  Loading 

Pe rhaps  a  more  remarkable  outcome  of  this  sort  of  analysis  was  the  fact  that  applications  of  the  DVM 
program  to  a  variety  of  other  transport  type  configurations  showed  a  repeatable  (to  first  order) 
correlation  between  effective  and  geometric  flap  deflections  for  a  given  number  of  elements  in  the  high 
lift  system.  This  led  to  the  tentative  construction  of  the  graph  relating  effective  and  geometric  flap 
deflections  shown  in  the  figure.  These  relations  hold  only  for  standard  wind  tunnel  level  Reynolds 
number ,  although  a  comparable  set  could  be  constructed  for  flight  levels* 

It  should  be  noted  that  the  work  reported  so  far  has  been  largely  directed  toward  providing 
computational  tools  to  project  level  engineers  for  use  during  the  detail  design  phase  of  an  airplane 
development  program*  This  goal  continues  to  be  important  and  has  been  remarkably  successful*  As 
reported  in  ref.  24,  the  combined  progress  in  3D  potential  flow  analysis  and  2D  viscous  flow  analysis 
and  design  when  coupled  with  progress  in  2D-to-3D  correlation  methodology  has  lead  to  a  quasi-3D  viscous 
flow  analysis  and  design  capability  for  multielement  wings.  This  design  process  which  relies  heavily  on 
the  use  of  2D  inverse  methods  is  shown  diagramatically  in  Fig.  29,  and  will  be  demonstrated  in  more 
detail  later  in  this  paper. 
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Figure  29.  High-Lift  Analytical  Design  Procedure 

As  shown  in  the  overview  diagram  (Figure  30),  at  the  detail  design  level,  computational  methods  intended 
to  complement  extensive  testing  must  be  highly  accurate.  Thus  costs  may  be  high,  although  fully 
justified  if  an  enhanced  design  process  results. 
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Figure  30.  Low-Speed  Aerodynamic  Prediction  Methods 


In  a  preliminary  design  phase  of  aerodynamic  configuration  development,  computational  methods  are  also 
of  major  importance.  In  this  case,  however,  where  many  continually  changing  configuration  variables 
must  be  considered  and  their  effects  on  the  global  aerodynamic  characteristics  readily  evaluated,  the 
conflicting  requirementa  of  computational  accuracy  and  ease  of  use,  rapidity  of  turnaround  and  low  cost 
make  the  development  of  appropriate  computational  methodology  challenging. 
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The  need  for  modern  predictive  methodoLogy  appropriate  to  preliminary  design  level  aerodynamic  analyses 
remains,  however.  Recognizing  the  limitations  of  existing  theoretical  tools,  better  computationally 

based  predictive  methodology  can  be  devised  if  one  accepts  certain  underlying  assumptions,  as  discussed 
in  ref.  25. 

A  method  devised  to  fill  the  block  for  a  preliminary  design  level  predictive  tool  in  Figure  30  is 
serai-empirical  and  relies  on  two  computer  programs.  The  new  method  is  made  possible  and  practical  by 
the  existence  of  the  DVM  potential  flow  computer  program  specifically  developed  for  the  analysis  and 
design  of  multielement  high  lift  configurations  described  previously. 

The  second  program  in  the  system,  is  identified  as  AePP  (Aerodynamic  Prediction  Program).  AePP  is  a 
highly  automated  system  of  bookkeeping,  interpolation/extrapolation,  scaling  and  post-processor  routines 
which  produce  the  predictions  of  global  aerodynamic  characteristics  of  a  configuration  in  a  subsonic 
viscous  flow. 

The  structure  is  based  on  a  framework  in  terras  of  potential  flow  lift  curve,  pitching  moment,  induced 

drag  and  span  loading  provided  by  independent  runs  of  the  DVM  program,  as  shown  in  Figure  31,  and 

provides  the  engineer  with  two  options: 

Option  1:  By  numerically  comparing  DVM  lifting  surface  theory  predictions  on  a  baseline 

configuration  for  which  experimental  data  exists  with  experimental  data,  using  AePP, 
the  effects  of  changes  in  the  baseline  geometry  (e.g*,  flap  span,  flap  chord,  number 
of  flap  elements)  can  be  estimated  with  good  accuracy.  In  this  case  the  full 

procedure  shown  in  Figure  31  is  used. 

Option  2:  In  the  case  where  no  explicit  baseline  experimental  data  exists,  combining  generic 

empirical  data  stored  in  AePP  with  DVM  lifting  surface  theory  results  for  the 
geometry  of  the  configuration  to  be  evaluated,  provides  estimates  of  global 
aerodynamic  characteristics  of  adequate  accuracy  for  preliminary  design  purposes. 


Figure  31.  Aerodynamic  Prediction  Procedure  (Low-Speed) 


An  outline  of  the  overall  method  and  its  program  elements  is  shown  in  Figure  31  .  How  the  raetnod  works 
is  shown  in  Figure  32.  A  complete  discussion  of  the  assumptions  made  and  how  the  empiricism  described 
above  is  incorporated  in  the  method  together  with  several  examples  of  application  are  described  in  ref. 
25. 


One  example  from  this  reference  is  reproduced  here  to  demonstrate  the  capability  of  the  basic  approach. 
In  this  example,  Figure  33,  wind  tunnel  data  from  a  Boeing  767  was  used  to  predict  the  lift,  drag  and 
pitching  moment  (tail-off)  characteristics  of  a  Boeing  737-300.  The  quality  of  the  predictions  appear 
quite  acceptable  for  preliminary  design  purposes. 
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Figure  32.  Low-Speed  Aerodynamic  Prediction  Procedure 


Figure  33.  Prediction  of  a  Boeing  737-300  From  a  767-200 


wake  vortices  and  vortex/boundary  layer  interactions 

An  important  high-lift  problem  is  that  associated  with  the  lift-induced  trailing  vortices  that  roll  up 
in  the  wake  of  large  airplanes  and  are  persistent  and  sufficiently  powerful  to  be  hazardous  if  other 
airplanes  encounter  them  before  they  decay.  The  problem  is  most  acute  in  the  traffic  patterns  of 
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airports,  where  both  aircraft  congestion  and  vortex  intensity  are  greatest  and  where  maximum  air  traffic 
control  is  required.  Although  it  is  important  to  predict  such  phenomena,  and  a  good  deal  of  research 
has  been  devoted  to  the  problem,  wake  vortex  alleviation  has  up  to  now  not  been  a  factor  in  high  lift 
system  design. 

In  addition  to  the  classic  wake  vortex  problem,  a  number  of  other  practical  high  lift  problems 

associated  with  the  formation  and  shedding  of  large  scale  vortices  from  various  components  of  an 

aircraft  have  been  identified.  Among  these  are  the  effect  of  large  vortices  shed  from  nacelle/strut 
combinations,  strakes,  etc.,  on  the  aerodynamic  characteristics  of  the  wings  and  empennage,  and  most 
particularly  the  interaction  of  such  vortices  with  the  boundary  layer  flow  on  the  wing.  While  in  some 
cases  these  vortices  may  be  beneficial,  in  other  important  cases  they  may  seriously  degrade  high-lift 
performance. 

The  approach  to  vortex  research  at  Boeing  has  been  the  development  of  predictive  technology,  and 

experimental  techniques  for  the  measurement  of  vortex  flows.  The  general  objective  is  to  understand  and 
predict  the  formation,  growth  and  decay  of  a  wide  range  of  large  scale  vortex  flows  as  they  interact 
with  other  components  of  the  airframe  itself  and/or  subsequently  influence  other  aircraft  in  proximity 
to  shed  vortex  wakes.  The  ultimate  objective  is  to  find  means  of  either  controlling  the  formation  or 
intensity  of  large  scale  vortices  so  that  they  interact  favorably  or  with  minimum  penalty  with  other 
components  of  the  generating  airframe. 

Since  the  state-of-the-art  in  modeling  realistic  vortex  flows  (c.f.  Fig  34)  is  still  primitive, 
particularly  in  the  case  where  vortices  interact  strongly  with  a  boundary  layer,  the  majority  of  the 
work  done  so  far  in  this  area  has  been  experimental.  The  emphasis  has  been  on: 

•  Development  and  exploition  of  a  number  of  flow  field  visualization  techniques  for  the 

diagnosis  of  complex  viscous /vortex  interactions  and  shed  vortex  wakes. 

•  Development  of  experimental  data  bases  for  transport  aircraft  configurations  in  high-lift/high 
angle-of-attack  conditions.  These  efforts  have  been  conducted  to: 

Provide  necessary  data  to  validate  the  extension  of  codes  like  PANAIR  to  analyses  of 
multielement  wings. 

Clarify  the  physics  of  vortex  formation  and  interactions  as  generated  by  high-lift 
configurations ■ 

-  Establish  an  experimental  data  base  with  which  to  compare  current  efforts  to  model 
three-dimensional  separated  flow. 

-  Provide  data  for  wake /downwash  prediction  at  the  plane  of  the  empennage, 
particularly  during  operation  at  high-lift/high-angle-of-attack  conditions. 

A  great  deal  of  flow  field  visualization  and  diagnostic  work  has  been  done  ranging  from  tests  in  water 
tunnels  to  subsonic  wind  tunnels.  The  conclusion  from  tests  conducted  in  water  tunnels  has  been  that, 
while  yielding  useful  results  for  certain  types  of  configurations  (e.g.,  fighters  with  wings  with  sharp 
leading  edges),  the  low  Reynolds  numbers  typical  of  such  testing  make  such  experiments  nearly  useless 
for  transport  type  configurations.  A  far  better  approach  has  been  to  use  flow  field  visualization 
techniques  recently  developed  for  conventional  wind  tunnels.  These  techniques  include: 


•  The  Boeing  developed  Wake  Imaging  System  (WIS)  described  in  ref.  26.  Typical  WIS  total 
pressure  survey  data  is  shown  in  figure  34  in  a  black-and-white  reproduction.  The  actual 
result,  obtained  in  about  four  minutes  of  survey  time  and  available  immediately,  are  in 
the  form  of  color  polaroid  photographic  prints. 


Figure  34.  Wake  Image  System  (WIS)  Survey  Behind  a  High-Lift  M ling 

•  The  five  port  probe  (ref. 27)  which  can  give  survey  data  similar  to  the  WIS,  with  the 
additional  advantage  that  fully  quantitative  data,  three  velocity  components  and  total 
pressure  are  provided  in  minimum  post  run  time.  This  latter  technique  has  been  used  very 
effectively  to  map  wakes  as  shown  in  Fig  35,  and  a  full  discussion  of  recent  test  results 
using  this  technique  is  reported  in  refs.  27  and  28.  These  experiments  have  shown  good 
correlation  between  WIS  and  five  port  probe  data,  both  of  which  also  correlate  reasonably 
well  with  limited  laser  velocimetry  measurements. 


r  V.-.< 


1 v  • 
o  ■-  * 

V 

vS-?i 


( 

y' 


<m  **, 

*  A  >  »  * 


Wi*-v 


*>- 1 6 


The  cited  references  give  further  details  on  these  flow  visualization  techniques  and  some  additional 
results  will  be  discussed  in  the  next  section  on  practical  applications. 

In  an  appropriate  experimental  approach  to  complex  viscous/vortex,  separated  flow  and/or  wake  problems, 
it  is  important  to  recognize  that  a  "full  set"  of  data  is  usually  necessary,  and  such  a  full  data  3et 
includes  forces,  surface  pressures  and  both  surface  flow  and  flow  field  visualization.  It  has  been  our 
experience  in  diagnosing  complex  flows  that  given  a  number  of  equally  experienced  interpreters 
evaluating  the  same  surface  flow  pattern,  one  often  gets  as  many  interpretations  as  there  are  evaluators. 


To  evaluate  the  surface  flow  in  a  systematic  way  mathematical  topology  ("critical  point  theory")  as 
developed  by  several  investigators  has  been  of  considerable  value.  Critical  point  theory  has  the 
virtues  of  rapid  application,  and  it  clearly  establishes  which  flow  interpretations  are  kinematically 
feasible . 


Tne  technique  is  well  described  by  Peake  and  Tobak  (ref.  29)  and  Dallmann  (ref  30).  A  typical  result  of 
work  due  to  Brune  (so  far  unpublished)  of  extensions  to  high-lift  and  multielement  wing  configurations 
is  shown  in  Fig.  36. 


(a)  China  Clay  Photo  (a  =  24  das)  (b)  Interpretation  of  Limiting  Streamlines 

Figure  36.  Interpretation  of  Separated  Flow  Pattern,  Using  Critical-Point  Theory 


SOME  APPLICATIONS  OF  BOEING  HIGH-LIFT  DESIGN  METHODOLOGY 

In  che  preceding  sections  of  this  paper  a  great  deal  of  progress  has  been  reported  in  the  development  of 
improved  methodology,  both  computational  and  experimental,  for  the  design  and  analysis  of  transport 
aircraft  high-lift  systems.  In  order  to  complete  the  discussion  and  to  clarify  several  of  the  issues 
raised  earlier,  two  examples  of  applications  of  this  improved  methodology  to  practical  design  problems 
have  been  selected. 

A  Redesign  of  the  Boeing  747  High-Lift  System 

The  first  example  was  selected  because  it  demonstrates  the  way  in  which  the  general  quasi-three 
dimensional  viscous  flow  design  methodology  (Fig  29)  with  its  strong  reliance  on  the  use  of  inverse 
methods,  was  used  to  evaluate  a  complex  design  problem.  The  problem  posed  was:  Given  the  wing  of  the 
existing  Boeing  747,  is  it  possible  to  simplify  the  triple  slotted  flap/variable  camber  Krueger 
high-lift  system  without  degrading  the  approach  speed.  Further  constraints  were: 

(1)  The  cruise  aerodynamic  configuration  must  remain  unaltered. 

(2)  Major  structural  modification  outside  the  flaps  would  not  be  allowed. 

(3)  Handling  characteristics  should  not  be  degraded. 

As  shown  in  Fig.  37,  the  baseline  geometry  was  first  analyzed  in  potential  flow  using  the  DVM  Lifting 
Surface  Theory.  This  yielded  the  span  loads  at  various  values  of  lift  coefficients.  Fro,*  the  span 
loads,  the  "critical  2D  sections"  were  selected  and  evaluate  using  the  2D  multielement  airr»il  code 
SASS.  These  results  corrected  for  sweep  are  shown  in  Fig.  38.  Additional  information  obtained  from 
these  analyses  are  viscous  flow  pressure  distributions  and  details  of  the  boundary  layer 
characteristics.  At  this  point  one  has  the  basic  data  necessary  to  begin  the  redesign  effort. 


Figure  37.  Spanloading  on  Baseline  747-200,  Flaps  30, 
Calculated  With  SASS 


Figure  38.  SASS-Calculated  Sectional  Lift  Curves,  Sf=  30  deg 


Using  the  2D  inverse  boundary  layer  method,  improved  viscous  flow  pressure  distributions  are  derived  for 
the  various  elements  of  the  multielement  airfoil  ensembles.  These  design  point  pressure  distributions 
are  then  used  in  the  inverse  mode  of  the  SASS  program  to  generate  new  airfoil  geometries.  These  new 
geometries  are  a  combination  of  revised  surface  contours  and/or  modified  flap  gap,  overlap  and 
deflection  relationships. 

With  the  new  geometry  established,  these  sections  are  analyzed  in  the  SASS  program  to  obtain  full 
section  lift  curves,  including  the  effects  of  flow  separation  from  one-or  more  airfoil  element.  Typical 
final  results  are  shown  in  Figures  39. 


ANGLE  OF  ATTACK,  a  (dag) 


Figure  39.  SASS  Analysis  of  Baseline  and  Redesigned  Flaps 


As  a  final  step,  if  the  resulting  new  geometry  differs  substantially  from  the  baseline  case,  a 
reevaluation  of  the  total  high  lift  systems  in  the  DVM  program  can  be  conducted  to  assure  that  a 
"converged"  design  solution  has  been  achieved  and  this  data  can  be  used  to  estimate  the  new  wing/body 
maximum  lift  coefficient  and/or  lift-drag  ratio. 

An  interesting  result  of  the  present  example  is  shown  in  Fig.  39.  The  new  double  slotted  flap  does 
indeed  yield  the  same  section  maximum  lift  coefficient  as  the  baseline  triple  slotted  system  but  more 
important  however,  at  a  given  angle  of  attack  the  lift  coefficient  is  lower  for  the  redesigned  system 
than  for  the  baseline.  This  means  that  the  net  result  of  integrating  this  revised  section  into  the 
system  would  be  that  the  aircraft  would  have  to  approach  at  higher  angles-of-attack  to  maintain  ti  •  same 
approach  speeds.  In  practice  this  is  not  possible  due  to  tail  strike  limitations.  For  this  reason,  the 
results  of  this  particular  exercise  remain  of  largely  academic  interest  and  the  new  configuration  was 
not  tested.  The  example  does  demonstrate  clearly,  however,  the  power  of  the  new  analytic  approach  to 
high-lift  design. 


Transport  Aircraft  Maximum  Lift  Performance  Improvement 

The  second  application  example  to  be  discussed  is  of  interest  for  several  reasons. 

1.  Both  wind  tunnel  and  flight  test  validation  results  exist. 

2.  The  full  computational  methodology  previously  described  was  applied  to  a  difficult  flow  problem 
involving  a  complex  airplane  geometry. 

3.  While  the  computational  methods  alone  were  inadequate  to  cope  with  the  full  problem,  when  used  to 
augment  and  guide  the  wind  tunnel  testing,  they  provided  the  crucial  element  in  achieving  a 
difficult  aerodynamic  goal. 

L,  An  approach  to  partially  circumvent  some  major  limits  of  conventional  low  Reynolds  number  testing 
in  high-lift  system  development  was  demonstrated.  This  approach  can  only  be  pursued  efficiently  by 
application  of  computational  techniques. 

The  objective  was  to  retrofit  the  basic  Boeing  707  airframe  with  four  large  diameter  high-bypass  ratio 
turbofan  engines  with  minimum  modification  to  the  remainder  of  the  airframe  and  without  an  off-design 
(i.e.,  low-speed)  performance  penalty.  The  new  nacelles  were  compatible  with  the  baseline  airframe, 
provided  the  nacelle  struts  of  the  new  installation  were  shorter  than  those  of  the  baseline,  resulting 
in  the  nacelles  being  placed  in  closer  proximity  to  the  wing.  Wind  tunnel  tests  comparing  the  baseline 
and  retrofit  airplanes  showed  no  low-speed  performance  penalty.  Corresponding  flight  tests  showed  a  10 
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percent  loss  in  airplane  maximum  lift  capability*  The  comparison  results  are  shown  in  Figure  40* 
Further,  based  on  low  Reynolds  number  wind  tunnel  force  data  alone,  there  appeared  to  be  no  obvious 
experimentally  derivable  aerodynamic  fix. 


Figure  40.  Nacelle  Influence  on  Cn 

1 max 


The  puzzle  regarding  the  cause  of  the  lift  loss  was  solved  by  additional  wind  tunnel  testing  with 
particular  emphasis  placed  on  carefully  documented  flow  visualization.  Nacelle-on  and  -off  tests 
clearly  showed  (Fig.  41)  that  flow  separation  occured  on  the  sides  of  the  large  diameter  nacelles  at 
high  angles  of  attack  and  high  flap  deflection  conditions,  leading  to  the  formation  of  large  vorticies 
which  flowed  streamwise  over  the  wing.  While  the  section  characteristics  of  the  wing  were  very  strongly 
Reynolds  number  scale  dependent,  the  paths  and  strength  of  the  nacelle  shed  vortices  were  almost  scale 
independent  as  a  comparision  with  flight  test  showed  (fig  42).  Further,  under  certain  conditions,  the 
vorticies  interacted  in  an  unfavorable  way  with  the  boundary  layer  on  inboard  sections  of  the  wing 
downstream.  As  a  result,  at  wind  tunnel  Reynolds  numbers,  the  maximum  lift  characteristics  of  the  wing 
were  dominated  by  the  outboard  section  characteristics.  At  flight  level  Reynolds  numbers,  the  outboard 
wing  sections  benefited  from  the  increased  Reynolds  number  so  that  maximum  lift  was  limited  by  tne 
unfavorable  inboard  wing  boundary  layer/nacelle  vortex  interaction.  Thus,  the  two  configurations,  both 
with  identical  wings  and  high-lift  systems,  exhibited  almost  equal  maximum  lift  performance  in  the  wind 
tunnel,  but  not  at  flight  conditions.  Subsequent  analysis  of  the  wing  using  the  quasi-3D  viscous 
analysis  approach  described  earlier  further  validated  and  clarified  this  diagnosis. 


Figure  41.  Stall  Mechanisms  at  High  and  Low  Reynolds  Number  Figure  42.  Nacelle  Vortices 


Thus,  the  puzzle  was  solved,  but  the  problem  was  not.  Having  observed  that  the  wind  tunnel,  using  a 
model  which  carefully  simulated  the  full  scale  geometry  of  the  proposed  configuration,  could  not 
duplicate  the  necessary  flow  phenomena,  the  traditional  approach  would  be  to  embark  on  an  expensive  and 
time  consuming  flight  test  program,  with  the  fear  that  a  substantial  revision  of  the  baseline  high-lift 
system  might  prove  to  be  the  only  satisfactory  solution.  However,  with  the  availability  of 
computational  tools,  a  quite  different  approach  became  feasible. 

This  approach  was  to  simulate  the  full  scale  aerodynamics,  rather  than  the  full  scale  geometry  in 
defining  the  parts  of  the  wind  tunnel  model.  While  conceptually  appealing,  this  course  is  almost 
impossible  to  follow  unless  one  has  sufficiently  powerful  computational  tools  with  design  capability. 

In  the  case  under  discussion,  the  full  scale  simulation  was  rather  crude  but  extremely  effective. 
Having  determined  both  by  flow  visualization  and  analysis  that  tne  low  Reynolds  number  stall 
characteristics  were  driven  by  outboard  wing  section  characteristics,  it  was  a  straightforward  procedure 
to  design  an  alternate,  non-standard,  leading  edge  device  (Fig.  43)  which  could  be  fitted  to  the 
outboard  wing  of  the  wind  tunnel  model.  In  this  way,  the  outboard  wing  behaved  at  wind  tunnel  Reynolds 
number  very  much  like  the  full  scale  wing  did  in-flight,  i.e.,  nacelle  vortex/wing  boundary  layer 
interactions  determined  the  stall  in  the  wind  tunnel. 


BASELINE  FLAT  KRUEGER 
LEADING  EDGE  DEVICE 


Figure  43.  Wind  Tunnel  Test  To  Find  Solution 
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Having  adjusted  the  wing's  stall  patterns  in  the  wind  tunnel,  attention  turned  to  the  necessary 
modifications  of  the  nacelles  to  improve  the  maximum  lift  performance.  Additional  reliance  on  flow 
visualization  utilizing  the  wake  imaging  system  lead  to  development  of  a  set  of  nacelle  mounted  vortex 
control  devices  (VCDs)  which  finally  solved  the  problem  without  further  change  to  the  baseline  high-lift 
system.  These  devices  were  subsequently  flown  on  the  full  scale  airplane  with  satisfactory  results,  as 
shown  in  Figure  44. 


BASELINE 

(WIND 

TUNNEL! 


BASELINE  REDESIGNED  BASELINE 

LEADING-EDGE  LEADING  EDGE  HIGH-LIFT  SYSTEM 


Figure  44.  Maximum  Lift  Comparisons 


CONCLUDING  COMMENTS 

An  outline  of  low-speed/high-lift  aerodynamic  research  at  Boeing,  and  the  quasi-3D  viscous  flow 
computational  methodology  developed  for  the  analysis  and  design  of  transport  high-lift  systems  was 
presented.  To  demonstrate  the  overall  utility  of  this  methodology,  two  examples  of  its  application  to 
practical,  project  oriented  design/analysis  problems  were  described.  The  important  conclusions  to  be 
drawn  from  the.e  examples  are: 

1.  Modern  high-lift  computational  methods  have  become  sufficiently  well  developed  to  allow  a  designer 
to  use  these  new  methods  in  a  greatly  improved  (compared  to  experimental/analytical  cut-and-try) 
design  process. 

2.  Since,  in  the  forseeable  future,  management  cannot  be  expected  to  make  decisions  which  risk 
millions  of  dollars  based  solely  on  "analytic  wind  tunnel"  results ,  the  objective  of  a  practical 
research  effort  must  be  to  derive  computational  tools  which  will  both  augment  and  improve  the 
efficiency  of  what  remains  an  experimental  process.  With  the  parallel  development  of  improved  flow 
visualization  techniques,  the  experimental  process  has  been  advanced  as  well. 

3.  The  role  of  the  wind  tunnel  will  change  as  computational  methods  of  increasing  power  become 
available.  Much  routine  parametric  evaluation  can  now  be  conducted  with  the  computer,  with  the 
wind  tunnel  acting  as  both  the  vehicle  for  visualization  of  complex  flows  and  the  final  arbiter  of 
predicted  results.  Thus  theory  and  experiment  form  a  necessary  complementary  pair. 

4.  Modern  computational  methods  now  allow  the  high-lift  system  designer  to  do  many  of  the  things  that 
were  once  conceptually  possible,  but  impractical  due  to  either  lack  of  physical  understanding  or 
budget  limitations.  Both  computational  exercises  described  and  the  modeling  of  "full  scale" 
aerodynamics  rather  than  full  scale  geometry  in  the  wind  tunnel,  are  examples  of  these  emerging 
capabilities . 

5.  Most  of  the  work  described  in  this  paper  has  related  to  transport  aircraft  with  unpowered  high-lift 
systems.  Much  of  the  technology  described  (most  particularly  the  improved  flow  visualization 
techniques)  is  fully  applicable  to  military  aircraft  and  powered  lift  concepts.  As  the  methodology 
described  matures,  attention  will  logically  be  devoted  to  extending  these  kinds  of  capabilities  to 
the  full  range  of  future  high-lift  schemes. 

It  would  be  satisfying  to  be  able  to  say  that  we  limited  ourselves  to  unpowered  high-lift  systems  due  to 
the  large  volume  of  material  available  and  that  a  comparable  paper  could  be  written  on  powered-lift 

systems.  Unfortunately  this  has  not  been  the  case.  Despite  the  flurry  of  activity  in  powered-lift  in 

the  early  to  mid-1970'8,  as  evidenced  by  the  flight  of  four  different  powered  lift  airplanes  only 
limited  analytical  development  has  been  undertaken.  This  is  still  a  largely  virgin  territory  awaiting 
the  inspired  researcher. 

While  the  above  comments  are  specific  to  the  Boeing  high-lift  effort,  it  remains  to  make  some  more 

general  observations  relating  to  the  issues  identified  in  the  introduction  of  this  paper.  Central  of 

these  was  the  question  of  the  tools  available  to  the  high-lift  designer  and  those  which  remain  to  be 
developed.  Many  of  the  aspects  of  this  question  have  been  addressed  in  previous  sections  of  the  paper 
and  need  not  be  sunnarized  again  here.  One  matter  of  interest  does  deserve  attention  here  however. 

At  the  conclusion  of  his  Wright  Brothers  Lecture  A.M.O.  Smith  left  us  with  his  list  (circa  1974)  of  the 
ten  pressing  theoretical  problems  in  high-lift  aerodynamics.  In  light  of  the  progress  reported  in  this 
paper,  it  is  of  interest  to  review  these  ten  issues  and  comment  on  the  progress  made  on  each  in  the 
intervening  period.  We  may  then  propose  a  new  list  of  our  own. 

A.M.O.  Smith's  list  was  as  follows: 

1.  Very  general  calculation  of  three-dimensional  laminar  and  turbulent  flows. 

This  must  stand  as  an  important  on-going  effort  despite  years  of  effort  and  advance.  It 
should  be  noted  that  success  in  this  area  is  still  strongly  coupled  to  our  ability  to  solve 
the  inviscid  flow  portion  of  the  problem  and  here  the  complexity  of  the  geometry  of  practical 
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aircraft  high-lift  systems  still  presents  major  obstacles  both  aerodynamical ly  and  in  geometry 
definition.  The  capability  to  predict  trailing  edge  separation  on  three-dimensional 
configurations  is  also  emerging,  but  the  capability  to  predict  vortex/boundary  layer 
interactions  remains  very  primitive. 

2.  Calculation  of  flows  involving  partial  separation  in  the  rear. 

Here  great  progress  has  been  made  in  2?  flows  (c.f.  Henderson,  ref.  20,  Bristow,  ref.  31,  and 
Mani,  ref.  32).  This  is  an  area  where  much  progress  may  be  made  in  the  near  term  in  three 
dimensional  flow  without  recourse  to  solution  of  the  full  Navier-Stokes  equations. 


3.  Practical  calculation  of  flows  involving  forward  separation  bubbles. 

Much  detail  work  remains  to  be  done  in  this  area.  While  apparently  a  mere  footnote  to  the 
overall  high-lift  problem,  as  long  as  wind  tunnel  tests  continue  to  be  conducted  at  "low" 
Reynolds  numbers,  the  capability  to  predict  the  formation  and  effect  of  laminar  separation 
bubbles  remains  an  important,  imperfectly  developed,  capability. 

4.  Practical  calculation  of  flows  involving  shock-boundary  layer  interactions. 

Slow,  but  steady  progress  has  been  made  on  this  fundamental  problem  (ref.  33)  but  its 
relevance  to  the  low-speed  high-lift  problem  would  seem  obscure.  "Supercritical"  leading  edge 
devices  on  transport  aircraft  are  items  to  be  avoided  in  our  experience. 

5.  Calculations  of  viscous  flow  around  the  trailing  edges  of  wings  and  bodies. 

Despite  the  work  of,  for  example,  Melnik  (ref.  34)  this  problem  remains  to  be  fully  resolved 
and  remains,  as  it  did  for  Smith  a  decade  ago,  a  major  annoyance. 

6.  Further  development  of  inverse  methods. 

Substantial  progress  has  been  made  for  2-D  cases.  For  3-D  the  PAHAIR  technology  has  great 
promise.  It  may  also  iif.  m>ted  that  development  of  such  methods  is  less  than  half  the 
problem.  Teaching  engineers,  accustomed  to  "design  by  repetitive  analysis"  to  use  inverse 
methods  effectively  is  as  large  a  problem  and  requires  a  great  deal  of  further  understanding 
and  education. 

7.  Drag  of  multielement  airfoil  systems. 

Squire  and  Young  still  reign  in  this  area  and  progress  of  real  substance  remains  to  be  made. 

8.  Practical  calculation  of  merging  boundary-layers,  wall  jets  and  wakes. 

With  the  completion  of  the  combined  theorical/experimental  work  by  Brune  (ref  16  &  19) 
reported  here,  this  problem  seems  to  have  reached  the  state-of-the-art  in  overall  2D  viscous 
flow  computational  capability.  Having  done  the  work  we  observe  that  it  may  have  been  a 
problem  of  limited  priority  in  retrospect.  Analytic  gap/overlap  studies  are  nearly  as 
expensive  to  perform  computationally  as  experimentally,  and  aside  from  evaluating  the  adverse 
effects  of  imperfectly  sealed  slats,  etc,  the  analysis  capability  is  of  rather  limited  utility. 

9.  The  analysis  of  flows  over  swept  wings  on  which  a  leading-edge  vortex  is  developed. 

This  is  a  major  area  of  interest  and  substantial  progress  has  been  made  for  highly  swept  wings 
with  sharp  leading  edges.  For  moderately  swept  wings  with  rounded  leading  edges  where 
vortices  are  less  well  defined  much  work  remains  to  be  done. 

10.  Three-dimensional  transonic  calculations,  particularly  for  arbitrary  wing  and  wing  body  conbination. 

Very  great  progress  has  been  made  here,  largely  with  reference  to  cruise  configurations.  This 
topic  is  not  within  the  scope  of  the  present  paper  and  it  seems  to  us  of  less  relevance  for 
transport  type  high  lift  systems. 

In  quick  summary  then  we  see  a  decade's  progress.  It  remains  only  to  propose  a  menu  of  our  own  for 
further  work.  Our  shopping  list  is  as  follows: 


1.  Very  general  calculation  of  three-dimensional  laminar  and  turbulent  boundary  layers. 

2.  Computation  of  three  dimensional  separation, 

3.  Drag  of  multielement  wings. 

4.  Further  development  of  inverse  methods. 

5.  Wake  and  downwash  prediction  from  3D  multielement  configurations. 

6.  Vortex/boundary  layer  interactions. 

7.  Propulsive  lift  analysis. 

8.  3D  flow  visualization  and  measurement  techniques. 

9.  Modeling  of  swept  wing  leading  edge  flow  with  separation 

10.  Analytical  buffet  prediction 

Further  comments  on  the  above  list  seems  superflous  in  light  of  the  preceding  discussions  and  the 
authors  want  to  end  this  paper  with  the  hope  that  the  coming  ten  years  will  show  as  spectacular  progress 
as  the  last  ten. 
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1.0  INTRODUCTION 

According  to  the  published  guidelines  "it  is  intended  that  this  symposium  bring  together  the  practioners  of  various  applications 
of  boundary  layer  control  with  those  interested  in  the  underlying  fluid  mechanics  for  the  purpose  of  mutual  learning" .^This  paper 
presents  some  views  of  a  practitioner  from  the  perspective  of  powered  lift  in  which  a  substantial  proportion  of  engine  thrust  is  devoted  to 
augmentation  of  wing  lift.  As  such,  control  of  the  boundary  layer  takes  place  in  rather  a  macroscopic  way  due  largely  to  entrainment  of 
secondary  flow  into  a  powerful  jet  or  jet  sheet. 

The  Augmentor-Wing  powered  lift  concept  has  been  the  subject  of  investigation  jointly  by  Canada  and  the  United  States  since  the 
late  sixties.  Following  extensive  tests  of  a  half  scale  model  in  the  NASA,  Ames  40'  x  80'  wind  tunnel,  a  decision  was  made  to  design  and 
build  a  minimum  cost  flight  demonstrator  based  on  the  de  Havilland  Buffalo  airframe.tf'fgureTf^This  technology  demonstrator  aircraft 
first  flew  in  1972  and  subsequently  underwent  trials  at  NASA,  Ames  accumulating  a  total  of  650  flying  hours. 

Following  completion  of  the  NASA  trials  in  1980,  work  has  continued  in  Canada  covering  four  main  areas  of  interest: 

-  additional  flight  trials  on  the  technology  demonstrator  aircraft, 

-  propulsion  system  development , 

-  experimental  investigation  of  a  new  compound  supercritical  airfoil,  >  •  ' 

-  project  definition  studies.  , 

The  paper  touches  briefly  on  theseToartopics  expanding  more  so  in  areas  likely  to  be  of  interest  to  the  Fluid  Dynamics  Panel. 
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A  powered  lift  STOL  transport  differs  from  one  which  relies  solely  on  passive  lift  (such  as  the  de  Havilland  Dash  7)  in  four  funda¬ 
mental  ways,  all  of  which  relate  to  steep  gradient  approach  at  low  speed: 

(1 )  Power  for  approach  is  set  at  50  to  60%  of  maximum  thrust  available  as  compared  to  idle  approach  power  with  a  passive  flap. 

(2)  Forward  components  of  thrust  are  nullified  (by  vectoring,  by  variable  pitch  fan  or  by  bucket  type  reversers)  to  achieve  a  steep 
gradient  approach. 

(3)  Restoration  of  forward  thrust  (e.g.  by  vectoring)  becomes  an  essential  part  of  the  wave-off  manoeuvre. 

(4)  A  large  imbalance  in  roll  is  likely  to  occur  in  the  event  of  engine  failure. 

Wave-off  following  engine  failure  represents  a  particularly  difficult  combination  (Figure  2). 

Generally,  in  the  case  of  External  Blown  Flap  (EBF)  or  Upper  Surface  Blowing  (USB),  integration  of  engine  thrust  and  flap 
serves  both  to  augment  wing  lift  by  supercirculation  and  to  vector  thrust  for  steep  gradient  approach.  However,  since  the  entire  thrust  of 
the  engine  is  devoted  to  flap  blowing,  it  follows  that  the  flap  must  be  partially  retracted  to  re-vector  thrust  for  wave-off  and  a  substantial 
transient  loss  of  wing  lift  is  unavoidable.  Again,  wave-off  with  one  engine  failed  is  difficult,  especially  in  combination  with  a  large  roll 
imbalance:  in  the  case  of  the  YC-14,  flap  retraction  on  the  "live  wing"  is  necessary  to  achieve  roll  balance  causing  a  further  lift  loss.  Such 
issues  are  important  when  considering  the  airworthiness  of  powered  lift  aircraft. 

The  Augmentor-Wing  internally  blown  system  attends  to  some  of  t  tese  issues  by  having  separate  control  over  the  propulsive  and 
blowing  components  of  thrust  and  by  introducing  cross-ducting  to  eliminate  roll  upset  in  the  event  of  engine  failure.  Thus,  at  constant 
engine  speed,  lift  of  the  blown  flap  may  be  considered  as  equivalent  to  that  of  a  passive  flap,  whereas  thrust  vectoring  (or  V.P.  fan)  can  be 
used  to  modulate  forward  thrust  in  lieu  of  the  throttle.  Hence  the  characteristics  and  mode  of  flight  can  be  related  to  the  conventional 
and  thereby  correlated  directly  with  existing  airworthiness  rules. 

The  Augmentor-Wing  concept  is  comprised  of  four  elements  in  all: 

A  propulsion/blowing  engine  (Figure  3)  which  delivers  about  one  third  of  total  thrust  for  wing  lift  augmentation. 

-  An  effecient  ejector  flap  (Figure  4)  which  generates  high  lift  by  supercirculation  and  which  serves  also  to  augment  nozzle  thrust. 
Thus,  in  combination  with  thrust  recovery,  thrust  margin  for  takeoff  is  substantially  increased  (this  being  especially  important 
for  climb-out  with  one  engine  inoperative). 


•  Ducting  which  suppl  ies  blowing  air  to  the  wing  to  maintain  roll  balance  in  the  event  of  engine  failure  and  to  enhance  control 
power  at  low  flight  speeds  by  means  of  the  augmentor  choke  (Figure  5). 

■  A  thick  supercritical  compound  airfoil  otherwise  known  as  a  cruise  augmentor  flap  (Figure  6). 

3.0  FLIGHT  TRIALS 

Early  in  1980,  a  team  from  the  National  Aeronautical  Establishment  assumed  operational  control  of  the  Buffalo/Spey  research 
aircraft  at  NASA,  Ames  and  in  1981  flew  the  aircraft  to  their  own  laboratory  located  in  Ottawa.  A  new  central  data  computer  was  in¬ 
stalled  by  NAE  to  replace  the  Sperry  STOLAND  unit  which  had  been  retained  by  NASA  for  other  use. 

The  new  computer  unit  restored  the  longitudinal  SAS,  the  speed  hold  system  and  the  controls  integration  capability.  In  broad 
terms,  speed  hold  is  achieved  by  modulation  of  (Pegasus  type)  nozzle  angle  whereas  glide  path  tracking  can  be  improved  by  controls  inte¬ 
gration,  such  as  throttle  into  choke  or  pitch  attitude  into  choke  with  a  transient  wash-out.  Important  handling  qualities  experiments 
were  carried  out  in  Canada  but  are  considered  outside  the  direct  interest  of  the  Fluid  Dynamics  Panel. 

Following  check-flights  by  NAE  in  the  summer  of  1 982,  the  aircraft  was  handed  over  to  de  Havilland  for  further  evaluation.  Two 
series  of  tests  each  of  2  %  months  duration  have  taken  place  at  Canadian  Forces  Base,  Mountain  View,  Ontario.  Some  of  this  work  is  re¬ 
viewed  in  Reference  1 .  Three  subjects  have  been  selected  for  comment,  one  relating  to  powered  lift  stalling  characteristics,  another  to  the 
maximum  effort  takeoff  performance  with  vectored  thrust  and  a  third  to  no-flare  landing  techniques. 

3.1  Powered  Lift  Stall 

Suction  generated  by  the  augmentor  flap  serves  to  establish  a  spanwise  line  of  low  pressure  at  about  60%  of  the  chord.  This  acts 
as  a  powerful  means  to  prevent  flow  separation  in  a  macroscopic  fashion  since  an  entire  layer  of  upper  surface  flow  is  accelerated  and 
ingested  by  the  ejector.  Half  scale  model  tests  in  the  NASA  Ames  40'  x  80'  wind  tunnel  showed  that  onset  of  stall  occurs  at  the  wing/ 
fuselage  junction  at  about  ot=  20°  and  is  confined  to  that  general  region  well  beyond  peak  lift  at  an  angle  of  attack  in  excess  of  30°. 

The  model  was  equipped  with  a  blowing  slot  across  the  upper  surface  of  the  fuselage  located  at  about  10%  chord:  this  was  designed  to 
suppress  flow  separation  at  the  wing  root  and  encourage  lift  "carry-over".  In  the  wind  tunnel.tests  were  conducted  with  and  w  ithout 
body  blowing  on  both  straight  and  swept  wings.  Results  were  as  follows: 

•  On  the  straight  wing  at  high  Cj,  body  blowing  gave  a  small  increase  in  lift  for  CO  20°,  a  small  increase  in  C|_  of  order  0.3 
and  generally  a  smoother  lift  curve  at  high  ot .  The  wing  and  body  was  tufted  liberally:  at  a  yaw  angle  of  max  10°  (say)  and 
body  blowing  off,  the  tufts  became  quite  agitated  whereas  with  body  blowing,  the  tufts  remained  smooth  generally  over  the 
whole  model. 

•  On  the  swept  wing,  body  blowing  was  shown  to  have  no  effect.  Lift  curves  were  smooth  to  high*,  and  the  lift  peak  was  quite 
flat:  maximum  lift  was  slightly  greater  for  the  swept  wing  at  the  same  level  of  blowing  coefficient. 

To  minimize  risk,  it  was  decided  that  body  blowing  (accounting  for  7%  of  the  blowing  flow  available)  would  be  fitted  to  the  re¬ 
search  aircraft.  If,  as  suspected,  the  benefit  is  indeed  quite  small,  it  follows  that  this  flow  could  be  put  to  better  use  in  a  future  design. 

Thus  it  became  important  to  determine  the  effect  of  body  blowing  by  flight  test.  Accordingly,  modifications  were  made  to  remove  this 
flow  from  the  fuselage  and  discharge  it  through  a  plain  propulsion  nozzle  at  the  rear.  Stalls  and  steady  sideslips  were  performed  both 
with  and  without  body  blowing.  At  a  weight  of  about  43,000  lb.,  tests  were  conducted  at  8000  to  10,000  ft.  with  flaps  65°,  nozzle 
angle  80°  and  engines  at  94%  rpm.  Minimum  speed  occurred  at  43  to  45  kt.  depending  upon  weight.  In  the  same  configuration,  steady 
sideslips  were  performed  at  65  kt.  to  a  maximum  of  15°.  It  was  found  that  removal  of  body  blowing  had  no  discernible  effect  on 
stalling  speed  or  handling  qualities  in  steady  sideslip. 

3.2  MAXIMUM  EFFORT  TAKEOFF 

Flight  trials  at  NASA  Ames  focussed  upon  glide  path  tracking  for  a  steep  gradient  7’/a°  STOL  approach  followed  by  flare  and 
touchdown  so  that  the  effect  of  thrust  vectoring  on  takeoff  performance  remained  enexplored.  Tests  were  planned  to  determine  the 
optimum  combination  of  flap  and  vector  angle  to  minimize  takeoff  ground  roll. 

Standard  takeoff  flap  is  20°  with  a  thrust  vector  angle  of  6°:  ground  roll  is  in  the  order  of  750  ft.  and  distance  to  50  ft.  is  about 
1250  ft.  It  was  found  that  flap  40°  with  nozzles  at  36°  gave  a  minimum  ground  roll  of  350  ft.  to  lift-off  and  about  850  ft.  at  the  50  ft. 
screen  height.  In  this  latter  case,  speed  at  the  start  of  rotation  was  50  kt.  EAS,  lift-off  speed  was  53  kt.  EAS  with  a  peak  rotation  rate  of 
nine  degrees/second.  Figure  7  presents  a  time  history  of  this  particular  takeoff. 

3.3  LANDING 

Performance  and  technique  for  landing  without  flare  were  explored  in  the  Canadian  trials.  At  W  =  40,000  lb,  flaps  70°  and 
nozzles  at  60°,  it  was  possible  to  capture  a  4%°  glide  slope  at  a*  6°  giving  a  slight  nose-up  attitude  for  nose  wheel  clearance  at  touchdown : 

the  corresponding  Ci  =  3.9. 

Lapp 

For  a  given  wing  loading,  approach  speed  is  a  good  indicator  of  the  degree  of  powered  lift.  It  is  of  interest  to  determine  the  levels 
of  blowing  thrust  loading  (TB/g)  and  blowing  thrust  to  weight  ratio  (TB/W)  for  the  above  case  and  then  to  extrapolate  to  a  value  of  wing 
loading  more  in  keeping  with  an  advanced  tactical  transport  while  holding  wing  area  and  blowing  coefficient  constant,  at  865  sq.ft.  8nd 
0.59  respectively. 

In  the  table  below,  line  one  relates  to  the  experimental  flight  case,  line  two  to  a  transformation  of  the  research  aircraft  in  which 
lift  coefficient  is  adjusted  to  account  for  changes  in  wing  geometry  and  removal  of  body  blowing,  and  line  three  to  an  increase  in  weight 
to  raise  (or  to  increase)  wing  loading  to  90  Ib./sq.ft.  as  for  a  typical  advanced  STOL  transport.  It  can  be  seen  that  for  W/S=90,  an  approach 
speed  of  78  kt.  requires  that  TB/W  =  0. 1 36  and  TB/S  =  1 2.23.  The  former  ratio  provides  some  measure  of  powered  lift  efficiency  whereas 
the  latter,  the  relative  ease  of  duct  accommodation  in  the  wing. 


1 

DESCRIPTION 

AR 

t/c 

Wlb. 

Vapp  kt 

TB/S 

TB/W 

Experimental  Case 

7.2 

0.16 

40,000 

60 

7.17 

.155 

2 

New  wing  less  body 
blowing 

12 

0.21 

45,600 

60 

7.17 

.136 

3 

Increase  in  weight 

12 

0.21 

77,850 

78 

12.23 

.136 

4.0  PROPULSION 

Control  of  boundary  layer  for  high  lift  is  generally  achieved  not  by  suction  but  by  blowing  -  for  wing  flaps,  for  leading  edge  de¬ 
vices  or  for  control  surfaces.  Even  for  supplementary  purposes,  the  quantity  of  flow  is  generally  such  that  it  cannot  be  removed  from  the 
HP  compressor  without  a  significant  loss  in  engine  performance  (especially  for  high  bypass  ratio).  Thus  it  becomes  advantageous  to  con¬ 
sider  an  engine  having  an  oversize  intermediate  compressor  to  generate  a  blowing  source  at  a  pressure  ratio  of  about  three. 

For  high  lift  systems  such  as  jet  flap  (requiring  a  significant  proportion  of  total  thrust)  it  is  possible  to  separate  the  hot  and  cold 
streams  of  a  low  bypass  engine  as  was  done  for  the  Buffalo/Spey  research  aircraft.  This  procedure  may  find  application  for  a  high  per¬ 
formance  powered  lift  fighter  aircraft  but  is  less  well  suited  for  transport  type  aircraft  on  account  of  high  noise  level  and  poor  fuel  con¬ 
sumption  at  low  altitude.  Again,  the  need  arises  for  a  high  bypass  engine  which  generates  blowing  air  as  part  of  the  basic  engine  cycle. 

To  meet  the  need,  Rolls-Royce  has  proposed  the  RB419  series  of  propulsion/blowing  engines.  Furthermore,  it  has  been  shown 
possible  to  synthesize  one  such  engine  using  existing  components  with  the  Spey  202  as  core,  the  TF-41  fan  as  intermediate  compressor 
and  the  Dowty/Rotol  variable  pitch  fan  as  a  single  stage  LP  compressor.  This  engine,  known  as  the  RB419-03,  generates  three  streams: 

(1)  low  pressure  bypass  stream 

(2)  intermediate  pressure  blowing  stream 

(3)  residual  hot  core  stream. 

Tabulated  data  for  the  RB419  are  given  below.whereas  Figure  8  shows  the  variation  of  non-blowing  thrust  versus  blowing  thrust: 
growth  potential  is  of  the  order  20%  based  on  uprating  of  the  core. 

The  engine  provides  separate  thrust  for  propulsion  and  blowing  with  the  ability  to  modulate  the  propulsive  or  forward  thrust 
while  maintaining  constant  blow,  as  described  earlier.  In  the  overall,  it  does  appear  that  the  propulsion/blowing  engine  will  become  the 
generic  type  for  powered  lift  transport  aircraft  just  as  the  vectored  thrust  Pegasus  engine  has  become  for  combat  aircraft. 


RB419  03  LEADING  PARTICULARS 


5.0  THE  CRUISE  AUGMENTOR  FLAP 


Parameter 

Takeoff 
ISA  SLS 

Cruise 
36.000  ft 
Mach  0.7 

Thrust  (lb) 

Sfc  (Ib/hr/lb) 

Mass  flow  (Ib/sec) 

Overall  pressure  ratio 
Blowing  mass  flow  (Ib/sec) 
Blowing  pressure  ratio 

18.200 

0.425 

671 

18.4 

147 

2.6 

3.930 

0.700 

280 

21.7 

59 

3.8 

The  cruise  augmentor  flap  is  a  supercritical  compound  section  designed  to  o  perate  at  high  subsonic  speed  with  ejector  blowing. 
Interest  in  the  configuration  arose  from  a  desire  to  simplify  the  Augmentor-Wing  STOL  concept  by  eliminating  the  need  both  to  divert 
blowing  flow  and  close  down  the  flap  elements  for  cruise  while,  at  the  same  time,  to  gain  some  aerodynamic  advantage.  In  particular,  it 
was  thought  that  drag  rise  Mach  number  could  be  delayed  by  achievement  of  aft  loading  on  the  upper  shroud  (by  virtue  of  the  powerful 
mid-chord  control  of  boundary  layer)  and  that  propulsion  efficiency  could  be  improved  on  account  of  boundary  layer  ingestion  by  the 
ejector  itself.  Also  it  was  thought  that  the  compound  section  would  operate  satisfactorily  for  quite  large  values  of  thickness/chord  (say 
20%  or  more)  and  provide  an  improvement  in  buffet  boundary  due  to  blowing  (jet  flap  effect).  Recovery  of  pressure  toward  the  trailing 
edge  of  the  upper  surface  (with  consequent  thickening  of  the  boundary  layer)  is  of  special  concern  in  the  design  of  supercritical  airfoils 
(Figure  6).  This  concern  is  alleviated  somewhat  for  the  compound  section  in  that  recovery  takes  place  in  two  stages,  first  to  the  ejector 
throat  where  pressure  is  substantially  less  than  that  at  the  trailing  edge  and  secondly  within  the  ejector  itself  where  the  remaining  pressure 
rise  takes  place  in  a  controlled  manner.  A  family  of  compound  airfoils  is  shown  in  Figure  9. 

Experimental  work  was  undertaken, both  2-D  (NAE  5'  x  5'  tunnel)  and  3-D  (NASA,  Ames  11'  x  IV  tunnel); on  an  18%  t/c  section. 
Test  results  confirmed  the  expectations  listed  above  and  provided  further  understanding  as  follows: 

•  The  compound  airfoil  operates  well  with  or  without  blowing. 

•  The  section  is  very  tolerant  to  off-design  operation  having  a  very  flat  Cq  vs  Cj_  characteristic. 

•  Tight  control  of  the  boundary  layer  at  mid-chord  ameliorates  drag  creep  with  Mach  number  as  Mq  is  approached. 

•  Pressures  on  the  shroud  upper  surface  remain  essentially  constant  throughout  the  ot  range, thus  shroud  shape  can  be  determined  to 
satisfy  requirements  at  the  design  point  with  no  fear  of  flow  separation  or  shock  wave  formation  at  higher  Oi .  Similarly  in  the 
region  of  drag  rise,  shock  waves  form  first  on  the  main  body,  not  on  the  shroud. 

•  A  thickness  increase  from  0.18  to  0.24  resulted  in  essentially  no  drag  penalty  (at  the  corresponding  design  point  and  below  drag 
rise). 


Leading  edge  devices  are  not  needed  at  low  speed/high  lift  on  account  of  the  large  leading  edge  radius  of  these  thick  sections. 


Based  on  in-house  test  data,  some  comparisons  are  presented  between  a  16%  t/c  plain  supercritical  airfoil  and  the  compound  sec¬ 
tion  at  18%  and  24%  t/c. 

5.1  BUFFET  BOUNDARY 

Wing  buffet  was  found  to  correlate  well  with  "drag  break".  The  latter  was  more  readily  available  and  could  be  defined  more  pre¬ 
cisely  and  was  therefore  taken  as  the  limit  of  useable  lift.  Figure  10  shows  a  substantial  advantage  for  the  18%  t/c  compound  section  as 
compared  to  the  16%  plain  foil.  The  flight  boundary  improves  further  with  ejector  blowing. 

Taking  M  =  0.66  as  the  design  speed  for  the  24%  t/c  section,  it  displays  an  advantage  of  A  C|_  =  0.15  as  compared  to  the  corres¬ 
ponding  compound  foil  at  18%  t/c. 

5.2  DRAG 


Interest  surrounds  level  of  drag  and  the  point  of  drag  rise.  Drag  creep  characteristics  of  the  plain  and  compound  sections  differ 
substantially  so  that  conventional  methods  for  defining  drag  rise  Mach  number  are  of  little  value;  therefore  comparisons  have  been  made 
on  the  basis  of  drag  level  at  the  cruise  design  point  which  is  more  meaningful  in  any  event. 


Both  2-D  and  3-D  test  data  are  available  in-house  for  airfoils  with  Cl  (design)  =  0.35  whereas  for  Cl  (design)  =  0.6,  only  2-D 
data  exist.  The  variation  of  design  Mach  number  with  thickness  was  taken  as  follows: 


Thickness/chord  ratio  0.16  0.18  0.24 

Design  Mach  number  0.725  0.70  0.66 

5.2.1  Two-Dimensional  Test  Data 

The  NAE  5'  x  5'  wind  tunnel  is  equipped  with  wall  inserts  to  form  a  two-dimensional  working  section  for  testing  at  high  subsonic 
speed.  Typically,  the  model  Reynolds  number  is  about  20  x  10®. 

On  the  left.  Figure  1 1  shows  the  variation  in  drag  at  Cl  =  0.6  for  three  foils  with  the  corresponding  design  Mach  number  shown 
for  each.  At  low  Mach  number  without  blowing,  the  compound  sections  exhibit  a  higher  level  of  drag  (compared  to  a  conventional  foil) 
but  show  less  drag  creep  at  high  Mach  number.  At  the  respective  cruise  design  points,  the  drag  ’evel  of  all  three  airfoils  is  essentially  the 
same;  this  point  is  examined  in  more  detail  in  Figure  12  where  drag  (at  design  point)  is  plotted  versus  thickness/chord  ratio.  It  is  shown 
that  increase  in  drag  with  thickness  is  very  small  for  the  compound  section  which  implies  that  the  boundary  layer  has  been  controlled 
effectively  even  at  24%  t/c. 
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Blowing  has  been  shown  to  reduce  effective  drag  where  Cq  =  CD  +  Cj  (nozzle)  and  Cj  (nozzle)  =  measured  nozzle 

static  thrust  (shrouds  off)  +  qS,  e  measur 

for  example.  Figure  1 1  shows  that  the  skin  friction  penalty  of  the  compound  foil  is  partially  offset  in  the  mid-Mach  number  range, 
whereas  for  M  < 0.5,  a  net  benefit  results. 

Figure  13  illustrates  the  off-design  tolerance  of  the  24%  t/c  compound  section.  Although  designed  for  M  =  0.66  and  Cl  =  0.6, 
drag  increase  is  very  small  even  at  Cl  =  0.75/0.80.  On  a  typical  aircraft  of  aspect  ratio  1 2,this  equates  to  a  cruise  L/q  correspondingly 
higher  by  about  10%. 

5.2.2  Three-Dimensional  Tests 

Test  data  were  available  for  a  reflection  plane  model  having  a  compound  section  (18%  t/c  root  to  tip)  and  a  full  span  model  having 
a  conventional  section  ( 1 6%  t/c  at  the  root,  1 3%  t/c  at  the  tip ).  Design  lift  coefficient  in  each  case  was  0.35. 

Equivalent  profile  drag  for  the  3-D  tests  was  obtained  in  the  usual  manner  by  subtracting  the  "ideal"  level  of  lift  dependent  drag 
(CL^/TrA)  from  balance  drag.  This  procedure  results  in  a  level  of  profile  drag  somewhat  higher  than  the  true  2-D  value.  On  the  right  of 
Figure  12  it  is  again  shown  that  drag  of  plain  and  compound  foils  are  comparable  at  the  design  point.  The  figure  illustrates  once  more  the 
off-design  tolerance  of  the  compound  section  with  the  attendant  opportunity  to  cruise  at  higher  Cl  for  improved  L/q. 

6.0  PROJECT  STUDIES 

A  substantial  experimental  data  base  has  been  established  as  a  result  of  the  joint  Canada/USA  powered  lift  research  program. 

De  Havilland  is  currently  under  contract  to  the  Canadian  government  (Department  of  Industry,  Trade  and  Commerce)  to  conduct  appli¬ 
cation  studies  and  to  carry  out  additional  experiments.  In  particular,  project  studies  have  been  undertaken  on  a  powered  lift  STOL  trans¬ 
port  and  a  sea  based  support  type  aircraft  capable  of  short  takeoff  and  vertical  landing. 


6.1  POWERED  LIFT  STOL  TRANSPORT 

Consideration  has  been  given  to  transport  aircraft  powered  by  two,  three  and  four  RB419  propulsion/blowing  engines.  A  compre¬ 
hensive  parametric/trade-off  study  has  been  undertaken  on  the  twin  engined  variant  encompassing  a  range  of  wing  aspect  ratio  (8,  10,  12), 
section  thickness/chord  ratio  (0.18,  0.21,  0.24)  and  wing  sweep  (0°,  20°,  27.5°). 


Details  of  the  basis  for  the  study  are  quite  complex  and  not  discussed  here  except  to  ,  >oint  out  that  each  combination  of  wing 
sweep  and  thickness/chord  ratio  was  explored  over  a  range  of  wing  loading  so  that  aircraft  were  derived  covering  a  wide  spectrum  of  STOL 
capability. 


It  is  postulated  that  a  military  transport  of  this  kind  would  serve  a  dual  purpose:  in  time  of  peace  for  routine  transport  duties 
and  in  time  of  emergency  in  a  tactical  role  for  supply  into  a  remote  site  or  battle  damaged  runway  (Figure  14).  In  drawing  up  a  trans¬ 
port  aircraft  specification,  the  director  of  operational  requirements  is  generally  aware  that  some  penalty  would  result  if  field  performance 
demands  were  too  stringent  or  cruise  speed  set  too  high;  therefore  he  requires  trade-off  data  in  order  to  make  a  sensible  compromise.  For 
example,  he  may  wish  to  trade  transport  fuel  efficiency  in  routine  duty  against  field  performance  at  the  mid-point  of  the  tactical  supply 
mission.  Figures  1 5  and  1 6  show  the  form  of  such  a  trade-off  for  the  twin-engined  variant  of  aspect  ratio  ten. 

Payload-range  for  the  strategic  supply  mission  is  determined  by  an  interactive  procedure.  Each  aircraft  has  payload  equal  to  25% 
of  design  gross  weight  and  wing  area  derived  first'  such  that  fuel  capacity  of  the  wing  equals  the  fuel  required  for  the  mission  and  then 
exceeds  it  by  10%,  20%  and  30%  increments.  Each  such  aircraft  is  then  exercised  in  the  radius  mission  and  STOL  performance  is  deter¬ 
mined  on  arrival  and  departure  at  the  mid-point.  In  Figure  15,  payload  miles  per  pound  of  fuel  for  the  strategic  supply  mission  is 
plotted  versus  takeoff  ground  roll  at  the  mid-point  of  the  tactical  mission.  Figure  16  shows  a  cross  plot  at  a  ground  roll  of  900  ft.  to 
illustrate  the  trade-off  of  fuel  efficiency  against  cruise  speed.  Observations  are  as  follows: 

•  A  choice  of  900/1100  ft.  as  takeoff  ground  roll  incurs  a  relatively  moderate  penalty  in  fuel  efficiency  for  regular  transport  duty 
(Figure  15). 

•  This  degree  of  STOL  performance  at  the  mid-point  is  compatible  with  takeoff  field  size  of  about  8000  ft.  at  DGW  for  regular 
transport  duty  and  is  therefore  well  matched  for  the  dual  role. 

•  Figure  16  shows  that  choice  of  a  lower  cruise  speed  provides  a  clear  advantage  in  fuel  efficiency. 


•  For  a  given  cruise  speed,  the  choice  of  a  thick  wing  in  combination  with  some  degree  of  sweep  angle  provides  for  greater  fuel  ca¬ 
pacity  and  thereby  the  ability  to  exchange  payload  for  greater  range. 

•  Thick  wing  sections  make  possible  the  low  speed/high  fuel  efficient  option  by  providing  for  necessary  fuel  capacity  without 
unduly  large  wing  area. 

The  parametric  study  data  base  has  been  used  to  predict  the  performance  of  various  point  designs:  in  particular  consideration  has 
been  given  to  a  twin-engine,  powered  lift  version  of  the  C-130  Hercules  (Figure  17).  For  the  same  payload-range,  this  powered  lift  variant 
would  reduce  ground  roll  by  50%  or  more,  increase  cruise  speed  by  100  kt.  and  display  a  much  smaller  radar  signature. 

Propfan  technology  has  the  potential  for  improvement  in  specific  fuel  consumption.  In  Ref.  2,  Coplin  has  suggested  a  hybrid 
engine  described  as  a  turbofan-prop  which  combines  turbofan  and  propfan  propulsion:  in  fact,  it  is  a  three-stream  engine  similar  to  the 
RB419.  This  leads  to  the  possibility  of  a  propulsion/blowing  engine  with  propfan  and  an  energy  efficient  powered  lift  STOL  transport 
of  the  future  as  shown  in  Figure  18.  Power  to  the  propeller  would  be  substantially  less  than  for  the  conventional  propfan  and  therefore 
gearbox  development  presents  less  of  a  problem. 

6.2  POWERED  LIFT  STOVL  SUPPORT  AIRCRAFT 

The  Augmentor-Wing  concept  lends  itself  readily  to  a  twin  engine  layout  capable  of  vertical  landing  such  as  might  be  required  for 
sea  based  operation  in  AEW  &  ASW  roles.  The  developments  in  thick  supercritical  sections  permit  containment  of  ducting  in  the  wing 
for  ejector  blowing  and  for  engine-out  balance.  Two  layouts  are  depicted,  one  based  on  the  Pegasus  engine  (Figure  19)  the  other  on  the 
projected  RB419  engine  (Figure  20).  The  excellent  buffet  boundary  characteristics  of  thick  wing  make  it  well  suited  for  AEW  surveil¬ 
lance  at  high  altitude. 
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*  This  first  case  is  the  one  having  maximum  transport  capacity  (PR)  but  no  flexibility  to  exchange  payload  for  fuel  and  thereby 
extend  range  (without  addition  of  external  tanks). 
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A0VANCED  ST0L  TRANSPORT:  C-!30  FUSELAGE 
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SUMttRY 

This  paper  presents  a  review the  current  techniques  of  aircraft  viscous  drag  reduction  and  some  of  the  more  recent 
developments  that  have  taken  place  in  this  technology.  The  various  sources  and  relative  contributions  of  aircraft  drag 
are  described  including  skin  friction  drag,  pressure  drag,  interference  drag  and  lift  induced  drag.  In  the  discussion, 
emphasis  is  given  to  the  physical  processes  that  lead  to  these  drag  contributions,  followed  by  a  discussion  of 
methods  of  reducing  the  impact  of  these  drag  sources.  Finally  some  brief  discussion  is  presented  to  Bhow  how 
innovative  and  optimized  aircraft  configurations  can  lead  to  drag  benefits. 

1.  INTRODUCTION. 

Since  the  early  seventies  and  the  subsequent  trend  in  world  fuel  prices  (Figure  1),  aircraft  drag  reduction  technology 
has  become  of  prime  importance  to  military  and  civilian  operators.  For  example,  a  10Z  drag  reduction  on  a  large 
military  transport  aircraft  is  estimated  to  have  the  potential  to  save  up  to  13  million  gallons  of  fuel  per  aircraft 
over  the  lifetime  of  the  aircraft.  Conaidering  also  that  US  domestic  operators  Bpent  a  staggering  2.1  billion  dollars 
on  fuel  in  1976  alone,  it  is  clear  that  enormous  benefits  are  to  be  derived  from  drag  reduction  technology. 
Additionally,  with  the  very  high  cost  of  aquisition  of  new  aircraft,  existing  fleet  lifetimes  are  being  extended  and 
derivative  designs  are  now  coming  on  to  the  marketplace.  Thus,  retrofittable  drag  reduction  technologies  are 
critically  important . 

The  aerodynamic  forces  experienced  at  the  surface  of  an  aircraft  may  be  either  tangential  to  the  surface  or  normal  to 
the  surface  and  both  will  contribute  to  the  total  drag  on  the  body.  The  interrelation  and  development  of  these  forces 
is  shown  in  Figure  2.  The  only  tangential  force  that  is  present  is  the  viscous  skin  friction  due  to  the  development  of 
boundary  layers  over  the  surfaces.  The  development  of  the  normal  forces,  i.e.  pressures  normal  to  the  surface,  is  more 
complex  and,  as  Figure  2  shows,  these  can  arise  from  a  nunfcer  of  contributions.  Firstly,  there  is  the  pressure  field 
modification  due  to  the  displacement  thickness  of  the  boundary  layers  and  possible  formation  of  regions  of  separat¬ 
ion  (and  which,  with  the  skin  friction,  constitutes  the  profile  drag).  Next,  there  are  pressure  forces  that  arise  from 
the  formation  of  vortices  in  the  wake  and  which  may  further  modify  the  flow  around  the  body.  This  is  termed  vortex 
drag.  If  compressibility  effects  are  present,  then  there  are  additional  pressure  forces  due  to  the  compressibility 
effects  and  the  presence  of  waves  in  the  flow. 

The  non-zero  integrated  streamwise  component  of  these  pressure  forces  constitutes  the  pressure  drag  on  the  aircraft. 
Because  lifting  conditions  are  present,  there  is  a  strong  component  of  the  lift-dependent  vortex  drag  which  in 
conjunction  with  a  smaller  amount  of  lift-dependent  profile  drag  gives  rise  to  the  so-called  induced  drag. 

Although  the  relative  importance  of  different  drag  sources  varies  for  each  aircraft  type  and  miasion  that  ia  flown,  a 
representative  breakdown  is  shown  in  Figure  3.  The  important  contributors  to  the  total  drag  are  the  following: 

(1)  Skin  friction  drag  due  to  viscous  boundary  layer  formation. 

(2)  Lift  induced  drag  due  to  the  conserved  circulation  developed  around  the  wings. 

(3)  Pressure  drag  due  to  the  open  separation  in  the  afterbody  and  other  regions. 

(4)  Interference  effects  between  aerodynamic  components. 

(3)  Have  drag  due  to  compressibility  effects  at  near-sonic  flight  conditions. 

(6)  Miscellaneous  effects  such  as  roughness  effects  and  leakage,  etc. 

All  these  drag  sources  contribute  to  the  total  drag  by  different  relative  mounts  for  different  types  of  aircraft  and 
the  breakdown  in  Figure  3  corresponds  to  the  case  of  a  large  subsonic  transport  of  the  type  flown  by  most  major 
airlinea.  The  greatest  contribution  arises  from  turbulent  skin  friction  drag,  a  fact  that  has  provided  the  ixq>etus  for 
most  of  the  friction  drag  reduction  work  that  will  be  described.  The  next  most  significant  contribution  arises  from 
the  lift  induced  drag  and  this,  added  with  the  friction  drag,  accounts  for  about  85Z  of  the  total  aircraft  drag. 
Interference  drag,  wave  drag,  trim  drag  to  balance  the  aircraft,  and  miscellaneous  effects  account  for  the  remainder. 
In  drag  reduction  studies,  it  might  be  argued  that  it  ia  more  worthwhile  to  address  only  the  more  significant  drag 
contributions.  However,  this  is  not  necessarily  the  case  because  very  often  it  is  easier  to  obtain  much  greater 
percentage  reductions  in  the  smaller  drag  sources  than  in  the  larger  contributions.  For  example  a  50Z  reduction  in 
afterbody  drag  is  feasible  and  might  represent  a  5Z  total  drag  reduction.  To  achieve  the  seme  total  drag  reduction 
through  skin-frictioo  reduction  alone  may  be  a  such  sere  difficult  task. 

The  purpose  of  this  paper  is  to  review  and  simmarixe  the  various  aircraft  drag  reduction  technologies  that  are 
currently  being  explored.  Compressibility  effects  and  transonic  wave  drag  reduction  will  not  be  discussed  explicitly 
and  instead,  emphasis  will  be  given  mostly  to  the  drag  sources  associated  with  viscous  flows.  This  is  because  viscous 
flow  drag  reduction  technology  is  the  area  that  has  advanced  most  rapidly  in  recent  years  and  which  is  currently 
receiving  the  greatest  attention.  The  discussion  will  therefore  concentrate  on  skin  friction  reduction,  afterbody  drag 
reduction,  induced  drag  reduction  and  interference  drag  reduction.  Finally,  seme  brief  discussion  will  be  given  to 
show  how  innovative  aerodynmic  configurations  can  be  exploited  to  achieve  low  drag  characteristics. 

2.  STB  FRICTION  DRAG  REDUCTION. 

For  the  reduction  of  skin  friction  drag,  either  of  two  different  philosophies  may  be  followed.  The  first  ia  to 
capitalise  on  the  low  friction  characteristics  inherent  to  laminar  boundary  layers  and  to  delay  transition  on  the 
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wetted  surfaces  as  ouch  as  possible.  This  is  the  approach  that  has  been  followed  in  the  laminar  flow  control  programs 
that  were  undertaken  in  England  (sumnarized  in  Ref.  1)  after  the  second  war  and  later  in  the  United  States  at  Northrup 
(Ref.  2)  and  more  recently  at  NASA  Langley  (Ref.  3).  An  alternative  philosophy  for  friction  reduction  that  has 
recently  anerged  is  to  accept  the  inevitability  of  turbulent  flow  and  to  attempt  to  modify  or  interact  with  the 
turbulent  structures  to  reduce  the  friction  (Ref.  4). 

2.1  Lsminar  Flow  Control  (LFC). 

Although  lsminar  flow  control  is  a  generic  term,  it  has,  by  association,  come  to  mean  the  maintenance  of  laminar  flow 
through  the  use  of  wall  suction.  The  suction  may  be  in  the  form  of  distributed  porosity  over  the  surface  (Refs.  5  and 
6)  or  in  the  form  of  a  series  of  spanwise-running  slots  (Refs.  5,  7  and  8).  The  suction  is  not  sufficient  to  suppress 
any  existing  turbulence,  but  serves  to  modify  the  curvature  of  the  laminar  velocity  profile  which  in  turn  reduces  the 
amplification  of  any  instability  waves  in  the  boundary  layer  that  grow  and  lead  to  the  formation  of  turbulence.  Aa 
depicted  in  Figure  4,  local  friction  can  be  reduced  to  about  20Z  of  its  turbulent  value  and  with  sufficient  care, 
laminar  flow  can  be  maintained  up  to  Reynolds  numbers  of  the  order  of  60  million.  An  extensive  bibliography  of  the 
literature  describing  LFC  can  be  found  in  Reference  2. 

The  current  Lockheed  concept  for  an  LFC  aircraft  is  shown  in  Figure  5  taken  from  Ref.  9.  Control  is  only  exercised  on 
the  wing  surfaces  because  of  the  greater  difficulty  of  maintaining  laminar  flow  at  the  high  fuselage  Reynolds  numbers 
as  well  as  the  problems  of  surface  discontinuities  at  the  windows.  The  suction  units  for  this  configuration  are 
mounted  in  the  lower  fuselage  at  the  wing  root  and  the  propulsion  engines  are  mounted  in  the  tail  to  minimize  noise 
and  vibration  on  the  wings.  The  real  benefits  of  such  a  configuration  must  be  evaluated  against  the  performance  of  an 
equivalent  advanced  turbulent  aircraft  and,  as  Figure  6  (from  Ref.  9)  shows,  these  benefits  are  greater  for  long  stage 
lengths  and  represent  a  27%  performance  improvement.  Whether  or  not  this  is  sufficient  to  justify  the  higher 
aquisition  and  maintenance  costs  of  a  new  fleet  of  such  aircraft  will  depend  largely  on  future  fuel  price 
developments. 

While  the  feasibility  of  LFC  has  been  known  for  a  long  time,  the  system  does  suffer  from  a  number  of  design, 
manufacturing  and  maintainability  problems  as  depicted  in  Figure  7.  An  essential  problem  with  any  laminar  flow 
condition  is  its  susceptibility  to  dirt  and  other  particulates,  such  as  insect  debris  accumulating  near  the  leading 
edge  during  low  altitude  flight.  These  can  trip  the  flow  to  turbulence  which  will  then  spread  over  a  vide  area  of  the 
wing.  To  avoid  this,  close  manufacturing  tolerances  must  be  followed  and  some  kind  of  in  flight  cleaning  system  (Ref. 
9)  or  leading-edge  protection  must  be  employed  (Ref.  10). 

From  an  aerodynamic  viewpoint,  probably  the  greatest  difficulty  lies  in  being  able  to  confidently  predict  where 
transition  will  occur.  The  design  procedure  requires  that  the  boundary-layer  characteristics,  with  suction,  first  be 
accurately  determined  using  a  boundary-layer  analysis  of  the  type  in  Ref.  11.  This  is  followed  by  a  stability  analysis 
to  determine  the  amplification  of  the  instability  waves  in  the  flow  (Ref.  12). 

A  fundamental  difficulty  is  that  the  stability  analysis  is  based  upon  a  set  of  linearized  small-disturbance  equations 
so  that  the  actual  amplitudes  cannot  be  calculated,  but  the  amplification  can.  Furthermore,  the  receptivity  of  the 
flow  to  the  free  stream  disturbances  that  drive  the  instabilities  is  also  not  well  known  (Ref.  13).  The  problem, 
therefore,  is  analagous  to  predicting  the  output  of  an  amplifier  given  its  gain,  but  knowing  nothing  of  its  input 
signal  level. 

To  circumvent  these  difficulties,  enpirical  transition  criteria  must  be  used,  such  as  the  eN  criterion  (Ref.  14), 
which  assumes  that  transition  ta^es  place  once  the  amplification  ratio  (or  system  gain)  exceeds  some  critical 
threshold  given  by  the  value  of  e.  The  critical  values  of  N  are  typically  11-12  for  the  mid-chord  regions  dominated 
by  quasi-two-dimensional  Tollmien-Schlichting  instability  (Ref.  15),  and  10-11  for  the  crossflow  instability  that 
originates  roost  severly  near  a  swept-wing  leading  edge  (Ref.  14). 

In  order  to  derive  the  optimal  efficiency  of  the  LFC  system  it  is  best  to  minimize  the  suction  quantities  that  are 
required  and  this  generally  requires  a  careful  iteration  of  the  design  procedure  that  has  been  described.  Furthermore, 
the  way  that  the  suction  is  achieved  can  have  a  bearing  on  the  overall  system  efficiency  both  from  an  aerodynamic  and 
a  structural  weight  penalty  viewpoint.  One  approach  is  to  use  discrete  slots  as  in  Figure  5,  or  through  the  use  of 
strips  of  porous  material  as  an  integral  part  of  the  wing  Burface.  The  porous  strips  have  been  studied  in  References 
16  and  17,  and  it  has  been  demonstrated  that  discrete  suction  through  porous  strips  can  be  as  effective  as  suction 
distributed  continuously  over  a  greater  streamwise  length.  Both  the  suction  approaches  have  been  critically  evaluated 
in  work  that  has  been  undertaken  at  Lockheed -Georgia  (K.C.  Cornelius,  private  comminication).  As  Figure  8  shows,  it 
has  been  demonstrated  through  stability  measuranents  that  the  suction  slots  have  a  greater  stabilizing  influence,  for 
a  given  suction  flow  rate,  than  do  the  porous  strips.  Naturally,  other  parameters  such  as  skin  structural  integrity 
must  also  be  considered  before  a  final  choice  of  surface  type  can  be  made. 

2.2  Natural  Laminar  Flow  (NLF). 

The  simplest  technique  for  maintaining  laminar  flow  over  a  suface  is  to  capitalize  on  the  stabilizing  effect  that 
favorable  pressure  gradients  have  on  laminar  boundary  layers  (Ref.  18).  In  order  to  implement  NLF  on  a  wing,  it  is 
necessary  to  bring  the  point  of  maximm  thickness  as  far  aft  as  possible  so  as  to  create  extensive  regions  of 
favorable  pressure  gradient  over  the  wing  surface  as  depicted  in  Figure  9.  The  concept  can  be  anployed  without  the 
need  for  considering  the  attendant  weight  and  structural  penalties  associated  with  the  LFC  suction  system  and,  from  an 
aerodynamic  point  of  view,  the  design  procedures  are  similar  to  those  used  in  LFC  (including  the  inherent 
empiricisms) . 

I  nurabr  of  low-speed  aircraft  are  currently  flying  with  NLF  (Ref.  19),  although  in  seme  cases  this  has  been 
f  't-  ’  .-mb.  In  a  high-speed  application  where  good  transonic  cruise  is  needed,  additional  design  considerations  arise. 

.  example,  permissible  wing  sweep  is  limited  by  the  onset  of  crossflow  instability  at  the  leading  edge.  Also,  in 
order  to  rise  to  the  correct  pressure  at  the  trailing  edge  after  a  large  region  of  favorable  gradient,  large  adverse 
gradients  are  necessary  and  these  can  lead  to  strong  shocks  and  a  wave  drag  penalty  or  the  possibility  of  separation, 
fateful  design  studies  are  needed  to  minimize  these  detrimental  effects. 
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2.3  Hybrid  Laminar  Flow  Control  (HLFC) . 

A  compromise  LFC  systan  that  avoids  some  of  the  problems  associated  with  LFC  and  HLF  is  the  Hybrid  Laminar  Flow 
Control  System  (HLFC)  shown  in  Figure  10.  This  is  a  mix  of  the  other  two  systems  and  suction  is  applied  only  at  the 
leading  edge  to  minimize  crossflow  instability.  Control  of  the  instabilities  in  the  mid-chord  region  is  achieved  with 
tailoring  of  the  pressure  gradient  as  with  NLF.  In  this  way  a  larger  wing  sweep  can  be  achieved  for  transonic  flight 
than  with  NLF,  and  the  weight  penalties  are  not  as  great  as  for  LFC.  Also,  the  suction  orifices  at  the  leading  edge 
can  double  as  a  leading-edge-cleanser  discharge  system  to  prevent  accumulation  of  dirt  and  insects  during  the  low- 
altitude  climbout . 

2.4  Hall  Cooling. 

Another  favorable  physical  effect  that  could  conceivably  be  exploited  in  a  drag  reduction  scheme  is  by  the  use  of  wall 
cooling  (Ref.  20).  As  Figure  11  (adapted  from  Ref.  22)  shows,  a  reduction  in  surface  skin  temperature  can  lead  to 
significant  increases  in  the  minimum  critical  Reynolds  nunber.  This  is  not  because  the  kinematic  viscosity  goes  up 
(the  reverse  is  true),  but  arises  because  the  heat  transfer  modifies  the  viscosity  distribution  across  the  boundary 
layer  which  causes  the  mean  profiles  to  become  more  full,  thereby  increasing  their  stability.  This  has  been 
substantiated  by  the  flat  plate  experiments  of  Ref.  20  for  Tollmien-Schlichting  type  disturbances.  However,  the 
calculations  in  Ref.  21  have  shown  that  while  the  same  is  true  for  crossflow-type  instabilities,  the  effect  is  much 
smaller  as  depicted  by  the  growth  curves  in  Figure  12. 

In  order  to  implement  such  a  concept,  a  very  large  heat  sink  is  needed.  One  possibility  would  be  to  use  liquid 
hydrogen  in  the  cryogenic  state  to  fuel  the  aircraft  (Refs.  22  and  23).  To  maintain  the  laminar  flow,  the  fuel  would 
be  circulated  just  below  the  wing  surface  as  a  preheater  to  the  combustion  process.  The  same  effect  could  be  achieved 
if  liquid  methane  was  used.  ^ 

2.3  Active  Wave  Suppression  (Have  Cancellation). 

The  transition  control  concepts  that  have  been  described  are  passive  and  do  not  require  a  dynamic  interaction  with  the 
flow.  A  new  transition  control  concept  that  has  been  suggested  and  tested  under  laboratory  conditions  (Refs.  24,  23, 
26  and  27)  is  by  the  use  of  active  wave  suppression  or  wave  cancellation.  The  idea  is  to  detect  any  low  amplitude  pre¬ 
transit  ional  instability  waves  in  the  flow  and  then  to  introduce  a  control  disturbance  that  is  of  equal  amplitude  and 
180  degrees  out  of  phase  with  the  original  disturbance.  In  principle,  superposition  should  then  remove  the  primary 
disturbances  from  the  flow. 

To  date,  the  concept  has  only  been  evaluated  under  low  speed  conditions  but  significant  increases  in  the  transition 
Reynolds  numbers  have  been  reported.  An  example  of  the  stresmvise  amplitude  history  of  an  instability  wave,  with  and 
without  the  control  disturbance  is  shown  in  Figure  13,  and  a  smoke-wire  visualization  of  the  corresponding  flow 
conditions  is  shown  in  Figure  14  (from  Ref.  27).  These  demonstrate  that  while  ar  impressive  degree  of  control  of  the 
two-dimensional  disturbances  is  possible,  seme  residual  three-dimensional  disturbances  remain  in  the  flow  and  that 
these  bring  about  transition. 

The  reason  for  this  is  that  transition  arises  from  complex  wave  interactions  between  a  primary  disturbance  and  three- 
dimensional  disturbances  that  have  their  origins  with  the  free  stream  (Ref.  28).  Thus,  while  the  control  disturbance 
removes  most  of  the  energy  of  the  primary  disturbance,  the  now  amplified  three-dimensionalities  still  remain. 
Therefore,  any  real  implementation  of  the  concept  will  probably  require  a  complex  three-dimensional  control  systan, 
even  for  two-dimensional  flow.  Hhether  or  not  this  is  possible  at  the  very  high  instability  growth  rates 
characteristic  of  flight  Reynolds  numbers  remains  to  be  determined. 

3.  TURBULENT  SKIN  FRICTION  REDUCTION. 

An  alternative  approach  to  the  reduction  of  skin  friction  is  based  not  upon  trying  to  maintain  laminar  flow,  but 
instead  on  attempting  to  modify  the  turbulence  in  some  way  so  as  to  reduce  friction.  Possible  approaches  may  be 
passive,  as  in  the  case  of  the  riblets  and  large  eddy  breakup  devices  etc.,  or  active  as  in  the  case  of  the  synthetic 
boundary  layer.  These  efforts  are  still  quite  new  and  arose  largely  from  a  series  of  ongoing  tests  that  were  begun  at 
NASA  Langley  during  the  late  seventies  (Ref.  4). 

3.1  Riblets. 

Because  it  is  known  that  the  near  wall  structure  of  a  turbulent  boundary  layer  is  dominated  by  streaks  of  streamwise 
vortices  with  an  average  spacing  of  z+“100,  it  has  been  argued  that  changing  the  surface  geometry  with  micro-grooves 
should  spatially  lock  the  structures  which  may  alter  the  momentum  transport  characteristics  and  reduce  the  skin 
friction.  Studies  have  therefore  been  made  of  the  friction  characteristics  of  a  boundary  layer  that  develops  over 
surfaces  with  various  geometries  of  small  streamwise  grooves  carved  into  them  (Ref.  29).  As  shown  in  Figure  15,  it  has 
been  demonstrated  that  local  drag  reductions  of  the  order  of  102  are  indeed  possible,  despite  the  increase  in  wetted 
area.  The  optimized  groove  spacing  is  of  the  order  of  ten  wall  units.  Also,  sharp  pointed  grooves  tend  to  perform 
better  than  grooves  with  rounded  peaks  (Ref.  29). 

Because  the  optimized  groove  spacing  is  about  an  order  of  magnitude  less  than  the  streak  spacing,  it  is  difficult  to 
picture  them  as  interacting  with  the  streaks  and  experimental  studies  have  been  made  to  look  at  the  characteristics  of 
the  turbulence  that  develops  over  the  grooved  surfaces  (Refs.  30,  31).  These  studies  have  attanpted  to  measure  the 
mean  turbulent  bursting  frequency  and  conditional  averages  of  the  velocity  fluctuations  during  the  bursting  process, 
since  this  activity  is  a  measure  of  the  turbulence  production  mechanism.  One  example,  that  of  the  mean  turbulence 
bursting  frequency  is  shown  in  Figure  16  taken  from  Reference  30.  Some  apparent  change  is  indicated  due  to  the 
presence  of  the  riblets.  Unfortunately,  there  is  a  fundamental  difficulty  in  objectively  defining  the  turbulence 
activity  thresholds  that  are  used  to  measure  when  a  turbulent  burst  is  taking  place.  Therefore,  whether  or  not  the 
changes  in  Figure  16  accurately  represent  flow  structure  changes  associated  with  the  drag  reduction  is  difficult  to 
say. 

An  alternative  model  for  the  drag  reduction  is  proposed  in  Reference  31  and  is  based  upon  the  idea  that  the  drag 
reduction  does  not  arise  from  a  direct  interaction  with  the  turbulence  structure,  but  arises  instead  because  of  the 
way  the  viscous  fluid  flows  over  the  ribbed  surface.  The  flow  in  the  valley  of  the  grooves  is  at  low  Reynolds  number 
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and  is  creeping  in  character  and  the  local  wall  shear  is  low.  Because  of  the  mean  velocity  gradient,  the  wall  shear  is 
higher  at  the  top  of  the  rib  as  found  in  the  data  of  Ref.  30.  If  the  geometry  is  right,  the  low  shear  dominates  and, 
even  though  the  wetted  area  is  increased,  and  a  net  drag  reduction  results.  In  this  model,  any  turbulence  changes  are 
then  merely  a  passive  attendant  to  the  wall  shear  change,  rather  than  a  direct  cause.  This  would  also  serve  to  explain 
why  the  sharp  groove  tips  have  better  drag  reducing  characteristics  since  they  minimize  the  surface  area  exposed  to 
high  shear. 

The  sulti-colored  dye  visualizations  shown  in  Figure  17,  from  Ref.  31,  show  the  inhibited  lateral  spreading  of  the 
flow  in  the  grooves  and  its  creeping  nature.  By  themselves  they  do  not  prove  the  proposed  model,  but  they  are 
certainly  consistent  with  that  view.  More  detailed  experimental  studies  of  the  flow  field  within  the  grooves  as  well 
as  numerical  simulations  are  needed  to  resolve  this  question. 

3.2  Large  Eddy  Breakup  Devices,  Manipulators  (LEBU). 

Another  very  promising  concept  for  the  reduction  of  turbulent  skin  friction  is  by  the  use  of  plates  or  fences  inserted 
into  the  boundary  layer  flow.  Friction  reductions  of  the  order  of  20 Z  have  been  recorded  downstream  of  the  devices 
(Refs.  32-36)  and  because  it  has  been  suggested  that  the  devices  break  up  the  large  scale  structures  of  the  flow,  they 
have  been  referred  to  as  large  eddy  breakup  devices  (LEBU) .  The  term  turbulence  manipulator  may  be  more  appropriate. 

The  boundary-layer  development  downstream  from  a  set  of  thin  plates  imaersed  in  a  flow  is  depicted  in  Figure  18  taken 
from  Ref.  4.  The  change  in  slope  of  the  curve  of  momentum  thickness  development  is  representative  of  friction  changes 
by  virtue  of  the  momentum  integral  equation.  There  is  a  device  drag  penalty  that  must  be  paid  before  a  break-even 
point  is  reached,  but  thereafter  a  net  drag  reduction  can  be  achieved.  The  best  drag  reduction  configuration  for  these 
devices  appears  to  be  thin  airfoil  shapes  to  minimize  the  device  drag.  They  should  be  of  the  order  of  the  local 
boundary  layer  thickness  in  streamwise  extent  and  located  at  about  8QZ  of  the  boundary  layer  thickness  from  the  wall. 
Tandem  devices  also  appear  to  perform  well  and  the  geometrical  characteristics  of  the  devices  are  critically  important 
for  good  performance  (Ref.  34). 

At  present  there  is  seme  controversy  over  the  mechanism  behind  the  observed  drag  reductions.  The  first  investigations 
suggested  that  the  devices  serve  to  break  up  the  large  eddies  of  the  flow  and  the  smoke-wire  visualizations  in  Figure 
19  (from  Ref.  35)  show  that  while  large  eddy  structures  are  clearly  visible  in  the  uncontrolled  flow,  they  are  not 
apparent  in  the  controlled  flow.  This  is  perhaps  surprising  in  view  of  the  fact  that  logarithmic  behavior  is  still 
evident  in  mean  flow  measuranents  of  the  controlled  flow  (Ref.  33).  However,  conclusions  about  structural  features 
should  not  be  based  on  streakline  data  alone  and  measurements  of  correlations  and  length  scales  are  needed  to  clarify 
this  issue. 

An  alternative  description  for  the  behavior  of  the  devices  has  recently  been  proposed  in  Ref.  36.  In  that  model,  the 
large  eddies  are  viewed  as  conglomerations  of  smaller  scale  hairpin  vortices  and  the  wake  eddies  of  the  manipulator 
interact  with  these  hairpins  in  such  a  way  so  as  to  inhibit  wallward  motions.  Thus,  it  is  the  introduction  of  new 
structures  into  the  flow  rather  than  the  destruction  of  existing  ones  that  is  important.  Flow  visualization  data  seem 
to  support  this  interpretation  and  it  is  consitent  with  the  continued  existence  of  logarithmic  behavior  in  the 
velocity  profiles.  However,  the  examination  was  based  on  manipulators  that  were  quite  thick  and  which  consequently  had 
large  wakes. 

An  important  fundamental  issue  with  the  devices  is  how  long  the  drag  reduction  effect  will  persist  in  the  downstream 
direction.  The  indications  from  Ref.  34  are  that  the  flow  does  indeed  return  to  an  uncontrolled  state  after  about  150 
boundary  layer  thicknesses  downstream  of  the  device.  Whether  or  not  further  devices  can  be  used  to  reimplement  control 
is  an  issue  that  remains  to  be  examined. 

3.3  Other  Surface  Geometry  Effects. 

In  addition  to  the  riblets,  a  number  of  other  surface  geometry  effects  are  recieving  attention  as  possible  friction 
reduction  concepts.  Among  these  are  streaawise  surface  curvature,  transverse  surface  waves  and  transverse  micro¬ 
grooves. 

While  concave  curvature  increases  near  wall  turbulence  intensities  through  the  Gortler  instability,  convex  curvature 
appears  to  reduce  intensities  and  skin  friction  (Ref.  37).  The  mechanism  for  this  is  not  clear  and  Ref.  4  suggests 
that  the  effect  is  mostly  due  to  a  change  of  the  outer  eddies.  An  alternative  and  quite  plausible  possibility,  is  that 
if  the  near  wall  streaks  themselves  arise  from  a  Gtfrtler  rotational  instability  due  to  local  streamline  curvature  as 
suggested  by  Ref.  38,  then  it  is  possible  that  the  convex  wall  curvature  changes  the  streamline  curvature  to  suppress 
these  structures.  Whatever  the  case,  it  does  appear  that  there  is  a  very  long  relaxation  distance  of  low  drag  after 
regions  of  convex  curvature  which  can  be  exploited  in  a  drag  reduction  schane. 

If  the  scale  of  the  curvature  is  reduced  and  made  periodic,  transverse  surface  waves  result.  This  has  been  suggested 
as  a  possible  drag  reduction  scheme  since  measurements  over  surfaces  with  low  amplitude  waves  and  wavelengths  of  the 
order  of  the  boundary  layer  thickness  have  shown  friction  reductions  (Ref .39).  Unfortunately,  the  static  pressure 
distribution  over  the  wall  shifts  in  phase  relative  to  the  surface  wave  and  there  is  an  attendant  pressure  drag  (Refs. 
40  and  41).  RASA  Langley  experiments  on  ncm-symmetric  surface  waves  have  attempted  to  minimize  this  effect,  but  no  net 
drag  reductions  have  yet  been  reported  and  the  wall  shear  reductions  appear  to  be  diminished  (Ref.  40)  For  the  case  of 
moving  (compliant)  sinusoidal  vavy  walls  beneath  turbulent  boundary  layers  the  situation  is  not  clear  and  is  curently 
under  investigation.  Numerical  simulations  suggest  that  there  may  be  drag  reductions  for  the  case  of  wave  speeds 
approaching  the  free  stress  velocity  (Refs.  42  and  43),  but  for  passive  compliant  surfaces,  careful  experiments  have 
shown  no  net  drag  reductions  in  air  (Ref.  44). 

Another  transverse  surface  geometry  that  is  recieving  attention  is  to  use  closely  spaced  transverse  cavities  (D  type 
roughness,  Ref.  45)  of  small  scale  to  reduce  drag  (Ref.  4).  These  have  been  referred  to  as  micro-air  bearings  with  an 
implication  that  small  vortices  recirculate  in  the  cavities  providing  low  shear  stress  to  the  external  flow  at  the  lip 
of  the  cavity.  As  with  wavy  walls,  there  is  an  attendant  pressure  drag,  and  the  vortex  structures,  if  they  do  form  at 
these  low  Reynolds  numbers,  will  not  be  stable  and  will  periodically  burst  out  of  the  cavities  giving  rise  to  pulses 
in  the  pressures  drag.  This  may  explain  why  no  net  drag  reductions  have  been  achieved.  Ref.  4  suggests  that  these 
cavities  in  conjunction  with  seme  other  device  (LBSU's,  atresssrise  vortex  generators  etc.)  to  minimize  the  eruptions 
may  be  a  viable  approach. 


3.4  The  Synthetic  Boundary  Layer. 


In  a  unique  aeries  of  experiments,  Coles  and  Saves  (Ref.  46)  have  shown  that  it  is  possible  to  create  turbulence  with 
large  scale  structures  that  are  spatially  and  tanporally  periodic.  This  was  achieved  using  an  array  of  turbulent  spot 
generators  in  a  laminar  boundary  layer  driven  at  the  appropriate  frequency  and  relative  phase.  This  is  a  form  of 
controlled  transition  and  has  been  suggested  as  a  possible  means  of  creating  stable  turbulent  flows  of  reduced  skin 
friction.  This  is  currently  under  examination  at  Lockheed -Georgia  (Ref.  47)  and  tests  at  NASA  Langley  (Ref.  48)  have 
shown  local  friction  modifications.  As  with  the  LSD's,  a  fundamental  issue  that  remains  to  be  resolved  is  whether  or 
not  the  flow  will  ranain  in  the  modified  state  ad  infinitum,  or  whether  it  will  ultimately  relax  back  to  seme 
uncontrolled  state. 

Although  the  concept  is  dynamic  in  character,  it  could  conceivably  be  implemented  by  a  purely  passive  means.  This  is 
because  periodic  disturbances  are  not  necessarily  the  only  way  to  produce  periodic  arrays  of  spots.  Indeed,  it  has 
been  found  that  an  array  of  periodic  spots  will  arise  from  a  small  non-moving  pin  placed  on  the  wall  beneath  a  laminar 
boundary  layer.  Thus,  an  appropriately  spaced  (streamwise  and  spanwise)  array  of  such  pins  could  be  used  to  produce 
the  desired  phase  and  frequency  of  spots.  Since  the  pins  are  small  (<0.3  d)  and  in  a  region  of  low  velocity  laminar 
flow,  their  device  drag  might  also  be  quite  low. 

4.  AFTERBODY  DRAG  REDUCTION. 

4.1  Separation  Control  as  a  Means  of  Drag  Reduction. 


For  thc^  reduction  of  the  drag  associated  with  the  separated  flow  of  generic  streamlined  shapes,  concepts  such  as  the 
use  of  vortex  generators  have  been  in  use  for  many  years.  Recently,  however,  a  nunber  of  novel  flow  control  methods 
have  been  developed.  For  example.  Ref.  49  describes  a  technique  whereby  it  is  possible  to  use  a  disk  mounted  in  the 
wake  region  of  a  bluff  body  (Fig.  21)  to  lock  a  vortex  in  the  wake.  This  gives  rise  to  some  pressure  recovery  on  the 
afterbody  which  in  turn  reduces  the  total  drag.  The  same  technique  has  also  been  used  with  considerable  success  to 
reduce  forebody  drag  (Ref.  30).  Likewise,  tests  at  NASA  Langley  have  shown  that  transverse  grooves  on  a  tapered 
afterbody  can  reduce  drag  (Ref.  31,  Figure  21,22)  as  can  large  streamwise  grooves  (Ref.  32,  Figure  23).  In  each  case 
the  vortex  structure  set  up  within  the  grooves  changes  the  near  wall  momentum  transfer  to  modify  the  separation  point. 
In  one  case  the  vortex  structure  is  transverse  to  the  flow,  while  in  the  other  a  streamwise  vortex  system  is  present. 
Control  of  separated  flows  can  also  be  achieved  by  periodic  re-energizing  of  the  near  wall  flow  using,  for  example, 
the  embedded  rotating  cam  devices  suggested  in  Ref.  53. 


Direct  base  suction  has  been  suggested  as  a  drag  reduction  scheme  since  it  does  reduce  the  wake  region.  However,  as 
shown  in  Ref.  54  high  drag  inevitably  results  due  to  the  low  pressure  created  at  the  base  of  the  body.  In  any  case 
prodigious  amounts  of  suction  are  invaribly  required. 


If  the  geometry  of  the  body  allows  the  flow  in  the  afterbody  region  to  be  attached,  then  these  kinds  of  flow  control 
concepts  are  not  necessary.  Instead,  inverse  design  procedures  can  be  used  to  devise  shapes  that  have  a  prescribed  low 
skin  friction  from  which  the  required  body  shape  can  be  determined.  This  approach  is  based  upon  a  Stratford  type  (Ref. 
55)  flow  that  has  low  wall  shear,  but  a  penalty  is  paid  in  the  higher  pressure  drag  that  can  result  with  the  thicker 
boundary  layers.  Some  optimization  is  therefore  necessary.  Ref.  56  describes  the  procedures  and  resulting  shapes  for 
axisymnetric  flows  and  Ref.  57  describes  similar  calculations  for  3-D  wings  with  prescribed  skin  friction.  More  work 
in  the  area  of  3-D  'lows  would  be  useful  since  it  may  be  possible  to  define  optimized  shapes  by  minimizing  the  drag 
producing  streamwise  component  of  skin  friction  while  allowing  the  cross-stream  component  to  vary  as  needed  to  keep 
the  flew  attached. 

4.2  Upswept  Fuselages  -  The  Real  Problem. 

In  order  to  meet  operational  requirements  and  tske-off  rotation,  it  is  necessary  that  the  aircraft  aft  fuselage  have 
upsweep  as  depicted  in  Figure  24.  This  gives  rise  to  a  flowfield  that  is  fundamentally  different  from  the  closed 
separations  typical  of  bluff  bodies  and  limits  the  applicability  of  seme  of  the  separation  control  methods  that  have 
been  described.  In  order  to  implement  any  drag  reduction  scheme,  it  is  important  that  the  physics  of  this  flowfield  be 
correctly  understood. 


The  important  characteristics  of  the  flew  field  typical  of  upswept  fuselages  are  also  shown  in  Figure  24.  It  is 
characterized  by  a  3-D  boundary  layer  with  significant  crossflow  regions  on  the  fuselage.  This  boundary  layer 
separates  into  a  pair  of  counter  rotating-vortices  trailing  dewnstream.  The  flow  is  analagous  to  the  flow  abou  a 
missile  at  high  angle  of  attack  or  the  flow  over  a  delta  wing,  although  in  the  present  case  a  hard  separation  line 
does  not  exist. 

The  total  drag  associated  with  this  kind  of  flow  can  be  split  into  two  components.  First,  there  is  the  pressure  drag 
that  arises  because  of  the  reduced  pressures  on  the  lower  surface  of  the  fuselage.  In  addition,  there  is  a 
considerable  loss  of  flow  energy  in  the  form  of  rotational  kinetic  energy  of  the  vortex  structures  and  this  is 
manifested  as  a  vortex  drag  component.  (This  loss  is  analagous  to  the  lift  induced  drag  that  can  be  related  to  the  tip 
vortex  structures  behind  a  wing.)  Depending  upon  the  geemetry  of  the  aircraft,  the  relative  contributions  of  each  may 
vary. 

An  important  point  to  be  made  is  that  the  other  aerodynamic  components  can  interfere  with  this  flow  and  compound,  or 
possibly  relieve  the  drag  problem.  Wing  downwash  is  the  most  severe  contributor  to  this  effect  since  it  changes  the 
effective  upsweep  angle.  Externally  mounted  gear  pods,  if  present,  can  also  feed  vorticity  to  the  trailing  vortex 
structure.  Accurate  drag  definition  therefore  requires  testing  and  optimization  of  complete  aircraft  configurations. 


A  survey  of  the  wake  structure  behind  a  fuselage  with  large  upsweep  and  large  drag  is  shown  in  Figure  25.  The  wake 
vortex  structure  it  clearly  in  evidence.  These  data  were  recorded  with  5-hole  pressure  probes  and  the  corresponding 
data  for  a  low  upsweep  fuselage  with  much  less  drag  are  shown  in  Figure  26.  The  reduction  in  the  intensity  of  the  wake 
vortex  system  is  evident.  These  kinds  of  data  are  very  useful  for  drag  reduction  studies  since  integration  of  the 
crossflow  velocities  enables  the  vortex  drag  to  be  determined  and  integration  of  the  wake  total  pressure  enables  the 
pressure  drag  to  be  found  (Ref.  58).  This  information  is  therefore  of  much  greater  utility  than  force  measurasents 
alone. 
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For  reducing  the  drag  associated  with  this  kind  of  flcvfield,  the  best  approach  is  to  attempt  to  optimize  the  geometry 
of  the  configuration  at  the  design  stage.  Thus,  high  upsweep  angles  should  be  avoided.  Also,  slender  fuselages  with 
little  or  no  flatness  in  cross-section  should  be  used  since  these  minimize  the  area  exposed  to  the  low  pressure.  An 
example  of  the  importance  of  the  geometry  is  shown  in  Figure  27  where  a  tail  cone  was  added  to  a  blunt  fuselage  to 
reduce  its  drag  (Ref.  59).  As  can  be  seen  a  significant  drag  reduction  is  obtained,  presumably  through  a  reduction  in 
the  size  of  the  separation  region. 

In  many  applications  it  is  not  possible  to  optimize  the  geometry  due  to  the  need  to  meet  structural  and  operational 
requirements  and  significant  amounts  of  vortex  drag  can  sometimes  result.  One  very  good  approach  for  reducing  the 
drag,  and  one  which  is  finding  application  as  a  retrofit  to  existing  aircraft,  is  by  the  use  of  strakes.  These  were 
first  fitted  to  a  Short-Belfast  strategic  transport  (Ref.  60)  and  are  shown  in  Figure  28  for  a  Lockheed  C-130  Hercules 
aircraft.  Essentially  these  are  small  vertical  plates  or  fins  placed  beneath  the  fuselage  and  embedded  in  the  vortex 
flow.  They  act  to  reduce  the  intensity  of  the  swirl  of  the  vortex  structures  and  so  reduce  the  vortex  drag.  To  be 
effective  the  devices  must  be  optimized  since  they  carry  a  skin  friction  and  weight  penalty.  It  might  be  added  that 
the  same  devices  can  be  used  to  control  the  vortex  flow  over  forebodies  (Ref.  61). 

The  utility  of  seme  of  the  other  separation  control  concepts  that  were  mentioned  previously  has  not  yet  been  evaluated 
for  these  kinds  of  fuselages  and  this  would  appear  to  be  an  area  for  fruitful  research.  Also,  modification  of  the 
structure  of  the  incoming  boundary  layer  that  separates  and  feeds  vorticity  to  the  vortices  is  an  area  that  warrants 
examination. 

5.  LIFT-INDUCED  DRAG  REDUCTION. 

Lift  induced  drag  arises  primarily  because  the  lift  producing  circulation  around  the  airfoil  leads  to  a  sheet  of 
trailing  vorticity  in  the  wake  which  rolls  up  into  a  pair  of  counterrotating  vortices.  This  vortex  structure  is 
concentrated  at  the  tips  and  induces  a  downwash  over  the  wing  which  reduces  the  effective  angle  of  attack.  Therefore, 
to  achieve  the  same  lift,  it  is  necessary  to  tip  the  wing  back  which  rotates  the  lift  vector  away  from  the  vertical 
thereby  producing  a  component  of  drag  force  (Ref.  62).  As  in  the  case  of  the  afterbody  flow,  this  drag  is  manifested 
in  the  wake  as  rotational  kinetic  energy.  The  minimum  induced  drag  is  achieved  for  an  elliptical  lift  distribution 
across  the  span  which  also  corresponds  to  the  case  of  constant  wing  downwash. 

To  reduce  the  induced  drag,  wings  of  large  aspect  ratio  should  be  used  since  theBe  enable  the  tip  vortex  structures  to 
be  separated  which  reduces  the  strength  of  the  average  induced  flow  between  them.  However,  a  point  that  is  not  well 
appreciated  is  that  for  the  same  chord,  this  will  also  lead  to  a  weight  penalty  that  may  offset  the  drag  reduction.  In 
fact,  the  selection  of  optimal  aspect  ratio  is  intimately  tied  to  the  criteria  used  to  define  aircraft  geometry.  This 
is  discussed  in  Ref.  9  and  as  Figure  29  from  that  reference  shows,  optimal  wing  aspect  ratio  for  a  transport  aircraft 
varies  from  7.5  for  minimum  aquisition  cost,  to  9.8  for  minimus  gross  weight,  to  12.0  for  minimus  direct  operating 
cost,  and  to  15.2  for  minimum  fuel.  At  present  aspect  ratios  as  large  as  15.2  are  not  structurally  feasible  but  the 
importance  of  aspect  ratio  is  clear. 

Other  techniques  for  the  reduction  of  induced  drag  include  various  wing  tip  devices,  tip  blowing,  span  extension  and 
active  controls  for  load  relief. 

5.1  Wing-Tip  Devices. 

Winglets. 

It  has  long  been  recognized  that  the  addition  of  tip  mounted  surfaces  to  a  wing  can  reduce  and  diffuse  the  vortex 
structures  arising  from  the  tips.  Induced  drag  reductions  result,  but  these  may  be  offset  by  unfavorable  interference 
and  viscous  effects.  The  winglet  concept  shown  in  Figure  30  is  one  of  the  most  promising  of  these  concepts  and  can  be 
thought  of  as  a  device  to  increase  the  effective  span  of  the  wing.  As  shown  in  the  Figure,  the  winglet  is  a  small  wing 
mounted  in  the  swirling  flow  at  the  wing  tip.  The  lift  on  the  winglet  acts  as  a  sideforce  and,  with  proper  positioning 
of  the  winglet,  it  will  have  a  thrust  component  in  the  stream  direction.  As  with  the  afterbody  strakes,  the  structure 
of  the  vortices  is  somewhat  diffused  due  to  the  winglets.  Most  of  the  development  work  for  these  kinds  of  devices  has 
been  undertaken  at  NASA  Langley  and  is  described  in  References  6 A  and  65. 

The  computed  spanwise  lift  and  drag  dictributions  for  a  wing  with  and  without  vinglets  are  shown  in  Figure  31  (from 
Ref.  63).  As  can  be  seen  ,  there  will  be  an  increase  in  wing  root  bending  moment  due  to  both  the  increased  wing 
loading  and  the  winglet  loading.  This  may  limit  the  utility  of  winglets  as  retrofittable  devices.  A  nose  down  pitching 
moment  can  also  occur  due  to  the  above  center  thrust  location  and  this  can  lead  to  a  trim  drag  penalty.  In  addition 
there  are  attendant  increases  in  other  forms  of  drag  such  as  skin  friction  drag  and  interference  drag  at  the  junction 
region.  Thus,  while  typical  total  drag  reductions  of  the  order  of  3-61  may  result,  comparable  performance  can  in  some 
cases  be  achieved  by  a  simple  tip  extension  (Ref.  63). 

For  best  performance,  proper  design  of  the  winglets  is  clearly  very  important  and  some  specific  design  details  are 
discussed  in  References  63,  65,  66  and  67.  These  may  be  simmarized  as  follows: 

(1)  For  good  supercritical  performance,  the  winglet  should  be  tapered  and  swept  aft.  It  should  be  mounted  behind  the 
region  of  lowest  pressure  of  the  main  wing  to  minimize  interference  effects. 

(2)  Some  outward  cant  is  desirable  and  helps  to  minimize  interferences  at  the  junction. 

(3)  As  Figure  32  shews  (from  Ref.  63),  smooth  fillets  should  be  used  between  the  wing  tip  and  the  winglet  or  smaller 
drag  reduction  benefits  might  result. 

(4)  From  Ref.  65,  some  toe-out  of  the  winglet  is  needed  due  to  the  inflow  angles  at  the  wing  tip.  This  is  also 
desirable  since  it  reduces  the  likelihood  of  winglet  stall  during  sideslip. 

(5)  Although  the  drag  reduction  increases  with  winglet  span,  it  is  less  than  linear  (Ref.  66).  Therefore,  the  optimal 
winglet  height  must  be  a  trade-off  between  the  improved  aerodynamics  and  the  increased  moments  due  to  the  larger 
moment  arms. 

(6)  In  principle  winglets  can  be  mounted  above  or  below  the  wing,  but  operational  requirements  and  ground  clearances 
favor  upper  mounts,  A  smaller  winglet  below  and  ahead  of  the  main  winglet  is  desirable  for  preventing  stall  on  the 
main  winglet  at  high  lift  conditions  (Ref.  65). 

It  might  also  be  mentioned  that  winglets  confer  other  favorable  characteristics,  besides  drag  reductions,  which  might 
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be  important.  Among  these  are  the  better  control  of  the  spreading  and  dispersal  of  particulates  behind  agricultural 
aircraft  and  improved  hanger  and  ground  maneuvering  clearances  for  large  aircraft.  In  certain  integrated  aircraft 
designs  they  can  alao  act  as  control  surfaces  (see,  for  example  seme  of  the  configurations  in  Ref.  20). 

Vortex  Diffuser  Vanes. 

Another  concept  that  is  similar  to  the  vinglet  and  which  attempts  to  extract  some  of  the  rotational  energy  from  the 
tip  vortices  are  the  vortex  diffuser  vanes  devised  at  Loekheed-Georgia  (Ref.  68).  Hie  device  is  shown  schmatically  in 
Figure  33  and  operates  on  the  same  principles  as  winglets.  The  advantage  of  these  devices  is  that  the  aft  mount  places 
them  in  a  region  of  more  intense  vortex  flow  with  the  possibility  of  greater  energy  recovery.  Figure  34  shows  the 
reduction  in  crossflow  kinetic  energy  that  can  be  achieved  using  a  two-vane  version  of  the  device.  The  total 
integrated  reduction  for  this  test  condition  was  19Z. 

Another  advantage  to  the  rear  mount  of  the  vanes  is  that  unfavorable  wing  interference  effects  are  minimized. 
Furthermore,  unlike  for  winglets,  some  inward  cant  appears  to  be  desirable  for  optimal  aerodynmic  performance  and  as 
Figure  33  from  Ref.  68  shows,  this  can,  under  certain  circumstances,  lead  to  a  reduction  in  wing-root-bending  moment 
rather  than  an  increase. 

Wing-Tip  Sails. 

A  logical  extension  of  the  tip  devices  that  have  been  described  is  the  use  of  multiple  winglets  or  vanes  as  suggested 
by  Spillman  (Ref.  69).  These  are  shown  in  Figure  36.  These  are  referred  to  as  sails  and  are  mounted  in  a  spiral  array 
around  the  wing  tip.  They  are  similar  to  the  tip  feathers  of  seme  species  of  soaring  birds.  Induced  drag  reductions  of 
up  to  30Z  have  been  reported  and  for  best  performance,  the  array  should  be  essentially  horizontal  rather  than  vertical 
and  rearward  mounts  seem  to  be  preferable.  The  angle  between  each  successive  vane  should  be  about  IS  to  20  degrees  and 
four  vanes  with  spans  no  more  than  302  of  the  wing  chord  are  rec amended  (Ref.  69).  A  larger  number  of  vanes  is  to  be 
avoided,  presumably  due  to  the  increased  interference  and  viscous  losses. 

Wing-Tip  Devices  versus  Wing-Tip  Extensions. 

A  fundamental  issue  with  the  devices  that  have  been  described  is  whether  or  not  it  is  better  to  fit  some  kind  of  wing 
tip  device  in  preference  to  merely  extending  the  wing  tips.  This  question  can  not  be  answered  in  generality  and  each 
configuration  must  be  examined  for  its  weight  penalty,  bending  moment  increases,  structural  integrity  as  well  as  the 
likely  vortex  drag  reductions. 

The  example  described  in  Ref.  65  has  shown  that  winglets  were  to  be  preferred  over  tip  extensions  but  that  case  was 
for  quite  short  tip  extensions.  The  example  quoted  in  Ref.  63  indicates  that  in  order  to  get  5Z  drag  reduction  with 
tip  extensions  then  a  12Z  increase  in  aspect  ratio  is  needed.  Such  an  increase  is  likely  to  be  heavier  than  the  use  of 
winglets  optimized  for  the  same  drag  reduction.  This  is  because  the  winglets  generally  have  a  smaller  chord  than  the 
wing  tip.  From  Ref.  68  it  ia  shown  that  an  important  correlating  parameter  is  the  lift  coefficient  at  the  tip.  Thus, 
wings  that  carry  considerable  outboard  loading  are  good  candidates  for  wing  tip  devices. 

Comparative  analyses  of  wing  tip  extensions,  winglets,  vortex  diffusers  and  tip  sails  are  given  in  Ref.  63,  and  the 
findings  are  sumnarized  in  Figure  37.  The  even  trade  lines  are  for  an  equal  percentage  reduction  in  drag  and  in 
bending  moment  at  the  wing  root  and  correspond  closely  to  the  lines  of  constant  lift  coefficient.  The  added  area  for 
each  device  was  kept  equal  in  all  cases.  The  data  do  not  show  a  clear  preference  for  winglets  over  tip  extensions  and 
overall,  the  sails  showed  the  beat  drag  reduction  for  a  given  area  increase.  These  data  apply,  however,  only  to  a  low 
aspect  ratio  wing,  and  similar  data  for  large  aspect  ratio,  tapered  wings  may  yield  differing  results. 

5.2  Wing-Tip  Blowing. 

Because  of  the  poorer  performance  that  is  obtained  from  devices  such  as  winglets  at  off-design  conditions,  an 
alternative  that  has  been  suggested  is  to  use  spanwise-blown  jets  of  air  at  the  tips  to  increase  the  effective  span 
(Ref.  70).  The  idea  may  have  originated  with  tip  blowing  as  a  means  of  vortex  wake  hazard  alleviation  where 
improvements  in  L/D  were  also  observed  (Ref.  71).  Increases  in  the  normal  force  coefficient  of  about  0.1  have  been 
reported  for  quite  modest  blowing  rates.  The  main  advantage  of  the  concept  lies  in  being  able  to  vary  the  blowing  and 
to  be  able  to  select  the  desired  blowing  ports  in  order  to  get  the  best  performance  at  any  particular  flight 
condition.  System  studies  are  needed  to  determine  whether  or  not  the  weight  of  ducting  and  the  effect  of  the  bleed 
from  the  engine  are  sufficient  to  outweigh  the  benefits  of  the  concept. 

An  alternative  form  of  blowing  that  has  been  suggested  is  described  in  Ref.  63  and  is  to  blow  the  jets  of  air  in  the 
streoswise  direction  so  as  to  breakup  the  tip  vortex  structure.  Measurements  of  the  vortex  structure  in  the  wake  do 
show  structural  changes  (Ref.  63),  but  it  does  appear  that  the  benefits  of  the  concept  level  off  at  higher  blowing 
rates  and  a  tradeoff  must  be  made  between  blowing  energy  requirements  and  the  drag  reduction. 

A  logical  development  of  this  concept  is  to  mount  engines  at  the  wing  tips  and  to  use  the  fan  exhaust  to  break  up  the 
tip  vortex  structure.  Whitcomb  (Ref.  65)  has  reported  induced  drag  reductions  of  the  order  of  one-third  with  such  a 
configuration  on  a  wing  that  has  significant  outboard  loading.  A  large  part  of  this  arises  from  the  end-plate  effect 
of  the  nacelle  itself  and  would  be  less  for  a  tapered  wing.  Also,  there  would  be  flutter  and  other  structural  problems 
associated  with  such  an  installation. 

5.3  Active  Controls  for  Load  Alleviation 

Installation  of  any  wing-tip  device,  including  direct  wing-tip  extensions,  leads  to  the  possibility  of  undesirable 
increases  in  the  wing-root-bending  moments.  Indeed,  this  essentially  limits  the  mount  of  tip  extension  that  can  be 
fitted  to  an  aircraft  to  reduce  its  induced  drag.  One  possible  way  to  avoid  this  is  to  use  controlled  aileron 
deflect iona  to  off-load  the  outer  wing  panels  during  certain  critical  phases  of  the  flight  when  large  bending  moments 
are  present.  To  do  this  requires  a  sophisticated  active  control  system  and  three  possible  applications  can  be 
considered  (Ref.  72): 

(1)  Use  of  fysmetric  aileron  deflections  to  reduce  wing  loads  during  maneuver, 

(2)  Use  of  aileron  deflections  to  reduce  the  wing  elastic  respose  to  gust  loads,  and. 
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(3)  Use  of  the  horizontal  stabilizer  to  reduce  the  overall  airplane  response  to  gusts. 

Concepts  such  as  these  enable  the  peak  wing  loadings  to  be  reduced  which  enable  tip  extensions  to  be  added  to  an 
aircraft  for  the  same  cruise  loadings.  Alternatively,  they  enable  the  weight  of  the  wing  structure  to  be  reduced  so 
that  the  lift  (and  hence  the  drag)  may  be  reduced. 

The  active  control  concept  is  currently  finding  application  on  the  Lockheed  L-1011  and  has  enabled  4.5  foot  wing-tip 
extensions  to  be  added  to  the  aircraft  (Figure  38)  with  no  change  to  the  fundamental  wing  structure.  Appropriately 
distributed  accelerometers  are  used  to  provide  the  required  inputs  to  the  control  systems  which  in  turn  drive  the 
aileron  servos.  The  consequent  reduction  in  the  induced  drag  represents  about  a  3Z  increase  in  fuel  efficiency  for  the 
aircraft. 

6.  INTERFERENCE  DRAG  REDUCTION. 


Detrimental  interference  effects  usually  arise  when  aerodynamic  components  are  mated  together  to  complete  a 
configuration  such  that  the  configuration  drag  is  may  be  greater  than  the  sum  of  the  drag  of  the  individual 
components.  Very  often  however,  it  is  possible  to  capitalize  on  interference  effects  to  get  favorable  drag  benefits.  A 
very  simple  example  of  a  favorable  interference  is  given  in  Ref.  73  where  it  is  shown  that  the  drag  of  two  disks  in 
tandem  is  less  than  that  for  a  single  disk.  For  aircraft,  the  important  drag  producing  interferences  are  the  regions 
of  juncture  flow  at  the  wing-root,  empennage  and  pylon  junctions  etc.,  and  the  interferences  between  the  engine 
mounting  and  the  wing  flows. 

6.1  Juncture  Flow  Interferences. 

The  juncture  regions  of  the  various  aerodynamic  components  of  an  aircraft  all  lead  to  a  drag  penalty  and  various 
examples  are  cited  in  Refs.  73  through  79.  This  juncture  drag  is  due  to  the  occurrence  of  an  unfavorable  modification 
of  the  local  pressure  field  and  the  additional  rapid  straining  of  the  vorticity  of  the  incoming  boundary  layer  that 
usually  leads  to  the  formation  of  vortices  in  the  juncture  regions.  The  flowfield  in  an  unfilleted  juncture  region  is 
shown  in  Figure  39  and  has  long  been  known  to  be  characterized  by  the  formation  of  a  horseshoe  vortex  structure  ahead 
of  the  junction.  Careful  filleting  can  reduce  these  effects,  and  Ref.  73  gives  an  example  of  reducing  the  drag  at  the 
juncture  of  two  struts  by  more  than  an  order  of  magnitude  with  careful  fairing.  Even  with  fairings,  however,  a  vortex 
structure  may  still  ultimately  form  in  the  downstream  corner  regions  with  its  attendant  energy  loss. 

The  importance  of  the  geometry  t>  these  kinds  of  flows  is  also  shown  by  the  examples  in  Figure  40  (from  Ref.  59)  that 
correspond  to  a  wing  root  and  an  externally  mounted  gear  pod.  It  is  evident  that  significant  drag  reductions  can  be 
obtained  from  careful  design.  At  present,  the  optimized  design  of  these  kinds  of  juncture  regions  must  rely  heavily  on 
the  use  of  wind  tunnel  evaluations  and  espirical  engineering  methods.  This  is  because  computational  methods  are  not 
yet  sufficiently  advanced  to  correctly  account  for  the  complex  three-dimensional  viscous  and  transonic  effects  that 
are  present.  Indeed,  in  many  cases  only  a  3-D  Navier-Stokes  simulation  will  provide  sufficient  accuracy  to  enable 
favorable  designs  to  be  developed  theoretically. 

6.2  Engine  Installation  Effects. 

Interferences  between  the  engine/nacelle  flow  and  the  wing  flow  can  represent  a  major  souce  of  interference  drag  and 
some  specific  examples  are  given  in  Refs.  80-83.  Part  of  this  drag  is  due  to  juncture  of  the  pylon,  but  a  large 
contribution  also  arises  from  the  presence  of  the  pressure  field  of  the  nacelle  and  the  suction  and  exhaust  flows. 
This  is  especially  true  for  some  of  the  large  fan  engines  that  are  now  being  used  (Refs.  84,  85).  As  a  consequence, 
the  positioning  of  the  engine  installation  can  lead  to  either  favorable  or  unfavorable  influences  and  each 
installation  configuration  may  have  its  own  merits.  For  example.  Ref.  65  gives  two  examples  where  optimizing  the 
engine  installation  can  reduce  drag.  In  one  case,  that  of  an  underwing  mount,  careful  positioning  of  the  pylon 
inhibits  the  spanwise  flow  induced  by  the  tip  vortex  system  and  reduces  the  induced  drag.  In  the  other  case,  that  of  a 
forward-overwing  mount,  the  entrained  flow  of  the  exhaust  accelerates  the  upper  surface  air  to  enhance  the  lift.  A a 
Figure  41  from  that  reference  shows,  induced  drag  reductions  can  be  obtained  through  the  reduced  loadings  on  the  other 
regions  of  the  wing.  Some  recent  work  has  also  shown  that,  an  aft-slung-underwing  mount  (Ref.  86)  might  be  a 
particularly  premising  concept  because  the  engine  is  in  a  region  of  lower  velocity  and  has  less  unfavorable 
interference  with  the  lift  producing  flow  over  the  wing  than  does  a  forward  lower  mount. 


The  work  in  Refs.  87  and  88  has  shown,  however,  that  for  conventional  configurations,  the  geosietry  of  the 
installation,  the  capture  ratio  and  the  exhaust  velocity  all  have  a  bearing  on  the  problem.  Subtle  variations  in  these 
parmseters  can  lead  to  either  beneficial  or  detrimental  effects.  Computational  methods  are  currently  being  developed 
by  industry  and  government  agencies  (Refs.  87  and  88)  which  will  enable  more  optimized  engine  installations  to  be 
developed  and  seme  of  the  recent  developments  in  the  area  of  propulsion  system  design  and  installation  can  be  found  in 
Ref.  89. 

7.  INNOVATIVE  AIRCRAFT  CONFIGURATIONS. 

Because  drag  reduction  techniques  are  providing  drag  decreases  in  smaller  and  smaller  increments,  an  additional  area 
that  warrants  some  mention  is  the  use  of  innovative  aerodynamic  configurations  (as  opposed  to  aerodynamic  concepts)  to 
reduce  the  dreg  penalty  and  fuel  consumption  associated  with  transporting  a  given  amount  of  load  over  a  given  flight 
mission.  This  is  not  a  viscous  flow  drag  reduction  problem  per  se,  but  novel  configurations  do  have  the  possibility  of 
reducing  fuel  consumed  per  tonnage  of  load  carried. 

A  number  of  these  concepts  are  shown  in  Figures  42  through  44,  and  each  is  designed  with  some  specific  aerodynamic  or 
structural  advantage  in  mind.  Thus,  the  spanloader  in  Figure  42  (from  Ref.  9)  is  designed  to  have  large  aspect  ratio 
and  reduced  fraction  of  afterbody  drag.  The  control  surface  at  the  wing  tips  provide  an  added  advantage  as  winglets. 
Unfortunately,  the  operation  of  such  a  configuration  will  require  much  larger  runways  and  taxi  areas  than  currently 
available  and  the  high  aquisition  cost  of  the  systoz  would  limit  its  application  under  current  airline  economics. 

An  alternative  method  for  achieving  high  span  that  is  receiving  considerable  interest  at  the  present  is  to  use  tandem 
fuselages  as  shown  in  Figure  43  (from  Ref.  9).  The  advantage  of  this  configuration  is  that  because  the  load  is 
concentrated  at  two  points  rather  than  one,  then  it  is  possible  to  significantly  reduce  the  wing-root  bending  moment 


and  consequently  the  structural  weight  of  the  wing  box  over  that  of  an  equivalent  large  single-body  aircraft.  The 
studies  in  Kef.  9  suggest  that  this  may  be  as  great  as  a  7Z  reduction. 

The  configuration  shown  in  Figure  44  (from  Ref.  90),  is  less  extreme  and  utilizes  over-the-ving  engines  to  enhance  the 
wing  circulation.  The  engines  are  mounted  on  canards  to  avoid  pylon/ wing  interferences  and  because  the  canards  can 
also  act  at  an  auxiliary  control  surfaces,  the  empennage  size  can  be  reduced. 

Use  of  full  canard  control  surfaces,  rather  than  tail  mounted  surfaces  is  also  desirable  from  a  drag  point  of  view, 
because,  for  static  stability  and  balance,  conventional  configurations  require  a  download  on  the  horizontal  control 
surface  at  the  tail.  This  must  be  balanced  by  higher  wing  lift  and  an  attendant  drag.  For  the  canard  configuration, 
the  canard  control  surface  produces  an  upload,  but  the  aircraft  will  be  inherently  dynamically  unstable.  Application 
of  an  active  control  system  to  provide  stability  will  eliminate  this  problem  and  the  induced  drag  will  be  lessened 
than  that  for  the  aft-control  surface  configuration.  The  problem  is  that  control  system  failure  may  lead  to  an 
unflightworthy  condition.  (The  original  Wright  Flyer  flew  in  this  mode,  but  the  instability  responses  were  so  slow 
that  the  pilot  could  correct  for  them.) 

Use  of  active  controls  on  conventional  configurations  has  already  been  mentioned  in  the  context  of  load  relief,  but 
there  is  an  additional  benefit  to  be  derived  with  relaxed  static  stability  (RSS).  If  appropriate  dynmsic  and  active 
control  surface  deflections  are  available,  it  is  possible  to  allow  the  center  of  gravity  to  be  moved  further  aft  and 
relax  the  stability  of  the  aircraft.  Smaller  control  surface  sizes  are  then  permissible  and  the  skin-  friction  drag 
can  be  reduced.  Figure  45  (from  Ref.  70)  shows  that  for  the  L-1011  aircraft,  the  benefits  that  can  be  derived  by 
utilizing  relaxed  static  stability  amount  to  a  40Z  reduction  in  the  size  of  the  horizontal  stabilizer. 
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Figure  1.  Trend  in  world  fuel  prices. 
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Figure  2.  Sources  and  terminology  of  drag  contri- 
but ions . 
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Figure  3.  Contributions  of  different  drag  sources 
for  a  typical  transport  aircraft. 
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Figure  4.  Skin  friction  goal  for  UTC  surfaces. 
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Figure  5.  The  Lockheed  LFC  aircraft  concept 
(Ref.  9). 
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Figure  6.  Fuel  efficiency  -  current  transports 

versus  an  advanced  UC  aircraft  and  an 
advanced  turbulent  aircraft  (Ref.  7). 
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Figure  7(a).  Factors  affecting  LFC  design  (Ref.  7). 


Figure  8.  Instability  wave  growths  for  suction 

through  a  slot  or  through  a  wide  porous 
strip. 


Figure  7(b).  Factors  affecting  LFC  manufacturing 
(Ref.  7). 
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Figure  9.  Wing  geometry  and  surface  pressures 

characteristic  of  a  Natural  Laminar  Flow 
wing. 


Figure  7(c).  Factors  affecting  LFC  operations 
(Ref.  7). 


Figure  10.  The  Hybrid  Laminar  Flow  Control  concept. 


Figure  13.  Instability  wave  growth  with  and  without 
a  control  disturbance  being  present 
(Ref.  28). 


Figure  16.  Turbulent  bursting  frequency  over  riblet 
surface  (Ref.  31). 
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Figure  31.  Spanwise  lift  and  drag  components  for  a 
wing  with  and  without  winglets. 
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Figure  32.  Winglet  performance  with  and  without 
appropriate  filleting. 


Figure  33.  The  vortex  diffusing  vane  (Ref.  68). 
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Figure  34.  The  reduction  in  crossflow  kinetic  energy 
available  from  vortex  diffusing  vanes 
(Ref.  68). 
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Figure  35.  Possible  reduction  in  wing-root  bending 
with  vortex  diffusing  vanes  (Ref .  68) . 


Figure  36.  Wing-tip  sails  for  drag  reduction. 
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Figure  37.  Comparitive  performance  of  various  wing- 
tip  devices  and  tip  extensions  (Ref.  63). 
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RESUME 

Apres  avoir  rappele  les  differentes  formes  d'apparition  de  la  turbulence  sur  une  aile  en  fleche 
infinie,  on  propose  une  methode  de  prediction  de  la  transit  ion  pour  ce  type  d'ecoulement  t r idimensionnel , 
ainsi  qu*une  modelisation  simple  de  la  region  de  transition.  On  etudie  ensuite  de  fagon  theorique  l1 in¬ 
fluence  de  la  mise  en  fleche  d'un  profil  d'aile  sur  la  transition  et,  par  consequent,  sur  la  trainee  de 
ce  profil.  I,  *ef  f  icacite  d*une  aspiration  a  la  paroi  est  aussi  discutee. 


APPLICATION  OF  TWO  AND  TWEE  -  D I  MENS  I ONAL  CRITERIA 
FOR  CALCULATING  TRANSITIONS 
AND  BOJfOARY  LAYERS  OVER  SWEPT  WINGS 


SUMMARY 


The  possible  origins  of  turbulence  on  an  infinite  swept  wing  will  be,  at  first,  recalled.  A 
method  for  calculating  the  beginning  of  transition,  as  well  as  the  transition  region  itself,  is  suggested 
for  that  kind  of  three-dimensional  flow.  Then,  from  a  theoretical  point  of  view,  we  look  at  the  influence 
of  sweep  angle  on  transition  and  on  drag  coefficient  of  the  considered  airfoil.  Efficiency  of  wall  suction 
is  also  discussed. 


NOTATIONS 

(x,  2,  y)  l 

(xl,  zl,  y)  ) 


reperes  cartesiens  orthonorroes 


Q 

U,W,  V 
Ul.Wl,  V 
Vp 
c 

Cf 

Cp 

Cx 

Tu 


61  » 
e  - 

e  » 


<51 


<5  y 

(1  -  £-)  dy 


L 

£k"-k 

/. 

f 6  wj_ 

/  “  i'l 


)  dy 
)  dy 


<5  U1 

O  -  ,!r-)  dv 

/  o  e 


vitesse  totale 

composantes  de  la  vitesse  dans  (x,  z,  y) 
composantes  de  la  vitesse  dans  (xl,zl,  y) 
vitesse  d'aspiration  a  la  paroi 

corde  du  profil  dans  la  direction  orthogonale  au  bord  d’attaque 

coefficient  de  frottement  parietal  suivant  xl 

coefficient  de  presslon 

coefficient  de  trainee  totale 

taux  de  turbulence  exterieure 

incidence  norraale 

angle  entre  les  lignes  de  courant  exterieure  et  parietale 
angle  avec  la  direction  normale  a  la  ligne  de  courant  exterieure 
angle  de  fleche 

epaisseur  physique  de  couche  llraite 
epaisseurs  integrales  sur  la  ligne  d'arret 

epaisseur  integrale  bidimensionnelle 


epa  lsseurs 


integrales  t r Id imens ionnel les 


<52 


dy 


h  -  5i/e 
HI  -  61/611 


parametre  de  forme  bidimenslonnel 
parametre  de  forme  longitudinal 


R6-^ 

v 


tile  011 


UL  62 


V  coslp 


nombres  de  Reynolds 


viscosite  cinematique 


critique 

exterieur  3  la  couche  limite 

regime  turbulent 

bord  de  fuite 

debut  de  transition 

inf  ini  amont 

dans  la  direction  definie  par  1 ’angle  E 


1  -  INTRODUCTION 

II  est  bien  connu  que  la  position  de  la  transition  sur  une  aile  d ’avion  se  repercute  directement 
sur  l’epaisseur  de  la  couche  limite  au  bord  de  fuite,  elle-meme  liee  au  coefficient  de  trainee  de  l’aile. 

Le  probleme  consiste  a  reduire  l’etendue  de  la  region  turbulente,  ou  la  couche  limite  epaissit  trSs  rapi- 
dement,  donnant  lieu  a  des  coefficients  de  frottement  parietaux  bien  plus  glev&s  qu’en  r§gime  laminaire. 

Tant  que  l’on  reste  en  ecoulement  bidimenslonnel,  l’allure  de  la  distribution  de  vitesse  exterieure  suffit 
pour  donner  une  bonne  idee  de  1 ’emplacement  de  la  transition  :  dans  les  distributions  de  type  "laminaire", 
ou  1 ’ecoulement  est  accelere  sur  une  longue  portion  de  la  corde,  la  transition  se  produira  aux  alentours 
du  maximum  de  vitesse  exterieure  ;  dans  les  cas  ou  il  existe  une  pointe  de  survitesse  pr6s  du  bord  d’at- 
taque,  elle  aura  lieu  dans  le  gradient  de  pression  positif  immediatement  en  aval,  souvent  dans  un  bulbe 
de  decollement. 

Le  probleme  est  de  savoir  ce  que  deviennent  ces  tendances  lorsque  l’aile  est  raise  en  fleche.  II 
se  cree  alors  un  ecoulement  transversal  qui  conduit  a  des  formes  d’ instabilite  inconnues  en  bidimensionnel , 
dont  il  importe  de  pouvoir  preciser  les  effets  sur  la  transition.  Le  but  de  cet  article  est  d’evaluer  ces 
effets  de  faqon  theorique,  en  calculant  le  developpement  de  la  couche  limite  sur  une  aile  placee  a  divers 
angles  de  fleche  et  d’incidence  ;  avant  d’aborder  les  applications  proprement  dites,  on  decrira  les  ele¬ 
ments  necessaires  au  calcul  complet  de  la  couche  limite  depuis  le  bord  d’attaque  jusqu’au  bord  de  fuite  : 
technique  numerique,  criteres  de  transition,  model isat ions  de  la  region  de  transition  et  du  regime  turbu¬ 
lent  etabli. 

La  majeure  partie  des  calculs  effectues  concerne  des  couches  limites  se  developpant  sur  une  parol 
impermeable.  On  presenters  en  outre  quelques  resultats  obtenus  en  imposant  une  aspiration  parietale  uni¬ 
forme  ;  cette  technique  est  certainement  la  plus  flable  pour  controler  l’ecoulement  laminaire,  mats  son 
efficacite  est  moins  bien  connue  en  tridimensionnel  qu’en  bidimensionnel  ;  on  s’attachera  done  a  decrire 
son  influence,  aussl  bien  sur  l’ecoulement  transversal  que  sur  l’ecoulement  longitudinal. 

2  -  CALCUL  DR  LA  COUCHE  LIMITE  LAMINAIRE  SUR  TOE  AILE  EN  FLECHE  INFINIE 

2.1.  Reperes  et  notations  -  Generalites 

La  figure  1  montre  le  schema  d’une  aile  en  fleche,  sur  lequel  sont  reportees  les  principales 
notations.  'Pdesigne  l’angle  de  fleche.  La  vitesse  a  l’infini  amont  Qt»  donne  une  composante  normale  au 
bord  d’attaque  Uc„  et  une  composante  parallele  au  bord  d’attaque  W^,.  On  definit  deux  reperes  :  l’un  (x,  z,  y) 
est  lie  a  l’aile,  l’autre  (xl,  zl,  y)  est  lie  3  la  ligne  de  courant  extSrieure  ;  y  designe  la  normale  a 
la  paroi,  dirigee  vers  1 ’ ecoulement . 

La  vitesse  locale  sera  notee  Q(y).  II(y)  et  W(y)  designent  les  projections  de  Q(y)  suivant  x  et  z, 
tandis  que  Ul(y)  et  Wl(y)  -appeles  respect ivement  profil  longitudinal  et  profil  transversal-  sont  les  pro¬ 
jections  de  Q(y)  suivant  les  axes  xl  et  zl. 

A  l’exterieur  de  la  couche  limite,  U  et  W  atteignent  respect ivement  les  valeurs  Ug  et  Wg  ;  par 
contre,  W1  s’y  annule  et  U1  se  raccorde  3  la  vitesse  resultante  tlle  =  (Ug  +  w|)'/2. 


Equations  -  Met hod e  de  resolution  numerlque 


•> 


L'hypothese  d'aile  en  fleche  Infinie  permet  de  simplifier  les  equations  de  couche  limite  ecrites 
pour  des  ecoulements  t r idimensionnels  incompress ibles  :  elle  se  traduit  par  une  invariance  des  pressions 
et  des  vitesses  suivant  l'envergure.  On  en  deduit  en  particulier  que  We(x)  =  Woo  et  que  la  distribution  de 
vitesse  UgCx)/^  est  celle  que  l'on  aurait  sur  la  meme  aile,  a  fleche  nulle,  pour  la  meme  incidence  nor- 
male . 


2.2.1.  Eguations_de  base 

Le  calcul  de  l'ecoulement  moyen  se  fait  par  resolution  des  equations  locales  de  continuity  et 
de  quantite  de  mouvement  ecrites  dans  le  repere  (x,  z,  y)  : 
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Le  systeme  des  equations  a  resoudre  (1)  etant  de  type  parabolique  dans 
numerlque  utilisee  necessite  la  connaissance  des  profils  U(y),  V(y)  et  W(y)  a  la 
cul,  qui  coincide,  dans  les  ecoulements  etudies  ici,  avec  la  ligne  d'arret  ou  Ue 


la  direction  x,  la  methode 
station  inltiale  du  cal- 
=  0  et  UL  =  W  =  Wm. 


2.2.2.  Solut ion s_au_vo is inage  de  la  ligne  d'arret 


Au  voisinage  de  cette  ligne  d'arret,  il  est  possible  d’obtenir  des  solutions  de  similitude  a 
partir  des  considerations  suivantes  : 

dUe 

-  la  vitesse  exterieure  Ug(x)  est  lineaire  :  lle(x)  =  kx  ou  k  •  > 


-  on  recherche  les  profils  semblables  sous  la  forme 


ble  de  similitude  y(k/v) 


1/2 


f'(r|)  et  —  ■  g(n),  ou  ri  est  la  varia- 
we 


Une  tabulation  des  fonctions  f ' (n)  et  g(n)  est  donnee,  par  exemple,  dans  ROSENHEAD  III.  Connais- 
sant  f'(n),  1 'equation  de  continuity  fournit  par  integration  v(0)  =  -  (kv)1/5  f(n). 

On  remarquera  que  sur  la  ligne  d'arret  proprement  dite  (x  =  0),_on  a  Ue  =0.  U1 /U 1 e  =  t!l/We  =  W/W( 
n'est  autre  que  le  profil  g(n).  Introduisant  la  longueur  caracteristique  n  «  (v/k),'?et  le  nombre  de 
Reynolds  R  =  WTO  q/v,  1 ' integrat ion  du  profil  g(q)  fournit  les  relations  suivantes  111  : 


rye 


61  =  1,026  n  ;  e  *  0,404  n  d*ou  H  “  2,54 
et  R0  =  0,404  R 


(2) 


Sur  la  ligne  d'arret,  le  profil  longitudinal  est  en  fin  de  compte  tres  voisin  du  profil  de 
plaque  plane  en  i  dimensionnel  (profil  de  BLASIUS) . 


2.2.3.  Methode  de  resolution  numdrique 

Pour  resoudre  le  systeme  (1)  de  type  parabolique  en  x,  a  partir  des  profils  initiaux,  nous  avons 
utilise  une  methode  inspiree  des  travaux  de  PATANKAR  et  SPALDING  / 3/ -  L'interet  essentiel  de  cette  methode 
est  sa  rapidite,  due  au  caractere  non  iteratif  du  calcul. 


La  methode  dite  par  "volumes  finis"  utilisee  pour  resoudre  (1)  consiste  a  integrer  les  divers 
terraes  sur  un  domaine,  compose  de  mailles  rectangulaires  et  situe  dans  le  plan  (x,  y) .  Le  maillage  peut 
etre  variable  au  fur  et  a  mesure  de  l'avancement  du  calcul.  Toutes  les  grandeurs  sont  supposees  connues 
a  la  station  amont  x  =  x^r  ;  on  veut  maintenant  les  calculer  a  la  station  aval  x  =  x^. 

Des  hypotheses  sont  faites  pour  traduire  devolution  des  grandeurs  a  calculer  suivant  les 
deux  directions  du  maillage  ;  de  maniere  generale,  on  tiendra  a  avoir  un  schema  le  plus  implicite  possible, 
c ' est-a-d ire  a  exprimer  le  plus  grand  nombre  de  facteurs  a  la  station  aval  (indice  D) . 


Pour  chaque  grandeur  A  (U  ou  W) ,  on  aboutit  apres  discretisation  a  1 'equation  : 

ad  ,  .  n  4d  , 

3j  j+i  j  j  +  cj  j-i  ‘  j 

(j  :  indice  dans  la  direction  y) 


(3) 


La  forme  discretisee  des  coefficients  peut  etre  trouvee  dans  / 2 / .  T1  reste  alors  a  inverser  une 
matrice  tridiagonale  ;  la  methode  utilisee  introduit  une  relation  de  recurrence  entre  A.  et  A  et  un 
simple  balayage  suivant  la  direction  y  permet  d'obtenir  les  profils  de  vitesse  H(y)  et  J  W(y). 


2.3.  Evolution  generale  de  la  couche  limite  lamlnaire  sur  une  aile  en  fleche  infinie 

Les  profils  U(y)  et  W(y)  etant  calcules,  on  en  deduit  par  projection  les  profils  de  vitesse 
longitud lnaux  Ul(y)  et  transversaux  Wl(y).  La  pente  a  l'origine  de  ces  deux  profils  donne  l'angle  B 
que  fait  la  ligne  de  courant  a  la  parol  avec  la  ligne  de  courant  exterieure  : 

..  W1  3W1 /3y 1 
tg  6o  *  yi$  U1  *  3m/3y|y=0 
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L 'equation  de  la  1  lgne  de  courant  exterieure  s'ecrit  :  dx/l'e  =  dz/Woo. 

F.lle  presenters  done  un  point  d'inflexion  a  l'abscisse  ou  la  distribution  de  vitesse  exterieure 
U  (x)  passe  par  un  maximum.  Jusqu'a  cette  abscisse,  l'ecoulement  transversal  est  dirige  vers  la  partie 
concave  de  la  1 igne  de  courant  exterieure  (figure  2).  I.e  gradient  de  pression  longitudinal  change  ensuite 
de  signe,  mais  la  reponse  de  la  couche  limite  a  cette  variation  de  gradient  n'est  pas  immediate,  si  bien 
que  1 'abscisse  correspondant  a  =  0  sera  situee  en  aval  du  point  d'inflexion  et  que  le  profil  de  vitesse 
transversale  Wl(y)  s' inversera  d'abord  a  la  paroi.  On  observe  alors  des  profils  transversaux  en  forme  de 
"S".  Remarquons  que  le  retournement  complet  du  profil  W1 (y)  pourra  s'obtenir  si  le  gradient  de  pression 
positif  est  suffisamment  intense,  a  moins  que  la  distribution  de  vitesse  exterieure  ne  possede  d'autres 
extrema  ! 

\  -  CRITERES  DK  TRANSITION  SUR  UNE  AILE  EN  FLECHE  INFINIE 
CAI.Cn.  »>F.  l.A  REGION  DE  TRANSITION 


I.e  probleme  aborde  dans  ce  chapitre  concerne  d'une  part  la  prediction  du  debut  de  transition 
et  d 'autre  part  le  calcul  de  la  region  de  transition. 

Afin  de  determiner  1 'abscisse  de  debut  de  transition  sur  une  aile  en  fleche,  la  demarche  theo- 
rique  la  plus  rigoureuse  consiste  a  traiter  ies  equations  de  stabilite  laminaire  pour  rechercher  les 
directions  de  propagation  et  les  frequences  des  ondes  les  plus  instables.  Outre  le  fait  que  de  tels  cal- 
culs  restent  longs  et  couteux  et  que  leur  exploitation  n'a  rien  d'evident,  il  faut  faire  appel  a  1 'expe¬ 
rience  pour  decider,  par  exemple,  que  tel  ou  tel  niveau  d 'ampl if icat ion  des  ondes  sera  dangereux  pour  la 
stabilite  de  la  couche  limite.  C'est  pourquoi  1 'ut ilisat ion  de  criteres  empiriques  de  debut  de  transition 
presente  un  interet  pratique  certain.  De  faqon  generale,  ils  correlent  des  parametres  carac terist iques  de 
la  couche  limite  au  point  de  debut  de  transition. 

Pouvant  determiner  l'abscisse  de  transition  par  application  de  tels  criteres,  un  calcul  de  la 
region  de  transition  sera  propose  de  faqon  a  pouvoir  connaltre  1' evolution  de  la  couche  limite  tout  le 
long  de  l'aile. 

3.1.  Criteres  de  transition 


3.1.0.  La  figure  3,  relative  a  un  cas  experimental  etudie  par  BOLTZ,  KENYON  et  ALLEN  / 4 / ,  illustre 
1 'aspect  le  plus  important  de  la  transition  en  ecoulement  tridimens ionnel .  A  cote  de  la  distribution  de 
vitesse  exterieure  normale  au  bord  d'attaque,  est  portee  1 'evolution  de  l'abscisse  de  transition  en  fonc- 
tion  d’un  nombre  de  Reynolds  de  corde  Rc,  e'est-a-dire  de  la  vitesse  d'essais  Qc©  puisque  les  parametres 
^eometr iques  restent  fixes  (  <0  =  20°,  an  =  0°). 

Aux  faibles  norabres  de  Reynolds,  la  transition  a  lieu  sur  l'arriere  du  profil,  dans  la  region  de 
gradient  de  pression  positif.  Son  evolution  ressemble  a  celle  que  l'on  aurait  sur  le  meme  profil  a  fleche 
nulle.  F.lle  est  regie  par  les  proprietes  du  profil  longitudinal  et  on  l'appellera  "transition  (par  insta¬ 
bility)  longitudinale". 

A  partir  de  Rc  =  20  106,  la  transition  se  deplace  rapidement  vers  l'avant,  venant  se  fixer  assez 
pres  du  bord  d'attaque  dans  un  gradient  de  pression  longitudinal  negatif.  Un  tel  rnouveraent  ne  peut  se 
concevoir  en  bid imensionnel ,  ou  les  zones  accelerees  stabilisent  la  couche  limite  laminaire.  Cette  transi¬ 
tion,  propre  aux  ecoulements  tr idimensionnels ,  sera  appelee  "transition  (par  instabilite)  transversale". 

Une  troisieme  forme  d 'apparition  de  la  turbulence  peut  se  rencontrer  sur  une  aile  en  fleche  : 
c'est  le  phenomene  de  "contamination  de  bord  d'attaque".  Lorsque  l'aile  est  en  contact  avec  une  paroi 
(fuselage,  par  exemple),  la  couche  limite  turbulente  de  cette  paroi  risque  de  contarainer  l'ecoulement  sur 
l'aile  des  la  ligne  d'arret.  Il  existe  toujours  une  valeur  de  Rc  pour  laquelle  la  contamination  entre  en 
jeu  ;  dans  1' exemple  presente  sur  la  figure  3,  cette  valeur  se  situe  au-dela  de  la  gamrae  des  nombres  de 

Reynolds  d 'etude.  Le  plus  souvent,  un  ecoulement  turbulent,  sur  une  aile  en  fleche,  ne  redevient  pas  lami¬ 

naire  mais,  except ionnellement ,  une  rapide  acceleration  (c'est  le  cas  dans  la  region  proche  du  bord  d'at¬ 
taque)  peut  provoquer  une  relarainar isat ion, phenomene  que  nous  considererons  egalement. 

De  fa<;on  generale,  1 'utilisation  de  criteres  simples  repose  sur  la  regie  de  jeu  suivante  :  on 
suppose  que  la  turbulence  apparalt  soit  par  instabilite  longitudinale,  soit  par  instabilite  transversale, 
soit  par  contamination  de  bord  d'attaque.  On  applique  des  criteres  pour  chacun  de  ces  mecanismes  et  on 
admet  que  la  couche  limite  cessera  d'etre  laminaire  des  que  1'un  d'entre  eux  sera  verifie, 

3.1.1.  Cr itere_longitudinal 

Nous  utiliserons  un  critere,  developpee  a  l'ONERA/CERT  /5/,  / 6/  pour  des  ecoulements  bidimension- 
nels,  dont  nous  formulerons  une  extension  pour  les  ecoulements  tridimensionnels.  Il  tient  compte  d'un  cer¬ 
tain  nombre  de  resultats  deduits  de  la  theorie  de  1 ' instabil ite  laminaire. 

Etabli  a  partir  de  calculs  de  stabilite  effectues  pour  la  famille  de  profils  de  FALKNF.R-SKAN 

et  de  la  relation  de  MACK  / 7 / ,  le  critere  bidimensionnel  se  presente  sous  la  forme  analytique  suivante  : 

R9T  '  R0cr  *  '  206  exP<25.7  ^2T)  C1-"06-8  "'u)  -  2>77  ^2T] 


R0cr  est  defini  dans  la  theorie  de  1 ’ instabil ite  laminaire  :  c'est  le  nombre  de  Reynolds  "critique", 
base  sur  l'epaisseur  de  quant ite  de  mouvement,  en  dessous  duquel  toutes  les  perturbations,  quelle  que  soit 


/ 


leur  frequence,  sont  amorcie 
moyenne  du  parametre  de  POHL! 
point  de  debut  de  transition 


rcies.  R0_  est  la  valeur  de  R0  au  point  de  transition.  A.,T  represente  la  valeur 
POHLHAl'SEN  calculee  entre  l'abscisse  critique,  a  laquelle  correspond  R0^r,  et  le 


Une  representation  du  reseau  de  courbes,  construit  a  partir  de  (4),  est  donnee  sur  la  figure  4. 
Est  egalement  reporte  le  critere  de  GRANVILLE  /8/  qui  recoupe  assez  bier,  le  critere  propose  aux  faibles  Tu 
(entre  0,05  %  et  0,1  %)  .  I.e  critere  bidimensionnel  est  en  fait  une  extension  du  critere  de  GRANVILLE, 
dans  laquelle  on  prend  en  compte  le  parametre  turbulence  exterieure  Tu. 

La  determination  du  nombre  de  Reynolds  critique  et  de  l'abscisse  critique  s'effectue  cotrune 
suit  :  on  trace  les  evolutions  longitudinales  du  R0  de  la  couche  limite  laminaire  et  du  R0cr  "fictif" 
(R0crf)  obtenue  a  chaque  pas  de  calcul.  Si  R0  <  R0crf,  l'ecoulement  est  stable  ;  par  contre,  si  R0  >  R0crf, 
l'ecoulement  est  instable.  C'est  au  point  d ' intersec t ion  R0  =  R0c  ^  que  l'on  definit  le  veritable  nombre 
de  Reynolds  critique  de  la  couche  limite,  ainsi  que  l'abscisse  critique  correspondante. 

D'un  point  de  vue  pratique,  R0crf  est  calcule  par  la  formule  de  LEES,  deduite  de  considerations 
mathemat iques  sur  les  equations  de  stabilite  / 9/  : 
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Nous  supposerons  que  le  critere  longitudinal,  etabli  pour  les  ecoulements  bidiraensionnels,  reste 
valable  en  trid iraensionnel  a  condition  de  l'appliquer  le  long  d'une  ligne  de  courant  exterieure.  Par  con¬ 
sequent,  dans  1' equation  (4),  0  sera  remplace  par  011,  U  par  Ule  et  x  par  s,  abscisse  curviligne  le  long 
de  la  ligne  de  courant  exterieure. 

3.1.2.  Critere  transversal 

Comme  pour  le  cas  precedent,  nous  avons  utilise  les  resultats  de  latheoriede  1 '  instability 
laminaire  pour  elaborer  avec  le  plus  de  rigueur  possible  une  methode  de  prevision  des  transitions  trans- 
versales. 


Pour  un  nombre  de  Reynolds  de  corde  Rc  et  une  abscisse  fixes,  les  proprietes  de  stabilite  des 
profils  de  vitesse  U  ,  projetes  dans  une  direction  G,  sont  etudiees  depuis  G  -  0  (direction  de  l'ecoule- 
raent  transversal)  jusqu'a  G  =  90°  (direction  de  l'ecoulement  longitudinal).  On  definit  pour  ces  profils 
une  epaisseur  de  deplacement  61^.  et  le  nombre  de  Reynolds  RSl^  correspondant  : 


U£(y)  *  Ul(y)  sin  e  +  W1  (y)  cos  G  ;  U^e  *  Ulg  sin  G  (sic?*  0) 

r6  u  u  6i  (6) 

61e  -  /  (1  -  dy  et  B61  = 

J  o  ce 

On  definit  alors  la  fonction  g(e)  ,  rapport  du  nombre  de  Reynolds  critique  R6l  du  profil  II 
au  nombre  de  Reynolds  R61  de  ce  meme  profil.  A  une  abscisse  fixee,  g  depend  non  seulemen§lde  C,  mats 
aussi  du  nombre  de  Reynolds  de  corde  Rc.  La  position  de  g  par  rapport  a  1  nous  renseigne  sur  la  stabilite 
du  profil  projete  considere  :  si  g(c)  est  superieur  a  I,  le  profil  U  /U£e  sera  stable  ;  si  g(c)  est  infe- 
rieur  a  1,  il  sera  instable.  Lorsque  Rc  augmente,  la  fonction  g(c)  diminue  et  la  plage  des  directions 
instables  s'elargit.  Les  valeurs  de  G  rendant  minimale  la  fonction  g  correspondent  aux  directions  les  plus 
instables  / 2 /  et  fbf . 

La  figure  5  schematise  devolution  de  g  en  deux  abscisses  typiques  sur  un  profil  d'aile,  pour  un 
nombre  de  Reynolds  de  corde  donne.  A  la  premiere  abscisse,  situee  dans  une  zone  de  gradient  de  pression 
negatif  intense,  les  angles  definissant  le  domaine  instable  sont  petits  mats  non  nuls  ;  par  contre,  l'ecou¬ 
lement  longitudinal  reste  tres  stable.  Cet  exemple  illustre  la  notion  d ' instability  quasi-transversale. 

A  la  deuxleme  abscisse  situee  dans  la  zone  de  gradient  de  pression  positif,  la  fonction  g(G)  presente  deux 
minima,  proches  des  directions  transversale  et  longitudinale ,  le  second  etant  minimum  absolu.  II  s'agit 
dans  ce  cas  d' instability  longitudinale.  Ces  courbes  montrent  le  passage  de  1 ' instabil ite  longitudinale 
a  1  instability  quasi-transversale.  Mals  la  determination  rigoureuse  de  1' evolution  de  g,  a  differentes 
abscisses,  n£cessite  des  calculs  extremement  longs.  En  consequence,  on  a  mis  au  point  une  methode  appro- 
chee  du  calcul  du  nombre  de  Reynolds  critique  R 6 1  ,  suppose  ne  dependre  que  de  1 'altitude  du  point 

d' inflexion  du  profil  projete  U  /V  et  de  la  der^vie  du  profil  en  ce  point.  Lorsque  le  profil  ne  possede 
pas  d  inflexion,  R6lEcr  est  simplement  fonction  d'un  parametre  integral  tel  que  le  facteur  de  forme. 

On  observe  que  la  direction  de  l'ecoulement  transversal  (g  =  0°)  est  toujours  plus  stable  que 
la  direction  (*  c|  g(e)  soit  minimal)  voisine  de  quelques  degres  (1°  a  5°)  (figure  5).  Le  critere 

de  transition  propose  est  obtenu  par  une  correlation  empirique  entre  d'une  part,  le  nombre  de  Reynolds 
forme  avec  1 'epaisseur  de  deplacement  du  profil  de  vitesse  projete  dans  la  direction  c  et  d'autre  part, 
le  facteur  de  forme  du  profil  longitudinal  HI  et  le  taux  de  turbulence  exterieure,  Tu.mSlgnalons  que  ce 
dernier  parametrage  est  difficile  car  les  resultats  exper iraen taux  qui  ont  permis  1 'etablissement  de  ce 
critere  "quas  1-transversal"  donnaient  uniquement  quatre  valeurs  de  Tu,  dont  deux  tres  voisines  /2/. 

Le  reseau  de  courbes  obtenu  est  represente  sur  la  figure  6.  Une  formulation  parametrique  peut 
en  etre  donnee  : 
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R<51£T  (e  -  emin)  -  (-  86,901  Ln  Tu  -  379,45)  exp  ( 7jy}r ,1? ’ "  <IH  -  2,4)-'.s) 
pour  2,4  <  HI  <  2,7  (7) 


Pour  des  valeurs  de  HI  inferieures  a  2,4  -cas  ou  la  transition  se  produit  dans  la  region  de 
gradient  de  pression  negatif  intense-  on  considere  que  R6l  t  (e  »  e  ^  )  n'est  fonction  que  du  parametre 
Tu  ;  son  expression  est  donnee  par  les  asymptotes  des  courses  prece8entes.  D'autre  part,  il  est  Inutile 
de  donner  une  representat ion  pour  des  HI  superieurs  a  2,7  car,  dans  ce  cas,  l'experience  montre  que  1' ins¬ 
tability  longltudinale  est  preponderante. 


3.1.3.  Contamination  de  bord  d'attague 

Le  phenomene  de  contamination  de  bord  d'attaque  a  ete  largement  etudie  par  P0I.I.  / 1 0/ .  On  para¬ 
metre  important  est  le  nombre  de  Reynolds  defini  sur  la  ligne  d'arret  (il  s'agit  en  fait  de  R011)  : 


R0  -  — 


w-  rs  w  u 

V  Jo  i (1  -  f  > 


Les  solutions  de  similitude  (cf  2.2.2.)  permettent  d'exprimer  R0  comme  suit  : 

Qoo  Sin^ 

R8  =  0,404  ,.vV)-i/5 


dU 

avec  k  =  (— — ) 

dx  x=0 


(8) 


Lorsque  l'aile  est  en  contact  avec  la  paroi,  la  couche  limite  prenant  naissance  sur  l'aile  peut 
etre  coneaminee  par  l'existence  de  grosses  structures  dues  a  la  couche  limite  turbulente  de  paroi.  Il 
n'existe  pas  de  theorie  rigoureuse  pour  prevoir  une  eventuelle  contamination  ;  il  faut  faire  appel  aux 
resultats  experimentaux  qui  montrent  que  : 

-  si  R0  <  100,  l'ecoulement  le  long  du  bord  d'attaque  aura  tendance  a  rester  laminaire  ou  a 
redevenir  laminaire  dans  le  cas  ou  il  serait  devenu  localement  turbulent  ;  la  couche  limite 
sera  laminaire  sur  l'aile  jusqu'3  la  transition  "naturelle"  ; 

-  si  R0  >  100,  Il  y  a  contamination  et  l'ecoulement  sur  l'aile  devient  turbulent  des  le  bord 
d'attaque. 

Remarquons  que  la  relation  (8)  nous  montre  que  pour  avoir  des  valeurs  importantes  de  R0,  il  est 
necessaire  d 'avoir^d ' importants  angles  de  fleche,  de  fortes  vitesses  a  1' Inf ini  amont  ou  un  grand  rayon 
de  bord  d'attaque,  c'est-a-dire  une  faible  valeur  du  gradient  de  vitesse  exterieure  sur  le  bord  d'attaque. 


3.1.4.  Relaminarisation 


Le  parametre  caracteristique,  defini  le  long  de  la  ligne  de  courant  exterieure,  est  : 

dUl 


K  = 


<Ule)2  ds 


(9) 


ou  s  represente  l'abscisse  curviligne  le  long  de  la  ligne  de  courant  exterieure. 


Des  etudes  realisees  par  LAUNDER  et  JONES  / 1 1 /  en  ecoulement  bidimensionnel  et  BEASLEY  / 1 2 /  en 
ecoulement  tridimensionnel  «ontrent  que  pour  des  valeurs  de  K  superieures  a  5  10~6,  un  ecoulement  turbulent 
r^ut  redevenir  laminaire. 


D'un  point  de  vue  pratique,  K  tend  vers  un  maximum  tres  pres  de  la  ligne  d'arret  et,  de  ce  fait, 
la  relaminarisation  semble  possible  uniqueraer.t  .dans  la  zone  de  gradient  de  pression  negatif,  lorsque  la 
turbulence  est  due  au  phenomene  de  contamination  de  bord  d'attaque. 


3.2.  Calcul  de  la  region  de  transition 

Nous  disposons  done  de  trois  criteres  simples  de  localisation  du  point  de  debut  de  transition, 
sur  des  ailes  en  fleche  lnfinies,  ainsi  que  d'un  critere  de  relaminarisation.  Il  nous  faut  maintenant 
calculer  la  region  de  transition  elle-meme,  par  resolution  des  equations  locales  de  couche  limite. 

Dans  le  repere  (x,  z,  y) ,  les  equations  de  couche  limite  pour  un  ecoulement  sur  une  aile  en 
fleche  d'envergure  infinie  s'ecrivent  : 
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dx  dy  e 

n  !*  ♦  v  |S  - 

3x  3y 
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(10) 


.  En  regime  laminaire,  les  tensions  de  Reynolds  -  u'v*  et  -  v *w '  sont  nulles.  Le  systeme  (10) 
est  identique  au  systeme  (I)  dont  la  methode  de  resolution  numerlque  est  donnee  en  2.°.'l.. 

.  En  regime  turbulent  etabli,  nous  utiliserons  le  modele  de  longueur  de  melange  de  PRANOTL, 
applique  et  teste  par  MICHEL  et  al  dans  des  conditions  varices  de  gradient  de  pression  / 1 3 /  : 

-  u'v'  =  v  ~  et  -  v ' w '  =  v  ^  (11) 

t  3y  t  3y 

ou  la  viscosite  tourbillonnaire  s'exprime  sous  la  forme  : 

=  PM2  ((g)2  +  (g)2)17  (12) 

£,  longueur  de  melange  est  une  fonction  donnee  de  y  : 


~  =  0,085  th  (• 


-Q»iL 

O.OR5 


F  est  une  fonction  correctrice  de  sous-couche  visqueuse  : 


F  ■ 1  - ex?  r  (v  +  V  “p  *  ) 


La  methode  de  resolution  numerlque  est  identique  a  celle  developpee  precedemment,  en  conside- 
rant  toutefois  pour  les  termes  de  diffusion  3((v  ♦  vt)  3P/3y)/3y  et  3((v  +  v  )  3W/3y)/3y. 

.  Dans  la  region  de  transition,  nous  utiliserons  une  methode  dite  "d ' intermit tence" .  Les  resul- 
tats  exper iraentaux  montrent  que  dans  cette  region  se  suceedent,  au  cours  du  temps  et  a  une  abscisse  donnee, 
des  spots  turbulents  et  des  regions  laminaires. 


Le  principe  de  la  methode  de  calcul  ut ilisee  consiste  a  expriraer  les  tensions  de  Reynolds  sous 
la  forme  suivante  : 

-  iLV  =  e,  v  et  -  TV  =  £,  v  (15) 


i  t  3y 


sens  qu 


Le  coefficient  ei  qui  ne  depend  que  de  x  peut  etre  asslmile  au  f 
* il  doit  croltre  de  0  en  laminaire  a  1  en  regime  turbulent  etabli. 


i  t  3y 

facteur  d ' intermitt ence ,  en  ce 


A  partir  de  resultats  experimentaux  obtenus  pour  des  ecoulements  bidimensionnels,  avec  et  sans 
gradient  de  pression  longitudinal,  on  a  pu  remarquer  qu'entre  le  debut  et  la  fin  de  la  region  de  transi¬ 
tion,  l'epaisseur  de  quantite  de  mouvement  est  3  peu  pres  multipliee  par  un  facteur  2  /14/.  Cette  remarque 
suggere  alors  de  faire  dependre  du  rapport  (0/0T  -  1) .T  'extension  aux  ecoulements  tridlmensionnels  est 
realisee  en  remplaqant  simplement  0  par  011. 

Le  modele  regi  par  les  equations  (15),  mis  au  point  d'abord  pour  les  Ecoulements  bidimensionnels, 
a  donne  egalement  des  resultats  en  bon  accord  avec  l'experience  pour  des  ecoulements  tridlmensionnels  111 
et  / 1 5/ .  La  courbe  utilisee  pour  la  variation  du  parametre  en  fonction  de  l'epaisseur  de  couche  limite, 
est  representee  sur  la  figure  7.  On  remarquera  que  l'on  a  du  imposer  un  "overshoot"  au-dessus  de  1  ;  ainsi, 
£ ^  ne  represente  pas  en  fait  seulement  le  facteur  d ' intermittence.  L 'analyse  conditionnelle  de  la  region 
de  transition  justifie  cet  overshoot  en  montrant  qu'une  difference  entre  les  vitesses  de  passage  des  spots 
turbulents  et  des  regions  laminaires  donne  lieu  a  un  terme  supplementaire,  correspondant  a  une  augmentation 
du  frottement  -  u'v'  /16/. 


4  -  APPLICATION  :  ETUDE  P ARAMET R l QUE  DE  L'ECOULEMENT  SUR  UNE  AILE  EN  FLECHF. 


On  est  done  en  mesure  de  proceder  a  un  calcul  complet  de  la  couche  limite,  depuis  le  bord  d'at- 
taque  jusqu'au  bord  de  fuite,  en  localisant  la  transition  grlce  a  des  criteres  empiriques.  Les  methodes 
de  calcul  exposees  precedemment  seront  appliquees  a  la  raise  en  fleche  d'un  profil  donne  (OAP  01),  afin 
d'estimer  la  trainee  de  ce  profil  pour  differents  angles  d'incidence. 


4.1.  Profil  consldere  -  Distributions  de  vltesse  exterleure 

Le  profil  OAP  01  etudie  est  un  profil  d'alle  de  planeur  ;  11  est  dissymetrique  avec  un  maltre- 
couple  situe  a  environ  35  7  de  corde.  On  a  utilise  comme  donnees,  pour  les  calculs  de  couche  limite,  les 
distributions  de  pression  theoriques  determinees  3  la  Direction  d 'Aerodynamique  de  l'ONERA  par  un  calcul 
en  fluide  parfait. 

Trois  incidences  normales  (c»n  =  0°,  1°  et  2°)  et  trois  angles  de  fleche  (  <()  -  0°,  20°  et  30°) 
ont  ete  considEres.  Les  distributions  du  coefficient  de  pression,  a  fleche  nulle,  aux  trois  incidences 
etudiees,  sont  representees  sur  la  figure  S.  La  mise  en  fleche  du  profil  se  fait  a  incidence  normale  cons- 
tante  ;  par  consequent,  les  distributions  de  vltesse  l'e(x)/U„  sont  conservees. 

A  l'extrados,  ces  distributions  sont  de  type  "laminaire"  avec  de  forts  gradients  de  pression 
positifs  sur  l'arriere  du  profil.  A  l'intrados,  une  pointe  de  survitesse  apparalt  pres  du  bord  d'attaque 
a  incidence  nulle,  puis  se  resorbe  lorsque  l'incidence  augmente  pour  disparaltre  a  a  =  2°.  De  faqon  gene- 
rale,  on  observe  qu'a  l'intrados,  la  vltesse  potentielle  est  quasiment  constante  entre  10  et  60  pour  cent 
de  corde. 


L*appl icat ion  des  criteres  longitudinal  et  transversal  decrits  au  paragraphe  3  necessite  la 
connaissance  du  taux  de  turbulence  exterieure  Tu,  que  nous  prendrons  arbitrairement  egal  H  0,1  pour  cent. 
Pour  cette  etude  comparative,  1' evolution  de  l'abscisse  de  debut  de  transition  sera  portee  en  fonction 
d'un  nombre  de  Reynolds  de  corde,  Rc,  calcule  a  partir  de  grandeurs  evaluees  dans  la  direction  de  la  vi- 
tesse  a  1' inf  ini  amont  : 

rc  =  -3=Hlr 
V  cosy 


La  figure  9. a  presente  les  resultats  obtenus  a  l'extrados.  La  longue  portion  de  gradient  de  pres- 
sion  negatif  stabilise  1'ecoulement,  si  bien  que  la  transition  ne  se  produit  jamais  avant  l'abscisse  cor¬ 
respondent  au  maximum  de  vitesse  exterieure.  La  transition  avance  lentement  vers  le  bord  d'attaque  lorsque 
Rc  augmente.  Pour  des  nombres  de  Reynolds  inferieurs  a  10  millions,  la  couche  limite  reste  laminaire  jus- 
qu'au  decollement  qui  se  produit  a  environ  45  7  de  corde.  On  peut  penser  que  la  transition  a  lieu  dans  le 
decollement,  mais  la  methode  nuraerique  utilisee  ne  peut  calculer  ce  phenomene. 

Par  contre,  a  l'intrados,  la  transition  se  rapproche  rapidement  du  bord  d'attaque,  essentielle- 
raent  a  incidence  nulle,  ou  la  portion  de  survitesse  destabilise  la  couche  limite  laminaire  (figure  9.b). 
Cette  avancee  rapide  s'attenue  aux  plus  grandes  incidences. 

4.2.2.  _f_:_20l-St-  $  -  30° 

A  l'extrados,  les  resultats  sont  qual Itativement  comparables  pour  les  deux  angles  de  fleche 
consideres  :  'P  =  20°  (figure  10. a)  et  <P  »  30°  (figure  11. a).  Le  gradient  de  presslon  longitudinal  negatif 
retarde  en  effet  la  transition  longitud inale ,  mais  cree  un  ecoulement  transversal  important  ;  la  transi¬ 
tion  se  rapproche  rapidement  du  bord  d'attaque.  A  incidence  nulle,  1 ' instabilite  transversale  est  prepon- 
derante  a  partir  de  nombres  de  Reynolds  de  l'ordre  de  20  millions  pour  =  20°  et  de  10  millions  pour 

>P  =  30°.  II  est  interessant  de  noter  que,  pour  un  Rc  donne,  la  transition  recule  vers  l'arriere  du  profil, 
lorsque  l'incidence  augmente,  a  des  abscisses  ou  1'eeoulement  transversal  est  plus  faible.  Ce  phenomene  va 
en  sens  inverse  de  ce  que  l'on  observe  en  bidimensionnel  ou  par  application  du  critere  longitudinal. 

Remarquons  que  le  critere  longitudinal  fournit  pratiquement  les  memes  positions  de  transition 
que  dans  le  cas  de  la  fleche  nulle  ;  en  effet,  les  lignes  de  courant  exterieures  font  un  angle  faible 
(inferieur  ou  egal  a  5°)  avec  la  direction  de  1'ecoulement  a  l'infini  amont.  De  faqon  generale,  la  gamme 
de  Reynolds  conduisant  a  des  transitions  par  instabilite  longitudinale  est  tres  reduite. 

Pour  20°,  lorsque  Rc  atteint  38  a  43  millions  (suivant  la  valeur  de  an) ,  la  couche  limite 
laminaire  de  bord  d’attaque  est  containing  par  la  turbulence  de  paroi  (figure  10. a)  et  la  couche  limite 
se  developpant  sur  l'aile  est  entierement  turbulente.  A  un  angle  de  fl&che  plus  elev§,  ce  phenomene  de 
contamination  de  bord  d'attaque  apparalt,  bien  sur,  5  des  nombres  de  Reynolds  plus  falbles  :  18  3  20  mil¬ 
lions  (figure  11. a).  Pour  tous  les  cas  de  contamination  rencontres,  l'acceleration  de  1'ecoulement  en  aval 
de  la  ligne  d'arret  n'a  pas  ete  suffisante  pour  provoquer  une  relaminarisation  de  1'ecoulement. 

Les  figures  10. b  et  11. b  presentent  les  resultats  obtenus  a  l'intrados  pour  des  angles  de  fleche 

egaux  respect Ivement  a  20°  et  30°.  Bien  sur,  les  nombres  de  Reynolds  de  corde  de  contamination  sont  les 

memes  qu'a  l'extrados  puisque  ceux-ci  ne  dependent,  a  une  fleche  et  une  incidence  donnees,  que  de 
(dUe/dx)x_g.  Pour  des  incidences  normales  egales  a  0°  ou  1°,  la  zone  de  gradient  de  pression  longitudinal 

negatif,  favorable  a  1 ' instabilite  transversale,  est  tres  reduite  si  bien  que  la  raise  en  fleche  du  profil 

ne  cree  qu'un  ecoulement  transversal  minirae.  Par  consequent,  en  augmentant  Rc,  on  passe  directement  de 
1 ' instabil ite  longitudinale  a  la  contamination  de  bord  d'attaque  et  ce  pour  les  deux  angles  de  fleche. 

Pour  une  incidence  plus  elevee  (ap  =  2°),  1’ecoulement  transversal  reste  egalement  faible,  mais 
on  observe  neanmoins  une  petite  zone  d' instabilite  transversale  pour  ip  =  30°  (figure  ll.b). 

4.3.  Calcul  complet  de  la  couche  limite 


Le  point  de  debut  de  transition  etant  connu,  par  application  des  criteres  avec  un  taux  de  turbu¬ 
lence  exterieure  de  0,1  pour  cent,  des  calculs  complets  de  couche  limite  ( laminaire-transit ion-turbulent) 
ont  ete  realises.  Nous  presenterons  les  evolutions  de  certains  parametres  caracteristiques  de  la  couche 
limite,  depuls  le  bord  d'attaque  jusqu'au  bord  de  fuite,  pour  une  configuration  donnre  (  <p  *  20°,  an  ”  1°) 
et  deux  nombres  de  Reynolds  de  corde  :  Rc  =  10  et  30  millions,  a  l'extrados  du  profil  OAP  01. 

Pour  Rc  =  10  millions,  la  transition  causee  par  instabilite  longitudinale  se  produit  juste  avant 
le  decollement  laminaire,  a  environ  44  pour  cent  de  corde.  Par  contre,  3  un  nombre  de  Reynolds  de  30  mil¬ 
lions,  la  transition  due  a  1 ' instabilite  transversale  est  proche  du  bord  d'attaque,  a  une  abscisse  voisine 
de  17  pour  cent  de  corde. 

On  observe  dans  la  zone  de  transition  une  decroissance  assez  rapide  du  parametre  de  forme  longi¬ 
tudinal  HI  jusqu'3  une  valeur  pouvant  atteindre  1,3  lorsque  Rc  vaut  30  millions  (figure  12).  Cette  faible 
valeur  resulte  du  fait  que  1'ecoulement  est  encore  accelere  a  la  sortie  de  la  region  de  transition.  HI 
tend  ensulte  lentement  vers  1,4,  indiquant  que  les  gradients  de  pression  mis  en  jeu  sont  faibles  pour  le 
regime  turbulent. 

La  longueur  de  la  region  de  transition  -qui  peut  etre  definie,  par  exemple,  entre  les  deux  extrema 
du  coefficient  de  frottement  longitudinal  Cf-  est  assez  faible  :  5  pour  cent  de  corde  pour  Rc  *  30  millions 
et  10  pour  cent  de  corde  pour  Rc  -  10  millions  (figure  13). 

Les  resultats  relatifs  aux  £paisseurs  de  deplacement  (61)  et  de  quantlte  de  mouvement  (911)  longi- 
tudinales,  sont  reportes  sur  la  figure  14.  Ces  epaisseurs  integrales  restent  faibles  dans  la  region  lami¬ 
naire  puis  augmentent  assez  nettement  en  regime  turbulent.  Pour  un  nombre  de  Reynolds  de  30  millions,  la 


valeur  de  011  au  bord  de  fuite  de  l'aile  est  superieure  a  celle  obtenue  pour  Rc  =  10  millions,  puisque  le 
debut  de  la  region  de  transition  est  situe  plus  en  amont. 


4.4.  Etude  comparative  de  l'epaisseur  de  quant  it ede  mouvement  au  bord  de  fuite 


En  ecoulement  bidimensionnel ,  le  coefficient  de  trainee  totale  d'un  profil  d'aile  peut  etre 
determine  a  partir  des  carac ter ist iques  de  la  couche  limite  et  de  la  vitesse  potentielle  au  bord  de  fuite, 
par  application  de  la  formule  de  SQUIRE  et  YOUNG  :  - 

U 

cx  ■ 2 !  ^  2 

relation  s'appliquant  separement  a  l'intrados  et  a  1'extrados. 


Dans  le  cas  trid imensionnel  etudie  ici,  les  lignes  de  courant  potentielles  sont  pratiquement 
alignees  avec  la  direction  de  l'ecoulement  a  l'infini  amont  ;  on  peut  done  appliquer  la  relation  prece- 
dente  en  remplaqant  6  par  811,  Ug  par  Ule,  par  et  H  par  HI.  De  plus,  les  parametres  de  forme  de  la 
couche  limite  turbulente  au  bord  de  fuite  sont  suffisamment  voisins  a  1'extrados  et  a  l'intrados  pour  que 
la  somme  des  epaisseurs  de  quantite  de  mouvement,  que  1'on  designera  simplement  par  0gp,  soit  directement 
representative  du  coefficient  de  trainee  totale. 


Precisons  cependant  que  l'on  a  toujours  utilise  les  distributions  de  pression  de  fluide  parfait 
et  qu'on  n'a  done  pas  tenu  compte  du  couplage  fluide  parf ait-f luide  visqueux,  qui  modifierait  en  fait  la 
vitesse  au  bord  de  fuite,  done  le  coefficient  de  trainee.  Une  variation  de  5  pour  cent  sur  la  vitesse 
potentielle  Ule  entralnerait ,  par  l'exposant  CH+5)/2 ,  une  variation  d'environ  15  %  sur  le  Cx. 

La  figure  15  presente  a  l'incldence  =  1°,  les  variations  de  8  en  fonction  du  nombre  de 
Reynolds  Rc,  pour  les  trois  angles  de  fleche  consideres.  Pour  *P  =  0",  0B[_  est  pratiquement  constant 
lorsque  Rc  varie  de  10  a  40  millions  ;  la  diminution  de  l’epaisseur  de  quantite  de  mouvement  lorsque  le 
nombre  de  Reynolds  augmente  est  compensee  par  l'avancee  progressive  de  la  transition  vers  le  bord  d'at- 
taque.  Pour  <0  *  20°  et  30°,  le  brusque  accroissement  de  0  pour  Rc  =  24  millions  et  12  millions  respec- 
tivement,  correspond  a  l’apparition  a  1'extrados  de  transitions  causees  par  instabilite  transversale . 
Remarquons  pour  'p  =  30°,  la  portion  de  courbe  verticale  a  Rc  =  19  millions,  nombre  de  Reynolds  correspon- 
dant  a  la  contamination  de  bord  d'attaque.  Au-dela,  la  couche  limite  est  completement  turbulente  sur  toute 
l'aile  et  l'epaisseur  de  quantite  de  mouvement  0  diminue  avec  une  augmentation  de  Rc. 

Hr 

La  figure  16  traduit  l'evolution  de  0  avec  l'incidence,  pour  un  angle  de  fleche  donne  «  20°. 

Pour  a  »  2°,  les  transitions  sont  causees  par  instabilite  longitudinale  tant  que  Rc  reste  inferieur  a 
30  millions  ;  0  decrott  car  "l'effet  Reynolds"  est  preponderant  devant  le  lent  deplacement  de  la  tran¬ 
sition  vers  le  Bord  d'attaque.  Les  augmentations  rapides  de  0gF  sont  liees,  bien  sur,  a  l'apparition  de 
transitions  dues  3  1 ' instabilite  transversale. 


5  -  INFLUENCE  DE  L 'ASPIRATION 

5.0.  Le  moyen  le  plus  efficace  pour  maintenir  sur  des  ailes  un  ecoulement  laminaire  et  pour  diminuer 
ainsi  la  trainee  est  certainement  un  controle  de  cette  laminarite  par  une  aspiration  de  la  couche  limite 
a  travers  la  paroi. 

On  considere  ici  simplement  les  effets  d'une  aspiration  continue  de  vitesse  verticale  fixee.  De 
nombreuses  etudes  ont  fourni  dans  ce  cas  des  resultats  complets  et  coherents  en  ecoulements  bidiraensionnels. 

Les  informations  disponibles  sont  plus  rar-js  pour  les  ecoulements  tridimensionnels.  Des  calculs 
de  stabilite  relatifs  a  des  profils  de  vitesse  de  couche  limite  tridimensionnelle,  effectues  notamment 
par  MACK  / 17/,  SROKOWSKI  et  ORSZAG  / 1 8 /  ont  mis  en  lumlere  l'influence  stabilisatrice  de  1 'aspiration. 

On  cherchera  a  utiliser  les  criteres  prdeederament  decrits  (cf  paragraphe  3)  pour  analyser  l'in¬ 
fluence  de  1' aspiration  sur  la  transition  elle-meme. 


5.1.  Effet  de  l'aspiration  sur  les  caracteristlques  de  la  couche  1 


imite  laminaire 


Des  calculs  ont  ete  effectues  pour  la  distribution  de  vitesse  ext<lrieure  de  1'extrados  du  profil 
OAP  01  ;  les  configurations  choisies  sont  20°  et  30°  d'angle  de  fleche  pour  1°  d'incidence  normale.  L'as¬ 
piration,  supposee  constante  dans  la  direction  de  l'ecoulement,  commence  depuis  la  ligne  d'arret  ;  Vp  de- 
signant  la  vitesse  d'aspiration  a  la  paroi,  on  considere  le  parametre  S  defini  par  : 

S  „  _  „.l/2 

( S  est  constant  dans  les  solutions  semblables  de  couche  limite  laminaire  avec  aspiration). 


Differents  essals  ont  ete  realises  pour  des  taux  d'aspiration,  S,  variant  entre  0  et  0,8.  Notons 
pour  fixer  les  ordres  de  grandeurs  que,  pour  un  avion  volant  a  une  altitude  de  10  km  3  un  nombre  de  Mach 
de  0,8,  le  debit  correspondent  a  une  aspiration  telle  que  S  =  0,8  est  legerement  inferieur  a  2  kg/s  pour 
une  surface  d'aspiration  de  150  m2. 


Pour  une  fleche  de  20°  et  un  nombre  de  Reynolds  de  20  millions,  les  profils  longi tud inaux  U1  et 
transversaux  W1  -rendus  sans  dimension  par  la  vitesse  potentielle  resultante  Ule-  sont  traces  sur  la 
figure  17  pour  deux  abscisses,  respect ivemen t  x/c  =  0,145  et  x/c  =  0,416.  Les  comparaisons  sont  effectuees 
entre  l'aspiration  nulle  et  S*  0,8. 


A  la  premiere  absclsse,  situee  dans  la  zone  de  gradient  de  pression  negatif,  le  profil  W1  a  un 
slgne  constant  dans  la  couche  limite.  Le  taux  d’aspiration  S  =  0,8  amincit  la  couche  limite  et  diminue  la 
valeur  maximale  de  W! .  De  plus,  le  point  d' inflexion  du  profil  transversal  est  amene  plus  pres  de  la  paroi. 
Le  profil  longitudinal  111  ne  subit  pas  de  grande  modification. 
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Par  contre,  a  l'abscisse  x/c  =  0,416  -situee  dans  la  portion  d'ecoulement  decelere-  une  telle 
aspiration  (S  *  0,8)  elimine  le  point  d'inflexion  du  profil  Ul,  detruisant  alnsl,  a  cette  station,  la 
possibility  d'une  Instability  inf lexionnelle.  Le  profil  de  vitesse  transversale  W1  change  de  slgne  a  la 
paroi  ;  11  possede  deux  points  d'inflexion  qui  sont  egalement  rapproches  de  la  paroi. 

Ainsi,  les  profils  longitudinaux  et  transversaux  peuvent  etre  tous  les  deux  stabilises  par  1 'as¬ 
piration  qui  change  leurs  formes.  II  est  aise  d'eliminer  le  point  d'inflexion  sur  le  profil  Ul,  ce  qui 
est  impossible  pour  Wl.  II  semblerait  done  qu'en  gradient  de  pression  positif,  il  soit  plus  commode  de 
controler  1 ' instab il it e  longitudinale  que  1 ' instability  transversale. 

Remarquons  qu'une  aspiration  augmente  3Ul/3y|  et  diminue  par  contre  3Wl/3y|  ^  car  l'effet  de 
diminution  de  Wl  max  est  preponderant  devant  1 'amine iss^ment  de  la  couche  limite  laminalre.  Par  consequent, 
l'angle  8Q  est  reduit  sous  l'effet  d'une  aspiration  et  les  lignes  de  courant  parietales  sont  molns  devices 
par  rapport  a  la  direction  de  l'ecoulement  exterieur. 


Les  variations  du  rapport  R62/(r62)^.q  avec  S  sont  reportees  sur  la  figure  18  pour  differentes 
abscisses  ;  R52  et  (R62)  designent  respect ivement  les  nombres  de  Reynolds  transversaux  avec  et  sans 
aspiration.  On  peut  demontrer  que  pour  une  aile  en  fleche  infinie  et  a  incidence  normale  constante,  ce 
rapport  ne  depend  pas  de  la  fleche.  La  figure  18  s'applique  done  aussi  bien  a  ~  20°  qu'a  =  30°. 
Pour  un  taux  d'aspiration  S  =  0,8,  le  nombre  de  Reynolds  R62  diminue  d'environ  moitie  a  l'abscisse 
x/c  =  0,427,  situee  dans  la  region  de  gradient  de  pression  positif.  Par  contre,  a  la  premiere  station 
x/c  *  0,074,  ou  l'ecoulement  transversal  est  le  plus  intense,  il  ne  diminue  que  de  20  Z  par  rapport  au 
calcul  effectue  sans  aspiration. 


Il  est  a  noter  que  l'abscisse  correspondant  a  R62  =  0  ne  varie  pratiquement  pas  avec  Inspira¬ 
tion.  L'effet  stabilisant  de  l'aspiration  sur  le  nombre  de  Reynolds  transversal,  done  sur  le  profil  trans¬ 
versal,  est  plus  important  lorsqu'on  est  en  presence  d'un  faible  ecoulement  transversal.  Ce  resultat  est 
en  accord  avec  les  resultats  de  MACK  / 17/. 

Sur  la  figure  19  est  representee  l'evolution  de  R01 1  / (R01 1 )  _  -  avec  S,  pour  ij)  «  20°.  Contraire- 
ment  a  R62,  ce  rapport  varie  avec  l'angle  de  fleche,  pour  une  aile  en  fleche  infinie  raaintenue  a  incidence 
normale  constante.  Toutefois,  pour  <P  *  30°,  les  resultats  concernant  les  variations  de  R01 1 / (R01 1 )_ ^ 
sont  tres  voisins  du  cas  *  20°.  On  constate  que  le  nombre  de  Reynolds  du  profil  longitudinal  R011 
decrolt  lorsque  S  augmente  mais,  a  l'abscisse  situee  la  plus  en  arriere  sur  le  profil,  la  diminution  (de 
l'ordre  de  20  Z)  est  beaucoupplus  faible  que  pour  l'ecoulement  transversal.  F.n  consequence,  l'effet  de 
l'aspiration  sur  le  nombre  de  Reynolds  longitudinal  est  molndre. 

5.2.  Influence  de  l'aspiration  sur  la  position  de  la  transition 

La  prediction  de  la  transition  utilise  les  crit&res  employes  precedemment  ;  neanmoins,  ceux-ci 
doivent  etre  adaptes  pour  tenir  compte  de  1' influence  de  l'aspiration  sur  la  forme  des  profils  de  vitesse 
et,  en  consequence,  sur  la  stability  de  la  couche  limite  laminalre  et  sur  la  transition. 


Critere  longitudinal 

On  a  vu  dans  le  cas  sans  aspiration  que  le  critere  de  transition  fait  intervenir  un  parametre  de 
gradient  de  pression  moyen  : 

,  f  3  a i  i  2  dUl 


f3  8111 

J  s  V 


Avec  aspiration,  la  forme  des  profils  de  vitesse  n'est  plus  seulement  fonction  de  ce  parametre 
de  gradient  de  pression  mais  depend  aussi  directement  de  l'aspiration  par  1 ' intermediaire  du  parametre 

(vp/Ule)  R0U  (rf/2)  R0n* 

Ainsi,  le  critere  longitudinal  avec  aspiration  est  conserve  sous  la  forme  : 

R011  -  R011  -  ,  Tu) 


mais  7L  est  remplace  par  un  parametre  modifie  : 
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Critere  transversal 


On  admet  que  l'aspiration  intervient  essent iellement  par  son  action  sur  la  forme  des  profils  de 
vitesse  projetes  dans  la  direction  la  plus  instable.  On  est  ainsi  ameny  a  utiliser  le  critere  R6l  (HI,  Tu) , 
represente  sur  la  figure  6,  etant  entendu  que  l'aspiration  diminue  R<5le  et  HI  et  que  la  transitionT  s'en 
trouve  retardee. 

Contamination  de  bord  d'attague 

Nous  supposerons  que  le  phenom&ne  de  contamination  de  la  couche  limite  laminalre  de  bord  d'attaque 
peut  etre  evlte  lorsque  l'aspiration  est  effective  sur  la  llgne  d'arret  ou  du  moins  repousse  3  des  nombres 
de  Reynolds  beaucoup  plus  lmportants. 


L'evolution  de  la  position  de  la  transition  en  fonction  du  nombre  de  Reynolds  de  corde  Rc  est 
portee  pour  dlfferents  taux  d'aspiration  S  ;  les  configurations  choisies  sont  ■  20°  (figure  20)  et 
•P  *  30°  (figure  21)  pour  une  Incidence  normale  de  1°.  La  gamme  de  Rc  ytudies  peut  s'ytendre  jusqu'3 
60  millions. 
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II  est  a  noter  que  l'absclsse  de  decollement  laminaire  evolue  senslblement  avec  S.  Cec  i  est  du 
a  la  presence  d'un  fort  gradient  de  pression  positif  sur  l'arriere  du  profil  ;  il  faudrait  en  fait  augmen- 
ter  Inspiration  dans  cette  region  pour  mieux  controler  le  decollement.  Au  debut  de  la  region  d'ecoulement 
decelere,  on  supprime  bien  le  point  d'inflexion,  mais  il  finit  quand  meme  par  apparaltre,  ce  qui  se  tra- 
duit  par  un  effet  finalement  minime  sur  la  position  du  decollement. 

Pour  =  20°,  a  un  nombre  de  Reynolds  de  corde  donne,  les  transitions  longitud lnales  se  depla- 

cent  progressivement  vers  l'arriere  du  profil,  lorsque  le  taux  d'aspiration  augmente  (figure  20).  Par 
exemple,  pour  Rc  egal  a  20  millions  et  pour  S  =  0,8,  la  transition  se  situe  a  13  Z  de  corde  en  aval  de 
l'abscisse  correspondant  au  calcul  effectue  sans  aspiration.  D'autre  part,  pour  des  nombres  de  Reynolds 
superieurs,  il  n'y  a  plus  de  transitions  transversales  des  que  le  taux  d'aspiration  est  suffisamment  im¬ 
portant  :  pour  Rc  =  AO  millions,  une  valeur  de  S  au  moins  egale  a  0,8  recule'  l'abscisse  de  transition  de 
pres  de  A0  Z  de  corde.  La  longue  portion  d'ecoulement  laminaire  ainsi  controlee  nous  permettra  de  diminuer 
l'etendue  de  la  region  turbulente  ;  l'epaisseur  de  quantite  de  mouvement  au  bord  de  fuite  du  profil  sera 
alors  plus  faible  et,  par  consequent,  la  trainee  sera  rdduite. 

Remarquons  que  pour  des  nombres  de  Reynolds  de  vol  classiques,  de  l'ordre  de  A0  millions,  il 
est  possible  de  n'obtenir  que  des  transitions  dues  a  des  instabilites  longitudinales,  pour  un  taux  d'as¬ 
piration  suffisamment  fort. 

Pour  un  angle  de  fleche  de  30°  (figure  21),  les  resultats  sont  qualitativement  comparables  en  ce 
qui  concerne  l'influence  de  S .  Neanmoins,  l'aspiration  est  plus  efficace  a  20°  qu'a  30°  car,  pour  un 
Reynolds  de  30  millions  et  un  S  de  0,8,  il  subsiste  toujours  des  transitions  causees  par  instability  trans- 
versale.  Pour  ■  30°,  un  taux  d’aspiration  important  est  necessalre  pour  reculer  les  transitions  trans¬ 
versales  ;  en  effet,  bien  que  R62/(R62)s=o  soit  independant  de  1 'angle  de  fleche,  le  nombre  de  Reynolds 
transversal  R62  et,  par  consequent,  l'ecouleraent  transversal,  augmentent  avec  Ip  ,  rendant  ainsi  plus  deli- 
cat  le  "controle"  de  l'ecouleraent  laminaire. 

Il  faut  neanmoins  garder  a  l'esprit  que  des  aspirations  trop  importantes  peuvent  conduire  3  une 
couche  limite  tres  mince,  qui  deviendrait  alors  tres  sensible  3  la  rugosite  des  parois  ;  ce  phenomene 
pourrait  declencher  prdmaturement  une  transition  que  l'on  essaie  de  controler. 

6  -  CONCLUSION 

L'etude  parametrique  sur  le  profil  OAP  01  mis  en  fl&che  a  conduit  3  quelques  conclusions  prati¬ 
ques  importantes.  Il  apparalt  que  les  distributions  de  vltesse  du  type  "laminaire"  sont  ef fectivement  in- 
teressantes  pour  retarder  les  transitions  longitudinales.  Mais  la  longue  zone  d 'accelerat ion  cree  un  ecou- 
leraent  transversal  important  et  une  fleche  de  20°  a  30°  suffit  3  amener  la  transition  pres  du  bord  d'attaque. 
Avec  des  distributions  de  vltesse  exterieure  plus  "plates”,  avec  pointe  de  survltesse  eventuelle,  l'ecou¬ 
leraent  transversal  se  developpe  beaucoup  raoins  et  a  peu  de  chances  de  conduire  3  une  transition  prematurge. 
Cette  transition  prematuree  se  rencontre  quand  meme,  mais  elle  est  causee  ici  par  l'ecoulement  longitudinal. 
Les  faqons  de  lutter  contre  les  deux  formes  de  transition  sont  done  antagonlstes  ;  ce  qui  empeche  l'une 
favorise  l'autre.  Il  s'agit  alors  de  trouver  un  compromis.  Quant  3  la  contamination  de  bord  d'attaque,  on 
Peut  la  rencontrer  3  des  nombres  de  Reynolds  de  corde  voisins  de  20  millions,  meme  pour  des  angles  de 
fleche  moderes. 

Les  calculs  effectues  avec  aspiration  3  la  paroi  montrent  que  cette  technique  est  ef fectivement 
tres  efficace  pour  retarder  la  transition.  Elle  agit  de  deux  faqons  sur  l'ecoulement  longitudinal  :  d'une 
part,  elle  reduit  le  nombre  de  Reynolds  local,  d 'autre  part,  elle  peut  modifier  les  proprietes  de  stabilite 
des  profils  de  vltesse  longitudinaux,  en  supprimant  par  exemple  les  points  d'inflexion  dont  1 'effet  dcsta- 
bilisant  est  bien  connu  ;  en  fait,  il  est  plus  exact  de  dire  que  l'apparition  de  ces  points  d'inflexion 
est  siraplement  retardee  ;  la  suppression  du  decollement  laminaire  exigerait  en  rdalite  des  taux  d'aspira¬ 
tion  beaucoup  plus  lmportants.  En  ce  qui  concerne  l'ecoulement  transversal,  l'aspiration  modifie  tres  peu 
la  forme  des  profils  de  vltesse  moyenne,  mais  la  reduction  de  l'epaisseur  de  couche  limite  suffit  pour 
reculer  la  transition  de  faqon  appreciable.  Ces  resultats  extremement  encourageants  ne  doivent  pas  faire 
oublier  qu'une  aspiration  continue  tout  le  long  du  profil  est  tres  delicate  3  met tre  en  oeuvre  du  point 
de  vue  technologique  ;  les  etudes  experimentales  recentes  / 1 9/ ,  /2 0/  montrent  que  des  aspirations  discon¬ 
tinues  par  bandes  poreuses  discretes  peuvent  egalement  s'averer  efficaces.  Quoiqu'il  en  soit,  qu'il  y  ait 
aspiration  ou  non,  les  calculs  presentes  dans  cet  article  montrent  qu'il  est  dangereux  de  negliger  les 
effets  transversaux  et  de  considerer  que  la  transition  ne  s'ecartera  pas  de  sa  position  bid imensionnelle 
pour  des  angles  de  fleche  aussi  modestes  que  20  ou  30  degres. 
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Fig.  10a.  -  Evolution  de  l'abscisse  de  transition  en  fonction  du 

nombre  de  Reynolds  de  corde  pour  «  20".  DL  :  dicolle- 
ment  laminaire.  L  :  longitudinal.  T  :  transversal. 
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SUMMARY  . 

i 

The  Xnviscid  flow  past  the  upswept  rear  part  of  a  fuselage  is  directed  beneath  the 
fuselage'.  This  leads  to  an  accumulation  of  boundary-layer  material  at  the  lower  side  of 
the  fuselage  which  might  be  prone  to  separation.  In t the  present- study  the  cross-sections 
of  the  rear  end  of  a  typical  transport  airplane  fuselage  were  modified  from  the  original 
circles  to  rounded  triangles,  in  this  way  shifting  downward  the  centers  of  gravity  of 
the  cross-sections.  The  side-view  contour  and  the  width  of  the  fuselage  remain  unchanged; 
the  same  holds  roughly  for  the  volume.  Three  different  configurations  without  wing  and 
tail  unit  were  studied;' the  original  and  two  modified  ones.  The  inviscid  flow  was  compu¬ 
ted  with  the  MBB-panel  method,  the  boundary-layer  development  with  the  integral  method 
of  Cousteix  and  Aupoix  for  three-dimensional  turbulent,  compressible  flow. -Thej^esults 
show  that  less  boundary-layer  material  is  transported  under  the  rear  part  of  the  fuse¬ 
lage  in  the  modified  cases.  The  tendency  of  the  skin-friction  lines  to  converge  is  re¬ 
duced.  The  whole  flow  pattern  at  the  base  is  improved.  In  the  frame  of  boundary-layer 
theory,  however,  no  statement  can  be  made  about  possible  pressure  drag  reductions.  -An 
improvement  of  the  elevator  performance  appears  to  be  probable.  The  study  shows  that  the 
upsweep  of  the  fuselage  is  the  main  factor  in  the  boundary- layer  development.  The  addi¬ 
tion  of  the  wing  and  the  tail  unit  will  only  modify  the  picture.^--, 

1 .  INTRODUCTION 

The  flow  past  the  upswept  rear  part  of  a  fuselage  is  marked  by  an  accumulation  of 
boundary- layer  material  on  its  lower  side.  This  can  influence  adversely  the  performance 
of  an  APU,  of  the  elevator  unit,  and  can  lead  to  premature  separation  in  the  base  area. 

The  main  reason  for  this  flow  behaviour  lies  in  the  fact  that  the  upswept  rear  part 
directs  already  the  inviscid  flow  beneath  the  fuselage,  which  is  enhanced  to  a  certain 
degree  by  the  presence  of  the  wing  and  the  tail  unit. 

In  the  present  study  it  is  investigated  how  much  changes  in  the  cross-section  of  the 
fuselage  will  affect  the  boundary-layer  development  especially  on  the  lower  side  of  the 
fuselage.  The  changes  in  the  cross-sections  are  made  in  such  a  way  that  the  side-view 
contour,  and  the  from-above-view  contour  remain  the  same  for  the  whole  fuselage.  Only 
the  centers  of  gravity  of  the  cross-section  areas  are  shifted  downward. 

The  inviscid  flowfields  for  three  different  configurations  were  computed  with  the 
MBB-panel  method  [1],  and  the  boundary  layers  with  the  MBB-3-D  boundary-layer  package 
(see  e.g.  [2]),  which  uses  an  integral  method  (3]  for  the  solution  of  the  boundary-layer 
equations. 

The  fuselage  considered  is  a  typical  transport-airplane  fuselage  without  wing  and 
tail  unit.  The  computations  were  made  for  a  free-stream  Mach  number  M„=0.8,  a  Reynolds 
number  with  respect  to  the  fuselage  length  of  Re =  7  •  10s.  The  angle  of  attack  was  a  =  0° 
in  all  cases. 


2.  MODIFICATIONS  OF  THE  FUSELAGE 

Fig.  1  shows  the  side-view  of  the  fuselage  in  the  Cartesian  reference  coordinates  x-1-' 
(i'  =  1,2,3)  .  In  direction  of  the  fuselage  axis  the  surface  coordinate  parameter  xl 
(0  S  xl  S  1)  is  defined,  and  in  circumferential  direction  the  surface  coordinate  parame¬ 
ter  x2,  with  x2  =  0  in  the  upper,  and  x2  =  o.5  in  the  lower  symmetry  line  [4,5).  The  part 
of  the  fuselage,  where  the  changes  are  made  in  the  cross-sections,  begins  at  xl  =  x1B  = 
0.6,  the  end  of  the  cylindrical  part. 

The  fuselage  part  x^  >  xlg  of  the  original  configuration  (MO)  has  circular  cross-sec¬ 
tions.  The  modification  Ml  leads  to  a  rounded  triangle  with  roughly  the  same  cross-sec¬ 
tion  area  as  the  original  configuration.  The  modification  M2  keeps  the  original  circular 
shape  in  the  upper  half,  but  makes  the  lower  half  to  a  rounded  rectangle,  thus  enlarging 
the  cross-section  area.  For  both  the  modifications  Ml  and  M2  the  centers  of  gravity  of 
the  cross-section  areas  lie  lower  than  for  the  original  configuration  MO. 

The  modifications  begin  at  x^B  ,  where  the  modification  coordinate  parameter  6  starts 
with  5  =  0,  and  end  at  the  base,  where  5  =  1: 
x1  -  x1B 

(1)  5  =  - - r*  . 

1  -  x'r 


In  Fig. 2  schematically  the  cross-sections  Ml  and  M2  are  given  which  evolve  line- 
arily  from  the  circular  cross  section  at  xlg  with  the  radius  rQ(x1g).  The  radius  r0(x1) 


of  the  original  contour,  however,  does  not  change  linearily  with  x^,  Fig. 3a  (note  that 
all  lengths  given  are  non-dimensionalized  with  the  length  L  of  the  fuselage) . 

The  modification  parameters,  see  Fig. 2,  for  Ml  read: 


(2) 

a1  = 

¥«• 

(3) 

a2  = 

VT  5  ' 

(4) 

*1  = 

rQn  --If)  , 

and 

for  M2: 

(5) 

a3  = 

m  r  £ 

4  ro  4  ' 

(6) 

r2  = 

Their  graphs  are  given  in  Fig. 3a,  too. 

In  Fig. 3b  the  cross-section  circumferential  length  ratio,  and  the  cross-section  area 
ratio  of  Ml  and  M2  are  given  as  function  of  £.  These  ratios  are  referred  to  the  values 
of  the  original  circular  cross-section  (lower  index  o) .  The  configuration  Ml  has  a  wet¬ 
ted  surface  slightly  larger  than  that  of  the  original  configuration  MO,  the  volume  is 
smaller.  The  configuration  M2  has  both  a  larger  wetted  surface  and  volume  compared  to 
MO.  Fig. 4  finally  shows  the  changes  of  the  shapes  by  means  of  the  panel  models  of  the 
three  configurations. 


3 .  DISCUSSION  OF  RESULTS 

The  panel-method  computations  were  made  with  approximately  430  panels  on  one  half  of 
the  fuselage.  The  boundary-layer  computations  were  started  at  xl  =  0.08,  where  the  exter¬ 
nal  flow  still  is  accelerated,  with  approximated  initial  data.  The  step  size  In  xl-di- 
rection  was  fixl  =  0.03,  and  in  circumferential  direction  6x2=0.02. 

Both  the  computed  inviscid  surface  streamlines,  and  the  skin-friction  lines  are  given 
in  Fig. 5  for  the  three  configurations  in  the  parameter  plane  (x»-plane,  a =  1, 2) .  The 
flow  past  the  original  configuration  is  marked  by  a  strong  convergence  of  the  inviscid 
streamlines  near  the  lower  symmetry  line  close  to  the  base.  To  this  a  divergence  pattern 
near  the  upper  symmetry  line  corresponds.  On  the  modification  Ml  the  flow  in  the  vicini¬ 
ty  of  the  lower  symmetry  line  is  nearly  parallel  to  it,  whereas  for  M2  a  weak  conver¬ 
gence  pattern  exists.  For  this  modification  the  divergence  near  the  upper  symmetry  line 
is  the  smallest,  for  Ml  it  is  the  largest  of  all  three  cases,  which  intuitively  could  be 
expected  by  considering  the  cross-section  shapes.  Fig.  4 . 

The  skin-friction  line  patterns  of  the  boundary  layer  are  accordingly.  On  the  origi¬ 
nal  fuselage  near  the  lower  symmetry  line  close  to  the  base  the  inviscid  surface  stream¬ 
lines  are  appreciably  bent  due  to  a  lateral  pressure  gradient.  This  is  a  consequence  of 
the  strong  convergence  toward  the  symmetry  line,  which  finally  must  give  way  to  a  flow 
asymptotically  parallel  to  it.  Because  the  boundary-layer  streamlines,  and  especially 
the  skin-friction  line,  always  react  stronger  to  a  lateral  pressure  gradient  than  the 
inviscid  external  streamline  -  this  is  due  to  the  lower  flow  momentum  of  the  boundary 
layer  -  these  are  curved  more  strongly.  On  the  original  fuselage  thus  the  whole  boundary 
layer  on  the  lower  side  is  affected  rather  strongly.  On  the  modified  fuselage  Ml  clear¬ 
ly  the  two  skin-friction  lines  closest  to  the  lower  symmetry  line  are  almost  parallel  to 
it,  whereas  for  M2  even  a  convergence  pattern  is  present. 

The  inviscid  external  streamlines  and  the  skin-friction  lines  on  the  real  surface  are 
given  in  Figs. 6  to  8.  The  side-view  pictures,  Fig. 6,  show  that  the  accumulation  of  the 
inviscid  streamlines  and  the  skin-friction  lines  in  the  lower-side  region  is  reduced  for 
the  configurations  Ml  and  M2.  On  the  upper  side  of  the  fuselages.  Fig. 7,  the  divergence 
of  inviscid  streamlines  and  skin-friction  lines  around  the  upper  symmetry  line  is  stron¬ 
gest  for  configuration  Ml,  which  was  already  indicated  in  Fig. 5.  On  the  lower  side  of 
the  fuselage.  Fig. 8,  finally  the  different  convergence  patterns  -  strongest  for  MO  and 
weakest  for  M2  -  are  discernable. 

Before  an  attempt  is  made  to  interprete  these  patterns  with  regard  to  separation, 
other  indicators  for  separation  [6]  must  be  investigated.  One  of  these  is  the  develop¬ 
ment  of  the  boundary-layer  thickness  6  and  the  displacement  thickness  6-|  distributions, 
especially  in  circumferential  direction.  In  Fig. 9  for  cross-section  A  (see  Fig.  1)  these 
distributions  (4  and  4-|  are  non-dimensionalized  with  the  fuselage  length  L)  are  seen  to 
be  very  similar  for  all  three  configurations.  For  all  of  them  a  slight  bulging  of  the 
thickness  contours  around  the  lower  symmetry  line  is  present,  which  is  largest  for  the 
original  fuselage  MO.  The  bulging  is  due  to  the  accumulation  of  boundary-layer  material 
because  of  the  flow  beneath  the  rear  part  of  the  fuselage,  which  here  already  is  present, 


In  Fig. 10  the  distributions  are  given  for  cross-section  B,  where  already  strong  dif- 
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ferences  in  the  configurations  are  present.  The  boundary-layer  thickness  on  the  original 
configuration  MO  is  bulging  out  very  strongly  on  the  lower  side,  which  is  true  also  for 
the  displacement  thickness.  Remarkable  is  the  peak  in  the  immediate  vicinity  of  the  low¬ 
er  symmetry  line.  The  thickness  distributions  on  the  configurations  Ml  and  M2  exhibit 
the  pattern  typical  for  imminent  vortex-sheet  separation  [2,6]:  a  peak  of  the  boundary- 
layer  thickness,  a  sharp  peak  together  with  a  nearby  dip  into  negative  values  of  the 
displacement  thickness.  The  peak  feature  at  x2  :  0.45  is,  however,  also  present  on  the 
original  configuration. 

The  magnitude  of  the  wall  shear-stress  coefficient  cf  in  the  xa-plane  in  Fig. 1 1  re¬ 
veals  on  the  original  fuselage  MO  the  existence  of  a  singular  point,  most  certainly  a 
saddle  point,  on  the  lower  symmetry  line  at  x1  »  0.92.  This  point  is  indicated  by  the  dip 
of  the  wall  shear-stress  coefficient,  together  with  the  strong  divergence  of  the  skin- 
friction  lines  (Fig. 5a).  The  peaks  both  of  the  boundary-layer  thickness  and  the  dis¬ 
placement  thickness,  Fig. 10a,  don't  really  fit  into  the  picture,  probably  because  of  the 
violation  of  the  boundary-layer  assumptions  in  this  area.  Up  to  xl  »  0.85  boundary-layer 
material  accumulates  according  to  Fig. 5a  and  then  is  swept  away  very  suddenly  from  the 
lower  symmetry  line. 

On  the  modified  fuselages  Ml  and  M2  no  dip  of  the  wall  shear-stress  coefficient  ap¬ 
pears  on  the  symmetry  line  in  the  region  considered.  The  peak  of  the  boundary-layer 
thickness  in  Fig. 10b  and  Fig. 10c  at  x2  «  0.45  corresponds  to  the  dips  of  the  wall  shear- 
stress  coefficient  at  the  same  location  in  Figs. 10a  to  10c.  This  dip  is  strong  for  the 
configurations  MO  and  Ml,  and  weak  for  M2.  The  rise  of  the  wall  shear-stress  coefficient 
near  and  on  the  upper  symmetry  line  up  to  x1  *  0.9  observed  on  all  configurations  is  due 
to  the  divergent  inviscid  and  boundary-layer  flow  pattern  here  (Fig. 5) ,  and  is  strongest 
for  the  fuselage  Ml,  where  the  divergence  is  the  largest.  Fig. 5b. 


The  formal  shape  parameter  Htt=51t/52tt  (t  is  the  local  direction  of  the  inviscid 
external  streamline,  6lt  and  S2tt  are  the  displacement  thickness,  and  the  momentum-loss 
thickness,  respectively  of  the  boundary-layer  profile  in  this  direction,  the  main-flow 
profile)  in  Fig. 12  completely  reflects  the  result  found  so  far:  on  the  lower  side  of  the 
fuselage  the  boundary- layer  development  near  the  rear  end  seems  to  be  the  least  critical 
on  configuration  M2. 

In  Figs. 13  and  14  the  inviscid  streamline  and  skin-friction  line  patterns  near  the 
base  on  the  original  fuselage  MO,  and  on  the  modification  M2  are  enlarged  in  order  to 
discuss  the  possible  separation  patterns.  Fig. 15.  The  strong  divergence  of  the  boundary- 
layer  flow  around  the  lower  symmetry  line  on  the  configuration  MO  (Fig. 14a) ,  together 
with  the  upwash  (Fig. 13a)  most  probably  indicates  kind  of  a  closed  separation  [7],  as 
sketched  in  Fig. 15a.  The  singular  point  is  indicated  by  the  dip  of  the  wall  shear-stress 
coefficient.  Fig. 11a,  on  the  lower  symmetry  line,  as  well  as  other  features  of  the  solu¬ 
tion,  as  discussed  above. 

In  contrary  to  this  on  the  configuration  M2,  Fig. 15b,  and  similarly  on  Ml,  an  open 
separation  [7]  seems  to  exist,  with,  of  course,  a  closed  separation  near  the  very  base. 
This  feature  cannot  be  found  from  the  present  solution  because  of  the  limitations  of 
boundary- layer  theory.  Around  the  lower  symmetry  line  the  boundary  layer  at  xl =  0,9 
moves  in  near  parallel  fashion  toward  the  base,  whereas  vortex-sheet  separation  lines 
on  the  flanks  seem  to  be  approached.  This  is  supported  by  the  boundary-layer  thickness 
distributions.  Fig. 10c,  and  the  wall  shear-stress  and  shape  parameter  distributions,  as 
discussed  above,  too. 

Fig. 16  finally  shows  a  comparison  of  the  accumulated  friction  drag  R1 '  in  x^-dlrec- 
tion.  Up  to  xl  *  0.7  no  differences  are  discernable  for  the  different  configurations. 

Then  a  slightly  larger  friction  drag  ensues  for  the  configuration  M2,  which  might  partly 
be  due  to  the  larger  wetted  surface  (see  C/C2  |  M2  in  Fig. 3b) . 
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4.  CONCLUSIONS 

In  the  present  study  it  is  shown  that  changes  in  the  cross-section  of  fuselage  aft 
ends  can  lead  to  flow  improvements.  The  limitations  of  boundary-layer  theory  allow  only 
an  approximative  description  of  separation  behaviour  of  three-dimensional  boundary  lay¬ 
ers  because  neither  the  local  (elliptical  properties  of  the  flow  near  separation)  nor 
the  global  (change  of  the  inviscid  flowfield  due  to  the  ensueing  vortex  sheets  and/or 
vortices)  interactions  can  be  taken  into  account.  However,  experience  shows  that  in  many 
cases  quite  reliable  predictions  of  the  separation  pattern  can  be  made  [2,6]. 

If  this  is  accepted,  the  present  results  indicate  a  better  separation  behaviour  of 
the  boundary  layer  on  both  the  modified  fuselages  compared  to  that  on  the  original  fuse¬ 
lage.  This  could  lead  to  a  smaller  total  drag  of  the  modified  configurations.  Of  course, 
the  larger  cross-section  area  at  the  base  of  the  configuration  M2  could  lead  to  a  larger 
base  drag.  The  flow  at  the  root  of  the  elevator  unit  as  well  as  the  flow  with  regard  to 
an  APU  might  also  be  affected  positively  because  less  boundary-layer  material  is  washed 
downward  into  this  area. 

It  appears  from  the  results  as  a  whole  that  on  the  configuration  M2  the  best  flow 
pattern  exists.  In  any  case  the  geometrical  configuration  M2  appears  to  be  better  suited 
for  realization.  However,  both  the  modified  configurations  Ml  and  M2  are  in  no  sense  op¬ 
timized,  especially  because  no  wing  and  no  tail  unit  was  taken  into  account.  These  will 
change,  at  least  locally,  the  flow  behaviour. 
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A  complete  assessment  of  the  value  of  the  changes  in  geometry  and  in  the  subsequent 
changes  in  the  flow  pattern  can  only  be  made  by  means  of  wind-tunnel  experiments.  Solu¬ 
tions  of  the  Navier-Stokes  equations  might  give  to  a  certain  extent  answers  regarding 
the  total  drag  of  the  fuselages. 
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Distribution  as  function  of  jj  of  a)  the  radius  rD  of  the  original 
cross  sections,  and  the  parameters  a  and  r,  b)  of  the  circumferential 
length  ratio  C/C0,  and  the  area  ratio  A/A0  for  the  modifications  Ml 
and  M2 
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Fig.  4  Panel  model  of  the  right  half  of  the  fuselage  seen  from  behind: 

a)  original  fuselage  MO,  b)  modification  Ml,  c)  modification  M2 
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Fig.  5  Inviscid  external  stream  lines  and  skin-friction  lines  in  the  xa-plane 

(right  half  of  fuselage) 

a)  original  fuselage  MO,  b)  modification  Ml,  c)  modification  M2 
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Inviscid  external  stream  lines  and  skin-friction  lines  on  the  surface 
(side  view) 

a)  original  fuselage  MO,  b)  modification  Ml,  c)  modification  M2 
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Fig.  7  Inviscid  external  stream  lines  and  skin-friction  lines  on  the  surface  of 
the  fuselage  (view  from  above) 

a)  original  fuselage  MO,  b)  modification  Ml,  c)  modification  M2 
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Fig.  8  Inviscid  external  stream  lines  and  skin-friction  lines  on  the  surface  of 
the  fuselage  (view  from  below) 

a)  original  fuselage  M0,  b)  modification  Ml,  c)  modification  M2 


l.°  X1 


1.0  1 
x 


lower  symmetry  line 
upper  symmetry  line 


Fig.  11  Magnitude  of  wall-shear 

stress  coefficient  c^ (x°) 
(right  half  of  fuselage) 

a)  original  fuselage  MO 

b)  modification  Ml 

c)  modification  M2 
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SUMMARY 

A  boundary  control  system  of  combined  blowing  and  suction  is  investigated.  Blowing  is  ap¬ 
plied  in  the  front  part  of  the  body  where  the  pressure  gradient  is  favourable,  whereas 
suction  is  applied  in  the  rear  ..part  of  the  body  where  adverse  pressure  gradients  exist.  In 
order  to  avoid  the  "sink  drag"  the  volume  rate  of  suction  should  be  equal  or  smaller  than 
the  blowing  volume  rate. 

Theoretical  investigations  of  laminar  flows  include  optimization  of  the  blowing  velocity 
distribution  as  well  as  second-order  boundary  layer  effects  such  as  pressure  drag  and  dis¬ 
placement  effects  on  friction  drag. 

Experimental  results  (mean  velocities  and  shear  stresses)  of  turbulent  boundary  layers 
with  very  strong  blowing  velocities  near  the  stagnation  point  of  a  circular  cylinder  are 
used  as  a  basis  of  a  simple  prediction  method.  Experiments  on  a  circular  cylinder  show 
considerable  drag  reductions  due  to  the  combined  blowing  and  suction  boundary  layer  con¬ 
trol  system.  — 


1 .  INTRODUCTION 

The  drag  of  an  immersed  body  can  be  determined  by  integrating  the  forces  acting  on  the 
body  surface.  It  consists  of  two  parts:  the  pressure  drag  due  to  the  pressure  (normal) 
forces  and  the  friction  drag  due  to  shear  (tangential)  forces. 

In  subsonic  flow  the  pressure  drag  is  originated  mainly  by  boundary-layer  separation.  It 
is  well-known  that  boundary-layer  separation  can  be  suppressed  by  boundary-layer  control 
due  to  suction.  The  application  of  continuous  suction  on  the  body  surface  where  usually 
boundary-layer  separation  may  occur  makes  it  possible  to  reduce  the  pressure  drag  of  the 
body . 

On  the  other  hand,  continuous  blowing  perpendicularly  into  the  boundary-layer  leads  to  a 
reduction  of  the  wall  shear  stresses  and  hence  to  a  reduction  of  the  friction  drag. 

Figure  1  shows  the  wall  shear  stress  near  the  stagnation  point  of  an  immersed  body  in  in¬ 
compressible  flow  as  a  function  of  the  blowing  velocity.  This  result  of  Prandtl's 
boundary-layer  theory  leads  to  the  conclusion,  that  the  wall  shear  stress  can  be  reduced 
to  any  value  wanted  if  the  blowing  rate  is  chosen  strong  enough. 

Reductions  of  both  drag  components,  the  pressure  drag  as  well  as  the  friction  drag,  could 
be  achieved  by  a  combination  of  boundary-layer  control  due  to  blowing  and  due  to  suction 
in  such  a  way  that  blowing  is  applied  on  the  surface  area  with  accelerated  flow  where  high 
wall  shear  stresses  can  be  expected  and  suction  on  surface  areas  with  decelerated  flow 
with  the  danger  of  boundary-layer  separation. 

In  this  paper  theoretical  as  well  as  experimental  investigations  will  be  discussed  which 
refer  to  systems  of  boundary-layer  control  by  combined  blowing  and  suction.  Laminar  as 
well  as  turbulent  flow  will  be  considered. 


2.  LAMINAR  FLOW 

2.1.  Prandtl's  Boundary  Layer  Theory  for  Strong  Blowing  (and  Suction) 

When  the  boundary  layer  alonga  permeable  body  is  controlled  by  blowing  and/or  suction,  the 
solutions  of  Prandtl's  boundary- layer  equations  lead  to  limiting  solutions  for  very  large 
blowing  and/or  suction  rates.  In  Figure  1  the  skin  friction  near  the  stagnation  point  in 
two-dimensional  incompressible  flow  is  shown  as  function  of  the  blowing  velocity  vw 
(negative  vw  corresponds  to  suction) .  There  are  two  asymptotes  for  the  skin-friction 
curve  corresponding  to  the  two  limiting  solutions  of  the  boundary  layer  equations.  In  the 
limit  of  strong  suction  the  skin  friction  increases  with  growing  suction  velocity.  The 
skin  friction  is  equivalent  to  the  so-called  "sink  drag"  due  to  momentum  loss  by  suction. 

In  order  to  avoid  this  sink  drag  the  air  sucted  in  has  to  be  blown  out  again  at  a  proper 
area.  This  leads  to  another  limiting  solution  for  large  blowing  velocity,  sometimes  called 
the  "blowhard  problem",  see  [1).  As  Figure  1  shows,  in  this  limit  the  skin  friction  is  in¬ 
versely  proportional  to  the  blowing  velocity  vw,  in  other  words,  it  can  be  reduced  as  much 
as  desired,  if  the  blowing  velocity  vw  is  chosen  large  enough.  For  the  given  outer-flow 
velocity  distribution  U(x)  and  the  blowing  velocity  distribution  vw(x)  the  wall  shear  stress 
is  given  by  the  simple  formula: 
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This  formula,  originally  derived  for  blowing  (v  >  0  and  dU/dx  >  0)  can  also  be  applied 
for  suction,  if  the  combination  (1 /vw(x) ) (dU/dxY  stays  positive,  i.e.  when  suction  is 
used  at  adverse  pressure  gradients  (v  <  0,  dU/dx  <  0) .  As  the  formula  shows  the  wall 
shear  stress  is  inversely  proportional  to  the  blowing  velocity  v  (x)  .  In  this  limit  of 
strong  blowing  the  flow  field  has  a  three-layer  structure  as  shown  in  Figure  2  for  the 
example  of  a  circular  cylinder  with  v  -v  cos  <J>,  i.e.  when  blowing  is  applied  on  the  front 
part  of  the  cylinder  and  suction  on  the  rear  part  of  the  cylinder.  The  viscosity  is  not 
essential  for  satisfying  the  no-slip  condition  at  the  wall  and  plays  a  role  only  in  a 
thin  free  shear  layer  along  the  dividing  streamline  detached  from  the  wall. 


The  drag  coefficient  of  the  circular  cylinder  (d:  diameter;  b:  span;  R:  radius;  Re  = 
U^d/v)  is  in  this  limit 
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The  mass-transf er  coefficient  cM  is  connected  with  the  volume  rate  coefficient 

c  =  _Q _ 

Q  b  d 

by 

CM  =  CQ  /Ii 
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where  Q  is  the  volume  rate  of  the  recirculating  flow  inside  the  dividing  streamline  (see 
Figure  2) . 


In  Figure  3  the  drag  reduction  of  a  circular  cylinder  by  two  different  boundary-layer  con¬ 
trol  systems  is  shown  for  the  Reynolds  number  Re  =  U  d/v  =  4-104.  Curve  I  refers  to  the 
combination  of  blowing  and  suction  according  to  Eq.  ?3) ,  whereas  curve  II  corresponds  to 
the  case  of  homogeneous  suction  with  the  total  suction  rate  Q.  The  asymptote  of  curve  I, 
given  by  Eq.  (2) ,  shows  clearly  that  the  drag  can  become  as  small  as  desired  if  the  cir¬ 
culating  flow  rate  is  large  enough.  On  the  contrary,  curve  II  shows  a  drag  reduction  down 
to  a  value  of  cD  %  0.  2,  but  further  suction  will  increase  the  drag  due  to  the  sink  drag, 
see  also  Figure  1 .  The  comparison  shows  very  clearly  that  the  system  of  combined  blowing 
and  suction  is  much  more  effective  than  the  system  of  homogeneous  suction. 

For  bodies  other  than  the  circular  cylinder  the  Eqs.  (2)  and  (5)  will  also  be  valid  with 
just  different  coefficients.  For  a  symmetrical  Joukowsky  airfoil  (4.4  %  relative  thickness) 
the  drag  coefficient  as  function  of  the  volume  rate  coefficient  is  shown  in  Figure  4.  in 
this  example  the  distribution  of  the  blowing  velocity  v  was  chosen  vw  "v  dU/dx  in  order 
to  make  sure  that  the  combination  (1/vw) (dU/dx)  is  always  positive.  As  a  consequence,  the 
blowing  rate  QbIow  is  larger  than  the  suction  rate  Qsuc,  namely  QbIow  =  Qsuc’  The 
excess  of  blowing  rate  is  equivalent  to  a  thrust  of  the  airfoil  similar  to  the  sink  drag 
in  the  case  of  suction.  But  Prandtl's  boundary-layer  theory  is  not  able  to  cover  this 
thrust  effect,  which,  as  will  be  shown  later,  is  a  higher-order  boundary -layer  effect. 


2.2.  Optimization 

For  a  given  body  geometry  and  a  given  velocity  distribution  U(x)  the  following  optimization 
problem  can  be  formulated: 

An  optimal  distribution  vw(x)  has  to  be  found  such  that  the  drag  becomes  a 
minimum  under  the  additional  condition  of  equal  blowing  and  suction  volume 
rates  . 

Figure  5  shows  the  result  for  such  an  optimization  of  the  circular  cylinder.  Curves  I 
correspond  to  the  case  shown  in  Figure  2  and  given  by  Eq.  (2).  Due  to  optimizing  the  vw- 
distribution  (curves  II)  the  drag  could  be  reduced  by  44  %  from  cD  Cq  Re  =  25  down  to 
cD  cQ  Re  =  14. 

A  similar  optimization  of  the  symmetrical  Joukowsky  airfoil  (4.4  %  relative  thickness)  led 
to  the  minimum  value  cD  Cq  He  =  1.0.  Each  body  has  its  minimum  value  cD  c„  Re  depending 
on  the  velocity  distribution  U(x). 


2.3.  Second-Order  Boundary -Layer  Theory. 

When  in  the  system  of  combined  blowing  and  suction  the  blowing  rate  is  larger  than  the 
suction  rate,  a  negative  drag,  i.e.  thrust,  is  produced.  This  force  against  the  oncoming 
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flow  direction  must  be  a  pressure  force.  This,  however,  cannot  be  predicted  by  Prandtl ' s 
boundary  layer  theory.  This  thrust  due  to  blowing  is  a  second-order  boundary  layer  effect. 
Second-order  boundary  layer  theory  will  also  yield  information  about  the  displacement 
effects  of  the  fairly  thick  boundary  layers  due  to  blowing. 

The  second-order  boundary-layer  effects  for  the  circular  cylinder  (vw  •v  cos  4> ,  see  Figure 
2)  have  been  investigated  in  [2],  The  drag  formula,  Eq.  (2),  has  been  extended  to 

cD .  .  Ji! 

c„>Re  Re 
M 

It  is  worth  mentioning,  that  the  second-order  term  is  independent  of  cM- 

Figure  6  shows  the  second-order  effects  on  the  drag  of  the  Joukowsky  airfoil  (vw  %  du/dx, 
see  Figure  4)  at  Reynolds  number  Re  =  U„c/v  =  10^  (c  =  chord  length  of  airfoil) .  The 
blowing  rate  cqbiow  is  larger  than  the  suction  rate  CqSuc,  therefore  thrust  due  to  blowing 
occurs, cD  =  -  T.78  0qbiOw-  As  in  the  example  of  the  circular  cylinder  an  additional  fric¬ 
tion  drag  due  to  second-order  effects  (displacement  effects)  exists,  which  reaches  a  finite 
value  of  cD  %  0.0052  (independent  of  Cqbiow)  for  infinitely  large  blowing  rates.  Contrary 
to  the  circular-cylinder  example  where  second-order  effects  on  drag  were  only  friction 
drag,  here  also  a  pressure  drag  (curve  lib)  exists,  which  unfortunately  has  the  same  order 
of  magnitude  as  the  friction-drag  reduction  due  to  blowing. 

3.  TURBULENT  FLOW 

3.1.  Experiments  of  the  Flow  Field  Near  Stagnation  Point 

So  far,  laminar  flow  was  assumed.  But  in  the  area  where  blowing  is  applied,  turbulent  flow 
has  to  be  expected,  because  blowing  has  a  strong  destabilizing  effect  on  the  boundary  layer. 
Therefore,  detailed  measurements  of  the  flow  characteristics  (mean  velocities,  turbulence 
intensities,  turbulent  shear  stresses)  within  the  boundary  layer  with  blowing  have  been 
undertaken  by  using  Laser-Doppler  anemometry,  [4].  The  experiments  have  been  carried  out 
at  the  stagnation  point  area  of  a  porous  circular  cylinder  (see  Figure  2)  with  extremely 
large  blowing  rates  (up  to  vw/Uoo  =  0.18)  which  have  not  yet  been  reported  in  the  literature. 

Figures  7  and  8  show  the  mean  velocities  and  the  turbulent  shear  stresses  at  different  po¬ 
sitions  over  the  front  part  of  the  circular  cylinder.  Turbulent  boundary  layers  along  im¬ 
permeable  walls  have  usually  a  two-layer  structure  with  the  "wall"  layer  and  the  "defect" 
layer,  where  the  friction  velocity  uT  =  /tw/p  is  the  characteristic  velocity. 

Turbulent  boundary  layers  with  strong  blowing  still  have  the  two-layer  structure,  but  with 
a  few  important  differences. 

Firstly,  the  basic  characteristic  velocity  is 


i.e.  based  on  the  maximum  shear  stress  x  max  within  the  boundary  layer  (see  Figure  8) 
rather  than  based  on  the  wall  stress  xw. 

Secondly,  the  boundary  layer  thickness  is  growing  with  the  blowing  velocity,  but  the  de¬ 
fect  layer  is  growing  relatively  faster  than  the  wall  layer,  in  other  words,  the  defect 
layer  plays  an  increasing  role  compared  to  the  wall  layer  when  the  blowing  rate  is  in¬ 
creasing  . 

As  a  consequence,  all  velocity  distributions  shown  in  Figure  7,  will  approximately  collapse 
into  one  universal  curve  (except  close  to  the  wall)  if  represented  as  defect  laws  according 
to 


see  for  details  [4].  This  law  can  be  interpreted  as  an  extension  of  the  law  of  the  wake  by 
McQuaid  [5].  The  function  g(y/6)  is  identical  with  the  one  found  by  McQuaid  for  blowing 
rates  up  to  vw/U  =  0.008.  It  should  be  mentioned  that  McQuaid  used  a  characterstic  velocity 
different  from  uT  max-  In  [4]  however  it  is  shown  by  asymptotic  arguments  why  uT  max  is 
the  proper  velocity  scale. 

In  Figure  9  the  experimental  results  are  shown  as  defect  laws  according  to  Eq.  (8)  and  com¬ 
pared  with  McQuaid 's  defect  law.  Particularly  the  results  for  4>  =  30°  show  that  the  de¬ 
fect  law  covers  most  of  the  boundary  layer  for  cases  of  strong  blowing. 


3.2.  Prediction  of  Turbulent  Boundary  Layers  with  Strong  Blowing. 

Turbulent  boundary  layers  with  strong  blowing  are  very  well  represented  by  the  defect  layer 
governed  by  Eq.  (8)  .  This  result  was  used  as  a  basis  for  a  simple  prediction  method  of 
such  boundary  layers.  The  following  equations  have  been  applied: 
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a)  Momentum  integral  equation  for  the  defect  layer  (neglecting  the  small  wall  shear  stress): 

61  0  S  +  k  (62  u2)  =  vw  0  ■  <9) 

b)  Velocity  distribution  according  to  defect  law  of  Eq.  (8) : 
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This  leads  to 
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There  are  two  unknowns  S  (x)  and  uT  max(x)  for  given  U  (x)  and  vw(x)  .  In  addition  to  Eq.  (9) 
an  entrainment  relationship  has  been  used: 


Sf  -  h  [u  <6  -  V1  =  VE  +  vw 


(12) 


where 
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(13) 


a  value  typical  of  entrainments  of  wakes. 

The  Eqs .  (9)  to  (13)  are  a  complete  set  to  predict  6(x)  and  uTmax(x)  for given  U(x)  and 
vw(x) .  Figure  10  shows  the  results  of  such  a  prediction  and  the  comparison  with  the  ex¬ 
periments  described  in  Chapter  3.1.  The  wall  shear  stress  depicted  in  Figure  10c  has 
been  determined  from  uT  max(x)  by  a  simple  estimation  given  in  [4]. 

The  prediction  method  presented  here  can  be  used  for  a  good  estimation  of  the  behaviour 
of  turbulent  boundary  layers  with  very  strong  blowing. 


4.  EXPERIMENTS  ON  DRAG  REDUCTION  OF  A  CIRCULAR  CYLINDER 

The  combination  of  boundary  layer  control  by  blowing  and  suction  has  been  applied  to  a 
circular  cylinder  in  incompressible  flow.  In  Figure  11a  typical  arrangement  is  shown.  The 
front  quarter  of  the  cylinder  periphery  was  used  for  blowing,  whereas  the  rest  of  the  peri¬ 
phery  was  used  for  suction.  The  suction  velocity  was  one  third  of  the  blowing  velocity  to 
make  sure  that  the  net  volume  rate  was  equal  to  zero.  Typical  results  for  the  pressure 
distributions  at  Re  =  9-104  are  shown  in  Figure  12.  Due  to  boundary-layer  control  the 
pressure  drag  could  be  reduced  considerably  from  cp  =  1.04  without  control  down  to  cD  =  0.52 
for  vw  sue  /Uoo  =  0.03  .  From  the  comparison  with  the  pressure  distribution  of  potential 
theory  it  can  be  concluded  that  even  better  results  might  be  possible  by  further  refine¬ 
ment  of  the  combined  boundary  layer  control  system. 
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Figure  1 :  Skin  Friction  near  the  Stagnation  Point 
in  Two-dimensional  Incompressible  Flow 


Figure  2:  Flow  past  a  Circular  Cylinder 
Blowing  in  the  Front  Part 
Suction  in  the  Rearward  Part 

Three  Layer  Flow 

I  s  Inviscid  Outer  Flow  (Potential  Flow) 

II  j  Free  Shear  Layer 

III:  Inviscid  Inner  Layer  with  Vorticity 
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Figure  3:  Drag  Reduction  of  a  Circular  Cylinder  by  Two 
Different  Boundary-Layer  Control  Systems. 

Re  =  4  •  104 


Combined  Blowing  and  Suction  vw  ~  cos  <J>  , 
cn  :  Volume  Rate  Coefficient  of  Recirculating 


Flow.  Asymptote:  cQ  =  6.25 
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II:  Homogeneous  Suction,  vw  =  const. 

Cq  :  Suction  Coefficient 
Asymptote:  c_  =  2  •  c„  (Sink  Drag) 


Friction  Drag  of  a  Symmetrical  Joukowsky  Airfoil 
(4,4  %  Relative  Thickness)  as  Function  of  the 
Blowing  Rate.  v„  -  dU/dx  ,  Qb1qw  =9.1  QSuc 
Asymptote:  cD/Re  =  8  ■  8/<=q  Blow  ^ 


Effect  of  Distribution  of  Blowing-Suction  Velocity 
on  Drag  Reduction.  Circular  Cylinder  in  Laminar 
Flow  for  the  Limit  of  Strong  Blowing  and  Suction. 

a.  Blowing-Suction  Velocity  Distribution 
(The  same  blowing  rate  for  both  curves) 

b.  Shear  Stress  Distribution 

I  :  vw  ~  cos  <f>  ,  cD  •  cQ  •  Re  =  25 

II:  Optimal  vw-Distribution,  cD  •  c^  •  Re  =  14 
c„  :  Volume  Rate  of  Recirculating  Flow 
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Figure  1 1 :  System  of  Combined  Blowing  and  Suction  Applied 
to  a  Circular  Cylinder,  Qb1qw  =  QSuc 
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Figure  12:  Pressure  Distribution  on  a  Circular  Cylinder 
at  Re  9  •  104  ,  Cp  =  2(p-pJ/p  u \  . 


o  No  Boundary  Layer  Control 
Pressure  Drag:  cD  =  1.04 


V  Combined  Blowing  and  Suction  Boundary  Layer 
Control  According  to  Figure  11,  vw  guc  /Vm  = 
Pressure  Drag:  cD  =  0.52 
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SUMMARY 

/tirst  the  paper  briefly  reviews  some  computational  tools,  used  at  the  author's  institute,  to  analyse  and 
design  airfoils  for  low  speed  flight  (prediction  of  potential  flow  pressure  distributions,  laminar  boun¬ 
dary  layer  flows,  transition  prediction  using  the  en-*nethod  and  Head's  entrainment  method  for  the  calcula¬ 
tion  of  turbulent  boundary  layers).  These  tools  are'used  in  this  paper  to  design  pressure  distributions 
and  corresponding  airfoil  shapes  producing  long  runs  of  natural  laminar  flow.  Inevitably  this  results  in 
airfoils  with  the  maximum  thickness  far  backwards,  eventually  leading  to  separation  of  the  turbulent 
boundary  layer  over  the  rear  part  of  the  airfoil.  This  turbulent  boundary  layer  separation  is  prevented 
by  selecting  a  proper  pressure  distribution  over  the  rear  part  and/or  suction  of  the  turbulent  boundary 
layer  through  slots  or  distributed  perforations.  Design  charts  are  presented  which  help  to  select  the 
required  pressure  distributions  for  laminar  and  turbulent  flow. 
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SYMBOLS 

The  symbols  used  in  this  paper  are  the  usual  ones.  Most  of  them  have  been  defined  in  the  text  where  they 
first  occur.  Some  of  them  are  explicitly  mentioned  below. 


c  airfoil  chord 

cj  (or  cd  )  wake  drag  coefficient 
Cd  "suction"  drag  coefficient,  section  7 

cdcot  cd  +  Cd  ,  total  drag  coefficient 
T 

Cj  =  -j - ^  skin  friction  coefficient 

2  PU 

c  suction  pressure  loss  coefficient;  Eq.(34) 

PP  0  AR0 
c  =  suction  flow  coefficient;  c  =  - —  for  a 

q  U»C  single  slot  q  Rc 

ARg 

"c  "  *  x —  safety  margin  against  separation  for 


H  =  -g-  shap,  factor 

k  height  of  roughness 

m  exponent  in  Eq.(7) 

Q  suction  flow  per  unit  span 

U  c 


permissible  value  of  Rq  at  beginning  of 
limiting  pressure  recovery  region 

^lam  R®turb 

velocity  at  edge  of  boundary  layer 
free  stream  speed 

normal  velocity  at  wall,  negative  for  suction 

for  boundary-layer  calculations:  coordinate 

along  surface;  otherwise  distance  along  chord 

angle  of  attack  w.r.t.  zero  lift 

angle  of  attack  w.r.t.  chord 

Hartree  form  parameter  (Eq.(8)) 

angle  between  bi-sector  of  trailing  edge 

angle  6  and  chord 

trailing-edge  angle 

momentum  loss  thickness,  Eq.(14) 

non-dimensional  0  for  Hartree  flows 

wall  shear  stress 


Subscripts 
tr  :  transition 
TE  :  at  trailing-edge 
w  :  wake 


ttQlam  Rq  at  end  of  laminar  region 


Abbreviations 

NLF  :  natural  laminar  flow 

b.l.c.  :  boundary  layer  control 


I .  INTRODUCTION 

Throughout  the  history  of  airfoil  design,  many  attempts  have  been  made  to  reduce  skin-friction  drag  through 
laminarisation  of  the  boundary  layer.  As  a  first  example  the  well-known  NACA  6-series  airfoils  may  be  men¬ 
tioned,  where  through  placing  the  maximum  thickness  of  the  airfoil  far  backwards,  long  runs  of  laminar  flow 
were  obtained.  Although  this  scheme  proved  to  be  fully  feasible,  the  practical  construction  materials  and 
-methods  at  that  time  were  not  yet  sufficiently  advanced,  that  it  could  be  used  in  commercial  applications. 
Reference  [1]  provides  an  account  of  the  development  of  these  airfoils.  It  should  be  noted  that  they  have 
been  used  extensively  with  turbulent  flow  because  of  other  advantages  (low  critical  Mach-number  for  in¬ 
stance)  . 

The  ultimate  application  of  this  principle  has  led  to  the  design  of  very  thick  airfoils  where,  through 
proper  shaping  and  the  addition  of  a  suction  slot,  the  flow  was  designed  to  remain  laminar  all  the  way 
back  to  the  trailing-edge.  As  an  example  the  well-known  Griffith  airfoils  may  be  mentioned  [2,  3,  4], 
Although,  due  to  the  appearance  of  Taylor-Gortler  vortices  over  the  concave  downstream  part,  full-chord 
laminar  flow  was  not  established,  these  airfoils  showed  a  great  promise  if  only  the  surface  could  be  pro¬ 
duced  and  maintained  in  a  smooth  condition.  The  very  low  critical  Mach-number  has  ended  the  development 
of  these  airfoils. 

Laminarisation  by  suction  through  porous  surfaces  or  narrow  slots  can  be  used  on  thin  airfoils  with  high 
critical  Mach-numbers.  Extensive  studies  of  this  scheme  have  been  made  in  the  fifties  and  early  sixties; 
for  a  review  see  the  book  edited  by  Lachmann  [4].  Also  at  the  author's  institute  work  was  done  in  this 
field;  it  was  shown  for  instance  that  the  en-method  for  transition  prediction  is  also  valid  in  the  case  of 
distributed  suction  [5].  Structural  and  weight  problems,  the  still  not  completely  solved  problem  of  main¬ 
taining  smooth  surfaces  and  the  still  comparatively  low  fuel  prices  have  put  an  end  to  these  earlier  attempts 
of  laminarisation  by  suction. 

In  the  mean  time  the  supercritical  airfoil  has  been  developed  for  efficient  cruising  flight  at  transonic 
Mach  numbers.  It  should  be  noted  that  often  the  usable  maximum  thickness  of  these  airfoils  is  limited 
through  unfavourable  shock-wave  boundary- layer  interaction  in  off-design  situations. 

In  the  past  decades,  airfoil  shaping  to  obtain  extensive  regions  of  laminar  flow  has  been  applied  with 
great  success  to  sailplanes.  Well-known  are  the  investigations  by  Wortmann  and  Eppler.  Also  at  the  authors 
institute  work  on  the  analysis  and  design  of  low  speed  airfoils  has  been  performed.  Applications  have  been 


made  to  sailplanes  and  modern  windturbines  [8,  9,  10,  11]  . 

Due  to  the  explosive  increase  of  fuel  prices  in  the  last  decade,  laminarisation  through  active  laminar 
flow  control  by  suction  has  gained  a  new  interest.  The  next  paper  in  this  Symposium  will  discuss  the  NASA- 
program  on  laminar  boundary  layer  control.  Recently  it  has  been  realised  that  not  only  for  sailplanes  but 
also  for  general  aviation  aircraft  laminarisation  through  shaping  ("natural  laminar  flow  ,  NLF")  is  worth 
while.  It  has  been  found  that,  due  to  modern  construction  methods  and  -materials,  the  achievement  of  NLF 
is  not  such  an  utopistic  idea  as  has  been  thought  for  a  long  time.  Recent  NASA  studies  have  revealed  ex¬ 
tensive  regions  of  laminar  flow  on  certain  aircraft,  even  in  propellor  slipstreams  [12  and  13].  A  recent 
article  in  Aviation  Week  [14]  entitled  "Laminar  flow  tests  pass  expectations"  gives  a  summary  of  these 
findings . 

Another  ecouraging  example  may  be  quoted  from  experiences  at  the  authors  institute.  In  a  study  of  the  pos¬ 
sible  application  of  modern  airfoil  designs  to  windturbine  rotors,  it  was  decided  to  do  a  full  scale  tran¬ 
sition  test  on  the  blades  of  the  25  meter  diameter  rotor  of  the  windturbine  at  Petten  in  the  Netherlands. 

The  blades,  having  the  classical  NACA  230  series  section;  are  covered  with  the  same  anti-erosion  paint  as 
was  used  on  earlier  versions  of  the  Fokker  F-28  aircraft.  The  turbine  is  located  near  the  North  Sea  coast, 

50  km  north  of  Amsterdam.  It  was  found  that,  after  two  years  of  operation  and  without  prior  cleaning,  the 
flow  remained  laminar  as  far  back  as  is  compatible  with  the  airfoil  pressure  distribution  at  the  chord 
Reynolds  number  of  the  investigation  [15]. 

The  above  mentioned  observations  gave  the  authors  a  new  interest  in  laminar  flow.  It  is  their  strong  be¬ 
lief  that  the  first  practical  results  will  be  obtained  through  NLF  which  does  not  require  a  delicate  suc¬ 
tion  surface.  To  obtain  an  extensive  region  of  laminar  flow  at  high  chord  Reynolds  numbers  through  favour¬ 
able  pressure  gradients,  the  resulting  airfoils  will  have  a  relatively  great  maximum  thickness,  located  far 
downstream.  Therefore  limitations  of  the  degree  of  laminarisation  may  be  due  to  different  factors.  On  the 
one  hand  the  critical  Mach  number  will  be  lowered;  on  the  other  hand  the  danger  for  separation  of  the 
turbulent  boundary  layer  over  the  rear  part  of  the  airfoil  may  increase.  It  is  suggested  in  the  present 
paper  that  laminarisation  through  shaping  should  be  combined  with  passive  and/or  active  control  of  the 
turbulent  boundary  layer.  In  the  first  place  of  course  the  airfoil  shape  should  be  designed  such  that  the 
behaviour  of  the  turbulent  layer  is  improved.  Moreover,  vortex  generators  or  suction  and  blowing  may  be 
considered. 

For  general-aviation  or  short-haul  aircraft  with  their  relatively  low  cruise  Mach  numbers  the  maximum  wing 
thickness  might  thus  be  increased  leading  to  a  lower  construction  weight  and/or  a  larger  aspect  ratio. 
Maximum  thickness  would  of  course  be  limited  eventually  by  reaching  critical  flow  conditions.  But  even  then, 
and  this  also  holds  for  aircraft  already  employing  supercritical  airfoils,  turbulent  boundary  layer  control 
might  be  used  to  increase  the  usable  maximum  thickness  by  suppressing  unfavourable  shock-wave  boundary 
layer  interactions.  It  should  be  noted  that  this  design-tool  could  be  used  even  without  the  achievement 
of  laminar  flow  over  the  forward  part  of  the  airfoil. 

In  the  present  paper  we  will  limit  the  discussions  to  the  low  cruise  Mach  number  applications  such  as  for 
general  aviation  and  short-haul  aircraft.  The  analysis  will  be  for  incompressible  flow;  if  necessary  the 
relation  between  the  pressure  distribution  and  the  critical  Mach  number  can  be  determined  using  the  von 
KSrmSn-Tsien  rule.  It  will  be  assumed  that  turbulent  boundary-layer  control  is  by  suction,  because  this  is 
relatively  easy  to  calculate.  The  purpose  of  the  paper  however,  is  to  point  out  the  potential  improvement 
in  airfoil  design  through  the  combination  of  NLF  and  turbulent  boundary  layer  control.  The  k_st  practical 
way  of  achieving  turbulent  b.l.c.  should  be  determined  later  on  through  specific  design  studies. 

2.  THE  DELFT  AIRFOIL  ANALYSIS  AND  DESIGN  PROGRAM 

Since  a  number  of  years  work  is  in  progress  at  the  Low  Speed  Laboratory  (LSL)  of  the  Department  of  Aero¬ 
space  Engineering  of  the  Delft  University  of  Technology  on  the  development  of  a  computer  program  for  the 
analysis  and  design  of  low  speed  airfoils.  A  description  of  this  program  may  be  found  in  [8,  9,  16,  17]  ; 
some  early  applications  of  the  program  up  till  1980  can  be  found  in  these  references.  Some  later  appli¬ 
cations  are  described  in  [10,11]. 

In  the  present  section  we  will  point  out  only  those  features  of  the  program  which  are  explicitly  needed  for 
the  discussions  in  the  remainder  of  the  present  paper. 

For  single-element  airfoils  use  is  made  of  the  conformal  transformation  of  a  circle  into  the  airfoil  as 
described  by  Timman  [18].  The  airfoil  with  chord  c  is  in  the  z-plane,  the  circle  with  radius  R  is  in  the 
C-plane  (fig.  1);  the  transformation  is  chosen  in  such  a  way  that  the  point  8C  ■  0  on  the  circle  is 
transformed  into  the  sharp  trailing-edge  (z  »  0).  Hence  the  Kutta-Joukowski  condition  requires  that  the 
point  8c  =  0  is  a  stagnation  point.  Then  the  lift  coefficient  of  the  airfoil  is  given  by 

c.  =  8tt  —  sin  a  (I ) 

1  c 

where  a  is  the  angle  of  attack  w.r.t.  the  zero  lift  direction.  For  thin  airfoils  R/c  is  about  1/4,  leading 
to  the  familiar  value  2n  for  the  lift  curve  slope.  Due  to  viscous  effects  the  actual  lift  coefficient  will 
be  less  than  follows  from  Eq.(l).  In  the  program  this  is  simulated  by  letting  the  rear  stagnation  point  on 
the  circle  move  upwards  to  9C  =  9st>  then  Eq.(l)  has  to  be  modified  into 

c!  "  8"  |  sin  (a  -  0s(.)  (2) 

The  value  of  8  ,  follows  from  the  empirical  relation: 

St 

est  “  5,0  tan(6)  <«c  +  /  cdw  (3) 

In  Eq.(3)  6  denotes  the  trailing-edge  angle;  ac  is  the  angle  of  attack  with  respect  to  the  chord  and  y  is 
the  slope  of  the  trailing-edge  bisector  w.r.t.  the  chord.  It  has  been  found  that  this  empirical  correction 
gives  good  results  for  airfoils  resembling  the  NACA  A-  and  5-digit  series;  for  airfoils  where  the  trailing- 
edge  is  more  or  less  cusped  an  Mef fective"value  for  6  has  to  be  used.  We  will  come  back  to  this  problem 
in  section  9.3  when  discussing  a  specific  example. 

It  is  easy  to  invert  the  conformal  transformation  method  such  that  airfoils  with  improved  pressure  distri¬ 
butions  are  obtained;  examples  may  b<  found  in  the  references  mentioned  above. 

The  laminar  boundary  layer  is  calculated  by  a  method  which  is  a  combination  of  Thwaites*  method  for  the 


determination  of  the  momentum  loss  thickness  8  and  Stratford's  method  for  the  prediction  of  the  laminar 
separation  point.  In  addition  we  will  use  in  the  present  paper  a  simplified  analysis,  based  on  the  Hartree 
similar  boundary  layers.  This  will  be  discussed  separately  in  section  A.  Special  attention  is  given  in  the 
program  to  laminar  separation  bubbles.  It  has  been  found  that  the  program  predicts  the  drag  coefficient 
too  low  when  laminar  separation  bubbles  occur.  We  will  neglect  this  effect  in  the  present  paper  because 
it  is  easy  to  avoid  the  bubbles  by  tripping  the  boundary  layer.  Paper  no.  20  at  this  Symposium  [21]  will 
discuss  this  in  some  detail. 

For  transition  prediction  the  eIl-method  is  used,  where  n  is  a  function  of  the  "effective"  free  stream  tur¬ 
bulence  level.  This  will  be  discussed  in  some  more  detail  in  section  3. 

The  turbulent  boundary  layer  is  calculated  using  Head's  entrainment  method;  see  section  6. 

Finally  the  wake  drag  coefficient  is  determined  from  the  Squire-Young  formula 

W  '  “>  / 

In  addition  to  these  standard  tools  we  will  need  in  the  present  paper  computational  methods  for  turbulent 
boundary  layer  control;  these  will  be  discussed  in  subsequent  sections. 

3.  TRANSITION  PREDICTION 

In  the  Delft  airfoil  program  the  e  -method  is  used  for  transition  prediction.  The  exponent  n  is  determined 
from  the  "effective"  free  stream  turbulence  level  Tu  (in  %)  according  to 

n  -  3.565  -  6. 18l0log  Tu  (5) 

The  choice  of  Tu  depends  on  the  flow  quality  of  the  windtunnel;  it  has  been  found  that  good  predictions  are 
obtained  if  Tu  is  chosen  according  to  the  following  table 


Facility 

Tu  (X) 

n 

NACA  LTT  and  similar  tunnels 

Advanced  low  turbulence  tunnels  such  as  at  LSL 

Free  flight  of  gliders 

0.10 

0.06 

0.01  A 

9.75 

11.2 

15.0 

In  the  present  paper  we  will  sometimes  simplify  the  laminar  boundary  layer  calculation  by  approximating 
the  pressure  distribution  over  the  forward  part  of  the  airfoil  by  one  of  the  similar  flows  (see  section  A). 
In  this  case  the  transition  prediction  can  also  be  simplified,  because  the  stability  diagram  from  which 
the  amplification  of  unstable  disturbances  has  to  be  calculated,  is  independent  of  the  streamwise  coor¬ 
dinate  x.  Then  a  short-cut  method  due  to  Wazzan  et  al  [22]  can  be  used.  Here  the  value  of  at  transition 
is  correlated  with  the  value  of  the  shape  factor  H  by  the  following  formula*)  (valid  for  2.1  <  H  <  2.8): 


'V  (?) 


-A0.A557  +  6A.8066  H  -  26.7538  H2  +  3.3819  H3 


transition 


Wazzan  et  al  claim  that  Eq.(6)  corresponds  to  an  amplification  factor  n  »  9;  comparing  its  result  for  the 
flat  plate  boundary  layer  (H  «  2.5911)  to  the  results  of  the  Delft  program,  suggests  that  in  the  latter 
n  -  II  would  be  more  appropriate.  In  practice  the  difference  between  the  results  for  n  ■  9  and  n  =  11  is 
not  so  large  that  we  have  to  bother  about  this  point. 

A.  THE  HARTREE  BOUNDARY  LAYERS 

Similar  solutions  of  the  laminar  boundary  layer  equations  are  obtained  for 

U  -  u,  xm  (7) 

where  u|  and  m  are  constants.  This  flow  occurs  near  the  vertex  of  a  wedge  with  angle  ttB  where  m  and  B  are 
related  by 


Introducing  a  non-dimensional  wall  distance  n  and  streamfunction  ip  by 

/  (m+ 1 )  U 
n  ’  Y  f  2  vx 

/2VU 1  m+l  , 

*  -  /  i?r x  f(n) 

the  boundary  layer  equation  is  reduced  to  the  well-known  Falkner-Skan  equation 
f’”  +  ff"  +  B(l-f’2)  -  0 

where  primes  denote  differentiation  w.r.t.  u.  Boundary  conditions  for  Eq .(II)  are 


*)  Note  that  [22]  contains  an  obvious  misprint  in  the  coefficient  of  H  in  Eq.(6)  as  is  shown  by  other 
references  of  these  authors. 
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The  velocity  profile  follows  from  Eq .(II)  with 


U 


£'(n) 


Since  the  boundary  conditions  (12)  are  given  at  two  ends  of  an  interval  a  shooting  method  is  often  used  star¬ 
ting  with  a  trial  value  for  f''(0).  In  the  present  paper  we  can  determine  the  required  velocity  profiles 
from  Eq .(11)  without  iteration  because  the  required  values  of  f''(0)  can  be  taken  from  literature;  we  use 
[23]. 

Some  further  relations  for  the  Hartree  flows  which  will  be  used  in  the  present  work  are: 


Hi  .« 

V 


R 

X  V 


J  *('-*) 


R.  =  V  E  R 
6  x 


Table  1  contains  some  results  from  the  solutions  of  Eq.(ll)  taken  from  [23]  which  will  be  needed  in  the 
present  paper.  Also  the  values  of  according  to  Eq.(6)  are  included.  To  facilitate  interpolation  in 

the  table,  it  contains  the  values  of  {f’’(0)}2  instead  of  f''(0);  we  used  a  quadratic  interpolation. 


5.  PERMISSIBLE  ROUGHNESS  IN  THE  LAMINAR  FLOW  REGION 

For  the  Hartree  constant  -8  flows  it  is  rather  easy  to  obtain  the  permissible  roughness  height  as  a  func¬ 
tion  of  x,  as  soon  as  a  criterion  for  transition  due  to  roughness  has  been  assumed.  The  shape  of  the  velo¬ 
city  profile  is  independent  of  x,  only  the  thickness  is  different.  Hence,  when  stepping  through  the 
boundary  layer  profile  from  the  wall  outwards  during  the  numerical  solution  of  Eq .(11),  at  each  value  of  n 
there  is  a  corresponding  value  for  x  at  which  the  criterion  for  transition  due  to  roughness  is  met.  In  all 
examples  to  be  discussed  in  this  paper  we  used  the  criterion  tha't  transition  occurs  as  soon  as  exceeds 
600,  where  k  is  the  roughness  height.  In  the  general  version  of  the  program  where  no  similar  flow  is  assumed 
this  calculation  is  performed  for  the  actual  velocity  profile  at  regular  intervals  in  x-direction. 


6.  head’s  ENTRAINMENT  METHOD 

In  the  entrainment  method  the  momentum  integral  relation 

de  *  0  dU  I 

d^  +  (2+H)  U  dx  "  I  f 

is  used  in  combination  with  a  skin-friction  formula  and  the  "entrainment"  equation: 


ii  h5-6*)]  ”  F(Hi 


H,  -  1.535  (H-0.7)"2'715  +  3.3 


0.3683 


F(Hj )  -  0.0306(H(-3) 


-0.653 


The  starting  value  for  6  is  taken  equal  to  the  value  obtained  at  the  end  of  the  laminar  flow  region.  A 
difficult  point  in  this  type  of  method  is  always  the  specification  of  the  starting  value  of  H.  In  order 
to  avoid  numerical  difficulties,  in  cases  where  the  turbulent  boundary  layer  starts  right  at  the  beginning 
of  a  region  with  a  steep  pressure  rise,  the  starting  value  of  H  was  always  determined  sucht  that  equations 

(15)  through  (18)  resulted  in  »  0  at  the  start.  It  should  be  understood  that  this  is  a  rather  arbitrary 

choice,  which  however  is  thought  to  be  acceptable  for  the  design  studies  reported  in  this  paper. 

The  skin-friction  formula  which  is  used  in  the  present  paper  is  the  one  due  to  Felsch  [24]: 

0.058(0.93  -  l.9510log  H)1,705  ,.a. 


The  value  of  Cf  resulting  from  this  formula  is  only  a  little  different  from  the  well-known  Ludwieg-Tillman 
result: 


0.246  10 


-0.678  H 


An  advantage  of  Eq.(18)  over  Eq.(l9)  is  that  the  former  predicts  zero  skin-friction  at  a  finite  value  of  H, 
namely  H  -  2.9986. 

A  solution  of  Eqs.(!5)  through  (18)  which  is  very  useful  in  airfoil  design,  is  that  one  for  which  the  skin- 


mtk 
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friction  is  everywhere  zero.  For  this  case  H  is  constant  and  equal  to  2.9986  or  say  3.  Then  from  (7)  we 
find  that  Hi  -  3.4602  and  F(H;)  “  0.05081.  Eq.(15)  can  then  be  integrated  between  x;  and  x,  resulting  in: 


constant  “  8  j U j  ‘ 


The  entrainment  equation  (16)  then  gives 

/U | \2+H  F(H. ) (2+H)  x-x 

W  ■  1  -  h,-0VhT-  — 

or  with  the  given  values  of  H,  Hj  and  F(Hj): 


1  +  .01835 


For  a  first  example  we  assume  a  turbulent  flat  plate  boundary  layer  from  x  -  0  to  x  »  X|  with  constant 
velocity  Uj,  the  momentum  loss  thickness  0;  at  x;  follows  from: 

6  /U,xlV./5 

J.  .  .036  (-Li)  (23) 


Using  this  result  we  can  write  Eq.(22)  as: 


1  +  .5097 


x— x |  ^UjX^l/5 


This  equation  describes  the  maximum  adverse  pressure  gradient  which  a  turbulent  boundary  layer  can  negotiate 
downstream  of  an  initial  flat  plate  without  separation.  In  fig.  2  this  result  is  compared  to  the  well-known 
Stratford  distribution.  It  follows  that  Head's  result  is  somewhat  conservative  as  compared  to  Stratford's. 
For  applications  to  airfoil  design,  we  non-dimensionalise  Eq.(22)  with  the  chord  length  c  and  the  free 
stream  velocity  U  ,  resulting  in: 


1  +  0.01835 


(x-x,)RcU, 


At  the  trailing-edge  (x  ”  I)  we  get: 


1  +  .01835 


(l-x,)RcUi 


If,  in  the  design  case,  Rc,  x|,  Uj  and  U^e  are  given,  Eq.(26)  determines  the  permissible  value  of  Rgi  at 
the  start  of  the  pressure  rise.  Eq.(25)  then,  determines  the  critical  pressure  distribution,  which  for  this 
RQl  just  gives  the  border-case  between  separation  and  no-separation.  If  R@  at  the  start  of  the  pressure 
rise  is  higher  then  R0|,  local  suction  can  be  used  to  reduce  Rq  to  this  critical  value.  For  Rq  <  R0),  there 
is  still  some  safety  margin  against  separation. 

From  the  Squire-Young  relation  Eq.(4),  using  H  =  3,  together  with  Eq.(20)  in  the  form 

9iu.5  ’  Vte5 

the  wake  drag  coefficient  follows  from 

.  \  =,‘ 


or  with  Eq. (26) 


.0367  U^4  (I  -  x,) 


wake  j  _  (_I£j 

/Dte\5 

Since,  in  general  — J  «  1,  Eq.(27)  shows  that  for  the  case  where  Rg|  equals  the  critical  value  (suction 

may  be  needed  to  limit  Rg  to  this  value),  the  wake  drag  coefficient  becomes  virtually  independent  of  U| . 

7.  TURBULENT  BOUNDARY  LAYER  CONTROL  BY  SUCTION 

To  calculate  the  effect  of  suction  on  a  turbulent  boundary  layer  we  use  the  momentum  integral  equation  Eq.(15) 
with  an  extra  term  representing  the  normal  velocity  at  the  wall  v0  (note  that  Vo  is  negative  for  suction): 

<»> 

First  we  will  integrate  this  equation  for  a  porous  region  which  becomes  vanishingly  small  in  x-direction 
while  |v0|  may  become  large.  This  will  provide  a  useful  approximation  for  the  case  of  suction  through  a 

0  Jtt 

narrow  slot.  Integrating  Eq.(28)  from  xD  to  x0  +  Ax;  assuming  and  cf  t0  remain  finite;  letting 

Ax  •*  0  and  -v0  ■»  »  such  that  -v0Ax  *  Q  «  the  suction  flow  per  unit  span,  we  find 
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Q  “  u(®x0  ”  ®xQ  +  Ax^ 


(29) 


Introducing  the  suction  flow  coefficient  cq  =  jj2_  and  the  reduction  in  Rg  over  the  slot  ARg  =  ^(0xo-®xo+Ax) ; 
it  follows  from  (29)  that 


AR0 

cq  =  R 


(30) 


In  what  follows  we  will  use  slot  suction  to  reduce  Rg  to  the  permissible  value  at  the  beginning  of  the 
pressure  rise  according  to  Eq.(26). 

An  interesting  method  to  design  surfaces  for  distributed  suction  has  been  developed  by  Raspet  [25,  26].  The 
method  uses  the  momentum  integral  equation  for  suction  Eq.(28).  It  is  assumed  that  separation  is  prevented 
when  v0(x)  is  chosen  such  that  Rg  is  maintained  at  a  constant  and  not  too  large  value.  A  difficult  point  in 
this  respect  is  the  specification  of  Cf  in  the  case  of  suction.  There  are  indications  that  cf  increases  due 
to  suction  above  the  values  following  from  the  Felsch  or  Ludwieg-Tillman  formula.  This  effect  has  been  ne¬ 
glected  however  in  practical  applications  of  the  method.  It  has  been  shown  in  numerous  applications  by 
Raspet  and  also  at  Delft  University  [27]  that  suction  surfaces  which  have  been  designed  according  to  this 
procedure,  are  satisfactory  and  even  somewhat  conservative.  The  wake  drag  may  be  somewhat  underestimated 
by  this  method.  It  has  been  shown  by  Tennekes  that  an  optimum  (constant)  value  of  Rg  over  the  suction  surface 
maybe  obtained  by  placing  a  suction  slot  at  the  beginning  of  the  region  with  distributed  suction  [27]. 

When  Rg  is  kept  constant  by  suction,  it  is  also  a  reasonable  approximation  to  take  H  and  cf  constant.  Then 
equation  (28)  can  be  rewritten  as: 


vo=  i  c  5.  (H+,)!e±d5 

4o  2  f  Rc  u  dx 


Integrating  Eq .(31)  from  the  beginning  of  the  porous  region  (xj)  to  the  end  (x2)  we  find 


(  d*  “  1  Cf  I 

J  OO  J 


(H+ 1 ) R 


U  dx  + 


In 
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(31) 


(32) 


1  Al 

If  there  is  a  suction  slot  just  upstream  of  x;  we  have  to  add  the  slot  c„,  from  Eq.(30)  to  Eq.(32).  The 
momentum  loss  in  the  wake  is  strongly  reduced  by  suction;  the  wake  drag  is  still  determined  from  the 
Squire-Young  relation.  However,  we  have  now  to  take  into  account  the  power  needed  for  the  suction  pump.  It 
is  customary  to  convert  this  suction  power  to  the  so-called  "suction-drag"  as  follows.  Assume  that  the 
sucked  air  is  reenergised  and  expelled  in  stream  direction  with  velocity  U  and  free  stream  static  pressure 
pOT;  then  no  "sink-drag"  occurs.  The  suction  power  then  follows  from 


Q(Pt 


-  Pi) 


(33) 


where  pi  is  the  pressure  in  the  suction  plenum  chamber  and  Ds  is  the  efficiency  of  the  pump.  Neglecting,  in 
first  approximation,  the  pressure  drop  through  the  suction  surface,  then  pi  =  pg  where  pb  is  the  lowest 
static  pressure  occurring  at  the  suction  surface;  usually  this  will  be  at  the  beginning  of  the  suction 
region.  Expressing  the  total-pressure  rise  over  the  pump  in  a  pump  pressure  coefficient  c  according  to 

pt~-Pb 
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~PP  '  PU  2  '  '  "  Cpb  "  ^ 

2 

then  the  suction  power  per  unit  span  is 


c  c  , 

P  -  _ER_JL  I  „  3C 


PS  2 


The  power  needed  to  overcome  the  wake  drag  is  (per  unit  span) 
1  „  3 

P  _  Cdw  2  pu»  C 


where  Dj  is  the  efficiency  of  the  propulsing  unit. 
The  total  power  needed  then  becomes  (per  unit  span) 


P  +  P  »  i - 

s  w  \  n 


(cpp  cq  +  I 


:)  i  <>VJC 


The  total  drag  coefficient  is  then  defined  as 


cdtot  ng  Cpp  °q  +  C<*w 

In  what  follows  we  will  make  the  further  assumption  that  q_  -  q  so  that 

1  8 


(34) 


(35) 


(36) 


(37) 


(38) 
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The  pressure  loss  coefficient  Cpp  as  defined  by  (34)  is  an  ideal  case.  For  practical  applications  we  may  have 
to  add  further  pressure  losses  such  as  through  ducting.  In  some  examples  we  will  do  this  by  increasing  the 
ideal  Cpp  with  0.2.  It  should  be  understood  that  the  present  paper  is  only  meant  to  survey  the  possibilities 
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of  turbulent  b.l.c.  Extensive  design  studies  will  be  needed  to  arrive  at  a  practical  realisation.  To  get 
an  idea  about  the  duct  losses  we  make  the  following  rough  estimate  of  the  duct  velocity.  Assume  a  twin- 
engined  airplane  with  a  suction  pump  in  each  nacelle;  allowing  the  flow  to  enter  from  both  sides.  The  two 
nacelles  will  not  devide  the  span  in  equal  parts.  We  will  assume  that  a  maximum  of  1/3  of  the  total  flow 
will  enter  a  pump  from  one  side.  This  amounts  to 


c  U  c2  A 

q 


(39) 


where  A  is  the  aspect  ratio.  Assuming  an  airfoil  with  maximum  thickness  t  at  75%  of  the  chord  and  assuming 
that  the  interior  of  the  wing  downstream  of  75%  chord  is  available  for  the  duct,  then  the  duct  cross  sec¬ 
tion  is  about  I  t  c  (fig.  3).  Together  with  Eq.(39)  this  leads  to  the  following  ratio  of  maximum  duct  velo¬ 
city  to  f light®speed: 


Vduct  _  8A  I 
UOT  '  3  t/c  Cq 

V 

Assuming  A  =  10  the  following  results  for  — — -  are  obtained 


V,  . /U  for  c  = 

duct  <»  q  ; 

t/c 

-4 

c  =  10 

q 

-3 

c  =  10 
q 

c  =  2.5  10  3 
q 

.2 

0.013 

0.13 

0.33 

.3 

0.009 

0.09 

0.22 

,  _3 

It  will  follows  from  examples  discussed  in  the  remaining  part  of  the  paper,  that  Cq  =  2.5  10  is  high 
enough  to  obtain  useful  results.  Thus  the  duct  velocities  may  be  expected  to  remain  reasonably  small. 


8.  A  DESIGN  CHART  FOR  CHOOSING  PRESSURE  DISTRIBUTIONS 

Before  embarking  on  the  detailed  design  of  a  laminar  flow  airfoil,  according  to  certain  specifications,  we 
obtain  a  first  impression  of  the  required  pressure  distribution  from  a  design  chart  for  the  chord  Reynolds 
number  at  which  the  airfoil  has  to  operate. 

In  an  x,  U  plane  we  choose  a  point  x;,  U|  at  which  a  laminar  flow  with  constant  3  (section  4)  has  to  change¬ 
over  in  a  turbulent  pressure  recovery  according  to  the  limiting  distribution  discussed  in  section  6.  For 
this  the  trailing-edge  velocity  Ute  has  to  be  specified  (fig.  4).  The  value  of  3  follows  from  the  require- 

Vl  ui  x|  UooC  -  - 

ment  that  — - —  =  -r, - — —  «  U.  .x,  .R  just  equals  the  transition  value  according  to  Wazzan’s  short-cut 

V  C  V  lie 

method  (Eq.(6)  and  table  1).  For  low  values  of  Rc  even  a  slightly  adverse  pressure  gradient  with  negative 
3  may  result.  At  the  same  time  we  obtain  from  table  I  the  corresponding  values  of  f''(0)  and  §.  This  allows 
us  to  obtain  the  shape  of  the  velocity  profile  with  the  corresponding  critical  roughness  height  and  the 
value  of  Rg  at  x; ;  this  value  will  be  denoted  by  Rglam.  From  Eqs.  (25)  through  (27)  in  section  6  we  can  find 

the  limiting  pressure  distribution  between  x; ,  U|  and  UxE  together  with  the  permissible  value  of  Rg  at  the 
start  of  the  pressure  rise  (Re^rt,)'  The  difference 


AR0  =  R9lam  -  R6turb 


(41) 


indicates  whether  suction  is  needed.  For  ARg  >  0  a  suction  coefficient 

ARq 

Cq  =  Rc 

with  a  suction  slot  at  xj  will  reduce  R0^am  t0  the  permissible  value  ^turb'  ^is  eliminates  turbulent  se¬ 
paration.  When  ARq  is  negative  it  means  that  the  combination  of  R0lam>  ,  Uj  and  UTE  still  has  some  safety 
margin  against  separation.  The  safety  margin  is  conveniently  expressed  in  a  negative  Cq  as: 


(42) 


c  " 

q 


(43) 


It  should  be  noted  that  a  negative  cq  means  that  some  blowing  would  be  allowed  before  separation  would 
occur.  In  our  design  chart  we  do  not,  of  course,  use  up  the  safety  margin  for  blowing.  Instead,  the  actual 
development  of  the  turbulent  boundary  layer,  starting  with  Rg  =  Rg^  at  x]>  is  calculated.  In  a  final  de¬ 
sign,  the  safety  margin  may  be  used  by  the  designer  to  satisfy  other  requirements,  for  instance  the  pres¬ 
sure  distribution  over  the  rear  part  may  be  altered  to  improve  the  stalling  behaviour  of  the  airfoil. 

The  design  chart  contains  further  information  such  as  the  wake  drag  coefficient  cdw;  suction  drag  cj^,  nor¬ 
mal  force  coefficient  cn  and  moment  coefficient  around  the  quarter  chord  point  25-  R°r  Cq  >  0  the  value 
of  cdw  follows  from  Eq.(27);  for  "Cq"  <  0  first  we  obtain  87E  from  Head's  method  and  then  cg^  from  Eq.(4). 

In  the  ideal  pressure  loss  coefficient  Eq.(34),  we  now  have  to  use  Ub  =  U|,  resulting  in  the  following 
suction  drag  coefficient  ch  =  c  c  : 

s  PP  q 


cd 


s 


(44) 


Since  the  design  chart  deals  with  the  upper-  or  lower  surface  pressure  distribution  only,  the  values  of  eg, 
cn  an<*  Cm0  25  are  a*so  f°r  one  si^e  only.  This  means  that  an  arbitrary  zero-level  for  the  surface  pressure 


-/  o  ■/  vn  %  <w  *.  V  \ 


ki: 


is  needed.  In  our  charts  we  use  free  stream  total  pressure  as  a  reference.  This  means  that  the  cj  values 
for  both  surfaces  have  to  be  added  while  the  cn  and  cmQ  values  for  the  lower  surface  have  to  be  subtrac¬ 
ted  from  those  for  the  upper  surface. 

The  normal  force  coefficient  for  one  surface  then  follows  from 
1  (pt  -  P)  1 

Cn  "  1  1  “  2  d  !  ’  I  C2<*  (45) 

0  2pU«  0 

Using  Eqs.(7)  and  (25)  for  the  laminar  and  turbulent  part  respectively,  the  resulting  expressions  for  cn  are 


U,  2(I— ic, ) 
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It  should  be  remarked  that  boundary-layer  calculations  should  be  made  taking  the  x-coordinate  along  the 
surface  of  the  airfoil.  Of  course  we  do  so  in  our  complete  airfoil  analysis  and  design  program.  In  the  pre¬ 
sent  design  chart  we  approximate  this  coordinate  by  the  distance  x  along  the  chord. 

When  computing  a  design  chart  all  information  on  8,  c.  ,  "c  ",  cd  ,  cj  ,  c  and  c„,  is  calculated  on  a 

number  of  grid  points  of  an  x;  ,  Uj  plane.  The  mesh-size  and  extent  of  the  grid  can  be  chosen  arbitrarily. 
The  results  may  be  plotted  in  various  ways.  As  an  example  fig.  5  shows  the  Cq  »  0  limits  for  UfE  “  -707 
(cp  „  “  0.5)  and  various  values  of  Rc.  Included  are  the  pressure  distributions  for  some  selected  design 
points.  The  critical  roughness  height  for  these  cases  is  shown  in  fig.  6.  Fig.  7  shows  some  more  details 
for  Rc  =  9  x  10®;  here  also  some  curves  for  constant  non-zero  cq  are  shown.  Fig.  8  shows  c,^  for  constant 

values  of  U;  and  cq.  Note  that  c,^  increases  rather  rapidly  when  the  cq  *>  0  limit  is  approached  from  the 

left  hand  (e.q.  no-suction-required)  side.  When  suction  is  applied  the  wake  drag  is  nearly  independent  of 
Uj  (see  section  6,  Eq.  (27)).  It  follows  that  some  safety  margin  (cq  <  0)  should  be  maintained  if  we  want 
to  achieve  a  low  drag  without  suction.  Of  course,  if  we  are  willing  to  apply  suction,  this  should  be  star¬ 
ted  already  before  reaching  the  Cq  »  0  limit  to  obtain  an  optimum  total  drag.  When  designing  airfoils  for 
maximum  lift  without  suction,  it  may  be  advisable  to  select  a  design  point  on  the  Cq  -  0  curve.  (The  well- 
known  Liebeck  airfoils  are  in  fact  based  on  this  concept.) 

Values  of  cn  and  cmo  ^  are  shown  in  fig.  9.  It  should  be  noted  that  all  values  in  the  charts  are  for  one 

surface;  hence  they  get  their  true  meaning  only  when  the  designer  combines  an  upper-  and  a  lower  surface 
pressure  distribution  to  meet  the  design  specifications.  Similar  remarks  apply  to  the  values  of  cn/c<Jtot 

which  are  also  obtained  in  the  calculation,  but  not  plotted  here.  Very  often  it  will  not  be  difficult  to 
choose  a  pressure  distribution  for  the  lower  surface  ensuring  an  extremely  low  cd  for  that  surface  at 
positive  lift  coefficient.  In  practice  the  required  cmg  25  may  dictate  the  conditions  on  the  lower  surface. 

It  is  stressed  again  that  the  pressure  distributions  obtained  from  the  design  charts  can  only  be  regarded 
as  guide  lines  for  the  designer.  In  the  first  place  not  all  pressure  distributions  guarantee  a  suitable 
closed  airfoil  shape  [8];  in  the  second  place  the  designer  will  want  to  tune  the  airfoil  for  different 
angles  of  attack. 

In  Che  charts  we  assume  suction  through  one  slot  only,  placed  at  xj .  In  the  detailed  design  it  may  be  found 
that  optimal  results  would  require  multiple-slot-suction  or  a  combination  of  slot  suction  and  distributed 
suction. 

9.  SOME  APPLICATIONS 

In  this  section  we  will  review  some  NLF  airfoil  designs  with  and  without  suction.  Some  of  the  examples  were 
designed  without  using  the  charts;  in  these  cases  an  a  posteriori  comparison  with  the  chart  can  be  made. 

9. I .  Analysis  of  the  NACA  6-series  basic  thickness  forms 


Fig.  10  shows  the  pressure  distribution  (we  will  U(x)  also  indicate  by  pressure  distribution  )  at  o  -  0 
for  the  NACA  664-02 1  basic  thickness  form.  It  is  shown  that  the  forward  part  can  be  approximated  by  a  con¬ 
stant  -6  flow.  The  downstream  part  is  essentially  a  straight  line.  From  results,  not  shown  here,  the  values 
for  8  for  all  6-series  basic  thickness  forms  with  thickness  12,  15,  18  and  21%,  have  been  determined.  Hence 
a  good  approximation  for  the  laminar  boundary  layer  can  easily  be  obtained  from  the  Hartree  flows.  The  tur¬ 
bulent  boundary  layer  over  the  downstream  part  was  calculated  using  Head's  method.  The  resulting  drag  coef¬ 
ficient  for  R,.  ■  9  x  10®  is  compared  in  fig.  II  with  the  experimental  results  from  [1];  it  follows  that  a 
good  approximation  is  obtained.  It  is  known  that  lower  drag  coefficients  may  be  obtained  if  U(x)  over  the 
downstream  part  is  concave  as  in  our  design  charts.  An  additional  curve  in  fig.  II  shows  the  improvement 
resulting  from  applying  the  limiting  pressure  distribution.  In  all  cases  a  safety  margin  ("cq"  <  0)  was 
found.  It  should  be  noted  that  the  influence  of  the  airfoil  thickness  is  negligible  in  this  case.  Fig.  12 
shows  some  results  for  Rc  «  6  x  10"  indicating  the  effect  of  early  transition  at  5%  chord  due  to  roughness. 

It  should  be  noted  that  the  NACA  standard  roughness  is  so  severe,  that  it  causes  a  much  higher  drag  than 
calculated.  Furthermore  it  is  observed  that  for  the  smooth  airfoils,  even  at  21%  thickness  ratio,  the  drag 
still  decreases  with  rearward  movement  of  the  position  of  minimum  pressure.  For  the  early  transition  case 
turbulent  separation  occurs  at  18  and  21%  thickness  for  x|  >  .5;  here  slot  suction  might  give  an  improvement. 


9.2.  Some  new  basic  thickness  pressure  distributions 

Fig.  13  and  14  show  and  D^e  for  the  6-series  basic  thickness  forms  together  with  some  "daring"  extra¬ 
polations  up  till  307  thickness  and  positions  of  minimum  pressure  up  till  x|  «  0.9.  In  a  later  investiga¬ 
tion  these  relations  will  be  improved  through  explicit  calculations.  The  resulting  values  of  U|  and  Ute 
have  been  used  to  design  some  basic  thickness  pressure  distributions  using  the  design  chart.  Some  results 
are  given  in  fig.  13;  fig.  13a  shows  that  a  small  amount  of  suction  would  already  be  sufficient  to  obtain 
non-separated  flow  for  thick  sections  with  the  position  of  minimum  pressure  as  far  downstream  as  x;  -  0.9. 
Fig.  13b  shows  that  very  small  total  drag  coefficients  can  be  realised  in  this  way. 

9.3.  The  NLF(l)  -  416  airfoil 

A  well-known  example  of  an  NLF  airfoil  design  without  suction  has  been  given  by  Somers  in  [28];  the  air¬ 
foil  is  known  as  NLF(I)  -  416.  It  has  been  designed  to  obtain  low  drag  in  cruising  flight  (cj  ■  0.4)  as 
well  as  in  climb  (ci  =  1.0)  for  Reynolds  numbers  typical  for  general  aviation  aircraft.  The  maximum  extent 
of  laminar  flow  which  was  aimed  at,  was  only  30%  chord.  We  will  use  this  design  and  the  experimental  re¬ 
sults  in  [28]  to  show  the  capabilities  of  our  airfoil  analysis  and  design  program.  Fig.  16  shows  the  air¬ 
foil  shape  and  the  potential  flow  pressure  distribution  at  various  angles  of  attack.  From  the  published 
coordinates  it  follows  that  6  =  5.2°  and  y  =  12.8°  (see  also  the  insert  in  fig.  16).  If  we  define  an  effec¬ 
tive  trailing-edge  angle  by 

6  =  atan  -RP-R— ~  V”er 

eff  c  -  x 

we  find  6eff  “  9.35°  for  x  =  0.95  and  6eff  “  9.80  for  x  =  0.90. 

Fig.  17  shows  a  comparison  between  the  calculated  c^  and  c<j  values  as  compared  to  the  experiment  results 
from  [28].  If  we  use  the  actual  values  of  6  and  y  in  Eq . (1 3)  for  the  viscous  correction  on  lift,  the 
resulting  ci  is  about  .06  too  high  at  Rc  *  4  x  10®  (fig.  17b). 

Since  in  Eq.(3)  only  two  parameters  occur  (6  and  y) ,  we  might  determine  effective  values  of  6  and  y  such 
that  at  two  values  of  Oc  the  experimental  result  of  c^  is  reproduced.  Using  ac  ■  -2°  and  ac  ■  +6°  results 
in  Yeff  =  12.7°  and  Seff  =  11°;  these  "effective"  values  have  been  used  in  all  other  calculations  for  this 
airfoil.  It  follows  that  lift  and  drag  are  predicted  well,  except  for  the  drag  at  the  low  Rc  value  of 
1  x  I06.  It  may  be  expected  that  in  the  experiments  laminar  separation  bubbles  have  occurred  at  this  Rc. 
Fig.  18  and  19  show  typical  examples  of  predictions  for  the  pressure  distribution  and  transition  position 
respectively. 

9.4.  The  design  of  a  flapped  NLF  airfoil  with  suction 

At  the  Department  of  Aerospace  Engineering  at  Delft  a  design  study  was  made  by  Goei  [29]  of  laminar  flow 
airfoils  for  application  to  low-subsonic  transport  aircraft.  This  work  served  the  third  author  of  the 
present  paper  as  a  thesis  to  obtain  the  degree  of  aeronautical  engineer  at  Delft  University.  The  design 
specification  for  the  airfoil  was  similar  to  the  one  used  by  Somers  for  NLF ( 1 )  -  416,  namely  low  drag  at 
ci  »  0.4  (cruise)  and  1.0  (en-route  climb) .The  Reynolds  numbers  were,  however,  increased  to  typical  values 
for  short-haul  aircraft  (9  x  10®  at  ci  =  1.0;  18  x  10®  at  ci  *  0.4).  Furthermore  it  was  allowed  to  use  a 
cruise  flap  and  turbulent  boundary  layer  control  by  suction  through  a  slot  and  through  distributed  perfo¬ 
rations.  The  designs  were  made  by  a  trial  and  error  method,  before  we  developed  the  design  chart.  We  will 
briefly  review  the  main  results  for  one  of  the  various  airfoils  which  were  designed;  the  airfoil  will -be 
designated  by  NLAD-1  (Natural  Laminar  flow  Airfoil  Design).  Fig.  20  shows  the  airfoil  shape  with  flap  de¬ 
flections  of  0  and  10  degrees;  the  potential  flow  pressure  distributions  at  various  angles  of  attack  are 
also  shown.  Note  that  the  flap  is  very  effective  in  increasing  cj  without  the  penalty  of  large  adverse 
pressure  gradients  on  the  upper  surface.  It  should  also  be  observed  that  the  pressure  distribution  over  the 
downstream  part  is  nearly  independent  of  the  angle  of  attack.  An  irregularity  occurs  in  the  pressure  dis¬ 
tribution  at  the  lower  surface;  in  a  final  design  this  could,  of  course,  be  eliminated  by  fine-tuning  the 
fairing  between  flap  and  main  contour.  The  suction  distribution  for  the  airfoil  was  designed  such  that 
first  for  zero  flap  deflection  at  ac  =  0  an  optimum  continuous  suction  distribution  was  obtained  by  vary¬ 
ing  the  starting  position  for  the  suction;  this  resulted  in  a  starting  position  of  80%  chord.  The  starting 
value  of  Rq  (R0  suction)  obtained  in  this  way  was  kept  constant  for  all  other  cases.  Slot  suction  at  80% 
chord  was  used  to  reduce  Rq  to  this  value  (Rq  suction)  when  ac  was  increased  and/or  early  transiti  n  due 
to  roughness  occurred.  Although  the  Cq  =  0  limit  in  fig.  20  crosses  the  pressure  distributions,  th  re  is 
no  early  transition;  the  forward  part  of  Cp(x)  differs  too  much  from  a  constant  6-flow  to  be  comparable 
with  our  charts. 

Lift  and  drag  for  various  cases  are  shown  in  fig.  21.  It  follows  that  a  large  lift-loss  due  to  viscosity 
(Eq.(3))  occurs  in  the  no-suction  case.  The  effectiveness  of  the  flap  both  with  and  without  suction  is 
clearly  visible.  It  should  be  observed  that,  even  in  the  case  of  early  transition  due  to  roughness,  suction 
is  very  effective  to  achieve  low  drag.  From  fig.  22  it  follows  that  the  required  suction  coefficients 
remain  reasonably  small.  Hence,  even  if  no  smooth  surfaces  can  be  guaranteed,  the  application  of  turbulent 
b.l.c.  might  be  considered. 

The  permissible  roughness  height  for  Rc  =  9  x  10^  and  18  x  10®  follows  from  fig. 23;  these  results  show  an 
increase  in  permissible  roughness  near  the  stagnation  point  in  contrast  to  the  results  for  constant  8 
(i*  I)  in  fig.  6.  This  is  due  to  the  fact  that  the  constant  -6  approximation  is  not  valid  near  the  stagna¬ 
tion  point  (see  fig.  10);  right  at  the  stagnation  point  we  should  find  6  “  1. 

Some  amplification  calculations  for  various  ac  and  R<,  are  shown  in  fig.  24. 

9.5.  Mask's  low  drag  airfoil  design 

After  the  work,  reported  in  [29]  was  finished,  we  got  access  to  [30]  in  which  Mask  reports  on  low  drag 
airfoil  design  using  passive  laminar  flow  and  an  active  diffusion  b.l.c.  concept,  using  blowing  by  a  wall- 
jet,  together  with  surface/pressure-gradient  shaping.  Fig.  25  shows  one  of  the  pressure  distributions  de¬ 
signed  by  Mask,  together  with  the  result  of  our  design  chart  for  the  same  values  of  Rc,  xj,  U|  and  U-pE  as 
used  by  Mask.  It  follows  that  Mask's  design  has  still  some  safety  margin. 


10.  CONCLUSIONS 

It  has  been  shown  that  laminarisation  by  shaping,  together  with  turbulent  boundary  layer  control,  is  an 
attractive  scheme  for  performance  improvement.  Further  investigations  are  considered  to  be  worth  while. 
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Fig.  11:  Calculated  ca  for  the  NACA  6-senes  basic 
thickness  forms  (Rc  “  9  x  10°) 

improved  result  due  to  con¬ 
cave  U(x)  over  the  rear  part 

Legends  for  figs  II  and  12 
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Fig.  12:  Calculated  drag  for  the  NACA  basic  thick 
ness  forms  at  Rc  »  6  x  10”;  smooth  and 
rough  condition  (transition  assumed  at 
5Z  chord)  . 


Fig.  13:  Maximum  speed  ratio  U|  for  basic  thick¬ 
ness  forms  at  different  x|  and  t/c; 

O  ■  NACA  6-series;  -  *  extrapolated 

Fig.  14:  Non-dimensional  trailing-edge  velocity 
Ute  for  basic  thickness  forms  at  dif¬ 
ferent  X|  and  t/c;  ©  -  NACA  6-series; 
-  »  extrapolated 


Fig.  18:  Calculated  pressure  distribution  for  Fig. 

N1F(I)  -  416  at  ac  -  0.01°  and  R*.  -  4  x  106; 
©(upper  surface)  and  <•>  (lower  surface) 
denote  the  experimental  results  [28] 

,  19:  The  predicted  transition  position  for 
NLF(l)  -  4l6atRc-4x  106;  ©(upper 
surface)  and  <p  (lower  surface)  denote  the 
experimental  results  [28] 
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Fig.  20a:  Airfoil 

shape 

.8  x  1.0 


.8  x  1.0 


Fig.  20b:  Potential  flow  pressure  distributions;  Fig.  20c:  Potential  flow  pressure  distributions; 

zero  flap  detection  flap  deflected  10  degrees 


Fig.  20:  The  NLAD-I  airfoil  without  flap  deflection  and  with  flap  deflected  +  10°; 

— - c  »  0  limit  for  R  ■  9  *  10* 

q  c 


Fig.  22:  Suction  requirements  for  the  NLAD-1  air¬ 
foil;  (p)  Cq  for  the  distributed  suction; 
the  other  curves  give  the  total  suction 
requirement. 

(d):  smooth,  6f  “  0;  (e)  transition  at  5Z 
chord,  6f  »  0;  (f):  smooth,  Sj  ■  10° 


Fig.  23:  Permissible  roughness  height  for  the  NLAD-1 
| airfoil;  (a):  Rc  «  9  x  10&; 

(b):  R,.  -  18  x  10& 


2  A  6  x(Z) 


Fig.  2Aa:  Amplification  calculation  for  the  NLAD-1 
airfoil  at  ac  »  0  and  various  Rc 


.6  x  .8 


Fig.  2Ab:  Amplification  calculation  for  the  NLAD-1 
airfoil  at  various  ac  -  Rc  combinations 


;  a  Fig.  25:  Pressure  distribution  design  by  Mask  [30]; 
X  Rc  -  AO  x  106;  Y/sS  //  Sa  "transition" 


region  defined  by  Mask;  -  according 

to  the  present  design  chart 
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,  SUMMARY 

- 'Since  the  beginning  of  the  NASA  Aircraft  Energy  Efficiency  (ACEE)  program  in  1976, 
significant  progress  has  been  made  in  the  development  of  laminar  flow  technology  for 
commercial  transports.  Exploitation  of  new  materials,  fabrication  methods,  analysis 
techniques,  and  design  concepts  is  providing  convincing  evidence  that  practical  laminar 
flow  control  (LFC)  systems  for  future  transports  could  become  a  reality.  Other  ACEE 
program  studies  indicate  that  extensive  laminar  flow  might  be  achieved  on  small  trans¬ 
ports  with  natural  laminar  flow  (NLF )  wings  or  hybrids  of  NLF  and  LFC  (i.e.,  leading- 
edge  suction  on  an  NLF  type  of  wing).  This  paper  presents  an  overview  of  these  laminar 
flow  technology  developments  and  describes  future  efforts  in  a  broadened  NASA  program  to 
explore  the  potential  and  evaluate  the  practicality  of  different  laminar  flow  concepts 
for  commercial  transports. 


NOMENCLATURE 

ACEE  Aircraft  Energy  Efficiency 

c  chord 

Cj  section  lift  coefficient 

Cp  surface  pressure  coefficient 

DFRF  Dryden  Flight  Research  Facility 

EBP  electron  beam  perforated 

G/E  graphite  epoxy 

HLFC  hybrid  laminar  flow  control 

LEFT  leading-edge  flight  test 

LFC  laminar  flow  control 

M  free-stream  Mach  number 

Mx  Mach  number  component  perpendicular  to  leading  edge 

NLF  natural  laminar  flow 

Rc  Reynolds  number  based  on  chord 

t  wing  thickness 

TACT  Transonic  Aircraft  Technology 

a  angle  of  attack 

fi.  _  leading-edge  flap  angle,  deg 

6_,  _  trailing-edge  flap  angle,  deg 

\  wing  sweep  angle,  deg 


INTRODUCTION 

Laminar  flow  control  (LFC)  is  a  technology  with  great  potential  for  drag  reduction 
and,  hence,  fuel  savings.  The  concept  dates  back  to  the  1930's  when  early  applications 
of  stability  theory  for  laminar  boundary  layers  led  to  the  observation  that  laminar 
boundary  layers  can  be  stabilized  by  either  favorable  pressure  gradients  or  small 
amounts  of  wall  suction.  Research  was  performed  in  many  countries  to  explore  approaches 
for  achieving  extensive  laminar  flow  with  these  concepts.  Stabilization  by  pressure 
gradient  became  known  as  natural  laminar  flow  (NLF),  and  NACA  research  led  to  the  devel¬ 
opment  of  the  six-series  natural  laminar  flow  airfoils.  International  research  on  sta¬ 
bilization  by  suction,  referred  to  as  laminar  flow  control,  was  intensive  at  the  same 
time  and  culminated  in  the  United  States  with  the  flight  tests  of  an  unswept  suction 
glove  on  an  F-94  aircraft  (Ref.  1)  and  the  X-21  flight  tests  (Refs.  2,  3,  4,  and  5)  of  a 
totally  new  swept  LFC  wing  on  a  reconfigured  WB-66  aircraft  in  the  1960 's. 
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These  flight  experiments  removed  any  doubt  that  extensive  laminar  flow  could  be 
achieved  in  flight.  After  the  flight  tests,  however,  unresolved  concerns  prevented 
serious  consideration  of  LFC  as  a  design  option  for  future  aircraft.  A  principal  con¬ 
cern  was  the  practicality  of  producing,  with  the  technology  then  available,  wing  sur¬ 
faces  sufficiently  smooth  and  wave-free  to  meet  laminar-flow  criteria  and  maintaining 
this  wing  surface  quality  in  normal  service  operations. 

In  1976  NASA  initiated  the  Aircraft  Energy  Efficiency  (ACEE)  program  to  develop 
aircraft  fuel  conservation  technology  for  commercial  transports.  One  element  of  the 
ACEE  program  was  to  develop  the  technology  for  viscous  drag  reduction  through  applica¬ 
tion  of  laminar  flow  control.  The  decision  to  include  LFC  as  part  of  the  ACEE  program 
was  based  on  a  number  of  considerations.  The  success  of  the  previous  programs  in 
achieving  laminar  flow  and  the  large  potential  fuel  savings  were  strong  motivations,  but 
the  impact  that  rising  fuel  prices  have  upon  operating  economics  overshadow  the  fuel 
savings.  Finally,  developments  in  materials,  fabrication,  and  airfoil  technology  offer 
to  resolve  the  practicality  concerns.  In  the  ACEE  program,  NASA  has  worked  closely  with 
industry  and  significant  progress  has  been  made,  notably  in  the  development  of  transonic 
airfoils,  practical  wing  construction,  and  practical  leading-edge  systems.  These  devel¬ 
opments  have  also  spawned  new  ideas,  and  rekindled  some  old  ones,  that  could  lead  to 
near-term  applications  of  LFC  technology. 


LAMINAR  FLOW  CONTROL  AIRFOIL  DEVELOPMENT 

Airfoil  development  has  received  attention  because  of  a  desire  to  achieve  laminar 
flow  without  compromising  the  performance  gains  of  advanced  supercritical  airfoils. 
Industry  studies  have  shown  LFC  and  advanced  airfoil  designs  to  be  compatible  (Refs.  6, 
7,  and  8);  however,  NASA  research  indicates  that  the  two  technologies  can  be  synergisti- 
cally  combined.  At  the  Langley  Research  Center  (LaRC),  an  advanced  LFC  airfoil  (Ref.  9) 
has  been  developed  that  incorporates  the  latest  supercritical  airfoil  technology  and 
features  intended  to  simplify  the  achievement  of  laminar  flow.  The  airfoil  (Fig.  1)  has 
supercritical  flow  on  both  the  upper  and  the  lower  surface  and  a  drag  divergence  Mach 
number  comparable  to  advanced  turbulent  supercritical  airfoils,  but,  with  laminar  flow, 
nearly  an  order  of  magnitude  higher  lift-to-drag  ratio.  The  small  leading-edge  radius 
provides  a  rapid  acceleration  through  the  leading-edge  crossflow  region  on  the  upper 
surface  such  that  suction  is  not  required  in  the  leading-edge  region  to  stabilize  cross- 
flow.  The  undercut  region  on  the  lower  surface  improves  the  lift  distribution  and  elim¬ 
inates  suction  requirements  in  the  immediate  lower  leading-edge  region.  The  latter 
feature,  with  the  lower  local  velocities  (and  thus  greater  laminar-flow  tolerance  to 
discontinuities)  enhances  the  prospects  for  installation  of  a  high-lift  device  for 
improving  low-speed  performance.  A  test  program  has  been  initiated  to  evaluate  the 
performance  of  this  airfoil  at  both  high  and  low  speeds. 

Low  speed  high-lift  wind  tunnel  tests  are  being  conducted  in  the  Langley 
4x7  Meter  Tunnel  on  a  3  m  semispan,  1  m  chord  wing  (Fig.  2).  The  model  has  a  constant 
section,  the  advanced  LFC  airfoil,  with  full-span  10  percent  or  12  percent  chord  leading 
edges  and  25  percent  chord  trailing-edge  flaps.  Surface  pressures  are  measured  near 
mid-span.  Figure  3  (Ref.  10)  presents  the  measured  pressure  distribution  for  a  repre¬ 
sentative  configuration  (0.12  chord  leading-edge  flap,  6Le  =  -55®,  6te  *  30°, 
a  =•  16°)  at  a  lift  coefficient  of  2.3;  a  theoretical  pressure  distribution  at  the  same 
lift  is  also  shown.  The  test  indicates  that  the  leading-edge  device  is  required  for 
adequate  low-speed  high-lift  performance.  Cursory  design  studies  (Ref.  11)  indicate 
that  stowage  would  be  possible  in  the  volume  available  in  the  leading  edge. 

High-speed  tests  are  currently  underway  in  the  Langley  8-Foot  Transonic  Pressure 
Tunnel  (TPT)  on  a  large  swept  wing  utilizing  the  advanced  LFC  airfoil  section  (Ref.  12). 
The  primary  objective  of  the  tests  is  to  evaluate  the  effectiveness  of  suction  through 
slots  or  perforated  surfaces  in  extensive  supercritical  flow  regions.  The  model 
(designed  and  fabricated  at  the  Langley  Research  Center)  has  a  constant  section  with  23® 
of  sweep,  a  7.07-ft  chord,  and  a  thickness  ratio  of  13  percent.  At  the  design  point  the 
chord  Reynolds  number  is  20  million;  the  lift  coefficient  and  Mach  number  (normal  to  the 
leading  edge)  is  0.55  and  0.755,  respectively.  Tests  up  to  a  chord  Reynolds  number  of 
40  million  will  be  performed.  With  a  10  percent  chord  trailing-edge  flap,  the  pressure 
distribution  will  be  controlled  to  explore  off-design  performance. 

Extensive  modifications  of  the  8-Foot  TPT  have  been  made  for  the  test  (Fig.  4). 
These  include  modifications  to  reduce  tunnel  turbulence  level  to  much  lower  values, 
installation  of  a  honeycomb  and  five  screens  in  the  settling  chamber  and  a  sonic  choke 
ahead  of  the  diffuser.  A  contoured  liner  has  been  installed  in  the  test  section  to  pro¬ 
duce  an  infinite  swept-wing  flow  over  the  model  surface. 

The  model  currently  installed  in  the  tunnel  (see  Fig.  5)  has  an  aluminum  surface 
with  spanwise  slots  for  boundary  layer  suction.  Presently,  in  the  tests  of  the  slotted 
suction  model,  laminar  flow  has  been  achieved  with  extensive  supercritical  flow  at 
conditions  approaching  the  design  point.  Operating  conditions  are  being  cautiously 
increased  to  avoid  potential  model  damage  and  to  gain  further  experience  with  the  test 
apparatus. 

Under  a  NASA  contract,  the  Douglas  Aircraft  Company  has  fabricated  three  panels  to 
replace  the  upper  wing  surface  panels  of  the  model.  The  suction  surface  of  these  panels 
(see  Fig.  6)  is  electron  beam  perforated  (EBP)  titanium  sheet.  The  titanium  sheet  is 
bonded  to  a  fiberglass  sandwich  panel  with  a  corrugated  core  forming  flutes  for 


subsurface  airflow  transfer.  The  impervious  bond  areas  divide  the  panel  surface  such 
that  suction  through  perforated  strips  occurs  at  the  surface.  Instrumentation  is  cur¬ 
rently  being  installed  in  the  three  panels,  and  tests  will  begin  after  completion  of  the 
slotted  model  tests.  The  results  will  provide  a  direct  comparison  of  the  slotted  and 
perforated  strip  suction  approaches.  A  Douglas  Aircraft  Company  LFC  aircraft  wing 
structure  concept,  to  be  discussed  later,  employs  outer  surface  panels  virtually  identi¬ 
cal  in  construction  to  these  model  panels.  Fabrication  of  the  model  panels  (see  Fig.  7) 
has  been  a  demonstration  of  practical  production  hardware,  since  the  fabrication  methods 
and  panel  layups  used  to  meet  the  demanding  laminar  flow  surface  smoothness,  waviness, 
and  contour  accuracy  requirements  are  believed  to  be  readily  adaptable  to  production 
processes. 

The  EBP  process  produces  finely  spaced,  elliptical  or  circular  perforations.  Holes 
as  small  as  0.0025  in.  in  diameter  at  the  surface  of  the  0.025-in.  thick  titanium  sheet 
can  be  produced.  The  holes  taper  to  about  twice  that  diameter  on  the  opposite  surface. 
Figure  8  shows  the  remarkable  regularity  and  circularity  of  the  holes  produced.  These 
perforations  are  over  an  order  of  magnitude  smaller  than  the  smallest  perforations  that 
were  believed  producible  with  practical  manufacturing  methods  during  the  time  of  the 
X-21  program.  At  that  time,  perforated  suction  surfaces  had  been  dismissed  in  favor  of 
slotted  surfaces.  Wind  tunnel  and  flight  tests  had  shown  that  unless  the  suction  holes 
were  extremely  small,  suction  through  the  holes  induced  flow  disturbances  that  caused 
premature  transition.  Low-speed  wind  tunnel  tests  (Fig.  9)  at  the  Douglas  Aircraft 
Company  (Ref.  7)  indicate  that  the  electron  beam  perforations  are  small  enough  to  allow 
the  use  of  EBP  titanium  as  a  suction  surface.  These  low-speed  tests  were  performed  as 
part  of  an  evaluation  of  a  number  of  candidate  suction  surfaces;  the  two  primary  ones 
were  a  finely  woven  stainless  steel  wire  mesh  surface  (Dynapore)  and  an  electron  beam 
perforated  titanium  surface.  The  Dynapore  surface  (Fig.  10)  consists  of  an  outer 
80  x  700  wire  mesh  layer  diffusion  bonded  to  an  inner  80  x  80  wire  mesh  layer  for  struc¬ 
tural  support.  The  weave  is  calendered  to  produce  a  smooth  flat  surface.  For  the  wind 
tunnel  test,  the  model  had  a  constant  section  with  30°  of  sweep,  a  7-ft  chord,  and 
4.5-ft  span  width.  Interchangeable  leading-edge  panels  allowed  testing  either  type  of 
surface.  The  airfoil  section  and  the  tunnel  wall  liner  were  designed  to  provide  a  sur¬ 
face  pressure  distribution  representative  of  a  future  laminar  flow  transport.  With  a 
nonporous  surface  (no  suction),  boundary- layer  transition  occurred  at  about  8  percent 
chord.  With  suction  applied  on  a  Dynapore,  or  an  EBP  titanium  leading  edge  (with  ellip¬ 
tical  perforations,  0.004  in.  by  0.008  in.),  and  Dynapore  aft  surface,  laminar  flow  was 
maintained  to  80  percent  chord,  even  though  the  suction  region  only  extended  to  70  per¬ 
cent  chord  (Fig.  9).  Tests  with  an  EBP  titanium  suction  surface  with  0.0025  in.  diame¬ 
ter  holes  indicated  even  better  performance.  Based  on  these  aerodynamic  tests  and  other 
structural  and  impact  tolerance  tests,  the  EBP  titanium  surface  was  considered  to  be 
superior  to  Dynapore. 


WING  SURFACE  PANEL  DEVELOPMENT 

A  central  problem  in  the  definition  of  a  practical  production  LFC  transport  is  the 
wing  structure  design.  The  emergence  of  composites,  milled  aluminum  skins,  and  bonded 
skins  as  practical  dt  sign  options  has  changed  the  outlook  since  the  X-21  program  for 
resolving  concerns  about  practical  LFC  wing  structures  meeting  stringent  LFC  surface 
smoothness  and  waviness  criteria.  Although  many  options  have  been  explored  in  the  ACEE 
program  (Refs.  6,  7,  and  8),  two  design  concepts  were  selected  to  evaluate  their  feasi¬ 
bility.  One  approach  has  an  LFC  ducting  network  integrated  into  the  primary  structure 
and  the  wing  surface  suction  is  through  spanwise  slots.  The  other  uses  a  perforated 
suction  surface  with  less  ducting  integration  into  the  primary  structure. 

A  Lockheed-Georgia  Company  (Refs.  6  and  13)  design  is  the  integral  approach  and  it 
employs  extensive  use  of  graphite  epoxy  (G/E)  composite  materials  (Fig.  11).  The  pri¬ 
mary  load  carrying  structure  is  thick  G/E  wing  skin  stiffened  with  G/E  hat  section 
stiffeners.  Titanium  sheet  is  bonded  to  the  G/E  wing  skins  and  presents  a  tough,  damage 
tolerant,  noncorrosive  surface  and  lightning  protection  to  the  substructure.  After  the 
bonding  process,  spanwise  slots  are  cut  in  the  titanium  sheet  with  a  high-speed  steel 
jeweler's  saw.  Suction  air  passes  through  the  slots  into  small  plenums  molded  into  the 
G/E  skins  and  through  metering  holes  to  spanwise  ducts  formed  by  the  hat  stiffeners.  At 
every  other  rib  station,  the  suction  air  is  metered  into  ducts  formed  by  rib  caps  of 
truss  ribs.  The  rib  cap  ducts  penetrate  the  front  spar  web  to  transfer  the  suction  air 
into  trunk  ducts  in  the  leading-edge  box.  The  trunk  ducts  collect  the  suction  air  into 
suction  pumps.  The  suction  pumps  are  driven  by  independent  gas  turbine  power  units; 
both  the  pumps  and  power  units  are  located  under  the  wing  roots. 

To  evaluate  the  design,  an  extensive  fabrication  and  testing  program  has  been 
undertaken  that  examined  materials,  adhesives,  cure  process  variables,  structural  char¬ 
acteristics,  and  fabrication  techniques.  No  significant  problems  were  uncovered.  Manu¬ 
facturing  studies,  based  in  part  upon  the  experience  gained  in  the  structural  specimen 
fabrication,  have  allowed  an  assessment  of  manufacturing  costs  and  performance  benefits 
in  a  comparison  of  features  of  a  Lockheed  LFC  aircraft  with  a  Lockheed  advanced  turbu¬ 
lent  aircraft.  With  each  aircraft  designed  to  carry  400  passengers  for  a  6500  nautical 
mile  flight,  the  LFC  aircraft  has  a  gross  take-off  weight  that  is  8.5  percent  lower  tnan 
the  turbulent  aircraft  and  burns  21.7  percent  less  fuel.  While  the  acquisition  cost  is 
$1.9  million  higher  per  LFC  aircraft,  fuel  usage  per  year  (at  $1.5  per  gallon)  indicates 
that  the  LFC  system's  cost  would  be  offset  in  the  first  6  months  of  operation  with 
annual  fuel  cost  savings  thereafter  of  nearly  $4  million  per  aircraft. 


Adv.  Turbulent  LFC 

TOGW  (lb)  645,073  590,496 

Fuel  burn  (lb)  274,073  214,711 

Acquisition  cost  ($M)  79.2  81.1 

Incremental  fuel  cost  ($M/yr.)  3.9  0 


A  Douglas  (Ref.  14)  LFC  wing  design  is  illustrated  in  Figure  12.  The  main  wing  box 
covers  are  internal  blade  stiffened  G/E  skin  panels.  Suction  panels  are  gloved  to  the 
main  wing  box  and  suction  air  collection  is  external  to  the  wing  box.  The  suction  panel 
construction  is  virtually  identical  to  the  EBP  titanium  suction  panel  construction  for 
the  Langley  wind-tunnel  model  described  earlier  (Fig.  6).  The  suction  panels  are 
attached  to  generally  chordwise  oriented  blades  on  the  outer  surface  of  the  wing  box 
cover.  These  blades  also  form  shallow  ducts  for  suction  air  collection  into  trunk  ducts 
in  the  leading-edge  box.  This  collection  scheme  is  advantageous,  over  for  example  span- 
wise  air  collection,  because  the  quantity  of  air  flow  and  collection  distance  is  such 
that  the  ducts  can  be  very  shallow  and  wing  structural  depth  loss  is  a  minimum.  Behind 
the  rear  spar  and  in  the  leading-edge  box,  air  collection  is  in  spanwise  ducts. 

In  the  Douglas  concept,  suction  is  applied  only  on  the  wing  upper  surface  and  a 
leading-edge  Krueger  flap  is  used.  Acceptable  low-speed  aircraft  performance  is 
achieved  with  a  small  trailing-edge  flap  system  which  allows  laminar  flow  to  85  percent 
chord  on  the  wing  upper  surface  in  cruise.  If  suction  is  desired  on  the  lower  surface 
to  achieve  laminar  flow,  the  Krueger  flap  would  not  be  used  (because  of  Douglas  concerns 
about  maintaining  surface  smoothness  in  the  stowed  condition)  and  a  powerful  30  percent 
chord  trailing-edge  flap  and  larger  wing  is  required  to  meet  acceptable  low-speed  per¬ 
formance.  The  larger  trailing-edge  flap  limits  the  laminar  flow  to  70  percent  chord  and 
the  larger  wing  degrades  cruise  performance.  Douglas  trade  studies  show  that  laminar- 
ization  of  the  upper  surface  is  the  most  effective  application  of  LFC  suction.  Since 
about  two-thirds  of  the  wing  friction  drag  is  due  to  the  upper  surface,  the  aerodynami- 
cally  more  efficient  wing  (sized  for  cruise)  and  more  extensive  laminar  flow  achievement 
yields  an  advantage  for  the  upper  surface  only  suction  concept. 

The  upper  surface  suction  design  also  provides  practical  solutions  to  potential 
manufacturing  and  maintenance  concerns.  The  wing  assembly  can  be  made  from  the  lower 
surface  using  internal  fasteners  that  do  not  penetrate  the  upper  wing  surface.  All 
maintenance  access  can  be  done  through  the  lower  surface,  and  since  most  of  the  ducting 
is  in  the  leading-edge  box,  it  would  be  accessible  by  Krueger  flap  deployment  on  the 
ground.  Finally,  LFC  maintenance  for  impact  damage  would  be  minimized  since  the  upper 
surface  is  least  exposed  to  foreign  object  damage.  Another  asset  is  that  the  Krueger 
flap  can  be  used  to  shield  the  leading  edge  from  insects  and  debris  on  take-off  and 
landing. 


LFC  LEADING-EDGE  SYSTEMS  DEVELOPMENT 

The  most  difficult  problems  of  achieving  laminar  flow  on  commercial  transports 
appear  to  be  associated  with  the  leading-edge  region.  Solutions  to  these  problems  will 
remove  many  concerns  about  the  ultimate  practicality  of  laminar  flow. 

A  principal  concern  in  the  leading  edge  is  residue  from  insect  impacts  on  the  wing. 
Sufficient  surface  roughness  can  be  deposited  to  prevent  the  attainment  of  laminar  flow 
during  cruise  at  altitudes  and  speeds  of  subsonic  transport  operations.  Although  the 
need  for  an  active  "anti-contamination"  system  is  not  clear,  in  the  NASA  program  we 
selected  the  prudent  course  of  developing  potential  systems  and  assessing  thei-  need  in 
actual  operations.  Two  approaches  for  insect  protection  have  been  developed.  A 
Lockheed  concept  consists  of  injecting  a  cleaning  fluid  through  slots  above  and  below 
the  attachment  line  (Refs.  6  and  15).  Lockheed  verified  the  feasibility  of  this  concept 
during  wind  tunnel  tests  in  their  low-speed  wind  tunnel  facility  (Ref.  6).  A  partial- 
span  full-scale  leading-edge  section  (Fig.  13)  was  subjected  to  insects  injected  in  the 
free  stream  at  number  densities  much  higher  than  expected  in  actual  flight  at  take-off 
or  landing  conditions.  Cleaning  fluid  injected  through  leading-edge  slots  completely 
covered  and  protected  the  upper  and  lower  surfaces;  the  insects  did  not  adhere  to  the 
wet  surface.  Douglas  utilizes  the  Krueger  high-lift  device  as  a  protective  shield 
against  insect  impact.  Tests  were  conducted  (Ref.  7)  in  the  NASA  Lewis  Icing  Research 
Tunnel  (Fig.  14)  to  evaluate  the  effectiveness  of  a  Krueger  shield  in  protecting  the 
leading  edge  from  insect  contamination.  These  tests  (supported  by  trajectory  analysis) 
demonstrated  that  the  Krueger  flap  serves  as  an  effective  line-of-sight  shield  for  heavy 
insects,  but  suggest  that  a  supplemental  spray  may  be  necessary  to  protect  against  pos¬ 
sible  impingement  of  lighter  insects  in  some  areas  of  the  wing.  In  particular,  wing 
twist  can  result  in  direct  impacts  in  the  outboard  regions,  and  the  high  lift  induced  in 
the  inboard  region  can  deflect  lighter  insects  into  the  wing. 

Clearly  the  integration  of  either  of  the  above  systems  with  the  anti- icing  and  suc¬ 
tion  systems  in  the  leading  edge  represents  a  formidable  design  challenge.  A  flight 
program  is  currently  underway  within  NASA  to  evaluate  the  effectiveness  of  these  inte¬ 
grated  leading-edge  systems  developed  by  Douglas  and  Lockheed  over  the  past  few  years. 
Under  NASA  contracts  both  companies  have  designed  and  fabricated  a  leading-edge  test 
article  to  be  installed  on  a  Jetstar  (see  Fig.  15)  to  demonstrate  that  the  required 
systems  can  be  packaged  into  a  leading-edge  section  representative  of  future  LFC 
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commercial  transport  aircraft,  and  that  these  systems  can  operate  reliably  with  minimum 
maintenance  in  an  airline  flight  environment. 

The  Lockheed  leading-edge  concept  is  illustrated  in  Figure  16.  The  leading-edge 
box  structure  is  a  sandwich  construction.  A  0.016-in.  thick  titanium  outer  sheet  is 
bonded  to  a  sandwich  substructure  of  graphite  epoxy  face  sheets  with  a  Nomex  honeycomb 
core.  Suction  is  accomplished  through  fine  spanwise  slots  (0.004  in.  in  width)  on  both 
the  upper  and  lower  surfaces  to  the  front  spar.  The  suction  flow  is  routed  through  the 
structure  by  a  combination  of  slot  ducts,  metering  holes  and  collector  ducts  embedded  in 
the  honeycomb.  The  Lockheed  insect  protection  system  i$  integrated  with  the  anti-icing 
protection  system.  It  consists  of  dispensing  a  cleaning/anti-icing  fluid  over  the  sur¬ 
face  through  slots  above  and  below  the  attachment  line.  These  slots  are  purged  of  fluid 
during  climbout  and  provide  suction  to  achieve  laminar  boundary  layer  flow  at  cruise 
conditions. 

The  Douglas  leading-edge  concept  (Fig.  17)  consists  of  an  EBP  titanium  sheet  bonded 
to  a  fiberglass  sandwich  substructure  which  forms  a  suction  panel.  This  removable  suc¬ 
tion  panel  is  attached  to  a  ribbed  supporting  substructure.  The  areas  where  the  EBP 
skin  bond  to  the  corrugated  substructure  are  impervious  to  flow;  thus,  suction  is 
through  perforated  strips.  Alternate  substructure  flutes  are  used  for  suction  air  col¬ 
lection.  Suction  is  applied  only  on  the  upper  surface  from  just  below  the  attachment 
line  to  the  front  spar.  A  Krueger-type  flap  serves  as  a  protective  shield  against 
insect  impact.  Supplemental  spray  nozzles  on  the  underside  of  the  Krueger  shield  coat 
the  leading  edge  with  a  fluid  freezing  point  depressant  to  guard  against  impingement  of 
lighter  insects  in  some  areas  of  the  wing.  In  icing  conditions,  the  Krueger  serves  as 
the  primary  anti- icing  protection  of  the  leading  edge,  supplemented  as  required  with  the 
spray  nozzle  system.  The  shield  leading  edge  is  equipped  with  a  TKS  (commercially 
available)  ice  protection  system  (Ref.  16).  A  system  for  purging  fluid  from  the  suction 
flutes  and  surface  perforations  is  provided  if  required. 

Flight  acceptance  testing  began  in  late  1983  at  the  NASA  Dryden  Flight  Research 
Facility;  Figure  18  shows  the  aircraft  in  flight.  Reference  17  contains  a  detailed 
description  of  this  program.  After  an  evaluation  of  the  individual  performance  of  all 
the  systems,  a  simulated  airline  service  phase  of  flight  testing  will  be  performed 
wherein  the  modified  Jetstar  will  operate  out  of  "home  base"  areas  throughout  the  United 
States  (Fig.  19).  Two  or  more  flights  daily  will  be  made.  The  condition  of  the  test 
articles  and  achievement  of  laminar  flow  will  be  fully  documented  after  each  flight. 
These  simulated  airline  service  flights  are  designed  to  provide  operational  experience. 
The  LFC  systems  will  be  operated  in  a  "hands  off"  mode,  to  establish  a  maintenance  and 
reliability  data  base.  A  potential  operational  problem  identified  during  the  X-21  pro¬ 
gram  could  be  the  effect  of  high  altitude  ice  particles. 


HIGH  ALTITUDE  ICE  PARTICLE  EFFECTS 

During  flight  testing  with  the  X-21  LFC  aircraft,  it  was  observed  that  laminar  flow 
was  temporarily  lost  whenever  the  aircraft  penetrated  cirrus  clouds,  concentrations  of 
ice  crystals  at  high  altitude.  Given  this  possibility,  a  program  was  initiated  to 
determine  the  probability  of  encountering  clouds  along  various  airline  routes  and  how 
cloud  frequency  varies  with  altitude,  latitude,  longitude,  and  season  (Ref.  18).  Cloud- 
encounter  data  were  available  from  the  NASA  Global  Atmospheric  Sampling  Program  (GASP) 
archive  (Ref.  19).  In  the  GASP  program,  meteorological  and  trace-constituent  measure¬ 
ments  of  ambient  atmospheric  conditions  were  taken  worldwide  aboard  four  Boeing  747* s 
during  routine  commercial  service  to  obtain  detailed  measurements  of  the  upper  tropo¬ 
sphere  and  the  lower  stratosphere.  These  measurements  (made  during  1975-79  on  some 
3,000  flights)  included  some  88,000  cloud  encounters.  Using  this  data  base,  an  analysis 
of  LFC  loss  on  major  airline  routes  was  made  (Fig.  20).  The  calculations  assumed  that 
all  cloud  encounters  result  in  laminar  flow  loss  and  that  no  cloud  avoidance  measures 
(flight  management)  are  taken.  Using  these  conservative  assumptions,  the  results  pre¬ 
sented  in  Figure  20  show  that  laminar  flow  should  be  lost  at  most  for  about  8  percent  of 
the  flight  time  (world  wide).  Hence,  although  infrequent,  cloud  encounters  are  not  neg¬ 
ligible  and  do  occur  frequently  enough  to  make  further  study  of  cloud-encounter  effects 
desirable.  As  part  of  the  leading-edge  flight  program,  a  Knollenberg  probe  will  be 
flown  on  the  fuselage  (Fig.  20)  to  monitor  ice  particle  concentrations  to  correlate  with 
the  achievement  of  laminar  flow. 


NEW  DIRECTIONS 

Recent  NASA  research  (Ref.  20)  is  encouraging  with  regard  to  the  prospects  of 
obtaining  significant  amounts  of  laminar  flow  on  small  commercial  transports  with  either 
natural  laminar  flow  or  a  hybrid  of  natural  laminar  flow  and  laminar  flow  control.  In 
1980  the  TACT-F111  aircraft  at  the  NASA  Dryden  Flight  Research  Facility  was  flown  with 
a  full  chord,  partial  span  airfoil  glove  designed  to  achieve  natural  laminar  flow 
(Ref.  21).  In  these  flight  tests  extensive  laminar  flow  was  observed  at  moderate  wing 
sweeps  suggesting  that  NLF  could  be  a  design  option  provided  wing  sweep  is  not  exces¬ 
sive.  NASA  has  also  sponsored  a  recent  evaluation  by  the  Boeing  Company  (Ref.  20)  of  a 
hybrid  laminar  flow  control  concept,  HLFC,  which  shows  attractive  gains  from  combining 
LFC  suction  in  the  leading-edge  region  with  NLF  over  the  wing  box  (Fig.  21).  The  suc¬ 
tion  in  the  leading-edge  box  controls  the  strong  crossflow  disturbances  that  occur 
initially  on  swept  wings;  over  the  wing  box  the  pressure  distribution  is  tailored  to 
provide  favorable  gradients  to  stabilize  the  two-dimensional  disturbances.  Laminar  flow 
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to  60  percent  chord  might  be  achieved;  the  extent  will  depend  upon  the  leading-edge 
sweep,  chord  Reynolds  number,  and  amount  of  suction.  However,  significant  performance 
benefits  appear  to  be  achievable  without  the  wing  sweep  compromise  required  of  natural 
laminar  flow  or  the  structural  complications  of  LFC  ducts  embedded  in  the  wing  in-spar 
structure . 

At  present,  transition  data  applicable  to  this  type  of  wing  pressure  distribution 
(Fig.  21)  is  limited  and  is  needed  in  order  to  make  valid  assessments  of  the  potential 
of  NLF  or  HLFC  wings  for  transports  of  various  sizes  and  speeds.  A  flight  program  has 
been  initiated  to  provide  a  transition  data  base  for  such  wing  designs.  An  F-14  air¬ 
craft  with  variable  wing  sweep  capability  will  be  modified  with  up  to  three  full-span 
gloves  to  produce  a  range  of  upper  wing  surface  pressure  distributions  (Fig.  22).  The 
gloves  will  be  constructed  of  foam  and  fiberglass  with  no  provisions  for  suction  and 
scabbed  onto  the  existing  wing  surface.  The  gloves  will  extend  from  below  the  attach¬ 
ment  line  over  the  upper  surface  to  the  rear  spar  location  (  «60  percent  chord).  The 
first  glove  will  be  a  simple  fiberglass  cover  of  the  basic  wing  which  was  a  strong 
favorable  pressure  gradient  over  the  wing  box.  The  fiberglass  cover  will  give  the  wing 
a  smooth,  nearly  wave-free  surface  which  meets  laminar  flow  disturbance  criteria. 
Current  plans  are  to  begin  flight  testing  of  the  basic  wing  glove  in  early  1985. 


CONCLUDING  REMARKS 

Future  NASA  efforts  will  extend  the  current  research  to  explore  the  practicality  of 
the  achievement  of  extensive  laminar  flow  in  routine  flight  operations.  Currently  envi¬ 
sioned  is  a  DC-9  class  transport  as  a  test  bed  aircraft  (Fig.  23).  LFC,  NLF,  or  hybrid 
gloves  would  first  be  flown  to  perform  flight  research  in  crucial  problem  areas.  Reli¬ 
ability  and  maintenance  would  then  be  evaluated  and  experience  gained  with  actual  flight 
operations.  The  ultimate  objective  will  be  to  establish  a  technology  base  for  future 
industry  exploitation  of  laminar  flow  technology.  The  potential  benefits  of  extensive 
laminar  flow  achievement  on  commercial  transports  are  enticing,  and  accomplishments  to 
date  indicate  that  they  may  be  achievable. 


REFERENCES 

1.  Groth,  E.  E . ;  Carmichael,  B.  H.;  Whites,  R.  C.;  and  Pfenninger,  W.:  Low  Drag 
Boundary  Layer  Suction  Experiments  in  Flight  on  the  Wing  Glove  of  a  F94-A  Airplane- 
Phase  II:  Suction  Through  69  Slots.  NAI-57-318,  BLC-94  (Contract  AF-33 
(616J-3168),  Northrop  Aircraft,  Inc.,  February  1957. 

2.  Antonatos,  P.  P.:  Laminar  Flow  Control  -  Concepts  and  Applications.  Astronautics 
and  Aeronautics,  July  1966. 

3.  Nenni,  J.  P.;  and  Gluyas,  G.  L. :  Aerodynamic  Design  and  Analysis  on  an  LFC 
Surface.  Astronautics  and  Aeronautics,  July  1966. 

4.  White,  R.  C.;  Sudderth,  R.  W. ;  and  Wheldan,  W.  G.:  Laminar  Flow  Control  on  the 
X-21.  Astronautics  and  Aeronautics,  July  1966. 

5.  Pfenninger,  W. ;  and  Reed,  V.  D.:  Laminar-Flow  Research  and  Experiments. 
Astronautics  and  Aeronautics,  July  1966. 

6.  Sturgeon,  R.  F.;  et  al.:  Evaluation  of  Laminar  Flow  Control  System  Concepts  for 
Subsonic  Commercial  Transport  Aircraft.  NASA  CR-159253,  September  1980. 

7.  Anon,  Douglas  Aircraft  Co.  Staff,  Evaluation  of  Laminar  Flow  Control  System  Con¬ 
cepts  for  Subsonic  Commercial  Transport  Aircraft.  NASA  CR-159251,  June  1983. 

8.  Anon,  Boeing  Commercial  Aircraft  Co.  Staff,  Evaluation  of  Laminar  Flow  Control 
System  Concepts  for  Subsonic  Commercial  Transport  Aircraft.  NASA  CR-158976, 
December  1978. 

9.  Pfenninger,  W. ;  Reed,  H.  L. ;  and  Dagenhart,  J.  R.:  Design  Considerations  of 
Advanced  Supercritical  Low  Drag  Suction  Airfoils.  AIAA  Technical  Papers 
(A81-26501),  1980,  Vol .  72  of  Progress  in  Astronautics  and  Aeronautics, 

pp.  249-271. 

10.  Applin,  Z.  T.:  Private  Communication  to  authors,  February  27,  1984. 

11.  Applin,  Z.  T.:  Status  of  NASA  Advanced  LFC  Airfoil  High-Lift  Study.  NASA  CP  2218, 
September  1981,  pp.  43-61. 

12.  Harvey,  W.  D. ;  and  Pride,  J.  D. ,  Jr.:  NASA  Langley  Laminar  Flow  Control  Airfoil 
Experiment.  NASA  CP  2218,  September  1981,  pp.  1-42. 

13.  Anon:  Laminar  Flow  Control.  Lockheed-Georgia  Company  (NAS1-16219  and 
NAS1-16235).  Presented  at  the  NASA-Dryden  Flight  Research  Facility,  September 
1981. 


u 


Pearce,  W.  E.:  Progress  at  Douglas  on  Laminar  Flow  Control  Applied  to  Commercial 
Transport  Aircraft.  NAS1-16234,  Douglas  Aircraft  Company.  Presented  at 
NASA-Dryden  Flight  Research  Center,  September  1981. 

Etchberger,  F.  R.:  Laminar  Flow  Control  Leading  Edge  Glove  Flight  -  Aircraft 
Modification  Design,  Test  Article  Development,  and  Systems  Integration.  NASA 
CR-172136,  November  1983. 

McNay,  D. ;  and  Allen  J.:  Laminar  Flow  Control  Leading  Edge  Glove  Flight  Test 
Article  Development  (NAS1-16220 ) .  Presented  at  the  NASA-Dryden  Flight  Research 
Facility,  September  1981. 

Fischer,  M.  C.;  Wright,  A.  S.,  Jr.;  and  Wagner,  R.  D. :  A  Flight  Test  of  Laminar 
Flow  Control  Leading-Edge  Systems.  NASA  TM-85712,  December  1983. 

Davis,  R.  E.;  and  Fischer,  M.  C.:  Cloud  Particle  Effects  on  Laminar  Flow  and 
Instrumentation  for  Their  Measurement  Aboard  a  NASA  LFC  Aircraft.  AIAA  Paper  No. 
83-2734,  November  1983. 

19.  Jasperson,  W.  H.;  Nastrom,  G.  D. ;  Davis,  R.  E.;  and  Holdeman,  J.  D. :  Cloud 
Encounter  Statistics  in  the  28.5-43.5  kft  Altitude  Region  from  Four  Years  of  GASP 
Observations.  Proceedings  of  the  Ninth  conference  on  Aerospace  and  Aeronautical 
Meteorology  (American  Meteorological  Society),  Omaha,  NE,  June  6-9,  1983, 

pp.  159-164. 

20.  Anon,  Boeing  Commercial  Aircrart  Company  Staff,  Hybrid  Laminar  Flow  Control 
Study.  NASA  CR-165930 ,  October  1982. 

21.  Montoya,  L.  C.;  Steers,  L.  L. ;  Christopher,  D. ;  and  Trujillo,  B.:  F-lll  TACT 
Natural  Laminar  Flow  Glove  Flight  Results.  NASA  CP  2208,  September  1981. 


. . . . 


Figure  7.  Photograph  of  electron  beam 
perforated  titanium  panels 


AIRFLOW  ^  v 

transition  location-  '-f 

NONPOROUS  SURFACE 


Figure  17.  Douglas  leadinq  edge  fliqht 
test  article 


HOUSTON 


KNOLLENBERG  PROBE  MEASUREMENTS 


ROUTE  STRUCTURE 
GASP  DATA  BASE 


LFC  LOSS-YEARLY  AVERAGE 
WITHOUT  FLIGHT  MANAGEMENT 


PERCENT  OF  FLIGHT  TIME 
LFC  IS  LOST 


Finure  20.  Instrumentation  for  measurement  of  cloud  particles 
and  estimates  of  their  effect  on  LFC  loss 


TYPICAL  WINQ  SECTION 


Figure  21.  NLF/HLFC  wing  concept 


OBJECTIVE: 

ESTABLISH  BOUNDARY  LAYER 


F- 1 4  TRANSITION  DATA  BASE  FOR 

LAMINAR  FLOW  WINS  OESK3N 


Figure  22.  F-14  variable  sweep 

transition  fliaht  experiment 


Figure  23.  Laminar  flow  wing  flight 
research  aircraft 


TURBULENT  DRAG  REDUCTION  RESEARCH 
D.  M.  Bushnell,  J.  B.  Anders,  M.  J.  Walsh, +  and 
R.  V,  Mclnville++ 


NASA  Langley  Research  Center 
Hampton,  Virginia  23665 

ABSTRACT 


AD-P004  066 


Paper  summarizes  recent  NASA  research  in  the  area  of  turbulent  drag  reduction  for  attached  flows. 
The  most  promising  passive  techniques  utilize  non-planar  geometry  and  indicate  a  possible  combined  net 
performance! the  order  of  20  percent.  Of  particular  interest  is  the  suitability  of  these  devices  for 
retrofit  of  existing  vehicles.  Research  to  optimize  an  active  system  involving  tangential  slot  injec¬ 
tion  of  low  momentum  (LFC)  air  indicates  that  free  shear  layers  which  are  initially  turbulent  can  be 
favorably  controlled  through  use  of  rigid  plates  (large -qddy-breakup  devices).  More  conventional  flow 
control  approaches^such  as  narrow-band  acoustic  inputs^are  evidently  not  effective  for  free  mixing 
regions  imbedded  in  thick  turbulent  layers.  Experiments  indicate  that  high  frequency  forcing  of  Emmons 
spots  in  the  initial  transition  region  to  create  small  scale  motions  provides  localized  drag  reductions, 
but  net  reductions  are  not  yet  available  due  to  the  high  levels  of  forcing  energy  required. 


NOTATION 


Cp  total  drag  coefficient  x  streamwise  coordinate 

Cf  local  skin  friction  coefficient  y  coordinate  normal  to  surface 

D  total  drag  ~  yaw  angle 

h  device  height  in  physical  plane  6  boundary  layer  thickness 

h  riblet  height  in  law-of-the-wal 1  8  momentum  thickness 

coordinates 

l  device  chord  Subscripts 

R  Reynolds  number  based  upon  device  chord  »  free  stream 

and  local  conditions  FP  flat  plate 

S  riblet  spacing  in  physical  plane  HF  high  frequency 

aS  longitudinal  spacing  for  tandem  LEBU  o  device  location 

devices  w  wall 

s+  riblet  spacing  in  law-of-the-wal 1  1,2,3  device  number 

coordinates 

t  device  thickness 

u,v  longitudinal  and  normal  velocity 

components 

INTRODUCTION 

Previous  research  on  pressure  drag  reduction  and  roughness  control  decreased  the  zero-lift  drag 
coefficient  of  most  air  and  underwater  bodies  to  the  very  low  values  typical  of  attached  turbulent  shear 
flow.  Reduction  of  this  residual  skin  friction  drag  is  a  major  barrier  to  further  optimization  of 
cruise  performance  for  most  aerodynamic  and  hydrodynamic  bodies.  Typical  benefits  from  a  sizable  reduc¬ 
tion  in  viscous  drag  include  design  options  for  (a)  increased  range,  (b)  increased  speed,  (c)  decreased 
size/cost,  (d)  decreased  fuel  usage,  and/or  (e)  greater  acceleration/maneuverability. 

The  present  paper  deals  primarily  with  the  problem  of  reducing  turbulent  skin  friction  drag  on 
bodies  (as  opposed  to  wings)  for  conditions  where  conventional  laminar  flow  control  is  either  not  feasi¬ 
ble  or  inordinately  difficult.  Much  of  the  background  and  status  in  the  area  of  turbulent  drag  reduc¬ 
tion  is  documented  in  Reference  1.  Due  to  the  absence  of  any  sensible  “theory"  of  "shear  flow  turbu¬ 
lence"  the  research  in  this  area  is,  of  necessity,  primarily  empirical  (particularly  in  regard  to  actual 
performance  to  the  nearest  percent).  The  Turbulent  Drag  Reduction  Research  Program  at  NASA  Langley 
currently  includes  a  total  of  12  different  approaches.  The  present  paper  summarizes  the  status  of  five 
of  these  approaches:  (1)  large-eddy  breakup  devices,  (2)  riblets,  (3)  slot  injection  optimization,  (4) 
control  of  Emmons  spot  generation,  and  (5)  relaminarization  through  massive  suction.  Except  for  the 
Emmons  spot  work  these  methods  all  indicate  the  possibility  of  sizable  net  reductions  in  skin  friction 
for  laboratory  conditions.  Further  tests  and  optimization  at  conditions  approaching  flight  (higher  R  , 
qm  ,  u^  )  are  still  required  before  these  approaches  can  be  applied,  either  to  new  designs  or  as  a 
retrofit. 

It  should  be  noted  that  the  viscous  flow  control  offered  by  drag  reduction  devices  is  also  of 
interest  for  several  other  purposes  including  (1)  increased  sensor  accuracy,  (2)  reduced  wall  pressure 
fluctuations,  and  (3)  decreased  size/drag  of  boundary  layer  diverters. 

LARGE -EDDY  BREAKUP  DEVICES 

Large-eddy  breakup  devices  (LEBU's  or  turbulence  manipulators  or  ribbons,  as  they  are  variously 
called)  have  demonstrated  large  reductions  in  local  skin  fciction  and  net  drag  in  air  for  some  labora¬ 
tory  conditions.  The  early  initial  experiments  at  Langley2  and  the  Illinois  Institute  of  Technology^ 
were  followed  by  the  dramatic  results  of  Corke,  et  al*  showing  a  30  percent  reduction  in  skin  friction 


^^Head,  Viscous  Flow  Branch,  High-Speed  Aerodynamics  Division 
Leader,  Turbulence  Structure  and  Modeling  Group,  Viscous  Flow  Branch,  High-Speed  Aerodynamics  Division 
^Leader,  Turbulent  Drag  Reduction  Group,  Viscous  Flow  Branch,  High-Speed  Aerodynamics  Division 
+North  Carolina  State  University 
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with  a  20  percent  reduction  in  net  drag  over  a  downstream  distance  of  50-60  boundary-layer  thick-  ^ 

nesses.  Follow-on  experiments  by  Hefner,  et  al1  at  similar  conditions  produced  smaller  net  reductions,  '“s 

(6  percent)  and  indicated  an  apparent  sensitivity  to  the  details  of  the  transition  process.  Bertelrud” 
also  measured  a  smaller  net  reduction  £5  percent)  but  witn  local  skin-frictionQreductions  of  up  to  40  V 

percent.  More  recent  works  by  Takagi ,  Nguyen,  et  al ,  and  Mumford  and  Savill9  have  obtained  maximum  ,»] 

skin-friction  reductions  of  20  percent,  35  percent,  and  33  percent,  respectively,  downstream  of  various  .‘■IJ 

large-eddy  breakup  devices.  >t- 


Except  for  the  experiments  of  Reference  8,  which  were  conducted  at  a  Reynolds  number  R  ~  6000  at 
the  position  of  the  large-eddy  breakup  device,  all  of  the  other  LEBU  experiments  were  conducted  at 
relatively  low  device  location  Reynolds  numbers  (Ro  <  2300).  In  addition,  all  of  these  experiments 

limited  their  downstream  measurements  to  less  than  100  boundary-layer  thicknesses  (Ro  <  6500).  These 
low  Reynolds -number  boundary  layers  probably  still  contain  remnants  of  transition-related  structures10 
and  have  not  yet  reached  an  "asymptotic"  state.  Therefore,  the  optimum  large-eddy  breakup  configuration 
for  these  reported  experiments  might  be  dependent  on  this  remnant  of  the  transitional  structure  and 
consequently  upon  the  details  of  the  transition  process  peculiar  to  the  individual  tests.  The  most 
recent  work  at  Langley  extends  the  data  base  for  large-eddy  breakup  devices  to  intermediate  Reynolds 
numbers  (R  ~  .3300  at  the  device)  with  downstream  effects  measured  to  330  boundary -layer  thicknesses 
(R  ~  17  x  10-*).  Although  such  Reynolds  numbers  do  not  approach  levels  expected  in  actual  flight  appli¬ 
cation,  they  do  bring  the  data  closer  to  the  "asymptotic"  turbulent  boundary-layer  state.  Additionally, 
these  measurements,  over  the  relatively  large  area  downstream  of  the  large-eddy  breakup  devices,  per¬ 
mitted  a  determination  of  the  relaxation  behavior  and  skin-friction  reduction  effectiveness  of  the 
altered-turbulent  boundary  layer.  This  is  extremely  important  because  sufficiently  long  relaxation 
regions  of  reduced  skin  friction  are  necessary  to  compensate  for  the  device  drag  of  the  candidate  large- 
eddy  breakup  devices. 

Optimization  of  the  drag  reduction  performance  of  large-eddy  breakup  devices  requires  that  the 
mechanisms  involved  in  the  drag  reduction  process  be  determined.  A  number  of  mechanisms  have  been  pro¬ 
posed  by  the  various  experimenters.  Reference  2  suggests  that  the  laege-eddy  breakup  devices  "unwind" 
the  large  outer  scales  in  the  turbulent  boundary  layer.  Corke,  et  al4  suggest  four  possible  mechanisms 
including:  (1)  restriction  of  the  vertical  velocity  components  by  the  horizontal  elements  of  the  large- 
eddy  breakup  devices;  (2)  suppression  of  the  large  scales  due  to  the  unsteady  circulation  around  the 
elements  of  the  large-eddy  breakup  devices  (similar  to  the  "unwinding"  of  Ref.  2);  (3)  generation  of  new 
scales  in  the  outer  part  of  the  turbulent  boundary  layer  by  the  vortices  formed  in  the  wakes  of  the 
large-eddy  breakup  devices;  and  (4)  transfer  and  redistribution  of  energy  from  the  turbulence  to  the 
mean  flow.  The  more  recent  work  of  Reference  9  suggests  a  combined  mechanism;  i.e.,  the  elements  of  the 
large-eddy  breakup  devices  cut  through  the  large-scale  structures  (hairpin  vortices),  as  a  result  of  the 
v  =  o  boundary  condition  at  the  surfaces  of  the  LEBU  elements,  and  introduce  into  the  resulting  dis¬ 
turbed  layer  a  wake  composed  of  closely-packed  vortices  which  retain  their  identity  downstream  to  60 
boundary-layer  thicknesses.  According  to  Reference  9,  the  interaction  of  these  wake  vortices,  particu¬ 
larly  the  "counter  vorticity"  components,  with  the  large-scale  structure  remnants  ("chopped"  hairpin 
vortices)  provides  the  primary  mechanism  for  reducing  skin  friction.  In  an  attempt  to  determine  and 
verify  which  of  these  mechanisms  may  be  valid.  Reference  11  employed  a  variety  of  large-eddy  breakup 
devices  with  thin,  flat,  rectangular  elements  mounted  either  alone,  in  tandem,  or  in  stacked  arrays 
within  a  turbulent  boundary  layer.  Device  drag,  local  skin  friction,  net  drag,  and  downstream  relaxa¬ 
tion  lengths  were  obtained  for  each  of  the  geometries  investigated.  A  brief  summary  of  this  work  is 
presented  herein  and  a  number  of  critical  questions  relating  to  the  practical  application  of  large-eddy 
breakup  devices  will  be  addressed.  These  include:  the  aforementioned  effect  of  higher  Reynolds  numbers 
on  the  performance  of  the  LEBU  devices;  the  extent  of  the  relaxation  process  downstream  of  the  LEBU 
devices  (Do  the  large-scale  structures,  once  altered  or  destroyed,  recur?  If  they  do  recur,  how  far 
downstream?  When,  if  ever,  does  the  local  skin  friction  begin  to  increase?);  the  reduction  of  device 
drag  and  the  mechanisms  involved  in  the  large-eddy  breakup  process. 

Apparatus  and  Tests  Conditions 


The  experiments  were  conducted  on  a  splitter  plate  mounted  horizontally  in  the  test  section  of  the 
Langley  2'  x  3‘  Low-Speed  Boundary  Layer  Channel.  The  plate  was  a  3.1  cm  thick  aluminum-honeycomb  sand¬ 
wich  which  spanned  the  0.91  m  width  of  the  test  section  and  extended  from  a  point  0.3  m  downstream  of 
the  test  section  entrance  to  the  diffuser  entrance,  for  a  total  length  of  5.8  m.  The  leading  edge  of 
the  splitter  plate  was  a  6:1  ellipse.  Smoke-wire  flow-visualization  studies  were  used  to  ensure  that 
the  leading-edge  stagnation  streamline  was  located  on  the  working  side  of  the  plate  and  that  no  leading- 
edge  separation  was  present.  The  boundary  layer  was  tripped  using  a  5  cm  wide  strip  of  30  grit,  open- 
coat  sandpaper  postioned  5  cm  downstream  of  the  plate  leading  edge.  Measurements  with  a  surface  pitot 
tube  indicated  boundary-layer  transition  occurred  on  the  sandpaper  itself.  The  general  arrangement  of 
the  test  plate  is  shown  in  Figure  1. 

All  of  the  various  LEBU  configurations  were  tested  at  a  fixed  station  on  the  test  plate  (xg  =  61 
cm).  The  boundary-layer  thickness  at  this  station  was  1.27  cm  and  the  momentum  thickness  Reynolds  num¬ 
ber  was  3300.  The  devices  themselves  consisted  of  thin,  ribbon-like  strips  suspended  parallel  to  the 
test  surface  within  the  turbulent  boundary  layer.  The  chords  of  the  devices  used  in  the  present  experi¬ 
ment  were  1.27  cm  (  £/{_  =  1)  and  1.09  cm  (  £/6~  =  0.86)  with  a  thickness  of  0.25  mm  (  t/6  -  0.02), 
although  a  limited  number  of  tests  were  conducted  with  0.508  ntn  thick  devices  (  t/S  =  0.04)?  A  ten¬ 
sioning  mechanism  was  mounted  outside  the  test  section  to  hold  the  LEBU  devices  (which  passed  through 
holes  in  the  test  section  wall).  The  devices  experienced  single-mode  vibration  when  unsupported  over 
the  entire  0.91  m  width  of  the  test  section,  even  at  near  yield-point  tension.  For  this  reason  0.5  mm 
thick  vertical  struts  were  placed  between  the  test  plate  and  the  devices  at  positions  15  and  43  cm  on 
each  side  of  the  tunnel  centerline.  Spanwise  surveys  706Q  downstream  showed  no  evidence  of  these 
supports. 

The  local  skin-friction  coefficients  were  obtained  using  the  momentum  balance  technique.  The  boun¬ 
dary-layer  surveys  were  made  using  a  flattened  pitot  probe  referenced  to  local  freestream  static 
pressure  and  driven  by  a  streamlined,  3-axis  traverse  mechanism  mounted  to  the  roof  of  the  test  sec- 
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tion.  The  vertical  position  of  the  probe  was  determined  to  within  +0*5  rim  using  a  500  line  optical 
encoder  mounted  on  a  traverse  lead  screw.  A  40-60  point  velocity  survey  was  performed  at  each  x-station 
to  obtain  the  integral  properties  of  the  boundary  layer.  The  repeatability  of  the  momentum  thickness 
measurements  were  determined  to  be  ±0.5  percent.  The  tunnel  freestream  velocity  was  measured  by  a  free- 
stream  pitot -static  probe  at  the  entrance  to  the  test  section  and  was  held  constant  at  40  m/s  (±0.25 
percent)  for  all  tests.  The  spatial  nonuniformity  of  the  freestream  velocity  over  the  central  30  cm  of 
the  test  section  core,  1.0  m  downstream  of  the  test  plate  leading  edge,  was  measured  to  be  less  than 
±0.5  percent. 

The  flexible  top  wall  of  the  test  sec- ion  was  adjusted  to  give  a  nominally  zero  pressure  gradient 
down  the  length  of  the  splitter  plate.  The  edges  of  the  plate  were  sealed  to  prevent  any  mass  transfer 
to  the  lower  pressure  channel  under  the  plate.  The  two-dimensionality  of  the  flow  was  checked  by  per¬ 
forming  boundary  layer  surveys  at  several  spanwise  stations  on  the  test  plate.  The  results  indicated  a 
typical  spanwise  nonuniformity  in  momentum  thickness  of  approximately  ±5  percent.  This  variation,  as  a 
percentage  of  the  mean,  was  constant  from  front  to  rear  of  the  test  plate. The  variation  of  the  local 
skin-friction  coefficient  down  the  plate  was  determined  by  graphically  differentiating  the  growth  in 
momentum  thickness  with  x  (i.e.,  Cf  =  2  de/dx);  both  the  pressure  gradient  and  the  convergence  terms 
in  the  momentum  equation  were  ignored.  The  results  compared  favorably  with  the  familiar  Ludwieg- 
Tillmann  relation1^  for  a  zero  pressure  gradient,  flat-plate  boundary  layer. 

Results  and  Discussion 

Stacked,  multi -element  arrays,  tested  extensively  in  Reference  4,  were  shown  to  dramatically  alter 
and  reduce  the  large-scale  structures  at  low  Reynolds  numbers  (R  5000).  As  a  starting  point  for  the 
present  intermediate  Reynolds  numbers  (3.3  x  103  <  R  <;  17  x  i.„  )  experiments,  one-two-,  and  three- 
element  devices  were  tested.  The  device  drag  in  these  initial  experiments  increased  significantly  with 
the  number  of  elements  in  the  stacked  array.  A  corresponding  decrease  in  the  local  skin-friction 
coefficient  (lower  O-x  slope)  occurred  immediately  downstream  of  the  devices.  The  local  skin-friction 
reductions  were  found  to  persist  downstream  to  a  region  50  6Q  <  x  <  120  6Q  depending  on  the  number  of 
elements.  Permutations  of  this  arrangement,  such  as  omitting  certain  elements  or  translating  the  entire 
stack  higher  or  lower  in  the  boundary  layer  gave  essentially  the  same  results  and  none  of  the  arrange¬ 
ments  produced  a  net  drag  reduction  (i.e.,  6  >  G>ref).  The  high  device  drag  of  the  thin,  rectangular 

plate  elements  in  this  initial  study  prompted  an  investigation  of  their  drag  characteristics.  Figure  2 
shows  the  drag  coefficients  measured  (by  wake  surveys)  for  two  different  element  thicknesses  at  several 
chord  Reynolds  numbers.  The  data  of  Reference  2  (which  reported  device  drag  as  essentially  laminar  skin 
friction)  are  also  shown  for  comparison.  The  present  data  indicate  that  the  element  drag  is  thickness 
dominated  at  the  higher  chord  Reynolds  numbers,  except  for  the  t  =  0.102  mm  (t / =  0.008)  case  which 
gave  a  level  near  laminar  skin  friction.  These  thinner  devices,  however,,  tendedUto  oscillate  in  single 
mode  vibration  unless  additional  vertical  supports  were  installed  and  could  not  be  used  in  the  present 
experiment.  Reference  9  concluded  from  flow  visualization  studies  that  devices  with  t/6.  =  0.01  and 
0.025  produced  the  same  downstream  effects  on  the  visualized  turbulence  structure,  and  Reference  2 
showed  that  devices  with  t/S0  =  0.02  produced  large  increases  in  device  drag.  Apparently,  then,  the 
structure-altering-effecti veness  of  the  devices  is  still  present  even  when  the  device  drag  is  low  (the 
order  of  laminar  skin  friction)  and  higher  device  drag  imposes  an  unnecessarily  large  penalty  to  be 
overcome  in  achieving  a  net  drag  reduction.  Obviously,  there  must  be  some  compromise.between  the  com¬ 
peting  requirements  of  structural  rigidity  and  low  device  drag.  However,  data  exist13  which  indicate 
that  the  levels  of  device  drag  associated  with  flat,  rectangular  plates  can  be  reduced  by  a  factor  of 
almost  three  by  using  the  proper  low  Reynolds  number  airfoil  shape,  even  in  flows  of  high  turbulence. 

To  assess  the  possible  benefits  of  airfoil -like  shapes,  several  of  the  flat  elements  were  machined  to 
have  a  thin,  tapered  trailing-edge  shape  as  shown  in  Figure  3.  The  device  drag  for  this  shape  was 
indeed  reduced  by  more  than  12  percent,  but  the  local  C«  (i.e.,  de/dx  )  values  immediately  downstream  of 
the  devices  were  approximately  5  percent  greater  than  tnat  for  the  flat  elements.  Thus,  the  reduced 
device  drag  was  also  accompanied  by  a  slightly  reduced  effectiveness  in  reducing  local  skin  friction, 
indicating  that  the  momentum  defect  produced  by  the  devices  does  indeed  contribute  to  the  local  Cf 
reduction  although  it  is  not  the  entire  mechanism.  Of  course,  the  tapered  trailing-edge  elements  are 
only  a  crude  approximation  of  an  airfoil  shape  and  further  tests  using  carefully  designed,  low  Reynolds 
numbers  airfoils  are  planned  for  the  future. 

Reference  14  indicates  that  the  circulation  around  vertical,  flat-plate  stacks  (cascades  with  a 
stagger  angle  of  0°)  is  less  than  that  for  a  single  flat  plate,  but  increases  with  increasing  stagger 
angle.  Since  circulation  may  be  important  in  the  drag-reducing  effectiveness  of  the  LEBU  device,  a 
staggered  array  (leading  edges  of  each  element  swept  downstream  relative  to  the  element  below  it)  was 
tested  with  a  stagger  angle  of  52°.  No  improvement  over  the  vertical  stack  was  found  (data  not 
shown).  Since  device  circulation  may  also  be  changed  by  placing  the  elements  at  an  angle  to  the  flow, 
the  effect  of  small  positive  and  negative  angles  of  attack  on  the  momentum  thickness  growth  was 
examined.  Typical  results  for  a  tapered,  three-element  vertical  stack  indicated  that  small  positive 
angles  of  attack  gave  roughly  the  same  local  Cf  reduction  as  a  =  0°,  with  no  net  drag  reduction  and 
small,  negative  a  gave  essentially  no  Cf  reduction  over  the  reference  case  and  resulted  in  a  large  net 
drag  increase  (see  Fig.  11,  Ref.  11).  In  the  negative  a  case  the  device  wake  is  dominated  by  eddies 
rotating  in  the  same  direction  as  the  large  eddies  in  the  natural  boundary  layer,  thus  reinforcing  the 
large  scales  instead  of  suppressing  them.  Reference  4  presented  smoke  pictures  of  single  elements  at 
positive  and  negative  angles  of  attack  that  clearly  demonstrated  an  enhancement  of  the  large-scale 
structures  at  negative  a  .  The  effect  of  positive  a  in  the  visualizations  of  Reference  4  appeared  to 
be  minimal,  in  agreement  with  the  present  measured  data.  It  is  unclear  as  to  why  an  "unwinding"  of  the 
large  scales  did  not  occour  for  the  +a  case,  especially  in  view  of  the  dramatic  change  with  -a. 

All  of  the  configurations  described  thus  far  either  produced  large  net  drag  increases  or,  at  best, 
"broke  even”  by  just  balancing  Cf  reduction  against  device  drag.  In  general,  those  devices  that  were 
most  successful  in  reducing  skin  friction  possessed  a  large  device  drag  penalty.  Of  course,  only  modest 
Cf  reductions  will  eventually  yield  a  net  drag  reduction  if  continued  downstream  far  enough,  but  the 
present  data  indicated  that  the  downstream  extent  of  lower  skin  friction  seldom  exceeded  1006  ,  not  far 
enough  to  recoup  the  high  device  drag  penalty.  One  configuration  which  was  successful  in  redScing 


device  drag  while  enhancing  Cf  reduction  at  low  Reynolds  numbers  was  the  tandem  arrangement. 2-7,9,15 
The  downstream  device  is  immersed  in  the  wake  of  the  upstream  one  and  hence  pays  a  lower  device  drag 
penalty.  Figure  4  shows  the  downstream  momentum  thickness  growth  behind  a  series  of  tandem  spacings.  A 
net  drag  reduction  is  achieved  within  60  6Q  for  the  10  5.  tandem  spacing.  Figure  5  shows  the 
variation  of  the  local  Cf  for  the  data  of  rigure  4.  The  local  skin  friction  remains  low  for  approxi¬ 
mately  100  6Q  (a  maximum  of  26  percent  lower  for  the  10  6Q  spacing),  overshoots  the  reference  plate 
values  briefly,  and  then  undershoots  the  reference  value  for  the  remainder  of  the  test  plate.  One  may 
infer  from  these  data  that  if,  indeed,  large-scale  suppression  is  responsible  for  the  reduced  skin 
friction  the  suppression  is  not  permanent  and  the  large  scales  return  in  the  neighborhood  of  x  = 

1006  .  Dr.  Robert  Falco  of  Michigan  State  University  has  recently  observed  a  similar  effect  using 
smoke°flow  visualization  and  in  unpublished  work  has  noted  a  strong  return  of  the  large  scales  at  about 
1206  .  The  overshoot,  and  subsequent  undershoot  with  no  apparent  trend  toward  relaxation  to  flat 
plate°va1ues  up  to  330  6Q  indicate  an  area  for  further  research.  These  variations  in  mean  wall  shear, 
if  real,  must  indicate  large  quasi -permanent  structural  changes  in  the  turbulent  boundary  layer. 

The  data  in  Figures  4  and  5  were  ootained  with  the  tandem  devices  at  0.8  6Q.  To  investigate  the 
effect  of  element  height  for  tandem  LEBU  device  performance  the  10  6  Q  tandem  spacing  devices  were  also 
tested  at  0.55  6Q  and  0.30  5Q  heights.  The  integrated  total  drag  is  shown  in  Figure  6.  The  maximum 
net  drag  reduction  occurs  for  the  0.8  6Q  height,  even  though  a  larger  downstream  region  of  skin-friction 
reduction  was  required  to  offset  the  higher  device  drag  for  this  configuration.  Within  the  limits  of 
the  available  data,  the  optimum  tandem  configuration  had  a  height  of  0.8  6Q  and  a  spacing  of  10  6Q  and 
produced  a  maximum  ;iet  drag  reduction  of  approximately  7  percent.  '  J 

RIBLETS 

Another  effective  drag  reduction  technique  employs  longitudinally-grooved  surfaces  having  groove 
depths  and  spacings  on  the  order  of  the  turbulent  wall-burst  dimensions.  When  the  spacing  (s+)  in 

law-of-the-wal 1  variables  was  less  than  30,  References  18  and  20  reported  maximum  drag  reductions  of  8 
percent  for  symmetric  v-groove  surfaces.  This  section  examines  the  optimization  and  application  of  the 
riblet  surfaces  as  well  as  the  combined  drag  reduction  performance  of  a  riblet  surface  and  a  large-eddy 
breakup  device  (LEBU). 

Micro-photographs  of  the  cross  section  of  four  riblet  surfaces  are  shown  in  Figure  7.  The  micro¬ 
photographs  were  obtained  using  a  microscope  which  gave  a  30  x  magnification  of  the  riblet  cross 
section.  Model  13R  is  an  aluminum  groove  model;  whereas,  the  grooves  of  Models  DA3015B,  13M  and  7M  were 
formed  on  a  thin  vinyl  sheet  having  an  adhesive  backing.  Models  13R,  DA3015B,  and  13M  had  nominal 
dimensions  of  0.18  mm.  The  exact  riblet  dimensions  will  be  presented  and  discussed  later  in  this 
section.  The  machined  aluminum  grooves  as  shown  for  Model  13R  were  typical  of  the  riblet  grooves  manu¬ 
factured  and  tested  in  References  16-18.  The  vinyl  riblet  manufacturing  process,  which  has  only 
recently  become  available,  produced  riblets  with  better  dimension  and  geometry  fidelity  than  the  pre¬ 
viously  machined  aluminum  riblet  models,  especially  for  riblet  dimensions  less  than  0.5  mm.  The  vinyl 
riblets  with  the  adhesive  backing  are  extremely  interesting  from  an  application  point  of  view  since 
these  riblets  could  be  applied  as  a  retrofit  on  existing  aircraft. 

The  drag  data  obtained  for  the  symmetric  v-groove  riblets  indicate  that  their  drag  reduction  per¬ 
formance  scales  with  groove  height  (h)  and  spacing  (s)  in  law-of-the-wal 1  variables  (h  ,  s+).  Figure  8 
presents  typical  drag  measurements  for  three  of  the  riblet  surfaces  shown  in  Figure  7.  The  drag  reduc¬ 
tion  performance  is  measured  by  D/Dpp  which  is  the  ratio  of  the  net  drag  of  the  riblet  surface  to  that 
of  a  flat  plate.  This  drag  reduction  performance  is  shown  as  a  function  of  s+  where  variations  in 
s+  were  obtained  by  varying  the  freestream  velocity.  The  smallest  s  value  for  each  model  is 
obtained  at  the  lowest  operating  velocity  of  the  wind  tunnel.  As  shown  in  Figure  8,  Model  13R  exhibits 
the  best  drag  reduction  performance,  7-8  percent  drag  reduction  for  s+  =  10-15.  +lt  was  found  that  the 
maximum  drag  reduction  was  quite  sensitive  to  the  value  of  h  for  a  value  of  s  =  15.  All  three  of 

the  models  shown  in  Figure  8  were  designed  to  have  the  height  of  the  riblet  equal  to  the  spacing.  As 
the  dimensions  indicate,  the  manufacturing  process  always  gave  a  riblet  height  somewhat  smaller  than  the 
spacing.  This  was  particularly  true  for  vinyl  riblet  Models  13M  and  7M.  As  a  result  of  the  height 
reduction  for  Models  13M  and  7M,  the  value  of  h+  at  sf  =  15  was  smaller  than  that  for  Model  13R.  As 
the  value  of  h+  decreased  for  fixed  s+  the  riblet  drag  reduction  performance  decreased.  Therefore, 
the  drag  data  in  Figure  8  indicates  that  a  maximum  drag  reduction  of  7-8  percent  would  have  been 
obtained  for  a  vinyl  riblet  surface  of  h+  =  s+  =  15. 

The  data  on  Figure  8  indicate  that  the  high  velocity  data  of  Model  7M  will  give  the  same  drag 
reduction  as  Model  13R  at  low  velocity  if  h+  =  s+  =  15  for  both  models.  The  highest  stream  velocity 
for  the  data  sho..n  on  Figure  8  was  43  m/sec.  Future  plans  include  tests  in  a  large  subsonic  tunnel  at 
Reynolds  numbers  and  speeds  typical  of  CT0L  aircraft  application. 

When  considering  possible  aircraft  applications,  the  sensitivity  of  the  riblet  drag-reduction  per¬ 
formance  to  angle  of  yaw  or  misalignment  with  the  local  stream  direction  must  be  determined.  Initial 
tests  presented  in  Reference  18  indicated  that  a  riblet  with  h  =  0.25  nrn  was  relatively  insensitive  to 
15°  yaw.  These  tests  were  conducted  with  machined  aluminum  models  where  the  surface  finish  could  vary 
between  models.  With  the  availability  of  the  vinyl  riblets,  the  yaw  sensitivity  of  the  riblets  could  be 
examined  without  the  possible  contamination  of  varying  surface  finishes.  Figure  9  presents  data  for 
vinyl  Model  13M  where  the  vinyl  film  was  applied  to  the  test  plates  at  three  different  angles  of  yaw, 

0°,  15°,  and  30°.  The  results  show  that  the  riblet  drag  reduction  is  relatively  insensitive  to  angles 
of  yaw  up  to  15°;  however,  when  the  yaw  angle  was  increased  to  30°,  no  drag  reduction  was  measured. 

Also  shown  in  Figure  9  is  the  drag  data  for  aluminum  Model  63  which  had  approximately  the  same  physical 
dimensions  as  Model  13M  but  with  the  grooves  machined  at  15°  angle  of  yaw.  These  data  further  confirm 
the  insensitivity  of  the  riblet  drag  reduction  for  yaw  angles  up  to  15°. 

All  the  riblets  discussed  so  far  in  this  section  have  been  symmetric  v-grooves.  Various  modifica¬ 
tions  of  the  symmetric  v-groove  riblet  geometry  have  been  tested  in  an  attempt  to  improve  the  riblet 
drag  reduction  performance.  Figures  10  and  11  indicate  the  effect  of  peak  curvature  and  valley  curva- 
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ture.  The  models  used  for  comparisons  in  Figures  10  and  11  have  the  same  height  and  spacing.  Figure  10 
shows  that  the  peak  curvature  of  Model  DA30158  had  little  effect  on  the  maximum  riblet  drag  reduction, 
but  it  did  seem  to  extend  the  operating  s+  or  range  for  drag  reduction.  Figure  11  shows  th  *■ 
valley  curvature  did  increase  the  amount  of  drag  reduction  obtained  previously  with  symmetric  v-groove 
riblet  Model  29.  As  indicated  in  Figure  11  the  maximum  drag  reduction  of  Model  19  was  4  percent,  which 
is  smaller  than  that  obtained  for  Model  13R  with  height  more  equal  to  the  spacing.  A  model  was  machined 
with  design  dimensions  approximately  the  same  as  Model  13R  but  with  valley  curvature.  Due  to  the 
height -spacing  ratio  of  1,  there  was  not  enough  room  to  put  in  significant  valley  curvature.  As  a 
result,  the  valleys  of  the  model  were  flat  instead  of  being  curved.  This  demonstrates  a  practical  prob¬ 
lem  with  modifications  to  the  physically  small  riblets  required  for  drag  reduction.  Since  the  riblet 
dimensions  will  be  even  smaller  in  a  flight  application,  it  would  be  expected  that  modified  v-groove 
geometries  would  be  impractical  and  that  a  basic  v-groove  geometry  with  a  height-to-spacing  ratio  of  one 
(or  perhaps  greater)  would  be  at  least  a  locally  optimum  practical  configuration. 

An  alternative  approach  to  improve  the  riblet  drag  reduction  performance  is  to  combine  the  riblet 
concept  with  another  approach.  In  the  present  study  a  riblet  surface  has  been  combined  with  a  large- 
eddy  breakup  (LEBU)  device.  Reference  5  showed  that  the  LEBU  modifies  the  large  scale  outer  structure 
and  gives  downstream  local  skin-friction  reductions.  A  three-element  LEBU  was  placed  upstream  of  the 
riblet  test  surface.  The  elements  were  placed  at  y/6=  0.211,  0.42,  and  0.84.  This  is  not  an  optimum 
LEBU  configuration,  but  was  utilized  merely  to  oscertain  if  the  riblet  and  LEBU  local  skin-friction 
reduction  would  be  additive.  Figure  12  presents  drag  data  for  a  riblet  surface  with  and  without  a  LEBU 
mounted  in  front  of  the  surface  as  well  as  a  flat  plate  (sans  riblet)  with  a  LEBU,  i.e.,  the  standard 
LEBU  case.  Since  the  LEBU  was  mounted  in  front  of  the  test  plates,  the  drag  levels  for  the  LEBU  config¬ 
urations  do  not  include  the  device  drag  of  the  LEBU.  The  area  averaged  drag  data  indicate  that  the 
riblet  drag  reduction  is  nearly  additive  to  the  drag  reduction  downstream  of  the  LEBU.  This  result  is 
probably  reasonable  since  the  LEBU  operates  on  the  large-scale  outer  structure  and  only  indirectly  upon 
the  wall  structure  (see  Ref.  4);  whereas  the  riblet  operates  directly  on  the  wall  region.  In  fact,  flow 
visualization  studies  in  Reference  19  found  that  smoke  lingered  for  an  inordinately  long  time  in  the 
riblet  valleys.  The  turbulence  data  of  Reference  20  and  the  flow  visualization  of  Reference  19  seem  to 
indicate  that  the  riblets  thicken  the  sublayer  but  do  not  modify  the  bursting  process. 

OPTIMIZATION  OF  SLOT  INJECTION  DRAG  REDUCTION  THROUGH  FREE  SHEAR  LAYER  CONTROL 

A  technique  which  has  proven  effective  in  reducing  skin  friction  drag  is  the  injection  of  low- 
momentum  fluid,  through  a  rearward  facing  slot,  into  the  near-wall  region  of  a  turbulent  boundary  layer 
flow.  * A  typical  device  configuration  is  shown  in  Figure  13.  The  lower  fluid  velocity  (relative  to 
the  incoming  flow)  downstream  of  the  injection  plane  produces  a  region  of  decreased  surface  drag.  At 
the  interface  of  the  slot  and  boundary  layer  flows  a  mixing  layer  develops  and  begins  to  spread  as  it 
evolves  downstream.  Once  this  region  reaches  the  wall,  viscous  drag  levels  return  monotonically  to 
their  original  values.  Thus,  if  the  spread  rate  of  the  mixing  layer  could  be  inhibited  so  that  its 
point  of  contact  with  the  wall  is  shifted  downstream,  greater  drag  reductions  could  be  realized. 
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Experimental  studies  have  shown  that  such  mixing  regions  are  characterized  by  the  presence  of 
large  scale  vortical  structures  formed  by  the  roll-up  of  the  developing  shear  layer.  The  growth  and 
interaction  of  these  entities  can  determine,  to  a  large  extent,  the  spatial  and  temporal  evolution  of 
the  flow  field.  Specifically,  the  coalescence  of  two  or  more  of  these  relatively  discrete  vortices  into 
a  single. larger  structure  has  been  found  to  be  the  primary  source  of  mixing  layer  growth  in  some 
case.  If  these  vortex  mergings  can  be  inhibited,  or  if  smaller  vortices  can  be  produced  initially, 

the  growth  rate  can  be  decreased. 

Several  techniques  have  been  found  to  be  effective  in  altering  the  vortex  formation  and  interaction 
processes.  The  size  of  the  vortical  structures  formed  initially  can  be  decreased  by  making  the  splitter 
plate  separating  the  two  flows  as  thin  as  possible.  8  The  introduction  of  small  scale  turbulence  into 
the  flow  field  can  also  interfere  with  the  large  scale  interactions.  9  Broad-band  noise  from  rotor 
blades  has  been  significantly  reduced  by  placing  serrations  on  the  leading  edge  of  the  blades.  0  Since 
the  major  source  of  this  noise  is  vortex  shedding,  the  serrations  obviously  must  have  had  some  effect  on 
this  process.  A  shear  layer  can  also  be  extremely  sensitive  to  periodic  disturbances,  especially  near 
its  origin.  The  ability  of  acoustic  radiation  to  alter  the  downstream  evolution  in  certain  circumstances 
has  been  demonstrated  conclusively.  Perturbations  near  the  characteristic  roll-up  frequency  of  the 

shear  layer  tend  to  produce  very  rapid  growth  aeac.the  origin  while  those  an  order  of  magnitude  higher 
in  frequency  tend  to  suppress  the  growth  rate. 

The  present  work  investigates  the  applicability  of  these  various  techniques  to  the  manipulation  of 
the  mixing  layer  growth  rate  in  a  practical  slot  injection  configuration.  In  addition,  large-eddy 
breakup  devices  (LEBU * s )  were  placed  in  the  incoming  boundary-layer  flow  in  order  to  assess  their  effect 
in  altering  the  mixing  rate  of  a  turbulent  free  shear  layer. 

Experimental  Procedures 

All  experimental  work  was  conducted  in  the  15-inch  low  turbulence  wind  tunnel  of  the  Viscous  Flow 
Branch,  High-Speed  Aerodynamics  Division,  NASA  Langley  Research  Center.  This  tunnel  is  an  open-loop 
system  with  a  maximum  velocity  of  36.5  m/s.  The  test  section  has  a  38.1  cm  square  cross  section  which 
is  91.4  cm  in  length  and  is  located  approximately  183  cm  from  the  end  of  the  upstream  contraction.  The 
pressure  gradient  in  this  region  can  be  adjusted  by  means  of  a  moveable  upper  wall. 

For  the  present  work,  the  tunnel  was  modified  to  accommodate  the  slot  flow  as  shown  in  Figure  13. 
The  floor  upstream  of  the  test  section  was  raised  by  means  of  a  1.59  cm  plexiglas  slab.  A  manifold  box 
was  constructed  of  0.638  cm  plexiglas  and  positioned  underneath  the  test  section  floor  to  provide  a 
means  of  Introducing  the  slot  flow  uniformly  across  the  span.  Compressed  air  was  brought  into  the 
bottom  of  this  chamber  through  two  2.54  cm  diameter  stainless  steel  tubes.  This  air  then  passed  through 
two  plexiglas  baffle  plates,  several  layers  of  metal  screening,  and  an  aluminum  two-dimensional  nozzle 
with  a  4.8  to  1  contraction  ratio.  Slot  flow  velocity  was  controlled  by  a  pressure  regulator  on  the 
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supply  lines.  A  0.159  cm  thick  aluminum  plate  was  attached  to  the  upper  half  of  the  nozzle  to  form  the 
slot  lip.  This  plate  was  interchangeable  to  allow  variations  in  the  geometry  of  the  slot  lip  trailing 
edge.  The  slot  height  was  kept  constant  in  all  cases  at  1.59  cm. 

To  provide  acoustic  excitation,  two  45-watt  horn  drivers  were  mounted  underneath  the  test  section 

floor  with  their  outputs  channeled  through  a  0.159  cm  slot  directly  beneath  the  injection  plane. 

The  large-eddy  breakup  (LEBU)  devices  were  formed  from  0.025  cm  thick  blue  steel  stretched  across 
the  tunnel  span  at  a  point  16-inches  upstream  of  the  slot  lip.  Openings  were  cut  through  the  plexiglas 
tunnel  walls  to  accommodate  these  devices  and  an  aluminum  framework  was  constructed  around  the  tunnel  to 
hold  them  in  tension. 

All  experiments  were  conducted  at  a  free  stream  velocity  of  18.3  m/s  and  a  slot  velocity  of  5.5 
m/s.  A  spanwise  survey  of  the  incoming  boundary  layer  along  a  line  5.1  cm  upstream  of  the  slot  lip 
showed  no  more  than  a  10  percent  (peak  to  valley)  variation  in  momentum  thickness.  A  similar  survey  of 
the  slot  flow  along  the  injection  plane  showed  no  more  than  a  5  percent  spanwise  variation.  The  test 
section  pressure  gradient  for  these  flow  velocities  was  checked  by  means  of  a  series  cf  static  pressure 
taps  located  halfway  up  one  sidewall.  These  taps  were  located  2.54  cm  apart  for  the  first  15.2  cm  down¬ 
stream  and  15.2  cm  apart  for  the  next  76  cm.  While  it  was  not  possible  to  totally  eliminate  this 

pressure  gradient,  its  maximum  value  was  reduced  to  about  0.15  percent  of  free  stream  dynamic  pressure 

per  inch  of  streamwise  distance. 

To  determine  the  spread  rate  of  the  mixing  region  formed  by  the  merging  boundary  layer  and  slot 
flows,  velocity  profiles  were  taken  at  several  locations  downstream  of  the  slot  exit  plane.  These  pro¬ 
files  were  obtained  using  a  0.152  cm  diameter  pitot -static  probe. 

Results  and  Discussion 

The  first  area  of  investigation  concerned  the  effects  of  geometry  modifications  to  the  slot  lip 
trailing  edge.  The  base  case,  for  comparison  purposes,  was  taken  to  be  a  plain  flat  trailing  edge  with 
square  corners.  The  various  modifications  tested  are  shown  in  Figure  14.  These  consisted  of  a  trailing 
edge  with  rounded  corners,  a  tapered  trailing  edge,  and  trailing  edges  with  slots,  serrations,  and  per¬ 
forations  ranging  in  size  from  0.159  cm  to  0.635  cm.  In  none  of  these  cases  was  there  found  to  be  any 
significant  differences  in  the  spread  rate  of  the  mixing  layer. 

The  effects  of  acoustic  input  to  the  mixing  layer  origin  was  next  explored.  Frequencies  in  the 
range  from  80  Hz  to  1000  Hz  were  used,  corresponding  to  Strouhal  numbers,  based  on  initial  momentum 
thickness  and  mean  flow  velocity,  in  the  range  from  0.034  to  0.286.  Sound  pressure  levels  at  the  slot 
lip  were  the  order  of  105  dB.  In  all  cases,  a  plain  flat  trailing  edge  with  square  corners  was  used. 
Again,  no  significant  differences  in  downstream  spread  of  the  mixing  layer  was  detected  at  any  forcing 
frequency  (flapping  trailing  edges  were  also  tried,  also  without  any  apparent  success). 

The  lack  of  any  noticeable  effects  for  the  techniques  considered  thus  far  is  attributed  to  the 
dominating  Influence  of  the  fully  turbulent  incoming  boundary  layer.  These  results  tend  to  confirm  the 
observations  of  some  investigators'3''-3’  that  the  suppression  of  the  mixing  layer  growth  rate  by  acoustic 
excitation  occurs  only  for  initially  laminar  flows.  If  this  is  indeed  the  case,  it  would  appear  that 
the  only  way  to  alter  the  downstream  evolution  of  the  mixing  region  in  the  usual  slot  injection  case 
would  be  to  change  the  turbulent  structure  of  the  incoming  turbulent  boundary  layer  itself. 

To  investigate  the  effectiveness  of  such  an  approach,  three  LEBU  device  configurations  were  sepa¬ 
rately  placed  into  the  flow  upstream  of  the  slot  lip.  As  mentioned  previously,  these  consisted  of 
lengths  of  0.025  cm  thick  blue  steel  stretched  across  the  span  of  the  tunnel  41  cm  upstream  of  the  slot 
exit.  The  boundary-layer  thickness  6  at  this  point  was  2.54  cm.  Three  device  configurations  were 
tested  —  a  tandem  arrangement  with  both  LEBU's  0.8  6  above  the  floor  and  positioned  6.5  6  apart  in  the 
streamwise  direction;  a  stacked  configuration  with  two  LEBU's  located  0.6  6  and  0.8  6  above  the  floor; 
and  a  stacked  configuration  with  three  devices  placed  at  0.46,  0.656,  and  0.96.  All  LEBU's  had  a 
2.54  cm  chord.  These  configurations  are  shown  In  Figure  15.  Velocity  profiles  for  each  case,  taken  at 
a  point  41  cm  downstream  of  the  slot  exit  (corresponding  to  13  slot  exit  6  boundary  layer  thicknesses) 

are  shown  in  Figure  16.  As  can  be  seen,  all  three  produced  noticeable  decreases  in  the  velocity  near 

the  wall  with  the  three  stacked  devices  giving  the  most  pronounced  effect.  Thus,  it  would  appear  that 
the  use  of  LEBU's  in  the  boundary-layer  upstream  of  the  slot  injection  location  could  make  this 
technique  more  effective.  However,  more  work  Is  needed  to  confirm  this  speculation  and  to  assess/reduce 
the  penalties  involved  in  the  device  drag  of  the  LEBU's  themselves.  The  observation  that  a  boundary 
layer  device  (LEBU)  can  be  used  (indeed  Is  required)  to  alter  free  mixing  rates  for  flows  with  thick 
external  boundary  layers  may  have  important  technological  implications  far  beyong  the  present  slot 
injection  case. 

SKIN  FRICTION  REDUCTION  THROUGH  EMMONS  SPOT  FORCING 

The  various  results  from  the  large-eddy  breakup  device  research  indicates  that  reduction  in  size  of 

the  outer  eddies  reduces  wall  skin  friction.  For  the  region  immediately  downstream  of  transition  an 

alternate  technique  can  be  employed  to  produce  the  requisite  smaller  sized  eddies.  Rather  than  allowing 
the  large  n  ter  eddies  to  form  and  then  breaking  them  up  with  a  suitable  device,  this  alternative  tech¬ 
nique  ~er'< .  to  alter  their  Initial  formation  process  through  control  of  the  production  of  Emmons  spots. 

From  the  relaxation  studies  downstream  of  large-eddy  breakup  devices,  this  alternative  approach 
would  nly  be  expected  to  reduce  drag  the  order  of  100  6  downstream  of  the  end  of  transition.  Since 
tne  6  scale  In  this  case  is  the  relatively  small  value  at  the  nominal  end  of  transition;  the  physical 
distance  over  which  the  drag  would  be  reduced  would  be  quite  small  for  most  engineering  applications. 
However,  the  technique  may  be  of  Interest  for  certain  low  Reynolds  numbers  or  specialized  applica¬ 
tions  .  The  basic  concept  is  to  restrict  the  usual  Emmons  spot  growth  by  forcing  nearly  "Instantaneous 
'  ,’ansltion."  If  a  large  enough  disturbance  is  Introduced  near  the  beginning  of  transition  at  high  fre- 
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quency  (Strouhol  number  the  order  of  1)  through  discret°  but  closely  spaced  spanwise  sites,  a  continuous 
train  of  small  scale  Emmons  spots  should  be  produced.  Hue  to  the  close  packing  imposed  by  the  forcing 
there  is  no  longer  a  "laminar  sea"  in  which  the  spot  can  grow  and  develop  large  scale  motions.  The 
friction  drag  is  increased  initially  due  to  the  foreshortening  of  the  transition  process  but  a  compen¬ 
sating  lower  drag  region  would  be  expected  further  downstream  (at  least  over  a  distance  the  order  of 
1006).  It  should  be  noted  that  stationary  spanwise  disturbances  (e.g.,  roughness  elements)  would  not  be 
expected  to  produce  the  same  phenomena,  due  to  the  well-known  "calming  effect"  in  the  wake  of  an  Emmons 
spot.  A  high  intensity  dynamic  trigger  is  probably  required. 

The  existing  data  for  this  alternative  large-eddy  drag  reduction  approach  (closely  spaced  high 
frequency  exciters  placed  at  the  beginning  of  the  nominal  transition  process)  is  documented  in  Reference 
40.  Emmons  spots  were  forced  using  high  intensity  acoustic  drivers  acting  through  a  spanwise  row  of 
closely  spaced  (0(5))  small  holes  located  near  the  nominal  beginning  of  transition.  The  measured 
average  skin  friction  (measured  with  a  large  drag  balance  downstream  of  the  driver  section)  is  shown  on 
Figure  17  as  a  function  of  the  forcing  frequency.  The  maximum  drag  reduction  (area  averaged)  is 
obtained  at  a  Strouhol  number  the  order  of  2  based  upon  boundary  layer  thickness  at  the  forcing  loca¬ 
tion.  Flow  visualization  using  a  horizontal  (spanwise)  smoke  wire  indicated  smaller  outer  scales  for 
the  forced  case  compared  to  the  standard  case  (holes  taped  over).  The  level  of  the  observed  drag  reduc¬ 
tion  (0(15%))  is  reasonable  considering  that  a  sizable  portion  of  the  20  percent  to  30  percent  local 
skin  friction  reduction  measured  downstream  of  large-eddy  breakup  devices  is  due  to  the  momentum  deficit 
of  the  device.  Such  a  momentum  deficit  is  absent,  at  least  to  first  order,  in  the  acoustic  (wall)  forc¬ 
ing  case. 

Unfortunately,  the  energy  required  to  force  the  Emmons  spots  in  the  drag  reduction  mode  is  much 
larger  than  the  estimated  "return  on  investment"  (downstream  net  drag  reduction)  and  therefore,  unless 
low  loss  dynamic  Emmons  spot  triggers  can  be  developed/invented  this  alternative  large-eddy  reduction 
approach  is  of  possible  interest  only  for  viscous  flow  control  purposes  other  than  net  drag  reduction. 

RELAMINARIZATION  USING  MASSIVE  WALL  SUCTION 

This  method  is  of  particular  interest  to  the  CTOL  fuselage  drag  problem.  The  forward  portion  of 
the  fuselage  is  typically  characterized  by  a  host  of  excressences,  including  windshield  wipers,  bugs, 
probes,  attachment  points  and  access  hatches.  The  basic  concept  is  to  "writeoff"  this  forward  portion 
of  the  flow  as  transitional /turbulent  and  subsequently  relaminarize  the  boundary  layer  downstream  of  the 

cockpit  using  massive  suction.  Maintenance  suction  and/or  wall  cooling  would  be  required  further  down¬ 

stream  to  maintain  the  laminar  condition. 

Pfenning er41  successfully  carried  out  a  series  of  relaminarization  experiments  applicable  to  this 

concept  but  found  it  necessary  to  ingest  more  than  the  entire  mass  flow  in  the  boundary  layer  (up  to  1.55 

)  to  capture  all  of  the  "superlayer"  fluctuating  vorticity.  Suction  of  less  than  this  amount  compro¬ 
mised  and  complicated  the  downstream  maintenance  LFC  problem.  The  key  ingredients  to  maximizing  the 
overall  system  efficiency  of  this  approach  are  (1)  ingesting  the  minimum  mass  flow  consistent  with  down¬ 
stream  maintenance  LFC  and  (2)  obtaining  maximum  pressure  recovery  in  the  suction  inlet. 

There  exist  several  possibilities  for  optimizing  fuselage  relaminarization.  The  most  obvious  is  to 
place  the  massive  suction  forward  of  the  minimum  pressure  region  on  the  fuselage.  This  placement  per¬ 
forins  two  functions:  (a)  places  the  initial  (thin  and  tender)  laminar  flow  region  in  a  stabilizing 
favorable  pressure  gradient  and  (b)  should  lower  the  required  pumping  power  (and  possibly  allow  for 
selfbleed  to  the  side  of  the  fuselage  where  slot  injection  might  be  utilized  in  regions  where  laminar 
flow  could  not  readily  be  maintained,  such  ...  the  wing  juncture  contamination  zone).  Another  optimiza¬ 
tion  possibility  is  to  design  the  aircraft  for  minimum  disruption  of  fuselage  LFC  from  the  wing-induced 
pressure  field  (providing  this  could  be  accomplished  without  unduly  altering  the  wing  efficiency). 
Historically,  alterations  in  the  wing  and  fuselage  design  for  interference  have  been  in  favor  of  the 
wing.  As  a  "blue  sky"  possibility,  the  maintenance  laminar  flow  could  be  made  somewhat  easier  on 
passenger  aircraft  by  replacement  of  the  windows  with  a  smooth  skin  and  providing  the  passengers  with  a 
small  video  screen  giving  a  pi  lot's -eye -view  (or  a  view  in  any  other  direction)  using  the  recent 
advances  in  micro-electronics. 

A  final  optimization  possibility  is  to  "preprocess"  the  fuselage  boundary  layer  through  a  large- 
eddy  breakup  device  which  should,  by  altering  the  superlayer  structure  and  thickness,  reduce  the  suction 
mass  flow  requirements  and  therefore  possibly  increase  the  overall  system  efficiency.  Research  on  this 
last  possibility  is  currently  underway  at  NASA  Langley.  Closing  arguments  in  favor  of  downstream  fuse¬ 
lage  relaminarization  include  (a)  possibility  for  use  of  cooling  (from  liquid  H2  fuel)  as  a  maintenance- 
LFC  technique  (not  feasible  for  swept  wings  (Ref.  42)),  (b)  greatly  reduced  problems  from  "insect 
remains,"  and  (c)  reduced  roughness  sensitivity  compared  to  the  swept  wing  case  (Ref.  43). 

CONCLUSIONS 

Continuing  studies  of  five  methods  for  reducing  turbulent  skin  friction  drag  on  bodies/fuselages 
indicate  the  following  (for  small  pressure  gradient,  low  speed  boundary  layers): 

(1)  Large  eddy-breakup  devices  can  reduce  local  skin  friction  up  to  33  percent  for  downstream 
distances  the  order  of  100  6. 

(2)  Langley  experiments  indicate  overall  or  net  drag  reductions  the  order  of  8  percent  using  tan¬ 
dem  arrangements .  Larger  net  reductions  are  contingent  upon  reduction  of  device  drag. 

(3)  V-groove  riblets  produce  net  drag  reductions  the  order  of  8  percent  when  the  height  is  approx¬ 
imately  equal  to  the  spacing  and  the  spacing  is  the  order  of  15  law-ot -the-wall  units. 

(4)  The  riblet  performance  (drag  reduction)  scales  on  law-of-the-wal  1  variables,  and  is  apparently 
insensitive  to  boundary  layer  transition  history  and  yaw  (up  to  15°). 
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(5)  Self-adhesive  thin  vinyl  sheets  with  the  riblet  geometry  molded  into  the  surface  perform  as 
well  as  metal  models  and  offer  the  possibility  of  a  simple,  relatively  inexpensive  means  of  retrofitting 
existing  vehicle  surfaces. 

(6)  Limited  tests  indicate  that  the  performance  of  riblets  and  LEBUs  is  nearly  additive. 

(7)  Tests  employing  dynamic  control  of  Emmons  spot  formation  indicate  local  drag  reductions  the 
order  of  15  percent.  However,  the  energy  to  trigger/control  the  flow  is,  up  to  this  point  in  time,  far 
larger  than  any  "savings"  due  to  the  drag  reduction. 

(8)  Tangential  slot  injection  or  a  wall  wake  (using  a  "low-loss"  air  source  such  as  LFC  suction 
air  from  the  wings)  can  be  optimized  for  greater  local  drag  reduction  performance  using  large-eddy 
breakup  devices  inserted  into  the  external  boundary  layer.  Attempts  to  control  the  slot  mixing  layer 
using  acoustic  or  fixed  geometric  inputs  at  the  slot  lip  were  not  successful,  presumably  due  to  domi¬ 
nance  of  the  slot  mixing  process  by  the  external  turbulent  boundary  layer  flow  structures. 
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SUMMARY 


'-“''An  experiment  rhas~been  performed  in  a  low  speed  wind-tunnel  to  determine  the  mean 
flow  relaxation  characteristics  for  a  zero  pressure  gradient  turbulent  boundary  layer 
which  encounters  a  small  forward  facing  step.  Of  primary  interest  is  the  behavior  of 
the  local  wall  shear  stress  downstream  of  the  step , and'-  £hist'frae-  -been  determined  by  the 
use  of  a  series  of  buried  hot-wire  gauges.  The  mean  velocity  profiles  downstream  of  the 
step. have  be£»  measured  using  a  traversing  Pitot  tub^aad  these  hav^> Indicated  that  a 
step  produces  very  marked  changes  in  the  distribution  for  both  the  inner  and  outer  regions 
of  the  flow.  The  results  shed  new  light  upon  the  variation  of  wall  shear  stress  down¬ 
stream  of  a  severe  perturbation  and  also  indicate  that  the  use  of  Preston  tube  or  Clauser 
chart  methods  for  the  determination  of  wall  shear  may  lead  to  very  large  errors.  As  a 
consistency  check  on  the  data,  estimate^  of  the  step  drag^based  upon  force-momentum 
conservation  considerations, have  b^en^ compared  with  previously  published  drag  balance 
measurements.  The  agreement  between  the  data  sets  is  very  good. 


NOTATION 


A,B  constants  in  the  semi-logarithmic  inner 
region 


A , B  constants  in  the  buried  wire  gauge 
calibration 


u 

Ur 


velocity  in  the  x  direction 


friction  velocity  ( t^/p ) 


drag  coefficient  of  the  step  based  upon 
step  frontal  area  and  free-stream 
dynamic  pressure  ( %p  U^2 ) 


x,y  coordinate  system  with  the  origin  at 
the  step  location  -  see  figure  1 


height  above  the  wall  at  which  u  reaches 
99.5%  of  the  free-stream  speed 


skin  friction  coefficient  (Tw/^pU00‘i) 


e 


E 

H 

h 

P 

R 

T 

AT 


pressure  coefficient  (p-p^/^pU^,2) 

output  voltage  from  hot-wire  bridge 

boundary  layer  shape  factor 

step  height 

static  pressure 

Reynolds  number 

temperature 


boundary  layer  momentum  thickness 
v  kinematic  viscosity 
p  density 

t  shear  stress 

Subscripts 
w  at  the  wall 

"  in  the  undisturbed  free-stream 


difference  between  hot-wire  operating 
temperature  and  the  flow  reference 
temperature 


INTRODUCTION 


In  recent  years  there  has  been  considerable  interest  in  the  possibility  of  direct 
manipulation  of  the  structure  of  turbulent  boundary  layers  with  a  view  to  reducing  the 
overall  drag  of  a  given  surface.  So  far  two  methods,  which  have  potential  aeronautical 
applications  and  which  have  been  shown  to  produce  modest  but  repeatable  drag  reductions 
for  attached  fully  turbulent  boundary  layers,  have  been  identified.  The  first  involves 
the  use  of  small  streamwise  wall  ribs,  or  riblets  (Walshl)  whilst  the  second  involves  the 
use  of  single  transverse  devices  which  locally  break  up  the  large  eddies  in  the  outer 
part  of  the  boundary  layer  (Hefner  et  al^) .  These  latter  devices  are  collectively  known 
as  LEBUs  -  standing  for  Large  Eddy  Break  Up.  It  appears  that,  used  in  conjunction,  these 
turbulence  modifiers  could  produce  overall  drag  reductions  of  order  5  -  20%  for  typical 
civil  aircraft  configurations.  This  level  of  reduction  may  appear  to  be  rather  small  but 
in  a  review  paper  Bushnell^  has  estimated  that  a  20%  reduction  in  fuselage  skin  friction 
for  the  whole  of  the  United  States  CTOL  civil  aircraft  fleet  would  result  in  an  annual 
saving  of  almost  one  billion  dollars  in  fuel  costs  alone.  A  financial  incentive  of  this 


A  .V.‘- 


1  v-  , 


I 


K 


i 

r  . 


F: 


j 

«  * 

I;’ 

r- 

< 

i , 

4, 
»“*, 
*  i 
»* 


v 


V 

& 


V 


18-2 

magnitude  should  provide  a  powerful  argument  in  support  of  continued  research  into  the 
fundamental  aspects  of  turbulent  boundary  layer  structure. 

It  seems  that  the  wall  riblets  and  the  LEBUs  operate  on  entirely  different  principles. 

In  the  former  case  the  drag  reduction  is  associated  with  the  riblet  and  is  felt  directly 

by  the  riblet.  Therefore  a  surface  will  have  minimum  drag  if  it  is  completely  covered 
with  riblets.  A  LEBU  is,  however,  an  isolated  disturbance  which  itself  carries  a  drag 
penalty.  The  immediate  effect  of  the  LEBU  is  to  reduce  the  wall  shear  stress  downstream 
of  the  device.  This  perturbed  wall  shear  gradually  relaxes  with  increasing  distance 
downstream  and,  consequently,  a  successful  LEBU  is  one  for  which  the  device  drag  plus 
the  integrated  wall  shear  is  less  than  the  integrated  wall  shear  for  the  undisturbed 
flow.  To  date,  however,  much  of  the  LEBU  work  has  served  mainly  to  highlight  the  gener¬ 
ally  poor  level  of  understanding  of  the  behaviour  of  non-equilibrium  boundary  layer 
flows.  In  particular  Hefner  et  al2  report  that  there  is  a  dearth  of  definitive  (reliable) 
data  for  initially  equilibrium  turbulent  boundary  layers  relaxing  fully  to  a  new  equil¬ 
ibrium,  or  self-preserving,  states  after  having  experienced  an  abrupt  change  in  boundary 
condition.  Clearly  such  a  relaxation  process  is  of  key  importance  in  a  drag  reducing 
system  since  this  is  the  region  in  which  the  wall  shear  stress  falls  below  its  undisturbed 

value.  It  is,  primarily,  this  basic  lack  of  information  which  has  prompted  the  present 

investigation. 

The  experiment  to  be  described  in  this  paper  reveals  some  of  the  features  of  the 
process  by  which  a  fully  turbulent  boundary  layer,  which  has  initially  developed  under 
conditions  of  zero  pressure  gradient,  returns  to  an  equilibrium  state  after  it  has 
encountered  a  small  forward  facing  step.  This  particular  flow  is  of  interest  for  three 
basic  reasons.  In  the  first  instance  the  step  acts  as  a  one  parameter  LEBU  device  since 
it  constitutes  a  ’change  in  boundary  condition’  for  the  flow  which  results  in  a  highly 
localised  and  extremely  severe  pressure  perturbation  near  the  surface.  Therefore,  in 
the  terms  suggested  by  Hefner,  the  resulting  relaxation  process  is  relevant  to  physics 
of  LEBUs  in  general,  despite  the  fact  that,  in  this  case,  the  pressure  force  on  the  step 
is  too  large  for  there  to  be  a  net  reduction  in  drag.  The  basic  drag  of  the  step  forms 
the  second  reason  for  interest  in  this  flow  since  the  forward  facing  step  constitutes  a 
surface  imperfection,  or  excresence,  which  is  commonly  found  in  aeronautical  applications. 
Whilst  it  has  been  known  for  many  years  that  this  type  of  imperfection  can  produce 
significant  drag  increments  there  is  still  only  a  very  limited  amount  of  design  infor¬ 
mation  available  -  see  Young  and  Patterson'*.  The  results  of  this  experiment  will  supple¬ 
ment  this  data  base.  Finally,  in  relation  to  the  basic  problem  of  measuring  local  wall 
shear  stresses,  there  are  now  commercially  available  hot-film  gauges  which  can  be  fixed 
directly  to  the  surface  under  investigation.  Since  these  gauges  have  finite  thickness 
the  upstream  edge  will  constitute  a  forward  facing  step  which  must  disturb  the  flow 
locally.  Therefore,  before  these  gauges  can  be  used  with  confidence,  it  is  necessary  to 
quantify  the  effects  of  the  step  on  the  flow  at  the  point  at  which  the  measurement  of 
wall  shear  is  made. 

THE  EXPERIMENTAL  ARRANGEMENT  AND  TEST  CONDITIONS 

The  experimental  arrangement  and  notation  are  summarised  in  figure  1.  Tests  were 
performed  in  a  low-speed  wind  tunnel  with  a  working  section  11"  wide  and  7"  high.  In 
order  to  obtain  a  thick  viscous  layer  the  test  boundary  layer  was  that  generated  on  the 
floor  of  the  working  section.  To  smooth  out  any  spanwise  non-uniformity  introduced  by 
natural  transition  this  boundary  layer  was  tripped  by  a  transverse  wire  0.060"  in 
diameter  placed  10"  upstream  of  the  step.  Part  of  the  floor  of  the  wind-tunnel  consisted 
of  an  aluminium  plate  36"  long  and  15"  wide  which  was  held  in  place  by  four  screw  jacks. 
These  jacks  could  change  the  level  of  this  section  of  the  floor  in  relation  to  the 
upstream  section  which  was  fixed  relative  to  the  tunnel  contraction  cone.  Normally 
these  jacks  are  used  to  enable  the  plate  to  be  set  flush  with  the  rest  of  the  floor  or 
to  be  lowered  for  removal  and  replacement.  However,  for  the  present  experiment  the  side 
walls  and  roof  were  cut  so  that  the  portion  of  the  working  section  normally  in  contact 
with  the  plate  could  be  moved  relative  to  the  rest  of  the  tunnel.  In  this  way  the  upstream 
edge  of  the  aluminium  plate  served  as  the  step  whose  height  could  be  set  to  any  desired 
level  simply  by  manipulating  the  jacks.  Moreover,  since  the  walls  and  roof  moved  with 
the  plate, the  geometrical  cross-sectional  area  of  the  working  section  was  constant  at  all 
streamwise  locations  irrespective  of  the  height  of  the  step.  This  meant  that  the  dynamic 
pressure  of  the  free-stream  would  not  chanqe  in  the  vicinity  of  the  step  as  a  result  of 
a  continuity  constraint  imposed  by  the  tunnel  walls.  An  additional  feature  of  this 
tunnel  was  that  one  of  the  sidewalls  could  be  moved,  as  indicated  in  figure  1.  There¬ 
fore  it  was  possible,  by  using  the  wall  to  balance  far  upstream  and  far  downstream 
static  pressures,  to  ensure  that  flow  beyond  the  step  was  relaxing  under  conditions 
which  were  the  same  as  those  in  which  the  flow  ahead  of  the  step  had  developed. 

Reference  conditions  for  the  tests  were  determined  by  a  wall  mounted  Pitot  tube  and 
a  static  pressure  tapping  on  the  floor  of  the  tunnel  -  these  being  positioned  4.00"  and 
2.32"  upstream  of  the  step.  Static  pressures  were  measured  on  the  test  surface  at 
various  positions  downstream  of  the  reference  static  tapping.  Downstream  of  the  step 
(i.e.  on  the  removable  aluminium  plate)  a  series  of  flush  mounted  hot-wire  gauges  of  the 
type  described  by  Rubesin  et  al5  were  mounted  at  the  positions  indicated  in  figure  1. 

These  were  used  to  measure  local  wall  shear-stress  and  were  run  in  the  constant  temper¬ 
ature  mode  with  power  being  provided  by  a  bank  of  conventional  hot-wire  anemometer 
bridges.  Finally,  the  tunnel  has  a  traversing  mechanism  which  allowed  the  measurement 
of  the  mean  velocity  profiles  with  a  small  flattened  Pitot  tube. 

The  free-stream  conditions  and  the  step  heights  used  in  these  tests  are  summarised 
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in  table  1. 


THE  CALIBRATION  OF  THE  FLUSH  MOUNTED  HOT-WIRES 


One  of  the  most  significant  features  of  the  present  investigation  was  the  use  of 
flush  mounted, or  buried,  hot-wire  gauges  for  the  measurement  of  wall  shear-stress. 
Although  these  devices  measure  the  stress  'indirectly*  i.e.  through  a  relation  linking 
stress  to  convective  heat  transfer  rate,  their  performance  does  not  require  the  mean 
velocity  profile  to  exhibit  any  special  features  e.g.  a  universal  law  of  the  wall.  Since 
the  profiles  under  investigation  were  initially  non-equilibrium  it  was  felt  that  the  use 
of  Preston  tubes  or  Clauser  charts  was  essentially  unjustifiable  and  that  the  hot-wire 
gauge  was  the  only  practical  alternative. 


The  gauges  were  calibrated  'in  situ'  using  the  wall  shear-stress  distribution  for 
the  undisturbed  boundary  as  determined  by  Preston  tubes.  A  typical  calibration  is 
presented  in  figure  2.  As  suggested  by  Rubesin  et  al5  the  calibration  law  is  of  the  form 


E2 

AT 


W’ 


+  B. 


In  figure  2,  however,  this  relation  is  inverted  and  presented  as  tw  versus  E2/AT.  This 
direct  form  immediately  reveals  an  inherent  problem  for  this  type  of  gauge,  namely  the 
extreme  sensitivity  of  the  indicated  value  for  shear  stress  to  errors  in  E2/AT.  In  the 
example  given  it  is  clear  that  a  1%  error  in  E2/AT  l'.ads  tc  a  20%  error  in  xw.  Conse¬ 
quently,  it  is  essential  that  E2/AT  be  known  to  a  high  degree  of  accuracy.  In  principle, 
it  is  possible  to  measure  the  E2  component  to  within  the  necessary  limits  but  the 
evaluation  of  AT  possess  a  more  serious  problem.  In  a  closed  wind-tunnel  the  temperature 
of  the  air  tends  to  increase  with  time  and  there  is  also  a  variation  of  the  temperature 
of  the  aluminium  plate.  Since  the  maximum  operating  temperature  of  the  wire  was 
approximately  60°C  (determined  by  the  properties  of  the  substrate)  and  the  ambient 
temperature  of  the  air  within  the  tunnel  was  about  20°C,  then  to  guarantee  the  accuracy 
of  the  shear  stress  to  within  ±5%  requires  that  the  surface  reference  temperature  for  the 
gauge  must  be  known  to  within  0.1°C.  In  the  present  series  of  tests  this  surface 
reference  temperature  was  obtained  by  using  the  most  downstream  hot-wire  gauge  as  a 
resistance  thermometer.  Despite  this,  repeated  calibrations  indicated  that  the  shear 
stress  accuracy  was  limited  to  +10%.  However,  it  was  felt  that  in  future  tests  this 
figure  could  well  be  improved  upon. 

EXPERIMENTAL  RESULTS 

a)  Undisturbed  Boundary  Layer 

The  variation  of  skin  friction  coefficient  (Preston  tube) ,  momentum  thickness  and 
shape  factor  with  position  for  a  fixed  free-stream  unit  Reynolds  number  are  presented  in 
figures  3,4  and  5  respectively.  Figures  6  and  7  show  the  velocity  profiles  plotted  in 
'law  of  the  wall'  form  and  in  'velocity  defect'  form.  These  results  show  that  the 
undisturbed  boundary  layer  exhibits  the  usual  mean  flow  characteristics  of  a  turbulent 
zero-pressure  gradient  boundary  layer. 
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b)  Surface  Pressure  Distribution 

The  surface  pressure  distributions  for  various  step  heights  are  shown  in  figure  8 
where  the  streamwise  coordinate  x  has  been  normalised  with  respect  to  the  step  height,  h. 
Also  shown  for  comparison  is  the  result  according  to  inviscid  flow  theory  -  see  Milne- 
Thomson®.  It  is  interesting  to  note  that,  despite  the  fact  that  the  pressure  at  a 
fixed  value  of  x/h  increases  slightly  with  increasing  h/e,  the  surface  pressure  distri¬ 
bution  closely  follows  the  behaviour  of  the  inviscid  solution.  These  distributions 
clearly  show  the  strength  of  the  pressure  perturbation  introduced  by  the  step.  However, 
it  should  also  be  appreciated  that  this  perturbation  decays  very  rapidly  with  distance 
normal  to  the  surface.  The  inviscid  solution  decay  rate  suggests  that  the  pressure 
perturbation  will  have  virtually  disappeared  at  the  edge  of  the  boundary  layer.  There¬ 
fore,  in  the  vicinity  of  the  step,  the  assumption  that  3p/Sy  is  equal  to  zero  within  the 
boundary  layer  is  not  applicable.  As  a  result  of  this  difficulty  no  skin  friction  or 
velocity  profile  measurements  were  made  at  an  x/h  of  less  than  6. 

c)  Wall  Shear  Stress  Distribution 

The  distribution  of  wall  shear  stress  for  the  various  step  heights,  as  indicated 
by  the  buried  hot-wire  gauges,  is  given  in  figure  9.  Perhaps  the  most  notable  feature 
is  the  complete  insensitivity  of  tw  to  the  height  of  the  step.  In  all  cases  the  wall 
shear-stress  has  returned  to  within  ±10%  of  the  undisturbed  value  by  the  first  measuring 
station  (0.768"  downstream  of  the  step). 

d)  Momentum  Thickness  Reynolds  Number 

Figure  10  shows  the  variation  of  momentum  thickness  Reynolds  number  with  downstream 
position  for  several  step  heights.  Although  the  data  exhibit  a  little  scatter  it  is 
quite  clear  that,  downstream  of  the  area  in  which  the  step  produces  a  signific  -nt  wall 
pressure  perturbation,  the  development  of  R9  is  parallel  to  that  for  the  no-step  condition. 
Far  downstream  from  the  step  the  pressure  gradient  is  very  small  and  tending  to  zero, 
therefore,  from  the  two-dimensional  momentum  integral  equation  - 
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Hence  the  parallel  trends  for  R@  versus  Rx  indicate  that  the  values  of  Cf  (and  hence  tw) 
have  returned  to  the  undisturbed  levels.  This  is  in  agreement  with  the  results  from  the 
buried  hot-wire  gauges  (figure  9) . 

e)  Mean  Velocity  Profiles 

An  overall  impression  of  the  effect  of  the  step  on  the  mean  velocity  profiles  may 
be  obtained  from  a  plot  of  shape  factor,  H,  versus  distance  downstream  of  the  step.  This 
is  given  in  figure  11.  These  data  show  that  the  greater  the  step  heiqht  the  larger  the 
distortion  suffered  by  the  mean  velocity  profile.  However,  the  relaxation  length  does 
not  appear  to  depend  upon  step  height.  The  data  show  that,  no  matter  what  the  value  of 
h,  the  shape  factor  has  returned  to  the  undisturbed  value  approximately  10  inches,  or  256, 
downstream  of  the  step.  As  an  example  of  the  actual  velocity  profiles  figures  12  and  13 
show  the  relaxation  process  for  a  step  height  of  0.124"  in  both  'law  of  the  wall'  and 
'velocity  defect'  form.  In  both  these  cases  the  wall  shear-stress  used  for  the  data 
reduction  is  that  given  by  the  buried  hot-wire  gauges.  It  is  clear  that,  in  both  figures, 
the  initial  deviation  from  the  undisturbed  distributions  is  large  but  that  the  relaxation 
process  is  complete  at  10"  from  the  step. 

DISCUSSION 

The  use  of  buried  hot-wire  gauges  for  the  measurement  of  local  wall  shear-stress  has 
shed  new  light  on  the  relaxation  process  for  a  boundary  layer  perturbed  by  a  step.  Data 
presented  in  figure  9  show  that  even  the  largest  step  considered  in  this  investigation 
failed  to  produce  a  detectable  deviation  from  the  undisturbed  level  even  though  the  first 
measuring  station  was  only  6.h  downstream  of  the  step.  Therefore,  it  appears  that  any 
relaxation  of  the  wall  shear-stress  is  very  rapid  indeed  -  of  the  order  1  to  2  boundary 
layer  thicknesses  rather  than  the  20  to  306  suggested  by  the  survey  of  Hefner  et  al^ . 

It  should  be  noted,  however,  that  the  present  findings  are  in  good  agreement  with  the 
experiments  of  Kiske  et  al^  who  measured  wall  shear-stress  distributions  downstream  of 
roughness  jumps  and  sudden  enlargements  in  channels.  Their  results  also  show  that 
significant  changes  in  tw  only  occur  in  the  immediate  vicinity  of  the  perturbation.  In 
the  present  case  we  note  that  the  mean  boundary  layer  profiles  are  considerably  altered 
by  the  presence  of  the  step  and  that  the  relaxation  length  for  both  'inner'  and  'outer' 
regions  is  of  order  25'.  From  figure  12  it  can  be  seen  that  although  there  is  a  region 
close  to  the  wall  which  is  of  the  form  - 
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The  values  of  A  and  B  do  not  correspond  to  the  generally  accepted  'universal'  values 
until  the  relaxation  process  for  the  mean  profile  is  complete.  Therefore  if  the  wall 
shear-stress  in  the  vicinity  of  the  step  had  been  determined  by  the  Preston  tube  or 
Clauser  plot  methods  then  Cf  would  have  been  seriously  underestimated.  For  example, 
using  the  first  measuring  station  data  given  in  figure  12,  these  techniques  would  yield 
a  skin  friction  coefficient  approximately  30%  lower  than  that  indicated  by  the  buried 
hot-wire  gauge  at  the  same  location.  Since  the  uncertainty  of  the  buried  hot-wire  gauge 
is  only  ±10%  it  seems  unlikely  that  this  difference  could  be  accounted  for  in  terms  of 
measurement  error.  Moreover,  the  apparent  discrepancies  in  the  use  of  the  Preston  tube 
and  Clauser^methods  in  the  present  case  are  similar  in  magnitude  to  those  noted  by 
Kiske  et  al~  in  their  experiments.  The  clear  implication  is  that,  in  work  on  LEBUs  or 
other  drag  reducing  devices,  skin  friction  in  the  immediate  vicinity  of  the  perturbation 
should  not  be  determined  by  either  standard  Preston  tube  or  Clauser  chart  methoas. 

As  stated  in  the  introduction  there  is  some  interest  in  the  forward  facing  step  as 
a  source  of  extra  drag,  i.e.  excrescence  drag,  ip  aeronautical  applications.  Previous 
measurements  of  the  drag  of  steps  have  been  carried  out  by  mounting  steps  on  a  very 
sensitive  drag  balance  and  data  have  been  presented  by  Gaudet  and  Johnson^.  In  the  pre¬ 
sent  case  consideration  of  the  force  and  momentum  balance  for  a  control  volume  which 
includes  the  step  but  extends  sufficiently  far  upstream,  downstream  and  normal  to  the 
test  surface  for  the  static  pressure  to  be  uniform  over  those  faces  of  the  volume  which 
are  in  the  fluid  leads  to  the  conclusion  that  - 


In  this  relation  Cp  is  the  drag  coefficient  of  the  step  based  upon  the  step  frontal  area, 

Cf  is  the  undisturbed  skin  friction  coefficient  at  the  step  location,  h  is  the  step 
height  and  is  the  difference  between  the  disturbed  and  undisturbed  momentum  thickness 
at  the  downstream  end  of  the  control  volume.  The  above  relation  was  used  to  compute  tne 
drag  of  the  step  from  the  data  presented  in  fiqure  10  and  the  results  are  presented  in 
figure  14  in  the  form  Cp/Cf  versus  log  (UTh/v) .  Mso  shown  in  figure  14  is  the  empirical 
relation  proposed  by  Gaudet  and  Johnson®  together  with  the  scatter  bands  for  the  data 
up  n  which  this  relation  was  based.  The  present  results  lie  well  within  the  bounds  of 
the  Gaudet  and  Johnson  results  and,  in  general,  support  the  balance  data  and  the  suggested 
empirical  relation. 


Finally,  regarding  the  use  of  commercially  produced  ‘glue  on'  hot-film  probes  for 
the  measurement  of  local  wall  shear-stress,  the  results  presented  in  figure  9  suggest 
that,  provided  the  thickness  of  the  substrate  is  such  that  - 
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the  indicated  tw  will  be  equal  to  the  shear-stress  of  the  undisturbed  surface  (±10%). 

In  view  of  the  considerable  convenience  of  the  'glue  on*  type  probe  compared  with  the 
flush  mounted  type  used  in  this  experiment  this  result  is  of  considerable  practical 
importance. 

CONCLUSION 

This  experimental  investigation  has  shown  that  a  small  forward  facing  step  produces 
a  significant  change  in  the  mean  flow  characteristics  of  a  zero  pressure  gradient 
turbulent  boundary  layer.  The  step  induces  a  pressure  perturbation  in  the  vicinity  of 
the  wall  whose  strength  increases  with  increasing  values  of  the  step  height  to  boundary 
layer  thickness  ratio.  This  pressure  perturbation  decreases  rapidly  with  increasing 
downstream  distance  and,  for  the  step  heights  considered,  undisturbed  pressure  levels 
are  regained  at  between  2  and  10  boundary  layer  thicknesses  downstream  of  the  step.  The 
initial  distortion  of  the  mean  velocity  profiles  also  increases  with  increasing  step 
height  but  the  relaxation  process  takes  place  over  a  length  of  approximately  256 
irrespective  of  the  step  height.  By  measuring  the  wall  shear-stress  in  the  relaxation 
zone  with  buried  hot-wire  gauges  it  has  been  shown  that,  when  plotted  in  inner  region 
variables  the  velocity  profile  close  to  the  wall  exhibits  a  semi-logarithmic  behaviour 
but  this  does  not  correspond  to  the  'universal'  distribution.  The  data  indicate  that 
the  universal  law  of  the  wall  is  regained  after  256.  Results  obtained  from  the  buried 
wire  gauges  also  indicate  that  the  wall  shear-stress  recovers  its  undisturbed  value 
very  rapidly  -  in  this  experiment  the  recovery  distance  was  less  than  26.  This  is  a 
disappointing  result  from  the  drag  reduction  point  of  view.  In  addition  these  observa¬ 
tions  suggest  that  the  use  of  standard  Preston  tube  or  Clauser  chart  methods  for  the 
estimation  of  wall  shear  in  perturbed  boundary  layers  may  lead  to  very  large  errors. 
Consequently,  these  techniques  are  not  recommended  for  use  in  evaluating  the  performance 
of  LEBU  devices.  The  results  of  this  investigation  do,  however,  indicate  that  accurate 
wall  shear-stress  measurements  can  be  made  with  'glue-on'  hot-film  gauges  provided  that 
the  substrate  thickness  is  such  that  it  lies  within  the  'law  of  the  wall'  region  for  the 
undisturbed  boundary  layer. 

Finally,  the  detailed  measurements  of  the  boundary  layer  relaxation  process  have 
been  used  to  evaluate  the  drag  of  the  steps  from  considerations  of  the  force-momentum 
exchange  taking  place  within  a  large  control  volume.  The  inferred  values  have  been  found 
to  be  in  good  agreement  with  previously  published  data  obtained  by  an  accurate  drag 
balance  technique. 
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Table  1  -  A  summary  of  the  test  conditions 


Free-stream  unit  Reynolds  number 

undisturbed  boundary  layer  thickness  at  step  location 
undisturbed  momentum  thickness  at  step  location 
undisturbed  skin  friction  coefficient  at  step  location 


0.444  x  10  (1/ins) 
0.410  (ins) 

0.034  (ins) 

0.00405 


step  height 
h(ins) 

h, 

'  ^step 
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Figure  1.  The  experimental  arrangement  and  notation. 


Figure  2.  Calibration  curve  for  the  buried  hot-wire  gauge  at 

X  =  0.786  inches 


Figure  6.  The  mean  velocity  distribution  through  the  undisturbed 
boundary  layer  in  inner  layer  coordinates. 


Symbol 


X  ( ins )  Rfl 

3  20  1823 

10  83  2254 


~02  '  04  '  06 

'ns 


Figure  7.  The  mean  velocity  distribution  through  the  undisturbed 
boundary  layer  in  velocity  defect  form. 
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Figure  8.  The  variation  of  surface  pressure  for  various  step  heights  at  fixed  free 

stream  unit  Reynolds  number. 
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Figure  12.  The  relaxation  of  the  mean  velocity  profile  in  inner  layer 

coordinates. 
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Figure  13.  The  relaxation  of  the  mean  velocity  profile  in  velocity 

defect  form. 


Figure  14.  The  dependence  of  step  drag  upon  step  height. 
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SUMMARY  4  _ 

An  experimental  investigation  in  flight  has  been  performed  to  explore  the  feasi¬ 
bility  of  using  LEBU  (Large-Eddy-Breakup)  devices  to  reduce  the  drag  of  aircraft.  Two 
geometrical  shapes  of  ribbons  were  used,  and  the  development  of  local  skin  friction  was 
monitored  downstream.  The  aircraft  was  a  swept-wing  attack  aircraft,  and  the  flights 
covered  the  entire  subsonic  regime  from  M=0.92  down  to  stall  conditions#  flight  altitudes 
were  1,  4.5,  7  and  10  km  to  explore  various  combinations  of  angle  of  attack,  Mach  -  and 
Reynolds  numbers.  •' 

-  J  ; 

An  essential  part  of  the  study  was* to  learn  how  to  apply  the  devices,  and^aiso'to 
explore  the  effects  the  devices  might  have  on  the  flight  characteristics  of  the  aircraft.— 
for  example,  close  to  stall  or  when  a  shock  was  present  on  the  wing. 

Some  information  was  obtained  concerning  the  turbulence  characteristics  downstream,, 
and  a  discussion  of  the  "downstream  amplification  effect"  due  to  the  drag  at  the  device 
is  also  done. 


1.  INTRODUCTION 

During  the  last  decade  a  considerable  effort  has  been  put  into  finding  ways  of  re¬ 
ducing  the  skin  friction  drag  of  vehicles.  The  reduction  is  obtained  either  by  keeping 
the  boundary  layer  laminar  or  by  altering  the  turbulent  boundary  layer  characteristics.  A 
large  number  of  methods  and  ideas  are  pursued  for  the  turbulent  drag  reduction,  as  re¬ 
viewed  by  Bushnell  (Ref.  1).  One  promising  technique  is  to  use  Large-Eddy-Breakup  (LEBU) 
devices,  consisting  of  ribbons  or  profiles  inside  the  boundary  layer,  mounted  transverse 
to  the  flow  direction.  A  number  of  investigations  exploring  several  geometries  confirm 
local  reduction  of  skin  friction  as  well  as  a  net  drag  reduction  (Refs.  2-4).  There  was 
an  initial  inconsistency  concerning  the  amount  of  skin  friction  reduction  possible,  but 
this  appears  to  have  been  a  result  of  differences  in  the  turbulent  boundary  layer  at  the 
location  of  LEBU  device.  A  fully  developed  turbulent  boundary  layer  with  a  momentum 
thickness  Reynolds  number,  Re0,  larger  than  5000  is  needed  to  obtain  the  wake  structure 
pertinent  full-scale  conditions. 

The  v.  ,rk  at  the  FFA  started  with  a  cooperative  experiment  at  EPFL,  Lausanne, 
Switzerland,  aimed  at  an  independent  verification  of  net  drag  reduction  or  increase,  as 
well  as  obtaining  information  on  optimum  geometry.  Typical  results  concerning  local  skin 
friction  reductions  and  net  drag  reductions  are  shown  in  Figures  1  and  2.  Even  with  Re  0 
reasonably  high,  a  number  of  extrapolations  and  answers  to  many  questions  are  needed 
before  LEBU’s  can  be  used  in  practical  applications: 

Reynolds  number  extrapolation 

Pressure  gradient  effects 

Three-dimensionality  of  the  mean  flow 

Compressibility 

Freestream  turbulence  (or  lack  of  it) 

The  Reynolds  number  extrapolation  is  uncertain,  as  no  data  yet  exists  at  full  scale 
conditions  for  turbulent  boundary  layers  with  LEBU  devices.  For  normal,  lew-speed  bound¬ 
ary  layers  a  variety  of  formulae  may  be  used  to  describe  the  relationship  between  Cf, 

Reg,  H,  Rex,  k  etc.  Using  for  example  Thompson  profiles  (Ref.  5),  the  actual  shape  of  the 
velocity  profile  is  uniquely  defined  using  two  out  of  the  three  parameters  Cf,  Re0  and  H. 
Some  success  was  noted  in  Ref.  3  using  the  additional  parameters  Re0  and  correspond¬ 
ing  to  the  momentum  loss  due  to  the  ribbons  (Re0  )  and  maximum  velocity  defect 
30=UW^^ )A>e,  and  assuming  a  self-preserving  wake  development  downstream. 

However,  this  is  a  description  of  one  set  of  experimental  results  only,  and  the  pro¬ 
files  measured  in  real,  full  scale  flights,  are  not  easily  predicted. 

The  LEBU  devices  are  assumed  to  modify  large-scale  coherent  structures,  and  for  some 
time  a  discussion  has  been  going  on  whether  these  exist  at  all  for  the  high  Reynolds 
numbers  experienced  in  full  scale  flight  conditions.  A  recent  study  by  Andrepolous  et.al 
(Ref.  6)  seem  to  confirm  their  existence  at  least  up  to  Re0»15OOO  for  low  speed  flows. 

Generally  the  pressure  gradient  effects  should  be  moderate,  as  the  values  of  the 
viscous  pressure  gradient  parameter  p=( 9/t^) «dp/dx) ,  indicate  local  equilibrium  pro¬ 
files. 
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In  the  experiments  in  Switzerland  (Ref.  3),  some  tests  were  trade  with  a  viscous 
pressure  gradient  parameter  p  comparable  to  those  found  on  the  present  aircraft  at  inter¬ 
mediate  Mach  numbers,  and  as  Figure  3  indicates  the  local  skin  friction  was  reduced  even 
in  this  case.  But  generally  experiments  with  large-eddy-breakup  devices  have  been  per¬ 
formed  in  flat  plate  boundary  layers  under  laboratory  conditions  only. 

The  small  cross-flcw  of  the  mean  flew  should  not  iratter  ttuch  as  all  turbulence  is  in 
practice  3D,  and  trends  should  not  be  changed  dramatically. 

Compressibility  and  freestream  turbulence  are  also  assumed  to  be  second-order  para¬ 
meters. 

It  was  not  evident  how  to  mount  a  device  for  practical  applications,  as  high  dynamic 
pressure  in  combination  with  wing  bending  and  vibration  would  produce  a  new  environment 
to  the  ribbons.  Also,  they  might  have  an  effect  on  the  stall  behavior  of  the  aircraft  or 
on  the  shock  location,  thus  creating  problems  in  flight  regimes  where  they  were  neither 
efficient  nor  needed. 


2.  EXPERIMENT 

Since  1980  the  FFA  has  access  to  an  aircraft  (Figure  4)  exclusively  for  aerodynamic 
and  in  particular  boundary  layer  studies  in  cooperation  with  The  Swedish  Air  Force 
(FMVjPROV,  Malmslatt).  This  is  a  swept  wing  attack  aircraft  being  flown  from  M=0.95  to 
stall  conditions,  and  with  exceptionally  well  documented  wing  flow  conditions.  It  was 
well  suited  to  give  answers  to  the  question;  is  there  any  feature  in  the  full  scale  ap¬ 
plication  of  LEBU  devices  preventing  their  use? 

The  aircraft  has  a  straight-tapered  wing  with  a  leading  edge  sweep  of  39  degrees. 
The  profile  is  symmetrical;  NACA64A010  normal  to  the  35  degrees  swept  25%  chord  line. 

The  wing  has  zero  twist. 

Practical  application  of  LEBU  devices  would  probably  involve  retrofitting  aircraft 
alredy  in  use,  and  the  profile  and  planform  of  the  SAAB  A3 2  can  be  seen  as  a  fairly  good 
representative  of  many  commercial  swept  wing  aircraft  under  cruise  conditions. 


Flow  conditions 

The  general  information  concerning  pressure  distributions  etc.  for  a  few  cases  may 
be  found  in  Ref.  7,  and  these  may  serve  as  examples  on  typical  conditions.  At  the  FFA  the 
complete  database  with  information  from  the  entire  flight  envelope  and  extensive  infor¬ 
mation  on  boundary  layer  characteristics  is  available,  and  this  is  utilized  in  the  pre¬ 
sent  analysis. 

Figures  4  and  5  show  the  aircraft,  the  geometry  of  the  wing  and  an  isobar  plot  for 
M=0.8,  H=7  km,  corresponding  to  Case  C  of  Ref.  7.  The  test  area  for  the  LEBU  experiment 
is  that  indicated  by  the  isobar  plot.  The  leading  edge  flow  contains  a  distinct  suction 
peak  for  the  lower  Mach  number  with  a  short  separation  bubble  for  Mach  numbers  below 
0.35-0.55,  depending  on  flight  altitude.  At  higher  Mach  numbers  the  end  of  acceleration 
is  also  in  front  of  the  ribbon  position,  and  hence  the  flow  should  be  considered  fully 
turbulent  over  the  entire  region  of  interest.  The  ribbons  were  positioned  at  15%  chord, 
and  the  skin  friction  was  measured  back  to  80%  chord,  where  boundary  layer  measurements 
were  performed.  The  wing  type  has  a  leading  edge  separation  at  stall,  and  this  is  one  of 
the  reasons  why  the  cross-flow  is  small  all  the  way  back  to  more  than  80%  chord.  This 
allows  simplified  instrumentation  to  be  used;  i.e.  boundary  layer  rakes,  Preston  tubes 
etc.,  whithout  significant  loss  in  accuracy.  It  should  be  pointed  out  here  that  this  type 
of  small  cross-flow  is  actually  typical  for  most  wings  at  cruise  conditions. 

As  Figure  5  indicated  the  isobars  are  essentially  parallel  to  the  generators  of  the 
wing,  which  is  important  for  this  type  of  experiments.  To  evaluate  the  data  it  is  also 
essential  to  acknowledge  the  difference  in  local  pressure  coefficient  at  the  position  of 
the  LEBU  device  versus  the  end  of  the  test  region.  Figure  6  shows  that  there  is  a  con¬ 
siderable  variation,  and  this  is  important  when  discussing  the  drag  of  the  ribbons  and 
how  this  drag  may  be  anplified  or  damped  downstream  as  a  result  of  difference  in  C_ 
level.  The  actual  pressure  distribution  along  the  chord  is  shown  in  Figure  7  for  two 
cases,  B  and  C  of  Ref.  7,  with  relatively  high  Mach  number.  For  both  these  cases  the  LEBU 
device  is  positioned  within  a  boundary  layer  with  supersonic  freestream,  although  Figure 
6  shows  that  this  is  an  exception  rather  than  a  rule  through  the  present  experiments. 
Figure  7a  indicates  that  the  spanwise  variation  in  static  pressure  is  very  small  compared 
to  the  streamwise  gradients.  It  also  illustrates  another  typical  feature  of  this  wing:  an 
accelerating  pressure  side  flow  all  the  way  back  to  mid-chord.  The  momentum  thickness 
Reynolds  number  Re0  at  20%  chord,  i.e.  close  behind  the  LEBU  device,  is  shewn  in  Figure  8, 
along  with  the  boundary  layer  thickness. 

To  position  the  LEBU  device  requires  a  compromise  between  local  flow  conditions 
throughout  the  flight  envelope.  As  the  present  investigation  concerned  the  general  fea¬ 
tures  and  problems  associated  with  using  ribbons  in  flight,  no  attempt  was  made  to  find 
an  optimum  position.  Rather  the  variation  of  boundary  layer  thickness  should  be  moderate. 
This  would  ensure  that  the  ribbons  were  always  in  the  outer,  intermittent  part  of  the 
boundary  layer.  All  ribbons  were  located  8  mm  from  the  surface  and  hence  may  have  pro¬ 
truded  outside  the  boundary  layer  for  some  flight  conditions,  although  it  generally  meant 


an  h/ 6  ratio  of  0.8.  The  use  of  different  flight  altitudes  allows  some  information  to  be 
obtained  about  the  effect  of  h/6,  but  this  is  not  dealt  with  in  the  present  paper. 

The  pressure  gradient  at  the  ribbon  position  was  close  to  zero  for  most  medium  or 
high  Mach  number  flow  conditions,  and  this  was  considered  to  be  an  important  feature,  as 
large  gradients  would  have  produced  unwanted  behaviour  due  to  the  variation  in  boundary 
layer  properties  at  the  two  ribbons. 


Device  Mounting 

A  number  of  ribbons  have  been  used;  all  of  them  located  at  the  same  chordwise  pos¬ 
ition  and  having  a  tandem  configuration  with  8  nm  wall  distance.  The  chordwise  distance 
between  leading  edges  were  25  mm,  total  LEBU  device  length  33  mm,  which  corresponds  to 
roughly  1.1%  chord.  (See  Figure  9).  All  ribbons  were  made  of  spring  steel;  initially  a 
rectangular  cross-section  was  used,  but  the  final  series  of  tests  were  made  with  profiled 
leading  and  trailing  edge  as  it  was  hoped  that  this  would  reduce  the  device  drag 
(Bushnell,  Ref.  8) . 

For  safety  reasons  the  initial  ribbons  were  only  0.5  meters  long,  and  several  com¬ 
binations  of  ribbon  thickness  and  preloading  were  required  before  they  would  survive  a 
flight.  The  combination  of  dynamic  aircraft  load/ribbon  flutter  during  or  after  take-off 
broke  the  ribbons.  Both  ribbons  were  instrumented  with  strain  gages,  and  their  load  and 
interaction  in  flight  has  been  recorded.  Attempts  using  carbon-fiber  ribbons  (that  would 
have  been  suitable  for  profile  development)  were  abandoned  due  to  strength  problems. 

Also,  a  stretching  mechanism  allowing  continuous  variation  of  mechanical  stress  was 
necessary.  The  ribbons  wre  always  mounted  with  the  aircraft  resting  on  the  landing  gear. 
During  flight  this  meant  lowering  the  stress  (as  the  wings  deflected  upwards  due  to  lift), 
but  a  too  low  stress  also  meant  risk  of  flutter.  Also,  the  ribbons  and  holders  had  to  be 
designed  so  that  if  any  part  of  the  device  broke  off  it  would  be  the  ribbon,  probably  not 
a  mid-support  and  definitely  not  the  end  holders.  The  profiled  ribbons  were  manufactured 
from  rectangular  material  using  grinding  and  subsequent  hardening.  The  results  presented 
in  this  paper  all  concern  the  final  ribbon  length  of  1  meter  with  two  small,  streamlined 
supports  in  between. 


3 .  RESULTS 
General  observations 

No  adverse  effects  were  observed  by  the  pilot  at  any  speed;  neither  at  high  Mach 
number  were  shock/ribbon  interactions  could  create  problems  or  at  low  speeds.  The  pilot 
notation  of  stall  occurs,  for  this  aircraft,  when  this  particular  part  of  the  wing  separ¬ 
ates,  and  no  change  in  behavior  was  observed.  As  the  ribbons  were  short,  this  is  not  a 
very  strong  evidence,  but  the  tufts  used  on  the  opposite  wing  (where  the  ribbons  were 
also  present)  did  not  indicate  a  premature  local  separation  back  to  the  trailing  edge. 

The  loss  of  ribbons  on  one  side  was  not  noticable  in  turns,  rolls  or  other  maneouvers 
that  were  performed. 


Static  pressure  distribution 

Figure  10  shews  the  static  pressure  coefficient  at  50%  chord  for  three  different 
flight  altitudes,  and  no  systematic  change  in  local  pressure  coefficient  can  be  observed. 
For  the  low  speed  cases  this  agrees  with  the  pilot  observations  and  at  high  Mach  numbers 
it  indicates  that  no  dramatic  change  in  shock  position  occured. 


Local  skin  friction  distribution 

This  was  investigated  using  modified  Preston  tubes  (Ref.  9),  using  the  compressible 
calibration  of  Bradshaw  and  Unsworth  (Ref.  10).  These  rely  on  the  wall  similarity  to  be 
valid;  a  debatable  issue.  It  would  have  be  desireable  to  determine  local  Cj  through  dif¬ 
ferentiation  of  the  momentum  thickness,  but  due  to  practical  limitations  of  a  real  flight 
experiment  as  well  as  complications  dealing  with  3D,  compressible  flows  with  an  appreci¬ 
able  pressure  gradient,  wall  similarity  techniques  were  used.  In  Ref.  3  and  11  there  are 
indications  that  this  similarity  is  reasonable  approximation  after  some  boundary  layer 
thicknesses,  and  in  the  present  experiment  one  test  was  made  to  show  this.  At  50%  chord  a 
heated  film  gage  (McCroskey,  Ref.  11)  was  located  side-by-side  with  a  modified  Preston 
tube  and  calibrated  at  the  appropriate  flight  conditions.  The  heated  film  gage  is  based 
on  the  heat  transfer/ momentum  transfer  similarity  and  is  often  claimed  to  rely  on  the 
viscous  sublayer  law.  In  the  next  flight  the  ribbons  were  put  into  position  and  the 
change  in  local  C*  indicated  by  the  heated  film  gage  was  compared  with  the  change  in¬ 
dicated  by  the  modified  Preston  tube.  For  H=7  km  Figure  11  shows  the  result,  an  agreement 
within  the  experimental  scatter.  Admittedly  this  is  no  proof  of  wall  similarity  but  it  is 
an  indication  that  the  modified  Preston  tubes  can  be  used  with  confidence  on  the  present 
wing. 

It  is  also  of  interest  to  notice  that  the  two  gages  actually  measured  an  increase  in 
local  skin  friction  as  compared  to  measurements  obtained  earlier  further  forward  where 
reductions  in  local  of  10-15%  were  observed. 
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To  explore  the  downstream  development  of  Cf  (as  well  as  static  pressure),  a  diagonal 
pattern  of  probes  was  used;  see  Figure  12.  Here  one  extra  probe  was  use  in  the  wake  of 
one  of  the  supports  to  detect  spanwise  changes.  Figure  13  shows  the  resulting  development 
of  local  static  pressure  Cp  and  skin  friction  Cf  for  M=0.8  and  H=7  km,  i.e.  Case  C.  The 
static  pressure  is  seen  to^repeat  within  measurement  accuracy  and  the  local  skin  friction 
indicates  10-15%  lower  values  with  the  LEBU  device.  In  the  Figure  results  of  computations 
using  the  boundary  layer  code  of  Bradshaw  et  al.  (Ref.  13)  finite  difference  method  are 
shown.  The  computations  are  performed  with  changes  in  initial  Reg,  which  means  that  the 
evaluation  of  Cf  corresponds  to  the  effect  of  lowering  Cf  through  thickening  of  the 
boundary  layer.  As  can  be  seen  the  measured  reduction  in  Cf  cannot  be  explained  by  the 
"thick  layer"  explanation. 

A  correlation  based  upon  meaningful  flow  parameters  was  difficult  to  establish.  For 
the  cases  of  constant  h/ 6  ratio  a  correlation  attempt  was  made  of  the  data  as  shown  in 
Figure  15,  where  the  findings  of  Anders  et.al  (Ref.  4)  indicating  a  region  of  skin  fric¬ 
tion  reduction  50-80  6Q  long  were  followed  by  an  "overshoot"  between  120-190  6Q.  In  the 
present  case,  of  course,  the  pressure  gradient  cause  a  matter  of  discussion,  but  as  men¬ 
tioned  earlier  the  gradients  are  moderate  and  the  turbulence  structure  is  not  necessarily 
very  dependent  on  it. 

The  local  reduction  of  Cf  was  rather  small  in  the  present  case,  as  the  geometry  of 
the  LEBU  device  had  L/60=3.5  or  smaller.  According  to  Anders  L/ 6Q  ratios  up  to  10  should 
produce  lower  Cf  values. 


Mean  velocity  and  turbulence  structure 

Two  boundary  layer  rakes  were  located  at  80%  chord  to  monitor  the  downstream  result 
of  the  LEBU  device  presence  in  the  leading  edge  region  (15-17%  chord).  The  rakes  are 
shown  in  Figure  16.  The  pressure  rake  had  several  cobra  probes  to  determine  cross-flow  in 
addition  to  its  single  total  pressure  tubes  used  to  obtain  the  streamwise  velocity  pro¬ 
file. 


To  supplement  this  rake,  as  well  as  for  independent  measurements  in  the  leading  edge 
region  of  the  wing,  a  miniature  rake  with  6  hot  wires  located  up  to  7  mm  from  the  sur¬ 
face  was  used  to  measure  the  turbulence  characteristics.  The  mean  voltages  were  fil¬ 
tered,  digitized  and  stored  with  the  rest  of  the  reference  and  pressure  information  of 
the  test,  and  the  AC  amplified  turbulent  data  was  recorded  on  separate  tracks  on  the  14- 
channel  analog  tape  recorder. 

Frequency  response  was  10  kHz,  the  wire  diameter  5  ij  m  and  wire  length  1.5  mm.  In 
the  present  paper  use  is  made  of  the  direct  analog  signals  to  obtain  space/frequence 
information.  Both  rakes  are  shown  in  Figure  16,  where  also  their  side-by-side  arrangement 
can  be  noted.  Measurements  were  made  through  the  entire  Mach  number  region. 

Figure  17  shows  the  boundary  layer  profiles  measured  with  the  pressure  rake  with  and 

without  the  ribbons  in  position  for  one  flight  condition  (Case  C).  Here  the  ribbons  crea¬ 

te  a  net  drag  increase.  The  cross-flow  angle  at  y=2.8  mm  is  also  indicated,  and  ap¬ 
parently  the  ribbons  did  not  create  a  higher  cross-flcw,  again  confirming  the  indications 
that  no  problems  were  produced  concerning  the  separation  of  the  flow. 

The  hot  wire  rake  show  more  interesting  features.  Figure  18  exemplifies  the  results 
obtained  using  wires  1,  3  and  5  as  well  as  correlations  between  these.  Two  analog  signals 
at  a  time  were  fed  into  an  Hewrett  Packard  Fourier  analyzer,  where  their  spectra,  cross¬ 
spectra,  coherence  and  transfer  function  was  determined.  For  wires  1  and  3,  located  0.2 
and  2  nm  from  the  wall  respectively,  there  was  a  phase  shift  virtually  independent  of 
whether  the  LEBU  device  was  in  position  or  not.  This  kmay  be  seen  as  a  verification  that 

the  large-scale  structures  exist  at  the  present  Re0  values,  up  to  Re0=  8.  For  wires  3  and 

5  there  was  a  considerably  smaller  phase  shift  with  the  LEBU  device,  indicating  a  change 
in  structure  of  the  turbulence.  The  data  was  evaluated  up  to  frequencies  where  the  co¬ 
herence  started  disappearing,  and  the  slope  in  the  d$/df -plane  was  virtually  constant. 
When  this  was  evaluated  as  function  of  flight  Mach  number,  and  the  time  difference  cor¬ 
responding  to  the  phase  shift  was  interpreted  as  a  vertical  "phase  velocity"  in  a  manner 
similar  to  that  done  by  Kreplin  and  Eckelmann,  the  results  of  Figure  19  are  obtained.  It 
is  seen  that  close  to  the  wall  this  velocity  is  independent  of  LEBU  device  presence, 
whereas  the  velocity  further  out  in  the  stream  is  damped  due  to  the  ribbon  presence. 

It  may  be  of  interest  to  consider  the  wall  distances  of  the  various  hot  wires  ex¬ 
pressed  in  wall  units.  Wire  *  1,  at  y=0.2  mm  has  y+=20-55  when  the  Mach  number  varies 
from  0.8  down  to  0.4.  Wire  *  2  has  y  =110-270  whereas  wire  *  3  sits  at  y+=220-540.  It  may 
be  noted  that  Andreupoulous  et  al.  (Ref.  6)  in  their  correlation  of  the  non-dimensional 
mean  bursting  interval  normalized  with  outer  variables  (Tn •!>»)/ 6,  had  this  interval  as 
approximately  80  from  the  wall  out  to  y+=100,  a  value  of  200  for  y’l’>200  and  an  increase 
from  80  to  200  for  intermediate  y+  values. 

It  should  be  noted  that  this  velocity  is  not  to  be  interepreted  as  a  group  velocity, 
as  the  main  energy  of  the  turbulence  nay  not  necessarily  have  this  velocity  (or  angle), 
but  if  the  horizontal  group  velocity  is  approximated  by  the  time-averaged  streamwise 
velocity  at  that  position,  the  angles  of  typical  turbulent  structures  may  be  deduced. 
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It  should  be  noted  that  the  information  on  phase  shift  used  has  frequencies  corre¬ 
sponding  to  wavelengths  larger  than  the  boundary  layer  thickness. 

A  couple  of  additional  remarks  should  be  done  to  the  turbulence  information  de¬ 
scribed: 

The  frequencies  corresponding  to  a  coherence  as  well  as  distinct  phase  shift  between 
two  channels  are  all  in  the  range  of  the  boundary  layer  thickness  or  large.  Also  no  con¬ 
ditional  sampling  has  been  performed  on  the  data  so  far,  hence  the  occurrences  like 
bursts,  sweeps  etc.  can  not  be  identified. 


4.  CONCLUSIONS 

A  number  of  conclusions  can  be  made  from  the  present  investigation: 

The  present  investigation  indicates  that  it  is  possible  to  use  Large-Eddy-Break -Up 
devices  in  flight  without  deteriorating  the  performance  or  handling  characteristics  of 
the  aircraft  in  any  part  of  the  flight  envelope. 

Local  reduction  in  skin  friction  is  found  at  much  higher  Reynolds  numbers  than  pre¬ 
viously  tested. 

The  pressure  gradients,  compressibility  and  small  three-dimensionality  of  typical 
aircraft  wings  do  not  significantly  change  the  effects  of  large-eddy-break-up  devices. 

The  earlier  findings  indicating  an  "overshoot"  in  local  skin  friction  for  certain 
regions  behind  the  ribbons  are  confirmed. 

The  structure  of  the  boundary  layer  turbulence  is  altered  far  downstream,  even  aft 
of  the  skin  friction  "overshoot"  region. 
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Figure  1.  Local  skin  friction  versus  streamwise  position. 

LEBU  device  (two  rectangular  ribbons  in  tandem) 
located  at  x=C.8m.  (From  Ref.  3.) 
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Figure  2.  Momentum  thickness  development  with  and  without 

LEBU  device.  Small  net  drag  reduction  is  indicated. 
(From  Ref.  )  . 
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Figure  3. 

Local  skin  friction  versus 
streamwise  position. 

(From  Ref.  3. ) 
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Figure  7.  Pressure  distributions  along  chord  for  two 
test  cases:  M=0.885  and  M=0.8;  H= 7  km. 
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Figure  15.  Computed  skin  friction  Cf  and  momen 
turn  thickness  0.  M=  0.8  H=  7  km. 


Figure  16.  Photography  of  boundary  layer  rake 
and  miniature  hot  wire  rake. 


Figure  17.  Mean  velocity  profile  at  £ =0.8 
with  and  without  LEBU  device. 
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SUMMARY 


~  "At  Reynolds  numbers  below  5  million,  airfoils  are  affected  by  laminar  separation 
bubbles  which, in  many  cases, considerably  increase  the  drag.  By  blowing  air  from  a  row  of 
orifices  at  the  beginning  of  the  laminar  separation  bubble,  the  bubble  can  be  prevented 
and  the  drag  can  be  reduced  substantially.  This  device  is  called  pneumatic  turbulator. 
Free-stream  total  pressure  is  sufficient  to  provide  the  turbulator  bleed  air.  The  addi¬ 
tional  drag  caused  by  the  bleed  air  and  the  air  jets  is  negligible.  The  low  drag  Reynolds 
number  range  of  laminar  airfoils  can  be  extended  by  using  pneumatic  turbulators.  — 
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cl 

Lift  coefficient 

cf 

Local  friction  coefficient 

cp 

Pressure  coefficient 

CQ 

Turbulator  bleed  air  coefficient 

c  -  V 

CQ  U„  •  S 

cd 

Airfoil  section  drag  coefficient 

dcd 

Drag  component  of  the  additional 
pressure  Ac_  due  to  a  laminar 
separation  ^bubble 

H 

6* 

Shape  factor  H  =  -g- 

c 

m 

Airfoil  chord 

Re 

u»  *  c 

Reynolds  number  based  on 
airfoil  chord  c 

Re  6 

* 

°x  *  6* 

- — —  Reynolds  number  based  on 

displacement  thickness  6* 

Re0 

Ux  •  6 

— - -  Reynolds  number  based  on 

momentum  loss  thickness  0 

S 

m2 

Wing  area 

u' 

m/s 

Longitudinal  velocity  fluctuation 

U 

Velocity  in  the  viscous  shear 
layer 

°P 

(Hypothetical)  inviscid  flow 
velocity 

°Po 

Hypothetical  inviscid  flow 
velocity  at  the  surface 

°x 

m/s 

Local  velocity  calculated  from 
local  static  pressure 

m/s 

Free-stream  flow  velocity 

Q  mJ/s  Volumetric  flow  of  air  jets 


x  m  Chordwise  distance 


xm 

T 

m 

Turbulator  position 

y 

m 

Distance  from  the  surface 

yo 

m 

Distance  where  U  =  Oj  reversed 
flow  region 

a 

deg. 

Angle  of  attack 

r 

deg. 

Slope  angle  of  airfoil  contour 

6* 

m 

Displacement  thickness 

6* 

=  l(%  '  ^)dY 

AcP 

Differential  pressure  coefficient 

Acd 

Additional  drag 

deg. 

Flap  angle 

S  Momentum  loss  thickness 


v  m2/s  Kinematic  viscosity 

Subscript 

TE  Trailing  edge 


1. 


INTRODUCTION 


At  Reynolds  numbers  below  about  five  million,  laminar  separation  bubbles  can  occur 
on  wings  and  fuselages.  These  bubbles  are  generated  by  a  laminar  separation  of  the  flow 
followed  by  transition  and  turbulent  reattachment.  Laminar  separation  bubbles  are  un¬ 
desirable  because  they  increase  the  drag  by  mechanisms  which  have  not  yet  been  fully 
understood. 

The  following  paper  describes  the  details  of  laminar  separation  bubbles  and  provides 
a  hypothesis  of  the  drag  mechanism.  Furthermore  a  device  called  pneumatic  turbulator  is 
presented  by  which  laminar  separation  bubbles  can  be  avoided,  thus  leading  to  a  drag  re¬ 
duction.  Experimental  results  on  laminar  airfoils  show  the  effectiveness  of  this  new  de¬ 
vice,  also  in  comparison  with  mechanical  turbulators.  The  application  range  of  the  pneu¬ 
matic  turbulators  is  given. 


2.  DESCRIPTION  OF  LAMINAR  SEPARATION  BUBBLES 

Laminar  separation  bubbles  occur,  if  the  laminar  boundary  layer  separates  from  the 
surface.  Due  to  the  destabilizing  effect  of  the  boundary  layer  velocity  profiles  with  an 
inflection  point  the  laminar  boundary  layer  rapidly  becomes  unstable  and  transition  oc¬ 
curs  in  the  free  shear  layer.  Next  the  turbulent  boundary  layer  reattaches,  thus  forming 
a  bubble  as  indicated  in  figure  1 .  Figure  1  also  shows  a  typical  pressure  distribution 
caused  by  such  a  bubble  in  contrast  to  a  pressure  distribution  (dashed  line)  without  a 
separation  bubble.  The  laminar  part  of  the  bubble  is  characterized  by  nearly  constant 
pressure  and  the  turbulent  part  by  a  very  steep  pressure  rise.  Due  to  the  change  in  effec¬ 
tive  airfoil  contour,  the  pressure  in  front  of  and  behind  the  bubble  is  affected  too. 

Figure  2  shows  a  schematic  drawing  of  an  oil  flow  pattern  which  is  frequently  ob- 
served  if  the  airfoil  is  vertically  mounted  in  the  windtunnel,  along  with  a  hypothesis 
of  the  internal  flow  in  the  bubble.  The  gradient  of  the  oil  flow  is  an  indication  of  the 
shear  stress:  nearly  horizontal  flow  is  related  to  a  high  shear  stress  and  vertical  flow 
is  due  to  gravity  and  zero  shear. 

In  the  front  part  of  the  oil  flow  pattern  the  oil  flow  lines  become  steeper  and 
finally  merge  into  a  vertical  line  representing  the  separation  line. 

In  the  laminar  part  of  the  bubble  the  oil  indicates  a  slowly  moving  flow  in  reversed 
direction  near  the  surface.  The  turbulent  part  of  the  bubble  is  indicated  by  reversed  oil 
flow  with  high  shear  stress.  In  between  these  rotating  flows  probably  a  contrarotating 
vortex  is  present.  At  reattachment  there  is  a  fir-tree  like  flow  pattern  which  is  gov¬ 
erned  by  stagnation  line  flow  and  shear  stress. 

It  should  be  mentioned  that  the  oil  flow  pattern  at  the  end  of  the  bubble  frequently 
indicates  a  three-dimensional  flow  character,  probably  due  to  three-dimensional  waves 
(originating  from  the  unstable  Tollmien-Schlichting  waves)  or  Taylor-Goertler  vortices. 
Accordingly,  the  drag  distribution  measured  with  a  wake  rake  traversing  along  the  model 
span  shows  a  wavy  character. 

The  size  of  the  laminar  separation  bubble  is  related  to  the  stability  of  the  laminar 
boundary  layer  which  in  turn  depends  on  Reynolds  number  and  velocity  gradient.  By  increas¬ 
ing  the  Reynolds  number  transition  is  moving  forward  and  the  size  of  the  bubble  decreases 
as  shown  by  the  measurements  on  airfoil  HQ  17/14.38  in  figure  3.  At  Re  =  2.5  •  10b  there 
seems  to  be  no  bubble  anymore.  Behind  decelerated  laminar  flow  the  b’  ‘>ble  will  be  short 
or  non-existent  and  behind  accelerated  flow  the  bubble  will  be  longer.  Hence,  the  bubble 
dimensions  vary  with  angle  of  attack,  as  shown  in  figure  3  too.  It  is  noted  that  also  in 
case  of  transition  without  a  bubble  (a  =  4.2”,  x/c  =  0.55,  upper  surface),  a  hump  is  pre¬ 
sent  in  the  pressure  distribution  caused  by  the  change  in  boundary  layer  displacement 
thickness  and  hence  in  the  effective  airfoil  contour. 

Going  into  more  detail,  figure  4  shows  results  of  hot-wire  anemometer  measurements 
at  several  stations  on  the  lower  surface  of  the  airfoil.  The  velocity  profiles,  longi¬ 
tudinal  turbulence  intensity  profiles  (u'),  and  turbulent  frequency  spectra  (not  shown  here) 
were  measured  perpendicular  to  the  airfoil  surface.  First  the  results  obtained  with  the 
clean  surface  (continuous  line)  will  be  considered.  The  results  obtained  with  turbulators 
(broken  line)  will  be  discussed  in  the  next  chapter. 

A  laminar  separation  bubble  is  present  on  the  lower  surface  between  x/c  »  0.73  where 
laminar  separation  takes  place,  and  x/c  -  0.81  where  the  boundary  layer  reattaches.  Since 
the  hot-wire  cannot  detect  the  direction  of  the  flow,  the  velocities  in  the  lower  region 
of  the  bubble  are  misleading.  Just  behind  reattachment,  at  x/c  =  0.82,  the  velocity  profile 
shows  a  characteristic  dint  which  disappears  rapidly  downstream  as  the  boundary  layer  de¬ 
velops  into  its  fully  turbulent  state.  Outside  this  turbulent  boundary  layer  the  velocity 
shows  a  slight  gradient  due  to  curvature  of  the  flow.  Linear  extrapolation  provides  the 
hypothetical  inviscid  velocity  at  the  surface  Upo,  which  is  used  as  reference  in  the  ve¬ 
locity  and  turbulence  intensity  profiles. 

Frequency  spectra  indicate  that  in  the  laminar  boundary  layer  several  frequencies 
are  amplified,  but  the  turbulence  intensity  remains  very  low.  In  the  free  shear  layer  of 
the  bubble,  however,  the  turbulence  intensity,  in  particular  the  amplitude  at  425  Hz, 
significantly  grows. Just  in  front  of  x/c  =  0.80  the  pressure  distribution  shows  a  sharp 
corner,  generally  considered  as  the  position  of  transition.  In  the  subsequent  steep  pres¬ 
sure  rise  both  the  size  of  the  turbulent  region  and  the  intensity  of  the  turbulent  motion 
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drastically  grow,  as  indicated  by  the  profiles  at  x/c  =  0.8  and  x/c  =  0.82.  Frequency 
spectra  show  the  amplified  425  Hz  frequency  and  its  harmonics  to  be  present  in  the  outer 
flow  up  to  several  boundary  layer  thicknesses  from  the  surface!  Hence,  the  turbulence  in¬ 
tensity  is  not  zero  at  the  edge  of  the  boundary  layer.  Downstream  of  reattachment  the 
velocity  and  turbulence  intensity  near  the  surface  rapidly  increase,  suggesting  a  bounda¬ 
ry  layer  velocity  profile  at  reattachment  similar  to  separation,  and  a  large  increase  of 
the  shear  stress  thereafter.  Downstream  of  x/c  =  0.84  the  turbulence  intensity  decreases, 
being  distributed  in  the  growing  boundary  layer  thickness,  and  frequency  spectra  show  a 
regular  pattern  without  peaks.  Outside  the  boundary  layer  the  amplified  425  Hz  frequency 
is  present,  its  power  decreases  with  distance  from  the  surface. 


3.  ADDITIONAL  DRAG  OF  LAMINAR  SEPARATION  BUBBLES 

It  is  well-known  that  laminar  separation  bubbles  can  cause  additional  drag.  This 
additional  drag  is  composed  of  additional  pressure  drag  and  frictional  drag  on  different 
parts  of  the  surface.  Because  of  the  difficulties  in  calculating  the  contribution  of  the 
pressure  drag  current  profile  drag  prediction  methods  compute  profile  drag  by  calculating 
for  each  surface  the  development  of  the  momentum  loss  thickness  0  and  applying  the  well- 
known  Squire-Young  relation 


in  order  to  correct  the  momentum  defect  at  the  trailing  edge  (TE)  to  conditions  far  down¬ 
stream.  Both  pressure  drag  and  frictional  drag  are  incorporated  this  way. 

Following  this  approach  the  development  of  the  boundary  layer  parameters  calculated 
from  previous  velocity  profiles  (figure  4)  is  shown  in  figure  5.  Again,  first  the  results 
plotted  by  a  continous  line  will  be  considered. 

Due  to  the  weak  pressure  gradient  the  laminar  boundary  layer  development  approximates 
the  flat  plate  case,  where  H  =  2.6.  As  mentioned  earlier,  the  velocity  profiles  in  the  re¬ 
versed  flow  region  of  the  laminar  separation  bubble  are  misleading.  Noting  that  the  veloci¬ 
ties  in  that  region  are  very  low,  one  can  write 
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which  indicates  that  the  reversed  flow  mainly  contributes  to  the  value  of  6  .  The  increase 
of  6*  up  to  the  position  of  transition,  and  subsequent  reduction  is  evident  in  figure  5. 
Contrary,  the  reattaching  and  turbulent  mixing  process  involves  a  sharp  increase  in  momen¬ 
tum  loss  thickness.  Consequently,  the  shape  factor  increases  to  an  extremely  large  value 
and  steeply  decreases  thereafter.  Further  downstream  a  fully  turbulent  boundary  layer  de¬ 
velops. 

When  the  boundary  layer  is  artificially  disturbed  in  the  vicinity  of  the  laminar  se¬ 
paration  position,  the  bubble  can  be  avoided.  Figure  4  also  shows  the  pressure  distribution 
and  boundary  layer  profiles  measured  with  a  transition  strip  at  x/c  =  0.72  (broken  line). 
The  strip  consists  of  self-sticking  Mylar-film  (width  11  mm,  thickness  0.25  mm)  with 
digged-in  bumps  of  1  mm  height  every  5  mm.  Experiments  showed  that  the  height  of  the 
bumps  is  just  sufficient  to  trigger  the  boundary  layer. 

Behind  the  strip,  at  x/c  =  0.74,  the  velocity  profile  is  only  slightly  affected,  how¬ 
ever  the  strip  provides  turbulence  with  a  primary  frequency  component  of  3600  Hz.  Further 
downstream  the  boundary  layer  is  much  thinner  than  in  the  bubble  case  and  the  turbulence 
is  concentrated  within  the  boundary  layer;  the  frequency  spectra  show  a  regular  pattern 
without  peaks. 

The  corresponding  boundary  layer  parameters  in  figure  5  also  indicate  a  fully  turbu¬ 
lent  boundary  layer  some  distance  behind  the  strip. 

Applying  the  Squire-Young  relation  to  the  local  values  of  the  momentum  loss  thick¬ 
ness,  shape  factor  and  velocity  give  the  development  of  the  equivalent  drag  values  along 
the  surface;  the  resulting  figure  is  similar  to  the  development  of  momentum  loss  thick¬ 
ness.  The  extrapolated  values  at  the  trailing  edge  indicate  that  elimination  of  the 
bubble  reduces  the  drag  contribution  of  the  lower  surface  by  25%  which  corresponds  to 
the  measured  reduction  in  airfoil  drag  of  13%. 

From  these  considerations  the  following  tentative  conclusions  are  drawn,  illustrated 
by  the  schematic  sketch  in  figure  6.  In  case  of  a  pronounced  laminar  separation  bubble  ©  , 
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indicated  by  the  magnitude  of  the  pressure  jump  for  the  reattaching  transitional  shear 
layer  to  overcome  the  increase  in  momentum  loss  thickness  in  this  region  is  the  main  rea¬ 
son  for  the  drag  increase.  Triggering  the  boundary  layer  in  the  vicinity  of  the  laminar 
separation  position  may  easily  result  in  a  drag  decrease  Q)  .  However,  if  the  bubble  is 
thin  or  small  triggering  may  be  ineffective  or  even  harmful  (2)  .  An  example  of  the  latter 
case  is  given  in  reference  Cl  3. 

With  respect  to  profile  drag  prediction  methods,  it  is  clear  that  the  flow  mechanism 
at  the  rear  of  the  bubble,  which  define  the  starting  conditions  of  the  turbulent  boundary 
layer,  play  a  crucial  role.  No  method  is  known  to  the  authors  which  handles  this  satis¬ 
factorily.  As  a  consequence,  drag  prediction  in  case  of  laminar  separation  bubbles  is  not 
very  reliable  yet. 

Finally,  it  is  noted  that  there  is  a  lower  limit  of  the  Reynolds  number  Re  based  on 
the  momentum  loss  thickness  below  which  no  turbulent  boundary  layer  flow  can  exist.  For 
instance,  Preston  shows  that  this  Reynolds  number  for  a  flat  plate  at  zero  pressure  gra¬ 
dient  is  320,  reference  [23,  and  that  in  case  of  lower  values,  the  drag  of  the  transition 
device  should  increase  Re0  up  to  this  value. 

As  mentioned  in  the  beginning  of  this  chapter,  the  additional  drag  due  to  a  bubble 
is  composed  of  additional  pressure  drag  and  frictional  drag. 

While  the  frictional  drag  contribution  of  the  turbulent  boundary  layer  can  be  measured 
for  instance  by  a  pitot-probe  (Preston-tube ) ,  measurements  inside  the  bubble  are  difficult. 
A  pitot-probe  gives  a  wrong  indication  when  the  flow  direction  exeeds  +30  degrees  and  hot 
wire  probes  generally  do  not  indicate  the  flow  direction.  Probably  laser  velocimetrv  will 
give  the  answers . 

With  respect  to  pressure  drag ,  the  next  considerations  clarify  some  typical  features. 
Figure  7  shows  again  the  change  in  pressure  distribution  due  to  a  bubble,  and  the  resulting 
additional  pressure  drag  component  which  can  be  written  as 

Ac^  =  J"  ACp  •  sin(y  +  a)d(x/c)  . 

(y  +  a)  is  the  angle  of  the  surface  with  respect  to  the  oncoming  flow.  If  this  angle  is 
zero  (a  =  -y),  there  is  no  additional  pressure  drag.  Compared  to  the  lift  of  the  airfoil 
section,  the  additional  lift  component  is  negligible. 

The  following  numerical  values  illustrate  the  pressure  drag  contribution  due  to  a 
bubble.  Assuming  that  there  is  no  bubble  anymore  on  the  lower  surface  at  P.e  =  2.5  •  106, 
the  measured  pressure  distributions  of  figure  3  can  be  integrated  according  to  the  previous 
equation,  taking 

Acp  =  cp  Re  '  cp ( Re=2 . 5 • 106 ) * 

The  pressure  drag  values  listed  in  table  1  are  of  the  same  order  of  magnitude  as  the  drag 
reductions  caused  by  pneumatic  turbulators " > ,  indicating  that  the  frictional  drag  contri¬ 
bution  due  to  the  bubble  is  relatively  low.  A  comparison  is  given  in  table  1.  The  results 
should  be  considered  with  care  because  integration  could  only  be  performed  approximately 
since  there  were  only  5  pressure  holes  in  the  region  of  the  laminar  separation  bubble 
being  not  sufficient  for  an  accurate  representation  of  the  pressure  distribution. 

The  effect  of  laminar  separation  bubbles  on  the  drag  polars  is  shown  schematically  in 
figure  8.  Figure  8a  represents  the  effect  of  a  laminar  separation  bubble  on  the  upper  sur¬ 
face  of  an  airfoil.  A  characteristic  feature  is  the  increase  of  the  additional  drag  with 
increasing  lift  coefficient  (angle  of  attack) ,  which  is  in  accordance  with  the  previous 
equation.  Another  characteristic  feature  is  the  reduction  of  drag  at  the  upper  limit  of 
the  laminar  bucket.  This  reduction  is  due  to  the  disappearance  of  the  laminar  separation 
bubble  since,  at  higher  angles  of  attack,  suction  peaks  form  at  the  leading  edge  and  the 
subsequent  pressure  rise  destabilizes  the  boundary  layer  in  such  a  way  that  a  normal  lami¬ 
nar-turbulent  transition  occurs  prior  to  laminar  separation. 

Figure  8b  shows  the  inverse  behaviour  due  to  the  additional  drag  of  an  airfoil  with 
a  lower  side  bubble.  The  polar  of  an  airfoil  with  a  bubble  on  upper  and  lower  side  would 
be  as  shown  in  figure  8c.  The  hatched  area  indicates  the  additional  drag  caused  by  bubbles 
on  upper  and  lower  surface. 

Figure  9  shows  a  practical  example  of  such  a  drag  polar.  The  airfoil  is  the  Wortmann 
FX  66-S-196V1  and  the  measurements  were  taken  from  reference  [33.  The  drag  reduction  at  the 
limits  of  the  low  drag  bucket  due  to  the  disappearance  of  the  bubble  on  either  surface  is 
obvious,  indicating  that  an  elimination  of  the  bubble  on  both  surfaces  by  triggering  would 
result  in  a  drag  reduction  between  zero  lift  and  nearly  maximum  lift. 


4.  DRAG  REDUCTION  BY  MEANS  OF  PNEUMATIC  TURBULATORS 
4.1  Description  of  bubble  avoiding  devices 


As  clarified  in  the  previous  chapter,  laminar  separation  bubbles  are  responsible  for 


pneumatic  turbulators  are  discussed  in  detail  in  chapter  4.2 


the  increased  drag  of  some  airfoil  sections.  To  prevent  these  laminar  separation  bubbles, 
different  techniques  can  be  used.  One  of  these  techniques  first  used  by  Wortmann  [43  is 
to  shape  the  airfoil  sections  with  so-called  destabilizing  regions  as  shown  in  figure  10. 
Destabilizing  regions  are  parts  of  the  airfoil  with  a  slightly  adverse  pressure  gradient 
which  promotes  transition  without  laminar  separation.  At  optimum  design  of  the  destabili¬ 
zing  region  transition  occurs  just  at  the  end  of  the  region. 

Destabilizing  regions,  however  have  the  following  disadvantages: 

•  A  destabilizing  region  can  only  be  correct  for  one  particular  Reynolds  number.  As  in¬ 
dicated  in  figure  11,  at  lower  Reynolds  numbers  a  separation  bubble  forms  as  a  result 
of  insufficient  destabilization  whilst  at  higher  Reynolds  numbers  the  laminar-turbulent 
transition  occurs  too  early  because  of  too  much  destabilization.  In  both  cases,  drag  is 
higher  than  necessary. 

•  A  destabilizing  region  can  only  be  correct  for  one  particular  angle  of  attack  or  flap 
angle.  With  a  higher  angle  of  attack,  for  instance,  the  pressure  increase  is  steeper 
on  the  upper  side  and  flatter  on  the  lower  side. 

As  a  result  we  can  notice,  that  for  an  airfoil  with  only  one  design  point  there  is 
no  need  for  turbulators;  an  optimum  design  can  be  performed  using  only  destabilizing  re¬ 
gions.  As  far  as  there  is  more  than  one  design  point  with  respect  to  angle  of  attack,  flap 
deflection  and  Reynolds  number  turbulators  are  an  additional  powerful  tool  to  avoid  drag 
originating  from  laminar  separation  bubbles. 

Other  devices  are  mechanical  turbulators  consisting  of  trip  wires,  steps,  artificial 
roughness  of  sand  grains  or  wire  brackets  bonded  to  the  skin.  D.  Althaus  has  shown  that 
small  strips  of  tape  and  tape  with  digged-in  bumps  prevent  the  occurence  of  laminar  sepa¬ 
ration  bubbles  C5,63.  Experiments  performed  by  Henningsen  C73  showed  that  porous  surfaces 
covering  aluminium  honeycomb  also  acted  as  "turbulators".  With  a  smooth  porous  panel,  tran 
sition  from  laminar  to  turbulent  flow  occured  considerably  further  forward  than  with  a  non 
porous  panel.  It  was  not  possible  to  achieve  the  original  aim  of  damping  out  Tollmien- 
Schlichting  oscillations;  in  the  contrary,  it  appeared  -that  the  transition  from  laminar 
to  turbulent  flow  was  even  promoted  by  the  porous  surfaces. 

4.2  Description  of  pneumatic  turbulators 


A  transition  from  laminar  to  turbulent  flow  is  easily  achieved  using  air  jets  because 
the  laminar  flow  is  disturbed  in  three  dimensions,  thus  producing  the  transition  very 
rapidly.  If  turbulators  are  not  needed,  the  air  jets  can  simply  be  switched  off.  Experi¬ 
mental  techniques  frequently  make  use  of  these  jets  of  air  ejected  from  a  series  of  holes 
near  the  leading  edge  of  an  airfoil  in  order  to  achieve  premature  transition  from  laminar 
to  turbulent  flow  C83.  In  doing  this,  the  aim  is  to  simulate  the  flow  conditions  at  high 
Reynolds  numbers.  Wallis  C93  has  used  air  jets  practically  as  a  substitute  for  normal 
"vortex  generators"  (but  switchable)  in  order  to  prevent  early  turbulent  separation. 
Pfenninger  [103  has  used  rows  of  air  jets  in  order  to  prevent  laminar  trailing  edge 
separation . 

In  order  to  prevent  laminar  separation  bubbles,  the  air  jets  should  operate  in  the 
vicinity  of  the  separation  line  as  shown  in  references  [113  and  [123.  The  jets  of  air  are 
produced  by  small  tubes  with  an  internal  diameter  of  0.6  mm  which  are  spaced  in  spanwise 
direction  at  intervals  of  1.6  *  3.2%  of  the  wing  chord.  The  air  for  the  jets  is  supplied 
by  an  internal  duct  with  total  pressure  which  if  necessary  can  be  reduced  by  suitable  de¬ 
vices,  thereby  reducing  the  volume  of  air  emerging  from  the  jet  orifices. 

Pneumatic  turbulators  offer  the  further  advantage  that  they  are  still  active  in  the 
region  behind  laminar  separation.  A  mechanical  turbulator  submerged  within  the  separated 
region  of  the  bubble  is  ineffective.  A  jet  of  air,  on  the  other  hand,  passes  through  this 
region  and  disturbs  the  laminar  flow  outside  the  bubble.  This  is  an  important  point  since 
the  turbulators  should  remain  effective  even  in  the  area  of  the  laminar  separation  bubble 
(i.e.  behind  the  point  of  laminar  separation)  because  the  bubble  can  move  due  to  Reynolds 
number,  angle  of  attack  and  flap  deflection. 

In  principle,  it  should  be  possible  to  achieve  similar  results  by  sucking  as  well  as 
blowing  air  through  orifices,  since  a  sink  in  the  flow  also  represents  a  three-dimensional 
disturbance.  However,  there  are  currently  no  experimental  results  available  on  this  sub¬ 
ject. 

4.3  Results  for  different  airfoils 


The  effect  of  pneumatic  turbulators  can  be  seen  in  figure  12,  showing  the  characteris¬ 
tics  of  airfoil  DU-80-176,  measured  in  the  windtunnel  of  the  Delft  University  of  Technology 
Oil-flow  patterns  indicated  the  existence  of  pronounced  laminar  separation  bubbles  down¬ 
stream  of  the  pressure  rise  at  x/c  =  0.65.  The  air  volume  flow  for  the  turbulators  was 
adjusted  to  practical  sailplane  application:  an  intake  nozzle  was  dimensioned  such  that 
the  turbulators  worked  well  at  practical  combinations  of  lift  coefficient  and  Reynolds 
number . 

A  slightly  more  cambered  version  of  this  airfoil  was  applied  in  modifying  the  wing  of 
an  existing  high  performance  sailplane  just  by  adding  material  to  the  surface.  Flight  per¬ 
formance  measurements  before  and  after  the  wing  modification  showed  an  improvement  of  about 
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5%  in  glide  ratio  over  the  entire  flight  speed  range  [13]. 


Another  example  which  illustrates  the  effectiveness  of  pneumatic  turbulators  is  given 
in  figure  13,  showing  drag  and  pressure  distribution  for  the  airfoil  DFVLR-HQ-26/ 14.82 
measured  in  free  flight  on  the  flying  testbed  sailplane  "JANUS"  of  DFVLR  Braunschweig.  Tur¬ 
bulators  are  located  at  x/c  =  0.892  on  the  lower  surface.  Again,  the  drag  is  reduced 
by  the  turbulators.  According  to  chapter  3  the  drag  reduction  decreases  with  increasing 
lift  coefficient.  The  pressure  distribution  without  a  separation  bubble  is  represented  by 
the  dashed  line  obtained  by  using  pneumatic  turbulators.  Without  these  turbulators  there 
is  the  characteristic  pressure  increase  in  front  of  laminar  separation  and  the  pressure 
flattening  thereafter  as  shown  in  figure  1.  The  characteristic  steep  pressure  rise  at  the 
rear  part  of  the  bubble  is  missing  because  it  is  located  behind  the  trailing  edge. 


Figure  1 -1  shows  results  of  free  flight  and  windtunnel  measurements  on  the  same  model 
with  airfoil  HQ-17/14.38,  mentioned  before.  The  flap  was  set  at  >K  =  -8“  and  measu  jmcnts 
were  performed  without  turbulators,  with  mechanical  turbulators  (tape  with  bums)  and  with 
pneumatic  turbulators  at  two  different  Reynolds  numbers.  A  remarkable  drag  reduction  by 
turbulators  can  be  seen  and  furthermore  this  figure  shows  that  mechanical  turbulators 
nearly  have  the  same  effectiveness  in  this  case  as  pneumatic  turbulators. 

As  in  figure  12,  in  the  "no  turbulator  case"  there  is  a  drag  reduction  at  the  lower 
limit  of  the  laminar  drag  bucket  due  to  the  disappearance  of  the  bubble  on  the  lower  sur¬ 
face  as  a  result  of  destabilization  of  the  flow  behind  a  leading  edge  pressure  peak. 

The  influence  of  pneumatic  turbulators  on  drag  in  the  Reynolds  number  region  of  model 
airplane  is  shown  in  figure  15.  The  measurements  are  taken  in  the  small  cascade  windtunnel 
of  DFVLR  Braunschweig  [143.  The  turbulators  are  arranged  on  the  upper  surface  of  the  air¬ 
foil  DFVLR-RA-02/K  at  x/c  =  0.445.  The  drag  reduction  due  to  turbulators  is  strongly  in¬ 
creasing  with  decreasing  Reynolds  number.  A  maximum  drag  reduction  of  about  40%  can  be  ob¬ 
tained  at  Re  =  0.1  •  10°.  At  lift  coefficients  cL  >  0.8  the  polars  with  and  without  turbu¬ 
lators  have  nearly  the  same  development.  In  this  region  the  instabilization  of  the  boundary 
layer  is  high  enough  to  cause  transition  upstream  of  the  separation  point  and  thus  no  bubble 
is  present.  It  is  remarkable  that  pneumatic  turbulators  do  not  cause  additional  drag,  when 
transition  occurs  upstream  of  the  turbulator  position  and  hence  the  turbulators  disturb 
the  turbulent  boundary  layer. 


4 . 4  Parameter  investigations 

As  mentioned  before,  the  size  of  laminar  separation  bubbles  increase  with  decreasing 
Reynolds  number.  Hence,  the  drag  reduction  by  turbulators  increase  too,  as  shown  in 
figure  16. 

In  figure  17  the  effect  of  turbulators  position  on  drag  reduction  at  the  same  airfoil 
as  in  figure  15  is  shown.  There  exists  an  optimum  turbulator  position  close  to  the  laminar 
separation  point.  If  the  turbulators  are  arranged  upstream  of  the  optimum  position  the  drag 
coefficient  increases  due  to  the  smaller  region  of  laminar  flow.  At  downstream  positions 
the  drag  coefficient  increases  too,  due  to  remaining  parts  of  the  bubble  between  and  before 
the  turbulators  bleed  holes. 

The  optimum  turbulator  position  is  slightly  depending  on  the  Reynolds  number.  With 
lower  Reynolds  number  the  optimum  position  as  well  as  the  laminar  separation  point  is 
moving  upstream.  Especially  at  very  low  Reynolds  number  this  effect  can  be  seen  clearly 
because  the  larger  laminar  separation  bubbles  (40%  of  chord  at  Re  =  0.1  •  1 06 )  are  more 
influencing  the  pressure  distribution  upstream  of  the  bubble  than  a  smaller  one  thus  in¬ 
ducing  a  more  upstream  occuring  separation. 

Figure  18  shows  a  typical  example  of  the  drag  curve  with  air  jet  coefficient  Cq  (or 
air  volume  flow  per  pneumatic  turbulator).  As  the  air  volume  flow  increases,  the  drag 
drops  initially  due  to  a  shrinking  of  the  laminar  separation  bubble.  Next  the  drag  remains 
at  a  low  level,  hardly  affected  by  the  amount  of  air  blowing  out  of  the  turbulators. 
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The  energy  loss  (additional  drag)  as  a  result  of  the  ram  air  diverted  to  the  air  jets 
amounts  to 


Acd  =  2  cQ  . 

Since  the  drag  coefficient  of  a  laminar  airfoil  is  of  the  order  of  5.10-)  this  additional 

drag,  being  in  the  order  of  5  •  10-6 ,  is  negligible. 

As  shown  in  figure  18,  a  certain  minimum  amount  of  air  is  needed  for  the  pneumatic 
turbulators  to  function  well.  Similarly,  a  certain  minimum  height  of  the  mechanical  tur¬ 
bulators  is  needed  to  trigger  the  boundary  layer.  An  example  of  malfunction  of  mechanical 
turbulators  is  shown  in  figure  19.  The  airfoil  and  test  techniques  are  the  same  as  in 
figure  14,  but  now  the  flap  is  set  at  =  -12”.  At  both  Reynolds  numbers  the  mechanical 
turbulators  (tape  with  digged-in  bumps,  about  0.1%  c  high  and  5%  c  spacing)  do  their  job 
if  positioned  at  72%  chord  on  the  lower  surface.  Due  to  the  flap  deflection  the  pressure 
distribution  changes  such  that  the  flow  should  be  triggered  just  in  front  of  the  flap,  at 
80%  chord.  As  shown,  an  extra  drag  reduction  of  about  10%  is  obtained  at  Re  =  3  •  10°, 

however  there  is  a  turbulator  malfunction  at  Re  =  1.55  •  106  and  c  below  0.45.  Turbu¬ 

lator  malfunction  of  this  type  was  up  to  now  never  observed  with  pneumatic  turbulators. 
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5.  THE  RANGE  OF  APPLICATION  FOR  PNEUMATIC  TURBULATORS 

It  has  been  shown  that  pneumatic  turbulators  prevent  laminar  separation  bubbles  and 
thus  extend  the  low-drag  Reynolds  number  range  of  airfoil  sections. 

Pneumatic  turbulators  can  be  applied  successfully  if: 

•  laminar  separation  bubbles  occur  and 

•  an  airfoil  section  is  required  with  a  wide  operating  range  as  far  as  the  Reynolds 
number,  lift  coefficient  and  flap  deflection  are  concerned. 

There  would  thus  appear  to  be  the  following  potential  applications: 

1 .  cascades  in  turbomachinery 

2.  propellers  and  helicopter  rotors 

3.  gliders  and  light  aircraft 

4.  RPV  and  model  aircraft. 

Experiments  with  turbine  cascades  at  low  Reynolds  numbers  with  different  transition 
devices,  conducted  at  the  main  cascade  test  facility  in  Braunschweig,  showed  that  espe¬ 
cially  pneumatic  turbulators  reduce  the  drag  of  cascade  arrangements  in  a  wide  range  of 
Reynolds  numbers.  Air  jets  on  the  suction  side  were  supplied  through  holes  from  the  pres¬ 
sure  side. 


6.  CONCLUSIONS 

At  Reynolds  numbers  below  5  million  and  if  a  wide  range  of  operation  concerning  lift 
coefficient,  flap  deflection  and  Reynolds  number  is  demanded,  it  is  advantageous  to  imple¬ 
ment  turbulators  in  laminar  airfoil  design.  Careful  positioning  of  turbulators  near  the 
laminar  separation  point  avoids  laminar  separation  bubbles  and  reduces  the  drag.  Turbula¬ 
tors  enlarge  the  low  drag  Reynolds  number  range  of  an  airfoil  giving  nearly  the  same  drag 
which  is  otherwise  obtained  by  several  airfoils  designed  for  minimum  drag  at  different 
Reynolds  numbers. 

Therefore  the  design  philosophy  for  airfoils  with  turbulators  differs  considerably 
from  that  used  up  to  date  in  laminar  airfoil  design:  the  design  of  airfoils  with  turbula¬ 
tors  should  be  based  on  the  maximum  Reynolds  number  for  the  range  of  the  airfoil  and  not 
on  average  Reynolds  number. 

Besides  well-known  mechanical  turbulators  consisting  of  bump  tape  pneumatic  turbula¬ 
tors  were  introduced.  Pneumatic  turbulators  consist  of  air  jets  expelled  from  a  row  of 
orifices  positioned  in  spanwise  direction  close  to  the  laminar  separation  line  simply 
supplied  by  total  pressure.  The  energy  loss  (additional  drag)  of  the  air  jets  is  negli¬ 
gible  compared  to  the  drag  reduction  due  to  the  very  low  air  volume  flow. 

Experimental  results  of  four  different  airfoils  for  sailplane  and  model  airplane 
application  taken  in  windtunnel  and  free  flight  tests  show  that  the  pneumatic  turbulators 
are  very  effective,  reducing  the  airfoil  drag  in  the  order  of  40%  at  Re  =  0.1  •  106  and 
15%  at  Re  =  1  •  106. 

Mechanical  turbulators  in  general  give  the  same  results  in  drag  reduction.  But  they 
should  be  used  carefully  because  their  height  has  to  be  adapted  to  the  flow  conditions. 
Otherwise  they  may  be  submerged  into  the  separated  flow  of  the  bubble  and  becoming  in¬ 
effective  . 

A  very  interesting  further  application  of  pneumatic  turbulator  would  appear  in  turbine 
cascades . 
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Acd  =  ACp  •  sin(y  +  a)  d(x/c) 

Drag  reduction  measured 
as  a  result  of  pneumatic 

turbulators 
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0.0027 

o 
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0.0019 

0.0018 

1.5  •  106 

0.001 1 

0.0012 
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CN 
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0.0006 

Table  1  Comparison  of  the  calculated  pressure  drag  Ac^  of  the  separation  bubble 
with  the  measured  drag  reduction  with  pneumatic  turbulators  used  on  the 
lower  side  of  airfoil  section  HQ-17/14.38,  nR  =  -10°,  a  =  5°. 


Fig.  1  Characteristic  pressure  distribution  of 
the  upper  surface  of  an  airfoil  section 
with  laminar  separation  bubble  and  assumed 
dividing  streamline 

LS  =  Laminar  separation;  Tr  =  Transition; 

R  =  Reattachment 


vertically  installed  in  the  wind  tunnel  ti0n  bubble  as  a  function  of  Reynolds 

number  and  angle  of  attack  of  airfoil 
section  DFVLR  HQ  17/14.38  (Measuremen 
TH  Delft) 


mm  HQ17/U  38  nK=0° 


Turbulotor  Seporotion  Transition  Reattachement 

position  chordwise  position  x/c - ■- 

Figure  4  Boundary  layer  velocity  U/U^  and  fluctuation  |fuVDpo  profiles  for  lower  surface  pf  airfoil 
HQ  17/14.38  with  and  without  laminar  separation  bubble,Re  =  2  •  106  (Measurements  TH  Delft) 


Characteristics  of  the  FX  66-S-196  VI  (vortmann  airfoil  section 
at  Re  =  0.5  •  106  (Measurements  TH  Delft  C33) 


Destabilizing  region 


Fig . 


10  Airfoil  section  with  destabilizing 
regions  (potential  flow  calculation 
of  Wortmann  airfoil  section  FX  62- 
K-131 ) 
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Fig.  14  Results  of  free  flight  and  windtunnel 
measurements  on  HQ  17/14.38  with  and 
without  turbulators 
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Fig.  15  Drag  polars  of  the  airfoil  DFVLR  RA  02/K  with  and  without 

pneumatic  turbulators  (Measured  in  small  cascade  windtunnel 
DFVLR  Braunschweig  Cl  4]) 
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RESUME 


L1 interaction  entre  une  onde  de  choc  et  une  couche  limite  a  le  plus  souvent  des  consequences 
extrdmement  prd judiciables  surtout  si  elle  entralne  la  formation  d’un  ddcollement.  II  se  produit  alors 
un  accroissement  trAs  rapide  de  la  taille  des  zones  dissipatives  avec  intensification  considerable  des 
fluctuations  turbulentes .  Dans  cette  revue,  on  rappelle  d'abord  certaines  proprietes  fondamentales  de 
l'interaction  impliquant  une  couche  limite  turbulente  dans  le  cas  de  base  :  distances  d'influence  amont, 
limites  de  ddcollement  naissant  et  effet  de  destabilisation  sur  la  couche  dissipative.  Les  dcoulements 
transsoniques  et  supersoniques  sont  successivement  examines.  Ensuite,  les  procedes  de  contrSle  les  plus 
couramment  experimentes  sont  ddcrits  en  insistent  sur  la  nature  des  mdcanismes  physiques  mis  en  jeu. 

En  bref,  il  est  possible  de  ranger  ces  procedes  en  deux  categories  :  ceux  agissant  sur  les  caractdristi- 
ques  de  la  couche  limite  qui  va  aborder  le  choc  (ref roidissement  de  la  paroi,  transfert  de  masse  parie¬ 
tal,  soufflage)  et  ceux  ayant  une  action  locale  au  niveau  de  l'interaction  (aspiration  ou  injection  par 
fente  ou  trous,  pifege  &  couche  limite).  Selon  les  applications  envisagees,  l'une  ou  l'autre  de  ces 
techniques  sera  la  plus  appropride.  Enfin,  quelques  mdthodes  de  calcul  sont  briAvement  presentees.  Leur 
domaine  d'application  est  pour  la  plupart  d'entre  elles  limite  au  laminaire. 

SHOCK/TURBULENT  BOUNDARV-LAVER  INTERACTION  AND  ITS  CONTROL 

ABSTRACT 


Most  often,  the  interaction  between  a  shock-wave  and  a  boundary-layer  leads  to  extremely  detrimental 
effects,  especially  if  the  shock  is  strong  enough  to  entail  separation  of  the  boundary-layer.  Then,  there 
occurs  a  rapid  growth  of  the  dissipative  regions  along  with  a  dramatic  intensif iying  of  turbulent 
fluctuations.  In  the  present  review  paper,  some  fundamental  properties  of  the  interaction  are  first 
considered  for  the  basic  configuration.  The  following  features  are  first  examined  :  upstream  interaction 
length,  incipient  shock-induced  separation,  evolution  of  the  boundary-layer  main  characteristics.  Both 
transonic  and  supersonic  flows  are  considered.  In  a  second  part,  the  most  investigated  means  for 
controlling  shock/boundary-layer  interaction  are  presented,  with  emphasis  on  the  physical  description  of 
the  flow  phenomena  involved  in  this  process.  Briefly  speaking,  control  methods  can  be  classified  into 
two  categories  :  those  acting  on  the  boundary-layer  properties  before  interaction  with  the  shock  (e.g. 
wall  cooling,  wall  mass  transfer,  upstream  blowing),  and  those  having  a  local  action  in  the  shock  foot 
region  (suction  or  injection,  boundary- layer  removal).  The  most  appropriate  technique  depends  in  fact  on 
the  specific  application  under  consideration.  Finally,  some  calculation  methods  are  briefly  presented. 
Most  of  them  are  restricted  to  laminar  interactions. 


/  -  INTRODUCTION  - 

Les  Acoulements  supersoniques  ou  transsoniques  sont  presque  indvitablement  traverses  par  des  ondes  de  choc 
provoquds  soit  par  le  changement  de  pente  d'une  paroi,  soit  par  une  contre-pression  obligeant  la  vitesse 
A  redevenir  subsonique.  Ces  ondes  entrent  obligatoirement  en  contact  avec  des  surfaces  sur  lesquelles  se 
ddveloppe  une  couche  limite.  II  se  produit  alors  localeraent  un  phdnomAne  complexe  d' interaction  ayant  pour 
consequence  un  accroissement  des  effets  dissipatifs  en  raison  de  l'action  fortement  destabilisatrice  du 
gradient  de  pression  adverse  intense  auquel  la  couche  limite  est  soumise.  II  s'ensuit  une  degradation  de 
sa  distribution  de  vitesse,  jusqu'A  la  formation  frdquente  d'un  ddcoHement. 

A  titre  d' illustration,  1 'ombroscopie  de  la  figure  1,  erapruntee  A  Pearcey  [1]  ,mcntre  ce  qui  peut  se  passer 
sur  un  profit  en  transsonique.  Toute  la  partie  de  l'ecoulement  en  aval  du  choc  est  largement  dAcoliee, 
d'ou  une  dvidente  chute  de  performance.  Dans  de  telles  circonstances ,  il  peut  mgme  se  ddvelopper  des 
instabilites  A  grande  dchelle  (2)  susceptibles  d'induire  un  tremblement. 

M?me  si  ses  consequences  ne  sont  pas  tou jours  aussi  graves,  l'interaction  avec  une  onde  de  choc  entralne 
une  amplification  des  effets  visqueux  qui  fait  que  l'ecoulement  reel  peut  8tre  trfes  elo’  lu  modAle 
non  visqueux  qui  a  souvent  servi  A  la  definition  de  la  forme  aerodynamique.  La  figure  1  lournit  un 
exemple  d'un  tel  ecart  entre  l'expdrience  et  des  calculs  de  fluide  parfait  appliques  A  un  profit 
supercritique  T3]  . 


Fig.  1  -  Interaction  avec  decollement  sur  un  profil 
transsonique  (d'aprAs  [1]). 
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Fig.  2  -  Importance  des  e£fets  visqueux  sur  un  profil 
supercritique 


Les  interactions  choc-couche  limite  se  rencontrent  aussi  dans  les  prises  d'air  supersoniques.  Li,  les 
dAcollements  pouvant  en  rAsulter  sont  susceptibles  de  diminuer  cons idArablement  1'efficacitA  entrainant 
ainsi  une  perte  de  poussAe  importante.  En  outre,  I'AlAvation  spectaculaire  du  niveau  de  turbulence 
qu'engendre  un  dAcollement  est  i  l'origine  de  fortes  distorsions  instationnaires  capables  de  provoquer 
1 'extinction  du  moteur  ou  bien  d'amorcer  un  pompage  tout  aussi  nAfaste.  Les  exemples  de  dispositifs  ou 
ce  genre  d' interaction  joue  un  rflle  capital  pourraient  Atre  multiplies  :  pales  d'hAlicoptAre,  arriAre- 
corps  d'avion  ou  de  missile,  turbomachines,  etc... 

L'idAe  de  contrSler  le  phAnomAne  afin  d'en  limiter  les  repercussions  les  plus  dommageables  s'est  faite 
jour  dAs  le  debut  des  recherches  sur  les  Acoulements  i  grande  vitesse  autour  de  profils  d'aile.  Les 
premieres  tentatives  se  sont  tout  naturellement  inspirAes  des  techniques  dAjA  utilisAes  pour  prAvenir  le 
dAcollement  en  subsonique.  Leur  principe  de  base  consite  i  accroitre  l'Anergie  de  la  couche  limite  de 
faqon  i  lui  permettre  de  franchir  le  choc  avec  un  minimum  de  perturbation.  Pour  cela  on  peut,  soit 
eliminer  tout  ou  partie  de  ses  zones  i  plus  basse  vitesse,  soit  lui  "injecter"  de  la  quantity  de  mouve- 
ment.  Ainsi,  dAs  1941  Regenscheit  [4]  a  AtudiA  l'effet  d'une  aspiration  pratiquAe  au  travers  d'une 
fente  A  la  paroi  d'un  profil  placA  dans  un  Acoulement  transsonique.  Le  mAme  procAdA  a  Agalement  AtA 
envisage  par  Fage  et  Sargent  en  1943  f3]  .  Oepuis,  ainsi  que  nous  allons  le  voir,  bien  d'autres  recher¬ 
ches  ont  AtA  consacrAes  A  cet  important  problAme. 

Les  deux  premiAres  parties  de  cette  revue  seront  consacrAes  A  un  rappel  des  propriAtAs  les  plus  marquantes 
de  1' interaction  entre  une  onde  de  choc  et  une  couche  limite  en  Acoulements  transsonique  et  supersonique. 
Seul  le  cas  turbulent  sera  cone idArA  en  raison desaptos  grande  importance  pratique  actuelle,  bien  que  les 
recherches  actives  menAes  en  vue  de  rAduire  la  trainee  de  frottement  vont  certainement  redonner  de 
1'actualitA  au  cas  laminaire.  L'examen  portera  sur  les  longueurs  d' interaction,  les  conditions  d'appari- 
tion  du  dAcollement  en  pied  de  choc,  Involution  des  caractAristiques  essentielles  de  la  couche  limite. 
Cet  examen  concernera  ce  que  nous  appellerons  1 ' interaction  de  base. On  se  limitera  au  cas  bidimensionnel 

Dans  une  troisiAme  partie,  seront  prAsentAs  les  facteurs  d' influence  en  mesure  de  modifier  le  phAnomAne 
de  base  dans  un  sens  favorable,  c'est  A  dire  de  permettre  son  contrSle.  L'attention  sera  surtout  portAe 
sur  la  description  physique  de  1 ’ interaction  en  s’appuyant  principalement  sur  des  rAsultats  expArimentaux. 
Bien  qu'elles  connaissent  actuellement  une  phase  de  progrAs  rapides,  les  mdthodes  de  calcul  applicables 
au  cas  de  base  ne  seront  pas  discutAes  ici.  En  effet,  leur  examen  nAcessiterait  des  dAveloppements  trop 
consAquents  pour  entrer  dans  le  cadre  de  cette  revue  rapide.  Le  lecteur  intAressA  trouvera  dans  les  rAfA- 
rences  [6]  et  [7]  un  Atat  de  l'art  dans  ce  domaine.  Egalement,  nous  laisserons  en  grande  partie  de  cOtA 
les  problAmes  technologiques  posAs  par  la  rAalisation  des  moyens  de  contrOle  ainsi  que  les  aspects 
Aconomiques  de  leur  mise  en  oeuvre  sur  un  avion.  LA  encore,  la  considAration  de  ces  questions,  pourtant 
capitales,  nous  aurait  entralnAs  trop  loin. 

2  -  GENERAL  ITE.S  SUR  LE  MECANISME  PE  L '  INTERACTION  OWE  PE  CHOC-COUCHE  LIMITE -EN  tCOULEHEHT  8IPUIENSI0NNEL 

Fondamentalement ,  une  couche  limite  non  dAcollAe  est  une  rAgion  de  faible  Apaisseur  S  A  travers 
laquelle  la  vitesse  passe  d'une  valeur  extArieure  Me  AlevAe  A  la  valeur  zAro  A  la  paroi  ;  le  nombre  de 
Mach  variant  en  consAquence  de  Me  A  zAro.  En  dehors  des  zones  de  forte  interaction,  la  pression  est 
quasi  constante  selon  une  normale  A  la  paroi,  si  bien  que  la  couche  limite  peut  Stre  vue  comme  un  Acoule- 
ment  quasi-parallAle  ou  l'entropie  change  d'une  ligne  de  courant  A  l'autre  ou,  ce  qui  est  Aquivalent, 
comme  un  Acoulement  rotationnel.  Par  ailleurs,  quand  une  onde  de  choc  se  propage  au  travers  d'une  telle 
couche  limite,  les  tensions  de  frottement,  rAsultat  aussi  bien  de  la  viscositA  laminaire  que  du  cisaille- 
ment  turbulent,  sont  pratiquement  sans  effet  sur  le  phAnomAne  sur  la  plus  grande  partie  de  1 'Apaisseur 
&  .  Ce  comportement  est  parfaitement  dAmontrA  A  la  fois  par  1'expArience  [8,  9]  et  la  thAorie  [ 10]  . 

II  se  conqoit  d'ailleurs  intuitivement  si  on  rAalise  que  le  choc  imprime  A  1 'Acoulement  une  dAcAlAration 
si  rapide  que  -A  l'Achelle  macroscopique-  les  tensions  de  frottement  deviennent  temporairement  nAgligea- 
bles  devant  les  forces  de  pression  et  d'inertie.  Ainsi,  en  premiAre  analyse,  la  pAnAtration  d'un  choc 
A  1'intArieur  d'une  couche  limite  peut  Atre  conjue  comme  un  phAnomAne  de  fluide  parfait.  Une  telle 
schAsbtisation  permet  d'anticipef  certaines  tendances  sans  avoir  A  prendre  en  compte,  tout  au  moins  en 
vue  d'une  interprAtation  surtout  qualitative,  les  effets  dissipatifs.  Toutefois,  il  convient  de 
souligner  qu'un  modAle  d'Acoulement  entiArement  non  visqueux  conduit  A  des  comportements iriAalistes  auvoi- 
sinage  itmnAdiat  de  la  paroi  ou,  comne  1'anontrA  Ligji thill  flO],  les  tenses  de  viscositA  doivent  focAment  Atre  pris  en 
canpte  pour  satisfaire  la  condition  d'adhArence.  c'est  ainsi  qj'une  description  plus  rAaliste  et  cohArente  des  phAnomA- 
nes  a  exigA  l'adoption  de  roodAles  dits  "milti-couches"  C 10.  11,  12]o£i  1 'Acoulement  oi  interaction  estdivisA  en  une 
zone  externe  irrotationnelle  ("upper  deck"),  une  couche  non  visqueuse  mais  rotationnelle  ("main  deck") 
qui,  en  turbulent,  englobe  la  majeure  partie  de  la  couche  limite,  et  au  contact  de  la  paroi,  un  film  o& 
les  effets  visqueux  sont  prApondArants  ("lower  deck")  et  dont  1 ' introduction  permet  prAcisesment  de 
satisfaire  la  condition  d'adhArence.  De  tels  modAles  ont  grandement  contribuA  A  la  comprAhension  physique 
des  processus  d' interaction  forte  et,  ainsi  que  nous  le  verrons  plus  loin  (voir  I  3.3),  ont  servi  de 


V 


a 


>  \ 


■ 

%a  J 


21-3 


support  A  des  mEthodes  de  calcul  (13-16J  Economiques  et  trAs  utiles  pour  la  mise  en  1  umi fere  du  rfile 
jouE  par  les  paramAtres  d'influence  principaux.  Les  discuter  endEtail  serait  hors  de  propos  ici. 

En  turbulent  surtout,  la  sous-couche  visqueuse  est  extrEmement  mince  si  bien  que  son  effet  peut  en  gEnEral 
Etre  considErE  comme  Etant  du  second  ordre  et  la  nEgliger  permet  une  bonne  description  des  caractEristi- 
ques  essentielles  de  1' interaction.  Ainsi,  selon  le  schEma  de  fluide  parfait,  le  choc  qui  se  propage  au 
travers  de  la  couche  limite  "voit"  un  Ecoulement  amont  dont  le  nombre  de  Mach  M(y)  diminue  progressivement 
au  fur  et  A  -lesure  qu'il  s'approche  de  la  paroi.  Pour  s' adapter  A  cette  situation,  il  s' incurve  et 
s'affaiblit  , eu  A  peu  de  maniAre  A  devenir  Evanescent  lorsqu’il  atteint  la  position  oA  le  nombre  de  Mach 
local  est  sonique.  Par  ailleurs,  le  signal  de  pression  transports  par  le  choc  est  nEcessairement  transmis 
en  direction  de  l'amont  par  le  canal  de  la  portion  subsonique  de  la  couche  limite.  Si  bien  que  le  saut  de 
pression  caisS  par  le  choc  est  ressenti  en  amont  di point  au  celui-ci  rencontrerait  la  paroi  dans  mmodSle  cte  fluide  parfait 
pur,  c  est— A— dire  sens  couche  limite.  Par  in  effet  lEciproque,  l'Epaississement  de  la  zone  sifesonique,  dQ  au  ralertisse- 
mait,  induit  dais  lapartie  adjacente  sn>ersonique  des  ondes  de  compression  contribuant  A  l'aff  aiblissement  local  du  ctoc. 
II  rSsulte  de  ce  mScanisme  que  le  saut  de  pression  que  l'on  observerait  en  fluide  parfait  est  remplacE  A  la 
paroi  par  une  Evolution  progressive  de  la  valeur  amont  ^  au  niveau  aval  .  D'oA  la  notion  de  longueur 
d'interaction  (ou  encore  longueur  d'influence  amont)  qui  caractErise  l'Etalement  plus  ou  moins  grand  de 
la  compression  en  fonction  de  paramAtres  dont  l'influence  sera  examinEe  plus  loin  (voir  5  3.1). 


Fig.  3  -  Interaction  choc-couche  limite  sans  dEcolle-  Fig.  4  -  REflexion  de  choc  sans  dEcollement  en  Ecou- 
ment  en  transsonique.  SchEma  de  1 'Ecoulement.  lement  supersonique.  SchEma  de  1 'Ecoulement. 

La  structure  du  champ  associE  A  des  interactions  turbulentes  sans  dEcollement  est  reprEsentEe  Fig.  3  pour 
un  choc  normal  en  transsonique  et  Fig.  4  pour  une  rEflexion  de  choc  oblique  en  supersonique  C 1 7 2  .  Le 
deuxiAme  cas  montre  1 ' incurvation  progressive  du  choc  incident  (Co)  accompagnant  sa  pEnEtration  dans  la 
couche  limite.  La  dilatation  de  la  couche  subsonique  d'Epaisseur  initiale  cSt  engendre  des  ondes  de 
compression  (ii)  qui  contribuent  A  1 'af f aiblissement  de  (Co)  et  qui,  par  focalisation,  forment  le  choc 
rEflEchi  (C< ) .  La  rEfraction  des  ondes  (<*)  et  de  (Co)  au  cours  de  leur  propagation  dans  la  couche  super¬ 
sonique  rotationnelle  (  1-t  )  if  induit  un  systAme  secondaire  d'ondes  (  h)  qui  sont  rEflEchies  par  la 
ligne  sonique  en  ondes  de  dEtente  ( Ej )  constituent  un  pinceau  que' les  visualisations  par  strioscopie 
rEvAlent  trAs  bien  juste  derriAre  (Cf).  Le  schEiua  montre  Egalement  1  'Epaississement  de  la  zone  subsoni¬ 
que  qui  en  aval  de  1' impact  do  choc  (Co)  doit  normalement  se  contracter  en  raison  de  la  mise  en  vitesse 
des  parties  infErieures  de  la  couche  limite  sous  1' effet  des  forces  de  viscositE  qui  redeviennent 
petit  A  petit  prEpondErantes .  Henderson  08]  a  proposE  de  nombreuses  variantes  au  schEma  ci-dessus  qui 
donnent  des  descriptions  trAs  dEtaillEes  des  systAmes  d'ondes  engendrEs  par  la  pEnEtration  d'un  choc  au 
sein  d'un  Ecoulement  parallAle  de  fluide  parfait  rotationnel.  Nous  n'entrerons  pas  dans  ces  dEtails 
bien  que  ce  travail  soit  trAs  instructif. 

En  fait,  1' interaction  entre  une  onde  de  choc  et  une  couche  limite  met  en  jeu  des  mEcanismes  extrEme- 
ment  complexes  qui  sont  encore  loin  d'Etre  entiAreraent  ElucidEs.  Nous  nous  contenterons  done  ici  de 
consnenter  des  tendances  dont  la  considEration  est  essentielle  pour  bien  comprendre  le  mode  d'action  des 
procEdEs  de  contrflle  de  1' interaction. 


Compte  tenu  de  ce  qui  vient  d'Etre  dit  sur  l'influence  amont,  on  conqoit  que  les  distributions  de 
vitesse  et  de  nombre  de  Mach  dans  la  couche  limite  qui  va  aborder  la  zone  du  choc  contribuent  de  maniAre 
dEterminante  A  1 'extension  et  A  la  "gravitE"  de  1' interaction.  En  bref,  trois  facteurs  vont  intervenir  : 


1-  l'Energie  mEcanique  transportEe  par  le  profil  initial  qui  dEtermine  en  grande  partie  le  comportement 
de  la  couche  limite  lors  du  franchissement  du  saut  de  pression.  Plus  cette  Energie  sera  importante, 
e'est  A  dire  plus  le  profil  sera  "rempli",  moins  sEvAre  sera  la  dEgradation  subie  par  cette  couche 
limite.  Come  on  le  sait,  l'allure  d'une  distribution  de  vitesse  est  bien  caractErisEe  par  le 


paramAtre  de  forme  "incompressible"  Hi  dEfini  par  : 


Hi 


Rappelons  que  Hi  est  d'autant  plus  ElevE  que  le  profil  est  moins  rempli.  La  valeur  de  Hi  en  dEbut 
d'interaction  dEpend  du  nombre  de  Reynolds  local  Rf  ,  Hi  diminuant  quand  Rf  augmente  ainsi  que  le 
montre  la  figure  5,  mais  aussi  de  l'Evolution  antErieure  de  la  couche  limite.  Par  exemple,  si  celle- 
ci  a  EtE  soumise  A  une  recompression  EtalEe  prEcEdant  le  choc,  son  Hi  sera,  A  mEme  valeur  du  nombre 


de  Reynolds,  plus  ElevE  que  pour  une  situation  de  plaque  plane. 


;• .•> 
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Fig.  5  -  Coache  limite  turbulente  de  plaque  plane. 
ParamAtre  de  forme  incompressible. 


2-  Agalement,  la  hauteur  y*  de  la  portion  de  la  couche  limite  oil  la  vitesse  est  subsonique  doit  a 

priori  influer  fortement  sur  la  distance  de  remontAe  du  signal  de  pression,  c'est  &  dire  sur  l’Aten- 
due  de  1  ‘  interaction.  Pour  un  nombre  de  Mach  Me  donnA  &  la  frontiAre  S  ,  la  hauteur  norraalisAe  ]/"// 
est  fonction  de  la  distribution  de  nombre  de  Mach  M(y)  qui  elle  meme  depend  du  profil  de  vitesse 
(c'est  &  dire  de  Hi)  et  de  I'Atat  thermique  a  la  paroi  qui  est  determinant  pour  la  distribution  de  la 
vitesse  du  son.  Ainsi  pour  une  paroi  refroidie  (voir  Fig.  6), les  nombres  de  Mach  dans  la  partie 
infArieure  de  la  couche  limite  seront  plus  AlevAs  que  dans  le  cas  athermane ,  toutes  choses  restant 
Agales  par  ailleurs.  A  titre  d’ illustration,  la  figure  7  indique  la  position  de  la  ligne  sonique  en 
^coulement  adiabatique  A  Me  *  2  pour  diffArents  profils  turbulents  typiques  reprAsentAs  par  la  loi 
composite  de  Coles  [19]  .  On  y  voit  1 'Apaississement  trAs  rapide  de  la  couche  subsonique  quand  Hi 
augmente.  L'encart  de  la  figure  montre,  A  mSme  nombre  de  Mach  Me  la  situation  de  la  frontiAre  sonique 
pour  la  couche  limite  laminaire  de  plaque  plane.  La  valeur  beaucoup  plus  grande  de  f'/(  est  un  des 
facteurs  qui  expliquent  l'extension  considerable  des  domaines  d ' interaction  en  regime  laminaire. 


3-  ainsi  que  nous  l'avons  dAjA  soulignA,  le  raAcanisme  de  1 ' interaction  choc/couche  limite  ne  peut  Atre 
interpret^  entiArement  dans  le  cadre  d'un  modfele  de  fluide  parfait.  11  est  possible  de  se  faire  une 
idAe  de  1' influence  de  la  viscosite  en  faisant  appel  A  la  thAorie  de  1 ' interaction  libre  de 
Chapman  [  20  ]  qui  repose  sur  l'Acriture  d'un  bilan  de  forces  exprimA  A  la  paroi.  De  faqon  trAs  simple, 
on  Atablit  ainsi  que  le  saut  de  pression  supportA  par  une  couche  limite  qui  dAcolle  est  de  la  forme  : 


£ 
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ou  <f.  est  la  pression  dynamique  de  l'Acouiement  amont  non  perturbA  de  nombre  de  Mach  Mo  et  Cf  le 
coefficient  de  frotteraent  A  l'origine  Xo  de  1' interaction.  En  vertu  de  cette  dApendance,  1 'aptitude 
A  surmonter  une  compression  par  choc  augmente  avec  Cft  ,  c'est  A  dire  diminue  quand  le  nombre  de 
Reynolds  crolt  pour  une  valeur  fixAe  du  paramAtre  de  forme.  On  en  dAduit  aussi  que  l'Atendue  du 
domaine  d' interaction  doit  augmenter  avec  C{0  .  La  thAorie  asymptotique  de  Stewartson  et  Williams  fll] 
aboutit  au  mAme  rAsultat  pour  le  dAcollement  en  laminaire.  De  telles  tendances  sont  Avidemment  en 
contradiction  avec  les  arguments  prAcAdemnent  dAveloppAs  selon  lesquels  la  raideur  de  1' interaction 
devrait  croltre  avec  le  nombre  de  Reynolds 

En  fait,  la  rAalitA  est  un  compromis  entre  ces  deux  influences  contraires  ;  c'est  A  dire  que,  selon  la 
plage  de  variation  de  R(t  ,  l'Acoulement  prAs  de  la  paroi  est  rAgi  en  prioritA  soit  par  la  viscositA 
(grosso  modo  si  £  10*  et  en  rAgime  laminaire),  soit  par  les  termes  inertiels  (  .  %  >  lO*  ),  ces 
effete  Atant  antagonistes .  Le  changement  de  tendance  est  illustrA  par  les  distributions  de  pression 
pariAtales  des  figures6et9  qui  sont  relatives  d  un  dAcollement  turbulent  provoquA  par  une  rampe 
d'angle  oC  •  Le  premier  exemple  C 20 J  (voir  Fig.  8)  correspond  h  des  nombres  de  Reynolds  %  modArAs  et 
on  voit  que  l’Atendue  du  domaine  d 1  interact  ion  augmente  mani  f  easterner  t  avec  %  .  L’Avolution  inverse  est 
observAe  A  grands  nombres  de  Reynolds,  comme  le  montre  la  figure  9  [21]  . 
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Fig.  8  -  Comportement  aux  nombres  de  Reynolds 
faibles  ou  modErEs  (d'aprEs  [20]). 


Fig.  9  -  Comportement  aux  nombres  de  Reynolds  ElevEs 
(d'aprfes  [21]). 


L' inversion  de  tendance  observEe  quand  le  nombre  de  Reynolds  augmente  peut  a ' interpreter  &  partir 
de  l'examen  des  Evolutions  en  fonction  de  *(  de  la  hauteur  de  la  ligne  aonique  j/*  et  de  l'dpaisseur 
fstL  de  la  sous-couche  laminaire.  L'exemple  pr^sentd  Fig.  10  est  dfl  &  Settles  [  22  ]  ;  il  concerne  une 
rouche  limite  turbulente  de  plaque  plane  &  un  nombre  de  Mach  externe  de  3.  On  y  voit  quejfo*  d£cro£t 
beaucoup  plus  vite  que  quand  Rf  augmente,  ce  qui  explique  le  rdle  de  plus  en  plus  mineur  jou£  par 
les  effets  purement  visqueux. 


t 


Fig.  10  -  Couche  limite  turbulente  de  la  plaque 

plane  a  Mg  -  3.  Positions  des  frontiAres 
de  la  couche  subsonique  et  de  la  sous- 
couche  visqueuse  (d'aprAs  [22]). 


Nous  allons  maintenant  examiner  quelques  traits  essentiels  de  1 ' interaction  entre  une  onde  de  choc 
et  une  couche  limite  turbulente  en  Ecoulements  transsonique  et  supersonique.  L'attention  sera  surtout 
portEe  sur  les  lois  de  comportement  des  longueurs  d'interaction,  les  changements  les  plus  caractEristi- 
ques  que  la  couche  limite  subit  et  les  conditions  d'apparition  du  dEcollement  sous  l'effet  du  choc.  Nous 
examinerons  en  premier  lieu  le  cas  ou  la  paroi  est  rectiligne,  lisse,  impermEable  et  adiabatique, 
conditions  dEfinissant  une  interaction  qui  se  sera  dite  de  base.  Les  modifications  de  comportement  rEsul- 
tant  du  changement  d'une  ou  de  plusieurs  de  ces  conditions  seront  ensuite  envisagEes  dans  la  partie 
consacrEe  auxmEthodea  de  contrSle. 

3  -  PK0PR1ETES  DE  L'  INTERACTION  VMS  LE  CAS  ME  BASE  ECOULEHENT  BWHIENSIONNEL 
3.1  -  LonqueuA  d'-intesiaction  m  I'abizncz  de  d&co&tement  - 

Ainsi  que  nous  l'avons  dEjA  soulignE,  la  prEsence  de  la  couche  limite  entrafne  un  Etalement  de  la  coup  res  s  ion 
au  niveau  de  la  paroi  d'oii  la  notion  de  longueur  d'interaction  -encore  dEnommEe  distance  d'influence 
amont-  qui  caractErise  l'Eca^t  de  la  rEpartition  de  pression  rEelle  par  rapport  A  la  discontinuitE  de  la 
solution  en  fluide  parfait.  La  plus  ou  moins  grande  extension  de  cette  longueur  est  directement  liEe  A 
1'intenaitE  de  1 ' interaction  qui  dEpend  A  la  fois  de  la  force  du  choc  et  de  la  rEsistance  de  la  couche 
limite  aux  effets  destabilisateurs .  Dans  l'examen  qui  va  suivre  de  quelques  propriEtEs  de  la  longueur 
d'interaction  nous  serons  amends  A  distinguer  le  transsonique  du  supersonique. 

-  Longueur  d'interaction  en  Ecoulement  transsonique  - 

La  figure  11  montre  une  visualisation  interfEromEtrique  d'une  interaction  se  produisant  dans  un  Ecoule¬ 
ment  dont  le  nombre  de  Mach  Mo  immEdiateraent  en  amont  du  choc  est  voisin  de  1,30.  La  photographie 
rEvEle  parfaitement  la  naissance,  au  sein  de  la  couche  limite,  d'ondes  de  compression  qui  se  focalisent 
en  un  choc  unique  quasi-normal  (1  'Epaississement  apparent  de  ce  choc  loin  de  la  paroi  est  un  effet  des 
interactions  avec  les  couches  limites  des  glaces  latErales  de  la  veine  d'essai).  L'examen  attentif  de 
tel les  visualisations  ainsi  que  des  rEpartitions  de  pression  pariEtales  correspondantes  met  en  Evidence 
que  le  domaine  d'influence  doit  Stre  divisE  en  deux  parties,  corane  indiquE  Fig.  11  : 

1-  d'une  part  un  domaine  I  oil  se  produit  une  compression  supersonique  rapide  et  continue,  du  type  onde 
simple,  jusqu'A  l'Etat  sonique. 

2-  d'autre  part  un  domaine  II,  faisant  suite  A  I,  oil  l'Evolotion  de  la  pression  est  nettement  plus 
progressive. 
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Fig.  11  -  Interaction  transsonique .  Definition  de  la 
longueur  d’ interaction  supersonique . 
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Fig.  12  -  Interaction  transsonique.  Influence  des 
conditions  initiales  sur  la  longueur 
d ' interaction  supersonique. 


Dans  ces  conditions,  il  est  clair  que  des  propriAtAs  gAnArales  intrinsAques  du  phAnomAne  ne  doivent 
6tre  recherchAes  que  pour  le  domaine  I  de  nature  supersonique.  Pour  le  dotnaine  II  subsonique,  la  struc¬ 
ture  du  champ  rAsulte  de  1 1  integration  d'effets  qui  s'Atendent  largement  en  aval  et  qui  tiennent  compte 
de  l'ensemble  de  1 'ecoulement.  C'est  ce  caractAre  qui  distingue  fondamentalement  les  interactions 
transsoniques  des  interactions  supersoniques ,  ou  d'amont  en  aval,  la  plus  grande  partie  du  champ  obdit 
&  un  comportement  hyperbolique. 


Pour  cette  raison,  une  longueur  d' interaction  caractAristique  L  sera  dAfinie  comme  la  distance  sAparant 
l'origine  amont  X,  du  phAnomAne  du  point  de  la  recompression  oil  l'Atat  critique  Cnombre  de  Mach  local 
Agal  &  un)  est  atteint.  Les  correlations  qui  vont  suivre  ont  AtA  dAgagAes  de  1 'exploitation  d'un  grand 
nombre  de  rAsultats  expArimentaux  [23]  . 


Ainsi  que  le  montre  la  figure  12a,  pour  une  valeur  fixe  du  paramAtre  de  forme  amont  Hi,  ,  1' influence 
d'ordinaire  trAs  marquee  du  nombre  de  Reynolds  disparait  pratiquement  quand  L *  est  normalisAe  par 
l'Apaisseur  de  dAplacement  !,  en  Xg  (  S/  a  AtA  choisie  de  preference  A  l'Apaisseur  physique  S0  dont  la 
definition  est  souvent  imprecise).  Etant  donnA  que  -toutes  choses  dtant  Agales  par  ailleurs-  est 

d'autant  plus  mince  que  le  nombre  de  Reynolds  est  plus  AlevA,  il  s'ensuit  de  la  correlation  observAe  ici 
que  le  domaine  d 1  interaction  se  contracte  quand  augmente,  ce  qui  dAmontre  que  pour  la  plage  de 
considArAe  dans  les  presents  essais  les  interactions  sont  dominAes  par  les  effets  inertiels.  De  plus, 
il  est  manifeste  que  L’/jJ  ne  depend  pratiquement  pas  du  nombre  de  Mach  Mo  ,  sauf  lorsque  Mo  devient 
proche  de  1,30,  ce  qui  correspond  A  une  situation  trfes  voisine  du  ddcollement  naissant  en  pied  de  choc 
comme  nous  le  verrons  plus  loin  (voir  S  3.3).  Une  telle  invariance  est  A  premiere  vue  paradoxale  puisqu'on 
pourrait  s'attendre  A  une  croissance  de  L"  avec  Mo  >  c'est  A  dire  avec  l'intensitd  du  choc.  En  fait, 
quand  Mo  augmente  A  A^fixd,  la  portion  subsonique  de  la  couche  limite  s'amincit  et,  en  vertu  du  mdcanisme 
briAvement  ejpliqud  plus  halt  (voir  amsi  §  3.3),  la  remontde  de  l'influence  vers  l'amont  s'effectue  sur  une 
distance  plus  courte  ;  si  bien  qu'il  y  a  compensation  entre  deux  effets  contraires  ce  qui  contribue  A 
maintenir  quasi-constante  la  longueur  d ' interaction  L 

Si  la  normalisation  X.  /i,  est  appliqudeA  un  ensemble  plus  complet  de  cas  expdrimentaux  mettant  en  jeu 
des  valeurs  nettement  distinctes  du  paramAtre  de  forme  Hi,  ,  on  observe,  comme  le  montre  la  figure  12b, 
un  Atagement  rAgulier  des  rAsultats  en  fonction  de  Hi,  qui  met  en  Evidence  l'influence  dAterminante  de 
ce  paramAtre.  Ainsi,  [*///  qui  croft  rAguliArement  avec  Hi,  est  pratiquement  multipliAe  par  deux 
quand  Hi,  passe  de  1,2  A  1,4.  Une  telle  Evolution  Atait  bien  sur  prAvisible  puisqu'une  augmentation  de 
Hi,  entratne  un  Apaississement  de  la  couche  subsonique  (toutes  choses  restant  Agales  par  ailleurs). 

Dans  le  cas  prAsent,  une  loi  de  corrAlation  simple  et  tout  A  fait  empirique  permet  de  reprAsenter  assez 
bien  A  la  fois  l'influence  des  nombres  de  Reynolds  et  de  Mach  amont  ainsi  que  celle  de  Hi,  .  Elle 
s'exprime  par  la  relation  (voir  Fig.  13)  : 

jf  -  H\-') 


Fig. 
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Interaction  transsonique.  Correlation  pour 
la  longueur  d ' interaction  supersonique. 


-  L<rigueur_d_|_interact ion_en_Acoulement_su£ersoni2ue  - 

En  Acoulement  supersonique,  le  problAme  de  l'influence  amont  et  de  l'Atendue  de  1 ' interaction  a  fait 
l'objet  de  trAs  nombreuses  Atudes  expArimentales  [22,  24-26]  dont  nous  nous  contenterons  ici  de  dAgager 
les  conclusions  essentielles. 
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Fig.  14  -  Longueurs  caractdristiques  dans  une  inter¬ 
action  supersonique. 


a  -  Longuaur  ^'interaction  amort  b  -  Distance  et  etendue  da  decollement 

En  supersonique,  la  longueur  d’influence  amont  Lt  est  le  plus  souvent  ddfinie  comme  la  distance  sdparant 
le  d^ but  Xf  de  1 1  interaction  du  point  ou  le  choc  rencontrerait  la  paroi  en  fluide  parfait  qui  peut  Stre 
soit  1* impact  du  choc  incident  dans  une  rdflexion  sur  paroi  plane,  soit  le  sonmet  du  dibdre  dans  un  cas 
de  ddflexion  brusque  (voir  Fig.  14).  L’origine  rdelle  de  1 ’ interaction  dtant  ddlicate  b  localiser 
d’aprbs  l'examen  des  repartitions  de  pression  par id tales,  la  plupart  des  auteurs  adopte  une  origine 
conventionnelle  obtenue  en  extrapolant  jusqu'b  la  paroi  la  partie  quasi-linbaire  de  la  montde  de  pression 
au  ddcollement,  comme  indiqud  Fig.  14.  Une  longueur  dont  les  propridtds  sont  dgalement  intdressantes  b 
analyser  est  la  distance  Lo  qui,  dans  le  cas  de  chocs  suifisamment  intenses,  sdpare  le  point  de  ddcolle- 
ment  O  de  l'origine  de  1 'interaction.  Toutefois,  dans  ce  qui  suit,  nous  porterons  notre  attention  sur 
Lt  ,  dtant  donnd  que  t-D  obdit  sensiblement  aux  mSmes  lois.  Egalement,  nous  n'envisagerons  pratiquement 
que  les  dcoulements  produits  par  une  rampe  qui  ont  donnd  lieu  b  des  dtudes  plus  nombreuses  et  plus 
systdmatiques  que  le  cas  de  la  rdflexion  d'un  choc,  sans  doute  en  raison  de  leur  plus  grande  simplicitd 
relative.  D'ailleurs,  ainsi  que  l'a  soulignd  Green  127], les  deux  phdnombnes  sont  en  fait  trbs  voisins, 
mSme  s'ils  sont  b  l'origine  de  champs  externes  non  visqueux  dont  les  structures  sont  b  premibre  vue  extrS- 
mement  diffdrentes.  Cette  propridtd  est  mise  en  dvidence  Fig.  15  oh  sont  compardes  les  distributions  de 
pression  paridtales  mesurdes  d'une  part  dans  un  dibdre,  d'autre  part  dans  une  rdflexion,  le  saut  de 
pression  total  dtant  le  mSme  dans  les  deux  cas  £28]  .  Pour  qu'il  en  soit  ainsi,  il  faut  que  l'angleot 
de  la  rampe  soit  sensiblement  le  double  de  la  ddflexion  dp  au  travers  du  choc  incident. 


Fig.  15  -  Comparaison  entre  l'dcoulement  dans  un 

dibdre  et  une  rdflexion  de  choc  M0  =  2,96, 
Re  *  1  x  107  (d'aprbs  [28]). 
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La  figure  16  montre  les  variations  de  la  longueur  d' interaction  if  en  fonction  de  ce  que  l'on  peut 
considdrer  comme  les  principaux  parambtres  d 'influence  ;  b  savoir  :  le  nombre  de  Mach  amont  Mo  ,  le 
nombre  de  Reynolds  et  l'angle  du  dibdre.  L'examen  de  ces  rdsultats,  dfls  b  Roshko  et  Thomke  12 5]  ,  met  en 
dvidence  les  tendances  suivantes  qui  rejoignent  les  observations  faites  en  transsonique  : 

1-  b  Mo  et  nombre  de  Reynolds  Rt  fixds  (  Rc  est  ici  calculd  avec  les  conditions  amont  et  la  distance 

Xe  ddfinie  Fig.  16)  L,  augmente  avec  oC  ,  e'est  b  dire  avec  l'intensitd  de  la  perturbation.  II 
est  maintenant  clair  que  cette  croissance  de  £«  avec  la  force  du  choc  vient  du  fait  qu'une  pression 
aval  plus  dlevde  tend  b  se  propager  plus  en  amont  via  la  partie  subsonique  de  la  couche  limite. 

2-  b  cC  et  Rc  fixds,  it  ddcroit  quand  Mo  augmente.  Cette  tendance  s'explique  en  grande  partie  par 

1 'amincissement  de  la  couche  subsonique  quand  le  nombre  de  Mach  externe  est  plus  dlevd  (toutes  choses 
restant  dgales  par  ailleurs,  en  particulier  et  l'dpaisseur  St  de  la  couche  limite).  II  faut 
noter  qu'elle  est  dgalement  en  accord  avec  la  thdorie  de  l'interaction  libre,  bribvement  dvoqude  plus 
haut  (voir  S  2),  selon  laquelle  la  ddpendance  de  Lt  b  l'dgard  de  %  doit  Stre  de  la  forme  (  rf-1  )”  . 

3-  b  cC  et  Mo  fixbs,  Le  diminue  avec  le  nombre  de  Reynolds,  Evolution  qui  peut  aussi  s ' interpreter 
par  1' amincissement  corrblatif  de  la  couche  subsonique  (voir  §  2)  mais  qui  est  en  contradiction,  ainsi 
que  nous  l'avons  dbjb  soulignd,  avec  la  thdorie  de  l'interaction  libre  que  corroborent  les  expdrien- 
ces  b  nombres  de  Reynolds  faibles  et  moddrds  £20,  24]  .  Ce  renversement  de  tendance  a  ddjb  dtd 
illustrd  par  les  distributions  de  pression  reprdsentdes  Figs.  8  et  9. 

Il  est  b  noter  que  les  dvolutions  ci-dessus  se  maintiennent  quand  Lt  est  normalisde  soit  par  Se  soit 
par  it  ,  ce  qui  prouve  que  la  forme  et  non  seulement  l'dpaisseur  de  la  couche  limite  initiale  contribue, 
tout  comme  en  transsonique,  b  la  ddtermination  de  l'dchelle  longitudinale  des  phdnombnes. 

Les  tendances  mises  en  dvidence  par  les  rdsultats  de  la  figure  16  ont  dtd  confirmdes  par  l'dtude  expdri- 
mentale  trbs  fouillde  de  Settles  £22]  (voir  aussi  Settles  et  al.  £29]  )  faite  b  un  nombre  de  Mach  Mo 
voisin  de  3.  Ainsi  qu'on  peut  le  constater  Fig.  17,  les  rdsultats  de  Settles  dtablissent  clairement  que 
l'influence  du  nombre  de  Reynolds  pers is te  quand  Lf  est  normalisd  par  Sg  .  La  reprdsentation  adoptde 
Fig.  17  montre  qu'une  corrdlation  pour  it  doit  Stre  de  la  forme  : 
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Fig.  16  -  Longueur  d ' interact i on  amont.  Influence  Fi8-  17  "  Influence  du  nombre  de  Reynolds  sur  cer- 

des  principaux  param£tres  (d'apr£s  [25]).  taines  £chelles  h  M0  -  3  (d  apr&s  [29]). 

Or,  corame  on  le  voit  figure  17,  ni  les  Apaisseurs  de  dAplacement  et  de  quantity  de  raouvement  $  et  6 
ni  les  hauteurs  V*  et  de  la  couche  subsonique  et  de  la  sous-couche  laminaire  n  obAissent  A  une 

loi  de  dApendance  A  l'lgard  de  Rf0  de  la  forme  £  /?/'*  qui  seule  permettrait  de  normaliser  convenable- 
ment  Lt  .  En  particulier,  U*  qui  A  premiAre  vue  semblerait  l'Achelle  la  plus  representative  pour 
l'influence  amont,  n'est  pas  en  mesure  de  corrAler  t-i  ,  comme  on  avait  Agalement  pu  le  constater  en 
transsonique  pour  L 


A  notre  connaissance,  il  n'existe  pas  pour  les  interactions  s upersoniques  dans  la  configuration  de  base 
de  rAsultats  expArimentaux  ou  les  effets  respectifs  du  nombre  de  Reynolds  et  du  paramAtre  de  forme 
sont  nettement  dissociAs.  Mais  il  est  bien  Evident ,  ainsi  que  nous  le  verrons  dans  la  partie  consacrAe 
aux  mAthodes  de  contrSle  de  1 ' interaction,  que  Hif  joue  un  r61e  aussi  fondamental  qu'en  transsonique. 


1.2  -  CumponX.ejnc.nt  de  ta  couche  Limite  dam  une  ZtUeAa.cM.cm  jam  de.coZZme.nt  etendu 


-  Interaction  en  Acoulement  transsonique 


L'effet  sur  la  couche  limite  d'un  choc  d'intensitA  modArAe  est  illustrA  par  les  rAsultats  expArimentaux 
donnAs  Figs.  18  A  22.  Ils  sont  relatifs  A  une  interaction  se  produisant  dans  un  canal  transsonique  pour 
laquelle  le  nombre  de  Mach  Mo  est  Agal  A  1,26.  La  repartition  correspondante  du  nombre  de  Mach  "parie¬ 
tal"  fy  est  tracde  Fig.  18  oil  sont  egalement  indiquees  les  positions  des  explorations  pratiquAes  au 
travers  de  la  couche  dissipative  par  veiocimetrie  Laser  (  est  calcuie  A  partir  de  la  pression  mesurAe 
A  la  paroi  en  supposant  une  relation  isentropique  ;  Mf>  est  en  fait  trAs  voisin  du  nombre  de  Mach  Mg  A 
la  frontiAre  f  de  la  couche  limite).  Les  distributions  verticales  reprAsentAes  Figs,  19,  21  et  22 
mettent  en  evidence  les  phAnomAnes  suivants  : 


1-  1 ' interaction  produit  une  distorsion  des  profils  de  vitesse  moyenne  longitudinaux  (voir  Fig.  19)  telle, 
qu'A  l'origine  du  processus,  la  deceleration  est  plus  forte  prAs  de  la  paroi  qu'A  1'extArieur,  ce  qui 
est  un  comportement  typique  de  l'action  d'un  gradient  de  pression  adverse  intense.  Il  en  rAsulte  un 
"vidage"  des  distributions  normalisAes  S- /tic  =  f  (jt/g )  ,  que  traduit  une  croissance  rapide  du  paramAtre 
de  forme  Hi  ,  ainsi  que  le  montre  la  figure  20.  Dans  le  cas  considArA  ici,  Hi  atteint  une  valeur 
maximale  voisine  de  2,4.  Plus  en  aval,  l'effet  retardateur  cesse  prAs  de  la  paroi  alors  qu'il  continue 
A  se  faire  sentir  dans  les  zones  extArieures  de  la  couche  limite  puisque  la  pression  continue  A 
crottre.  Ce  renversement  de  comportement  est  du  aux  effets  d'entrafnement  turbulent  qui  opArent  un 
transfert  de  quantitA  de  mouvement  au  profit  des  parties  internes  de  la  couche  limite,  le  mAcanisme 
Atant  encore  amplifiA  par  1 ' interaction  (voir  remarques  §  3.5  ci-dessous).  En  consequence,  le  paramAtre 
de  forme  Hi  dAcroIt  rapidement  et  tend  vers  une  valeur  proche  de  1,3  -  1,4  tandis  que  la  couche 
limite  se  'telaxe"  vers  un  nouvel  Atat  de  plaque  plane. 


Fig.  19  -  Interaction  sans  dAcollement  en  transso¬ 
nique.  Profils  de  vitesse  moyenne  longi¬ 
tudinals  . 
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Fig.  20  -  Interaction  sans  decollement  en  transso- 
nique.  Evolution  des  caractdristiques  de 
la  couche  limite. 


2-  en  m@me  temps,  l'dpaisseur  physique  S  augmente,  ce  qui  en  liaison  avec  la  croissance  de  Hi  provoque 
une  augmentation  rapide  de  l'dpaisseur  de  ddplacement  S*  (voir  Fig.  20).  Egalement,  l'dpaisseur  de 
quantity  de  mouvement  Q  subit  un  accroissement  qui  est  ici  plus  raoddre. 

3-  les  profils  d'intensitd  de  turbulence  longitudinale  sont  traces  Fig.  21  (  /u?'  est  normalise  par  la 

cdldritd  du  son  ai  pour  la  temperature  gdndratrice) .  Ils  montrent  que  1* interaction  amplifie  la 
turbulence  et  on  note  que  le  maximum  de  W1  dans  chaque  section  s'dloigne  progressivement  de  la  paroi 
en  correlation  avec  la  deformation  des  profils  de  vitesse  moyenne  qui  comportent  un  point  d' inflexion 
pouvant  Stre  associe  avec  le  maximum  de  production  de  turbulence.  Dans  le  cas  present,  le  maximum 
local  de  passe  de  0,12  -juste  en  amont  du  choc-  4  0,17  avant  de  se  mettre  a  diminuer 

quand  commence  le  processus  de  relaxation  de  la  couche  limite  vers  un  nouvel  etat  d'equilibre. 


Interaction  sans  decollement  en  transso- 
nique.  Profils  de  u'2/ai. 


Fig.  22  -  Interaction  sans  decollement  en  transso- 
nique.  Profils  de  -  u'v'/aj[. 
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4-  la  figure  22  montre  les  distributions  de  la  tension  de  cisaillement  -U'v'  (normalisde  par  ).  Qua- 

litativement,  ils  ont  les  m@mes  caracteris tiques  que  ceux  de  ,  avec  un  maximum  tr&s  marque  et 
bien  detache  de  la  paroi.  On  voit  done  que  1 ' interaction  entralne  une  importante  production  de  turbu¬ 
lence,  l'effet  croissant  rapidement  avec  l'intensite  du  choc,  specialement  4  l'approche  du  decollement 
et  il  devient  considerable  4  partir  du  moment  ou  un  bulbe  decolie  se  forme  (voir  S  3.3  et  3.4  ci- 
dessous).  Un  autre  point  capital  4  noter  est  la  lente  diminution  des  niveaux  de  turbulence  au  cours 
du  processus  de  relaxation  en  aval  de  l'interaction  ;  le  phdnomdne  etant  caractdrisd  par  des  effets 
de  non-equilibre  trts  marques  ce  qui  rend  sa  modeiisation  particuliferement  difficile  C 30 3  . 

La  valeur  du  paramdtre  de  forme  initial  //«'„  a  dgalement  une  influence  determinante  sur  la  gravite  de  la 
destabilisation  que  subit  la  couche  limite  au  cours  de  l'interaction.  Cet  effet  peut  etre  caractdrisd  de 
manidre  globale  par  le  "saut"  amont-aval  de  grandeurs  telles  que  les  dpaisseurs  de  ddplacement  et  de 
quantitd  de  mouvement.  A  titre  d ' illustration,  la  figure  23  montre  les  accroissements  de  <f  et  8 
entre  l'origine  de  l'interaction  et  la  station  ou  l'etat  sonique  est  atteint  (bornes  du  domaine  I 
ddfini  I  3.1).  Ces  evolutions  ont  ete  calculdes  par  une  mdthode  du  type  "analyse  de  discontinuite"  (31) 
fondde  sur  des  lois  de  correlation  empiriques  et  refldtant  assez  bien  la  rdalitd  comme  on  le  constate 
Fig.  23.  La  zone  hachurde  marque  la  limite  d'apparition  du  ddcollement  en  pied  de  choc  donnde  par  cette 
mdthode.  Les  courbes  traedes  Fig.  23  mettent  en  evidence  les  tendances  suivantes  : 

1-  l'amplitude  du  saut  de  {*  et  8  augmente  avec  le  nombre  de  Mach  Mo  ,  e'est  4  dire  avec  l’intensitd 
du  choc,  la  croissance  de  l'dpaisseur  de  ddplacement  devenant  quasi-"exponentielle"  4  l'approche  du 
ddcollement  naissant. 

2-  le  "saut"  de  !*  ou  8  est  d'autant  plus  grand  que  le  paramdtre  de  forme  initial  Hif  est  plus 
dlevd  ce  qui  ddmontre  la  plus  forte  sensibilitd  d'une  couche  limite  4  un  facteur  de  destabilisation 
quand  sa  distribution  de  vitesse  est  moins  remplie. 

3-  des  calculs  effectuds  en  faisant  varier  Rff  montrent,  qu'4  paramdtre  de  forme  initiate  fixd,  l'effet 
du  nombre  de  Reynolds  est  faible.  La  forte  ddpendance  4  l'dgard  de  Rft  parfois  observde  est  due  en 
fait  4  une  modification  de  rdsultant  de  la  variation  de  Rft  (voir  Fig.  5). 
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Fig.  23  -  Interaction  sans  dEcollement  en  transso- 
nique.  Saut  des  Epaisseurs  carac tEr is t i- 
ques  . 


-  Interaction  en  Ecoulement  supersonique  - 

Les  Evolutions  observEes  en  transsonique  se  retrouvant  dans  les  interactions  supersoniques ^nous  serons 
ici  extrSmement  brefs.  Les  traits  essentiels  du  phEnomEne  sont  bien  mis  en  Evidence  par  les  rEsultats 
d'essais  prEsentEs  Figs.  24  k  26.  II  s'agit  de  mesures  effectuEes  au  VElocimEtre  Laser  par  Ardonceau  C 32  ] 
(voir  aussi  Ardonceau  et  al.  [33]  )  dans  un  diEdre  d'angle  oC  ,  l'Ecoulement  amont  uniforme  ayant  un 
nombre  de  Mach  Egal  E  2,25.  Trois  valeurs  de  oC  ont  EtE  considErEes  :  of  =  8,  13  et  18°.  Les  rEparti- 
tions  de  pression  pariEtales  sont  portEes  Fig.  24  et  les  distributions  de  vitesse  moyenne  Fig.  25.  Le 
cas  oC  -  13°  est  au  bord  du  dEcollement  et  pour  of  =  18°  une  zone  dEcollEe  de  dimension  encore  trEs 
rEduite  se  forme,  raison  pour  laquelle  nous  la  considErons  dans  cette  partie.  Ces  profils  exhibent  les 
memes  tendances  que  celles  dEjE  notEes  en  transsonique.  En  particulier,  dans  les  rEgions  les  plus  aval, 
l'Ecoulement  est  fortement  accElErE  prEs  de  la  paroi,  ce  phEnomEne  Etant  plus  spEcia lenient  visible  pour 
la  configuration  dEcollEe.  Les  profils  ont  alors  une  forme  caractEristique  prEsentant  trois  points 
d 1  inflexion. 
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Fig.  24  ~  Interaction  supersonique  dans  un  diEdre  Fig.  25  “  Interaction  supersonique  dans  un  diEdre 

(d'aprds  [32]).  Repartition  de  pression  (d'aprds  [32]).  Profils  de  vitesse  moyenne 

paridtale.  longitudinale. 

Les  distributions  de  la  valeur  efficace  de  la  composante  fluctuante  longitudinale  sont  donnds  Fig.  26. 
Tout  comme  en  transsonique,  elles  rdvdlent  l'existence  d'un  maximum  de  fluctuation  qui  se  ddtache  de 
plus  en  plus  de  la  paroi  au  fur  et  S  mesure  que  1 1  interaction  s ' intensif ie .  L'exemple  present  montre 
de  manidre  frappante  1 'accroissement  considerable  de  la  turbulence  -done  des  effets  dissipatifs-  qui 
accompagne  l'apparition  du  decollement. 
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Fig.  26  -  Interaction  supersonique  dans  un  diEdre 
(d’aprEs  [32]).  Profils  de  v^T72. 
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3.3  -  Conditions  d'appaxltion  du  dicotZame.nU  en  pled  de  choc  - 


-  Le_ddcol lement_naissant  en  transsonique  - 

Tradi  t  ionnel  lement ,  le  ddcol  lement  naissant  est  ddfini  aomme  La  situation  ou  la  vuleur  minimale  atteinte  par  le 
frottement  parietal  Z/i  au  cours  d’une  interaction  est  juste  dgaled  zero.  Une  intensification  du  choc 
au  dele  de  cet  6tat  conduit  &  un  changement  de  signe  de  2 ft.  ,  la  region  oO  Zjl  est  ndgstif  etant  dite 
decoliee. 


Les  traits  principaux  d'une  interaction  coincident  pratiquement  avec  le  decollement  naissant  en  pied  de 
choc  sont  reprdsentds  Figs.  27  &  29.  Dans  le  cas  present,  le  nombre  de  Mach  Mo  inmediatement  en  amont 
du  choc  est  6gal  &  1,30.  La  figure  27  montre  les  profils  de  vitesse  moyenne  mesurds  au  Vdlocimdtre  Laser 
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au  Cravers  de  la  couche  dissipative  en  interaction.  L'examen  de  ces  seules  distributions  ne  permet  pas 
4  vrai  dire  de  ddtecter  le  ddcollement ,  tant  la  zone  ddcollde  est  mince  dans  cette  situation.  11  est 
plus  instructif  de  considdrer  le  tracd  dans  le  plan  physique  des  lignes  d'dgale  valeur  de  la  probability 
P(niO) pour  que  la  composante  de  vitesse  longitudinale  JL  soit  negative  ou  nulle.  Pour  un  dcoulement 
dans  lequel  il  est  constamment  positif,  cette  probability  est  dgale  4  zdro,  tandis  qu'elle  vaut  un  si 
Jl  est  toujours  ndgatif  ce  qui  peut  £ t re  le  cas  dans  une  rdgion  ddcollde  ou  la  vitesse  est  4  contre 
courant  de  l'dcoulement  principal. 


n  . . _ ! 

! 

s| _  j 

)  h 

®  ^  1 

0^""  J 

®  j 

®  ) 

;  /\ 

Fig.  27  -  Situation  de  dycollement  naissant  en  trans-  Fig.  28  -  Situation  de  dycollement  naissant  en  trans- 
sonique.  Vitesse  moyenne  longitudinale.  sonique. 


Usuellement,  un  dcoulement  turbulent  est  prdsumd  ddcolld  quand  il  contient  des  zones  ou  la  vitesse 
moyenne  (au  senj  de  la  moyenne  de  Reynolds)  est  ndgative.  Selon  cette  ddfinition  P(ji*  o)  *  0,5 
correspond  It  Jl  =  Q  et  la  ligne  sur  laquelle  P(u.to)~  0,5  coincide  avec  le  lieu  des  points  tels  que 
«  0  qui  joint  les  points  de  dycollement  et  de  recollement. 

Les  lignes  iso-  P(jlio)  trades  Fig.  28a  rdvdlent  l'existence  d'une  rdgion  oil  P(jtto)  est  ndgative 
(zone  hachurde)  si  bien  que  l'dcoulement  considdrd  est  en  fait  ddcolld  selon  le  critfere  qui  vient  d'etre 
dnoncd .  Toutefois ,  la  taille  du  bulbe  de  ddcollement  est  encore  si  rdduite,  que  nous  nous  trouvons 
pratiquement  devant  un  cas  de  ddcollement  naissant  en  pied  de  choc  (par  souci  de  clartd,  les  distances 
normales  a  la  paroi  ont  dtd  fortement  dilatdes  sur  la  Fig.  28a).  II  est  &  noter  que  la  vitesse  instanta- 
nde  Jl  peut  prendre  des  valeurs  ndgatives  dans  la  rdgion  oil  la  moyenne  H  est  positive,  Cela  signifie 
qu'il  existe  des  instants  ou  l'dcoulement  prds  de  la  paroi  est  a  rebours  du  flux  externe,  ce  qui  peut 
conduire  a  des  difficultds  conceptuelles  pour  ddfinir  la  notion  de  ddcollement  naissant  -ou  de  ddcolle¬ 
ment  tout  court-  en  rdgime  turbulent.  Ce  probldme  a  dtd  discutd  en  ddtail  par  Simpson  et  al.  C34]  qui 
ont  suggdrd  de  faire  une  distinction  entre  : 


1-  le  ddcollement  pleinement  ddveloppd  ("fully  developed  separation")  qui  est  ddfini  classiquement  par 
le  changement  de  signe  du  frottement  paridtal  moyen  et  l'existence  d'une  poche  ou  la  vitesse  moyenne 

i  est  ndgative. 

2-  le  ddcollement  intermittent  ("intermittent  separation")  qui  pourrait  Stre  ddfini  par  la  condition  que 

P(u*0  )  atteigne  la  valeur  0,2  pr&s  de  la  paroi. 

Nous  n'entrerons  pas  plus  avant  dans  cette  discussion  -trds  importante  sur  le  plan  fondamental-  et  nous 
nous  en  tiendrons  ddsormais  4  la  ddfinition  classique  formulde  en  termes  d'dcoulement  moyen. 

L'dvolution  correspondante  du  paramdtre  de  forme  est  reprdsentde  sur  la  figure  28b.  On  y  voit  que  Hi 
passe  par  un  maximum  voisin  de  2,6  qui  est  en  bon  accord  avec  la  valeur  commundment  admise  de  Hj,  “  2,5 
en  un  point  de  ddcollement  turbulent.  Par  la  suite,  Hi  diminue  rapidement  et  tend  vers  un  niveau 
reprdsentatif  d'un  dtat  de  plaque  plane.  Les  distributions  d' intensity  de  turbulence  longitudinale 
sont  portdes  Fig.  29.  Dans  le  cas  prdsent,  atteint  0,2,  ce  qui  est  un  niveau  significativement 

plus  dlevd  que  dans  le  cas  d'une  interaction  sans  ddcollement  (voir  S  3.2  ci-dessus).  Ainsi,  l'apparition 
du  ddcollement  donne  naissance  4  des  fluctuations  turbulentes  4  grande  dchelle  qui  seront  ensuite 
rapidement  amplifides  si  les  circonstances  sont  telles  que  le  bulbe  ddcolld  peut  se  ddvelopper. 


Fig.  29  -  Situation  de  ddcollement  naissant  en  trans- 
sonique.  Intensity  de  turbulence  longitu¬ 
dinale  . 


Nous  allons  maintenant  porter  notre  attention  sur  une  approche  plus  globale  et  plus  pragmatique  du 
probldme  en  recherchant  quels  sont  les  principaux  facteurs  susceptibles  de  conduire  4  une  situation 
de  ddcollement  naissant  en  pied  de  choc. 
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Les  rdsultats  que  nous  allons  discuter  ont  dtd  obtenus  expdrimentalement  dans  des  circonstances 
trAs  varides  (dcoulements  autour  de  profils  complets  ou  de  "bosses"  A  la  paroi)  et  en  utilisant  tout  un 
dventail  de  mdthodes  pour  ddtecter  l'apparition  du  ddcollement  (mesures  de  frottement  parietal,  visuali¬ 
sations  par  enduit  ddposd  A  la  paroi,  explorations  au  tube  de  Pitot  et  au  VdlocimAtre  baser)  C  35,  36,  37] 
L'ensemble  de  ces  mesures  a  permis  de  ddfinir  la  courbe  limite  de  decollement  naissant  tracde  Fig.  30 
dans  le  plan  des  deux  paramAtres  qui  sont  apparus  conrae  dtant  les  plus  agissants,  A  savoir  :  le  nombre 
de  Mach  Mo  en  amont  du  choc  (qui  en  transsonique  caractdrise  a  lui  seul  l'intensitd  du  choc),  le 
paramAtre  de  forme  Hi,  de  la  couche  limite  au  moment  ou  elle  aborde  le  choc.  Rappelons  que  le  rdsultat 
de  la  figure  30  est  uniquement  valable  pour  1 1  interaction  de  base,  notamment  la  paroi  est  impermeable 
et  athermane. 


Fig.  30  -  Ddcollement  naissant  en  transsonique. 
Paroi  adiabatique. 


1.2  1.3  1.4  1.5  Hja 

10'  10*  10l  10*  Rjc  ( ptefjt  plM) 

L'effet  du  nombre  de  Reynolds,  plus  communement  considdrd,  est  en  fait  pour  une  large  part  pris  en  compte 
par  son  influence  sur  Hi,  mais  ajoutons  que  cela  n'est  vrai  en  toute  rigueur  que  pour  une  couche  limite 
de  plaque  plane  (voir  Fig.  5  la  relation  qui  existe  alors  entre  Hi,  et  Rf.  ).  La  correlation  de  la 
figure  30  met  en  evidence  une  ldgAre  croissance  de  Mo  (c'est  a  dire  de  1' intensity  du  choc)  quand  Hi, 
diminue.  A  grand  nombre  de  Reynolds,  lorsque  les  termes  d'inertie  predominent,  une  telle  evolution  etait 
prdvisible  puisqu'A  une  valeur  basse  de  Hi,  correspond  un  profil  de  vitesse  bien  rempli  confdrant  A  la 
couche  limite  une  plus  grande  resistance  au  decollement.  Toutefois,  il  est  frappant  de  constater  que 
l'effet  est  faible,  la  limite  de  decollement  dependant  peu  de  Hi,  ce  qui  peut  paraitre  a  priori  surpre- 
nant  si  l'on  considAre  la  grande  influence  de  Hi,  Sur  le  "saut"  que  subissent  les  proprites  de  la 

couche  limite  au  cours  de  1 ' interaction  (voir  5  3.2  ci-dessus).  En  fait,  ce  comportement ,  dgalement  note 
par  Squire  et  Smith  [38]  en  supersonique,  s'explique  par  1 1  augmentation  rapide  de  la  longueur  d'intdrac- 
tion  L ’  avec  Hi,  (voir  S  3.1  ci-dessus).  En  effet,  le  decollement  de  la  couche  limite  est  provoqud  par 
le  gradient  de  pression  antagoniste  auquel  elle  est  soumise.  Or,  une  augmentation  de  Hi,  accrolt  certes 
la  "fragilite"  de  la  couche  limite,  mais  assi  attdnue  le  gradient  destabilisateur  qu'elle  subit  par 
elongation  de  la  zone  sur  laquelle  s’effectue  la  compression  dont  1' amplitude  demeure  elle  constante. 

En  definitive,  1 'augmentation  de  Hi,  produit  deux  effets  contraires  qui,  dans  les  circonstances  presences, 
se  compensent  presque  exactement. 

La  limite  empirique  de  decollement  prdsentee  Fig.  30  est  comparde  A  une  prdviBion  donnde  par  le  modAle 
de  Inger  [15,  39  ]  .  II  s'agit  d'une  thdorie  faisant  appel  A  une  technique  de  petites  perturbations 
appliqude  au  modSle  triple  couche  de  Lighthill  [10]  dvoqud  §  2.  Conroe  on  peut  le  constater,  la  thdorie 
de  Inger  est  en  assez  bon  accord  avec  1 'experience .  MSme  si  sa  qualitd  de  prevision  n'est  pas  toujours 
aussi  bonne  qu'ici,  elle  a  le  mdrite  de  permettre  la  mise  en  evidence  de  l'influence  spdcifique  des 
paramAtres  agissant  sur  une  interaction  choc-couche  limite  turbulence  en  transsonique  sans  avoir  A 
recourir  A  des  calculs  beaucoup  plus  lourds,  procddant  par  exemple  par  resolution  des  equations  de 
Navier-Stokes .  Pour  cette  raison,  nous  serons  amends  A  utiliser  ce  modSle  dans  la  seconde  partie  pour 
discuter  de  l'effet  de  certains  facteurs  dont  la  caractdrisation  expdrimentale  est  difficile,  ou 
douteuse.en  raison  des  incertitudes  de  mesure. 

-  he_ddcol lement_nai as ant _en_suger soni^ue  - 

II  y  a  quelques  amides,  un  grand  nombre  d'dtudes  expdrimentales  ont  dtd  consacrdes  A  la  determination 
du  decollement  naissant  en  dcoulements  supersonique  et  hypersonique.  Le  plus  souvent,  les  rdsultats 
sont  reprdsentds  dans  un  diagramme  donnant  en  fonction  du  nombre  de  Reynolds  Rf,  et  avec  le  nombre  de 
Mach  H,  comme  paramAtre  1'angle  aCj  de  la  rampe  pour  lequel  un  bulbe  de  ddcollement  est  ddtectd  pour 
la  premidre  fois  (il  est  A  noter  que  dj  peut  Atre  aisdment  traduit  en  rapport  de  pression  f-i /flo  de 
part  et  d'autre  du  choc  A  partir  des  relations  de  Rankine-Hugoniot) .  Une  telle  representation  implique 
que  c i.i  ne  depend  que  de  H,  et  da  Rf,  .  La  rdalitd  est  probablement  plus  subtile,  et  ainsi  que  nous 
le  savons  ddjA,  le  paramAtre  de  forme  initial  Hi,  joue  un  r81e  qui  n'est  pas  forcdment  pris  en  compte 
par  le  nombre  de  Reynolds.  Toutefois,  l'absence  de  rdsultats  convaincants  sur  l'influence  spdcifique 
de  Hi,  rend  impossible  toute  correlation  en  fonction  de  ce  paramAtre.  Pour  cette  raison,  nous  garderons 
ici  la  representation  traditionnelle  ne  faisant  intervenir  que  Rf,  ,  dtant  entendu  que  les  rdsultats 
donnds  ne  sont  en  toute  rigueur  valables  que  pour  une  couche  limite  initiale  de  plaque  plane  oh,  dans 
le  cas  adiabatique  et  A  nombre  de  Mach  donnd,la  correspondance  entre  Hi,  et  Rf,  est  unique  (voir  Fig.  5). 
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Fig.  31  -  Ddcollement  naissant  en  supersonique. 
Paroi  adiabatique. 


La  plupart  des  valeurs  de  l'angle  limite  <*i  publides  a  ce  jour  sont  portdes  Fig.  31.  En  ddpit  d'une 
dispersion  importante,  due  surtout  A  1' imprecision  dans  la  detection  du  ddcollement  naissant,  les  ten¬ 
dances  suivantes  peuvent  Stre  ddgagdes  : 


1-  l'angle  o(r  (ou  le  saut  de  pression  equivalent  h/fa  )  augmente  avec  le  nombre  de  Mach  amont,  ce 
qui  est  conforms  4  la  fois  avec  la  thdorie  de  1* interaction  libre  et  avec  1' interpretation  en  termes 
d'effets  inertiels  (voir  §  2  ci-dessus). 

2-  5  bas  nombre  de  Reynolds,  Ri  diminue  quand  Rft  augmente  ce  qui  est  en  accord  avec  la  thdorie  de 
1 ' interaction  libre,  comme  nous  l'avons  vu  prdcdderament. 


3-  en  revanche,  A  grands  nombres  de  Reynolds,  la  plupart  des  experimentateurs  ont  observe  une  inversion 
de  la  tendance,  c'est-A-dire  que  oij  crolt  avec  Rft  . 

4-  comme  la  croissance  de  avec  Rf,  est  faible  et  1* incertitude  experimentale  souvent  grande,  selon 
certains  auteurs  [40]  le  decollement  naissant  serait  en  rdalitd  inddpendant  du  nombre  de  Reynolds 

-  tout  au  moins  a  grands  Rft  . 

Le  renversement  de  la  tendance  en  function  de  R(t  a  donnd  lieu  &  de  nombreuses  discussions,  certains 
chercheurs  ayant  meme  mis  en  doute  la  signification  des  rdsultats  obtenus  A  faibles  nombres  de  Reynolds 
dans  des  experiences  ou  la  transition  est  le  plus  souvent  ddclenchde  artificiellement  ce  qui  peut 
confdrer  A  la  couche  limite  une  structure  "anormale".  Cependant,  le  changement  dans  le  sens  de  la  varia¬ 
tion  de  e<j  avec  Rft  s'interprdte  aussi  en  recourant  aux  mSmes  arguments  que  ceux  avancds  pour  expliquer 
1 'evolution  des  longueurs  d'influence  amont  (voir  S  3.1  ci-dessus).  A  savoir,  qu'A  faible  nombre  de 
Reynolds,  1 ' interaction  est  dorainde  par  les  termes  de  viscosite  et  alors,  tout  comme  en  laminaire,  la 
resistance  au  decollement  diminue  quand  Rft  augmente.  Au  contraire,  A  grands  nombres  de  Reynolds,  le 
phenom&ne  est  contrOld  par  une  zone  de  paroi  (considdrablement  plus  dpaisse  que  la  sous-couche  visqueuse  ) 
ou  les  effets  inertiels  sont  prdponddrants .  D'oA  une  plus  grande  "raideur"  de  la  couche  limite  quand 
Rft  crolt. 

Plusieurs  mdthodes  siraplifides  ont  dtd  proposdes  pour  prddire  le  ddcollement  naissant  en  supersonique  et 
en  hypersonique.  Certaines  sont  ddrivdes  de  la  thdorie  de  1' interaction  libre  de  Chapman,  et  s'appliquent 
done  au  cas  des  dcoulements  k  faibles  nombres  de  Reynolds  [41,  42]  .  D'autres  reposent  sur  des  moddles 
ok  la  viscositd  est  compl&tement  ndgligde  [43,  44,  45]  ;  elles  ne  sont  done  en  principe  valables  qu'A 
grands  nombres  de  Reynolds.  Toutefois,  parmi  ces  derniferes,  la  mdthode  de  Elfstrom  [45]  prddit  fiddlement 
le  renversement  de  tendance  qui  est  attribud  en  fait  A  la  modification  de  la  structure  de  la  couche  limite 
initiale  avec  Rft  et  non  A  un  dchange  d'influence  entre  les  termes  de  tension  et  d'inertie.  II  existe 
enfin  plusieurs  mdthodes  de  prdvision  du  ddcollement  purement  empiriques [25 ,  46]  . 


lnX.nAaeXi.on  avec  ioAmaXion  d'an  decoltejmeM  iXzndu. 


Quand  le  choc  est  assez  intense  pour  faire  ddcoller  la  couche  limite,  la  situation  devient  beaucoup  plus 
complexe  et,  sauf  dans  une  rdgion  de  dimension  trds  rdduite  situde  A  l'origine  de  ['interaction,  les 
phdnomAnes  dissipatifs  jouent  ici  un  rSle  essentiel. 

La  figure  32  reprdsente  la  structure  gdndrale  de  l'dcoulement  resultant  d'une  interaction  avec  ddcolle- 
ment  en  transsonique .  II  s'agit  d' experiences  effectudes  dans  un  canal  dont  une  des  parois  porte  une 
"bosse"  prdsentant  un  profil  favorisant  le  ddveloppement  d'une  zone  Jdcollde  dtendue  [47]  .  La  reparti¬ 
tion  du  nombre  de  Mach  parietal  Mfo  est  traede  sur  la  figure  33 , qui  montre  dgalement  une  visualisation 
interfdromdtrique  de  l'dcoulement.  Les  champs  externes  non  visqueux  et  dissipatifs  ont  fait  l'objet 
d'analyses  ddtailldes  au  VdlocimAtre  Laser  qui  ont  permis  de  mettre  en  evidence  les  caractdristiques 
suivantes  ; 


1-  le  ddcollement  s'accompagne  d'une  montde  de  pression  extrSmement  rapide  jusqu'A  un  "plateau"  A  la 
frontidre  duquel  le  nombre  de  Mach  de  l'dcoulement  de  fluide  parfait  contigu  est  encore  supersonique 
(voir  Fig.  33a).  On  peut  verifier  [47]  que  ce  ddcollement,  de  nature  en  fait  supersonique,  satisfait 
parfaitement  A  la  notion  d' interaction  libre  de  Chapman  [20]  ,  en  ce  sens  qu’il  ne  depend  pas  des 
circonstances  aval  l'ayant  provoqud  mais  est  entiferement  determine  par  la  situation  de  l'dcoulement 
A  l'origine  de  1' interaction.  Le  plateau  de  pression  est  suivi  d'une  recompression  nettement  plus 
progressive  qui  marque  le  recollement. 

2-  dans  la  partie  extdrieure  du  champ  non  visqueux,  se  forme  un  systdme  de chocs  en  lambda  rencontre 
classiquement  dans  les  ddcollements  transsoniques  et  ayant  fait  l'objet  d'analyses  expdrimentales 
ddtailldes  [  47  -  50  ]  .  Au  ddcollement  est  associd  un  choc  oblique  "faible"  (  Ct  )  (au  sens  de  la 
solution  faible  des  equations  du  choc  oblique)  ;  la  zone  supersonique  qui  fait  suite  A  (Co)  est 
terminde  par  un  choc  oblique  "fort"  (C»),  en  fait  trds  peu  intense.  Les  chocs  (Ct)  et  ( Co )  conver¬ 
gent  en  un  point  triple  I  d'od  part  le  choc  oblique  "fort"  (di). 


3-  la  figure  32  montre  dgalement  les  lignes  de  courant  de  l'dcoulement  moyen  dans  la  couche  dissipative. 
Ce  tracd  rdvdle  que  le  ddcollement  s 'organise  en  un  bulbe  de  recirculation  -ou  tourbillon-  limitd  par 
la  ligne  de  courant  limite  (s)  issue  du  point  de  ddcollement  D  et  aboutissant  au  point  de  recollement 
R.  Elle  constitue  la  demarcation  entre,  d'une  part  le  fluide  venant  de  l'amont  et  poursuivant  son 
chemin  vers  l'aval,  et  d'autre  part  le  fluide,  qui  faute  d'une  dnergie  mdcanique  suffisante,  se 
trouve  emprisonnd  dans  le  bulbe.  Nous  verrons  plus  loin  que  ce  schdma  doit  6tre  modi  fid  dans  le  cas 
oil  une  injection  -ou  aspiration-  est  pratiqude  dans  la  zone  d' interaction  afin  de  satisfaire  la 
conservation  globale  de  la  masse. 


Fig.  32  -  Interaction  avec  ddcollement  en  transso-  Fig.  33  -  Interaction  avec  ddcollement  en  transso- 
nique.  Systdme  de  chocs  et  lignes  de  cou-  nique. 

rant  de  la  couche  dissipative. 

Le  cas  de  la  rdflexion  d'un  choc  oblique  en  supersonique  est  schdmatisd  Fig.  34.  La  couche  limite 
ddcolle  en  un  point  D  situd  trds  en  amont  de  l'impact  thdorique  du  choc  incident  (£)  en  fluide  parfait. 
La  compression  intense  lide  au  ddcollement  induit  dans  la  partie  supersonique  de  1 'dcoulement  des  ondes 
se  focalisant  rapidement  pour  constituer  le  choc  rdfldchi  (Ci)  qui  intersecte  (Ct)  en  I  .  Le  choc  (.C,  ) 
pdndtre  dans  la  couche  dissipative  ddcollde  d'ou  il  est  rdfldchi  en  un  systdme  d'ondes  de  ddtente  qui 
ont  un  effet  de  compensation  assurant  la  continuitd  de  la  pression  dans  la  zone  ddcollde.  II  en  rdsulte 
une  ddflexion  de  l'ensemble  de  l'dcoulement  en  direction  de  la  paroi  sur  laquelle  le  recollement  inter- 
vient  en  un  point  R.  Tout  conmie  en  transsonique ,  la  compression  associde  est  beaucoup  plus  dtalde  que 
celle  accompagnant  le  ddcollement.  D'une  mani&re  gdndrale,  la  topographie  de  l'dcoulement  dissipatif 
moyen  est  analogue  h  celle  du  cas  transsonique,  avec  notanment  la  ligne  de  courant  limite  (s)  frontidre 
du  bulbe  de  recirculation. 


Des  rdpartitions  de  pression  paridtales  mesurdes  dans  des  rdflexions  de  choc  se  produisant  4  un  nombre 
de  Mach  amont  fit  de  1,93  sont  reprdsentdes  Fig.  35.  Elies  montrent,  en  particulier,  que  l'extension 
de  la  zone  ddcollde,  caractdrisde  par  exemple  par  la  distance  sdparant  les  points  de  ddcollement  et  de 
recollement,  crolt  avec  la  ddflexion  au  travers  du  choc  incident,  c'est-d-dire  avec  le  saut  de 
pression  total  f‘i/h  rdsultant  de  la  rdflexion.  Or,  selon  la  thdorie  de  1 '  interaction  libre  (voir 
aussi  les  travaux  de  Zukoski  [51]  ),la  compression  rdalisde  au  ddcollement  est  entidrement  ddterminde 
par  les  conditions  amont,  qui  dans  le  cas  prdsent  sont  pratiquement  invariables.  On  constate  d'ailleurs 
que  la  pression  en  D  demeure  quasi-constante  quand  l'intensitd  de  1 ' interact  ion  crolt.  En  consdquence, 
une  augmentation  du  saut  total  fa/f,  ne  peut  Stre  obtenue  que  par  une  montde  de  pression  Zljlfi  au  recol¬ 
lement  plus  grande.  Ceci  n'est  possible  que  si  les  particules  fluides  s'dcoulant  sur  la  ligne  limite  et 
qui  stagnent  au  point  de  recollement  R  sont  d  merae  de  ndgocier  une  barridre  de  pression  plus  haute 
(pour  plus  de  ddtail,  se  reporter  aux  thdories  sur  le  recollement  [52]  ),  done  possddent  une  dnergie  md- 
canique  plus  grande.  Pour  qu'il  en  soit  ainsi,  il  faut  que  la  longueur  de  la  zone  ddcollde  s'accroisse 
de  manidre  telle  que  les  effets  d'entralneraent  aient  eu  le  temps  de  communiquer  un  niveau  de  vitesse 
sutfisant  au  fluide  qui,  sur  la  ligne  de  courant  limite,  va  aborder  le  recollement.  D'ou  l'extension  de 
la  zone  ddcollde  avec  l'intensitd  de  1 '  interaction,  cotnme  on  le  voit  Fig.  35. 

Le  mdcanisme  qui  vient  d'etre  bridvement  ddcrit  explique  la  grande  efficacitd  des  techniques  de  contrSle 
de  1 ' interaction  par  effet  d’aspiration  ou  d' injection  fluide  au  sein  du  bulbe  de  deed lement .  Dans  les 
deux  cas,  un  apport  ou  un  prdldvement  de  ddbit  mSme  trds  faible  est  en  mesure  de  produire  une  forte 
augmentation  de  la  vitesse  M)  sur  la  iugne  de  courant  qui  stagne  au  point  de  recollement,  ce  qui  accrott 
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considdrablement  la  capacity  de  l'dcoulement  de  ndgocier  un  gradient  de  pression  antagoniste.  Leg 
mdthodes  utilisdes  pour  diminuer  la  tratnde  au  culot  des  projectiles  reposent  sur  des  propridtds 
identiques  [  52 ]  . 
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Fig.  36  -  Schdmatisations  de  l'dcoulement  dans  un 
bulbe  de  ddcollement. 


En  effet,  considdrons  les  schdmas  de  la  figure  36  qui  reprdsentent,  en  la  simplifiant  fortement,  l'orga- 
nisation  des  lignes  de  courant  de  l'dcoulement  (moyen)  ddcolld  dans  un  diddre.  Pour  plus  de  clartd,  le 
systdme  de  chocs  associd  n'a  pas  dtd  dessind.  Le  schdma  ®  correspond  au  cas  de  base  oil  aucun  transfert 
de  masse  n'est  pratiqud  dans  l'"eau-morte".  Alors,  ainsi  qu'il  a  ddjA  dtd  dit,  la  ligne  de  courant  (sj 
qui  stagne  au  point  de  recollement  R  doit  avoir  son  origine  au  ddcollement  D  afin  d'assurer  la  conser¬ 
vation  de  la  masse  en  rdgime  stationnaire ■  Si  du  fluide  est  aspird  par  la  paroi  4  faible  vitesse,  des 
considdrations  de  topologie  simples  conduisent  au  schdma  ©  oil  c'est  maintenant  une  ligne  de  courant 
provenant  de  l'amont  et  situde  dans  la  couche  limite  initiale  au-dessus  de  D  qui  doit  stagner  en  R 
Pourvu  que  1 'aspiration  soit  suf f isamment  moddrde  pour  ne  pas  bouleverser  compldtement  la  structure  de 
l'dcoulement,  on  peut  admettre  que  la  distribution  des  vitesses  dans  la  couche  dissipative  en  C  au  moment 
oii  le  processus  de  recollement  commence  n'est  pas  sensiblement  modi  fide  par  rapport  au  cas  de  base  ©  ! 
Si  bien  que  la  ligne  de  courant  (J)  se  trouve  sur  ce  profil  4  une  distance  plus  grande  de  la  paroi  et 
en  consdquence  la  vitesse  Us  en  C  sur  (J )  est  plus  dlevde.  D'ou  une  aptitude  de  l'dcoulement  4  supporter 
une  recompression  plus  importante  au  recollement.  On  devra  done  s'attdndre  4  ce  qu'une  aspiration  ait  un 
effet  bdndfique,  en  ce  sens  qu'elle  tendra  4  rdduire  l'dtendue  d'une  zone  ddcollde  et  m§me,  4  la  limite, 

4  la  supprimer  totalement . 


Le  cas  d'une  injection  fluide  4  trds  basse  vitesse  est  reprdsentd  sur  le  schdma  ©  .  Maintenant  la 
vitesse  sur  (j!)  est  plus  faible  puisque  (J  )  doit  6tre  4  une  position  plus  basse  sur  le  profil  de 
vitesse  en  .  L'effet  rdsultant  sera  done  un  allongement  du  bulbe  de  ddcollement  de  manidre  4  ce  que  Jls 
ait  malgrd  tout  un  niveau  suffisant  pour  que  la  ligne  de  courant  (^)  stagne  exactement  en  R  .  Toutefois, 
dans  le  cas  prdsent,  si  le  ddbit  -et  done  la  vitesse  du  fluide  injeetd-  deviennent  plus  importants,  il 
faut  s'attendre  4  un  inversion  de  l'effet  puisque  les  vitesses  sur  la  partie  infdrieure  du  profil  en  C  , 
et  en  particulier  celle  sur  ( J  ) ,  vont  foredment  devoir  augmenter  si  le  ddbit  apportd  dans  1 ' eau-morte 
crolt  au  del4  d'une  certaine  limite. 


Ces  remarques  nous  seront  utiles  pour  interprdter  les  observations  de  la  deuxidme  partie. 

Les  figures  37  4  39  montrent  les  distributions  des  grandeurs  suivantes  pour  l'dcoulement  transsonique 
largement  ddcolld  ddjA  considdrd  plus  haut  (voir  Fig.  32)  :  composante  longitudinale  moyenne  M  normalisde 
par  Ue  ;  dnergie  cindtique_de  turbulence  4  ,  qui  se  confond  pratiquement  avec  U'*  ;  contrainte  de 

cisaillement -a’s'  (  4  et  -u'u'  sont  rapportdes  4  ). 

Les  points  les  plus  notables  que  rdvdlent  ces  distributions  sont  : 


1-  l'dpaississement  trds  important  de  la  couche  dissipative  4  partir  du  moment  od  le  ddcollement  se 
ddveloppe  (ainsi,  dans  l'exemple  considdrd  $  est  pratiquement  multiplide  par  6)  ; 

2-  la  forte  croissance  du  niveau  de  turbulence,  le  maximum  maximorum  de  l'intensitd  longitudinale  dtant 
voisin  de  402  ; 


3-  dgalement,  les  profils  de  -  Jt't'  met  tent  en  dvidence  des  effets  de  non-dquilibre  fortement  marquds 
qui  se  traduisent,  en  particulier,  par  une  lente  ddcroissance  du  taux  d'entrainement.  D'od  des 
distributions  de  vitesse  qui,  en  aval  du  recollement,  se  "remplissent"  trds  rapidement. 
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Fig.  37  -  Interaction  avec  ddcollement  en  transso¬ 
nique.  Vitesse  moyenne  longitudinale. 


Fig.  38  -  Interaction  avec  ddcollement  en  transso¬ 
nique.  Energie  cindtique  de  turbulence. 
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Fig.  39  -  Interaction  avec  dEcollement  en  trans- 
sonique.  Tension  de  cisaillement. 


Les  Evolutions  des  Epaisseurs  de  dEplacement  et  de  quantitE  de  mouvement  ainsi  que  celle  du  paramEtre 
de  forme  Hi  sont  reprEsentEes  Fig.  40.  Ici  la  croissance  de  !*  est  particuliErement  importante,  f  /l! 
atteignant  une  valeur  maximale  de  16,5.  Quant  E  Hi  ,  i 1  devient  pratiquement  infini,  la  couche  dissipative 
acquErant  une  structure  de  zone  de  mElange  C  53  3  .  II  est  E  noter  que  la  dEcroissance  de  Hi  est  extrSme- 
ment  rapide  &  partir  du  moment  o&  le  processus  de  recollement  commence.  En  aval  de  R  ,  Hi  tend  vers 
des  valeurs  basses  typiques  de  distributions  de  vitesse  bien  "remplies",  l'Evolution  du  phEnomEne  Etant 
analogue  E  celle  observEe  en  Ecoulement  supersonique .  Au  dEcollement,  la  croissance  de  l'Epaisseur  de 
quantitE  de  mouvement  est  modeste  ;  elle  est  beaucoup  plus  notable  lors  du  recollement. 


Fig.  40  -  Interaction  avec  dEcollement  en  transso- 
nique.  Evolution  des  caractEris tiques  de 
la  couche  limite. 


Nous  n'entrerons  pas  plus  avant  dans  la  description  de  cet  Ecoulement  dont  les  propriEtEs,  celles 
relatives  E  la  turbulence  en  particulier,  sont  analysEes  plus  en  dEtail  ailleurs  [53]  .  Comme  nous 
l'avons  vu  sur  un  point  prEcis,  mais  ainsi  que  le  confirment  des  examens  plus  complete,  le  cas  supersoni¬ 
que  conduit  E  un  comportement  voisin  quant  aux  traits  principaux  de  1 ’Ecoulement. 

3.5  -  Concluiioni  iuA.  lei  pfiopfu-itii  de  V inteAaciion  - 

En  conclusion,  en  rEgime  turbulent  et  pourvu  que  le  nombre  de  Reynolds  soit  suffisamment  ElevE,  l'appari- 
tion  du  dEcollement  en  pied  de  choc  dEpend  peu  des  propriEtEs  de  la  couche  limite.  En  revanche  I'effet 
destabilisateur  qui  se  traduit,  en  particulier,  par  1 ' accroissement  des  Epaisseurs  de  dEplacement  et  de 
quantitE  de  mouvement  ainsi  que  du  niveau  de  turbulence  dEpend  fortement  de  la  distribution  de  vitesse 
initiale.  Ce  fait  a  au  moins  deux  consEquences  importantes  : 

1-  si  une  couche  limite  est  initialement  peu  remplie,  elle  ne  dEcollera  pas  plus  facilement,  comme  nous 
venons  de  le  voir,  mais  1 1  interaction  1'amEnera  dans  un  Etat  tel  qu'un  gradient  adverse  appliquE  peu 
en  aval  du  choc  aura  sur  elle  un  effet  plus  nEfaste  avec  comme  consEquence  Eventuelle  le  dEcollement. 
Par  exemple,  une  situation  de  ce  genre  se  rencontre  sur  un  profil  supercritique  trEs  chargE  dans  la 
rEgion  du  bord  de  fuite  (interaction  du  type  B  selon  Pearcey  [54]  ). 

2-  dans  les  simulations  en  soufflerie,  les  paramEtres  de  forme  sont  souvent  plus  grands  que  dans  la 
pratique  en  raison  de  1 'insuffisance  des  nombres  de  Reynolds  d'essai.  Une  interaction  sur  maquette 

ne  conduira  done  pas  forcEment  E  un  dEcollement  local  prEmaturE,  mais  sera  la  cause  d'un  Epaississement 
des  couches  limites  plus  fort  que  dans  la  rEalitE.  Si  bien  que  les  effets  de  gradient,  qui  sont  pro- 
portionnels  E  l'Epaisseur  relative  de  la  couche  limite,  seront  artif iciellement  amplifiEs  sur  une 
maquette  de  forme  donnEe.  II  s'agit  IE  de  ce  qu'on  appelle  les  effets  d'Echelle  ("scale  effets"  ;  voir 
E  ce  sujet  la  REf,[35]  ). 

II  convient  toutefois  de  remarquer  que,  dans  certaines  circonstances ,  l'interaction  avec  une  onde  de  choc 
peut  avoir  des  consEquences  bEnEfiques  sur  le  dEveloppement  ultErieur  de  la  couche  limite.  Gn  effet,  si 
le  choc  destabilise  fortement  1' Ecoulement,  en  mSme  temps  et  corrElativement  ainsi  que  nous  l'avons  vu  , 
il  inten8ifie  les  Echanges  turbulents.  De  ce  fait,  si  aucun  autre  gradient  de  pression  adverse  ne  succfede 
inroEdiatement  au  choc,  la  couche  limite  "rEcupEre"  extrSmement  vite  comme  en  tEmoigne  la  rediroinution 
trEs  rapide  de  son  paramEtre  de  forme  (voir  les  exemples  desfigures  20  et  40).  Notamment(voir S  3.4),  on  a 
observE  que  cette  intensification  de  la  turbulence  contribue  E  accElerer  plus  spEcialement  les  rEgions 
voisines  de  la  paroi  ce  qui  a  pour  consEquence  de  bien  remplir  le  profil  dans  une  zone  d' importance  capi¬ 
tate.  En  mSme  temps,  les  tensions  de  Reynolds  ont  des  niveaux  accrue,  la  turbulence  gardant  longtemps 
la  mEmoire  de  l'interaction  [53]  .  Ainsi,  comme  Rose  l'a  soulignE  [ 55  ]  ,  cette  couche  limite  a  une 
Energie  plus  grande  qui  peut  lui  permettre  de  mieux  supporter  une  interaction  faisant  suite  E  la  premiEre. 


FACTEURS  V' INFLUENCE  VE  L' INTERACTION  ONVE  PE  CHOC-COUCH E  UNITE  ET  TECHNIQUES  PE  CONTROLS 


4.1-  GiniK&titlb  - 

Nous  allons  maintenant  examiner  l'inflence  de  certains  facteurs  en  oesure  de  modifier  1 ' interaction  par 
rapport  &  ce  qu'elle  est  dans  le  cas  de  base,  le  but  recherchA  Atant  de  contrSler  le  phAnomAne,  c'est-A- 
dire  d'en  prAvenir  les  consequences  nAfastes.  Comme  nous  l'avons  dAjA  prAcisA  dans  1 1  introduction,  le 
principe  de  base  de  ces  actions  est  d'augmenter  l'Anergie  mAcanique  des  zones  it  faible  vitesse.  Pour  cela, 
il  est  possible  d'envisager  plusieurs  procAdAs  dont  nous  allons  analyser  le  mode  de  fonctionnement.  Les 
modes  d' action  retenus  seront  les  suivants  : 

1-  abaissement  de  la  tempArature  de  la  paroi  ; 

2-  aspiration  pariAtale,  soit  rApartie,  soit  localisAe  ; 

3-  injection  de  fluide  A  faible  vitesse  ; 

4-  soufflage  de  la  couche  limite  amont  ; 

5-  gAnArateurs  de  tourbillons,  piAge  4  couche  limite. 

Ainsi  que  nous  le  verrons,  ces  procAdAs  peuvent  Agalement  A  t  re  classes  en  deux  categories  selon  qu'ils 
agissent  : 

1-  en  modifiant  les  caractAristiques  de  la  couche  limite  amont  qui  va  aborder  1' interaction  en  vue  de  lui 
confArer  une  plus  grande  resistance  ; 

2-  localement,  au  niveau  et/ou  immediatement  en  aval  de  l'onde  de  choc, par  rAsorbtion  de  la  zone  de  fluide 
ralenti. 

4.2  -  Influence  de  VttaX  ThenmEaue  de.  ta  pajwi.  - 


II  est  bien  connu  que  le  comportement  dune  couche  limite  depend  fortement  de  1  Atat  thermique  de  la 
paroi,  c'est-A-dire  du  rapport  TflTr  de  la  temperature  de  paroi  Tp  A  la  temperature  Tr  que  celle-ci 
rend  A  l'Aquilibre  dans  le  cas  adiabatique .  Ainsi,  un  ref roidissement  Anergique  a  un  effet  stabilisateur 


qui  retarde  la  transition  laminaire-turbulent ,  ce  qui  en  fait  un  procAdA  envisageable,  bien  que  pour  des 
applications  trAs  spAciales,  de  reductions  de  la  trainee  de  frottement  C 56 1  .  Egalement,  on  sait  que 
refroidir  la  paroi  a  une  influence  bAnAfique  dans  les  regions  ou  la  couche-limite  est  soumise  A  un 
gradient  de  pression  adverse  en  empechant  ou  retardant  le  dAcollement  [57]  . 

Le  dernier  comportement  s'explique  si  on  conslidAre  les  consequences  d'un  flux  de  chaleur  parietal  sur  le 
dAveloppement  de  la  couche  limite  et  done  sur  ses  propriAtAs  au  moment  ou  elle  va  aborder  1' agent  desta- 
bilisateur  qui  peut  Stre  soit  une  compression  AtalAe,  soit  une  onde  de  choc.  BriAvement,  rappelons 
que  refroidir  la  paroi  (  TF/Tr  <  1)  entrainera  les  changements  suivants  par  comparaison  au  cas  adiabatique 
et  A  mAme  valeur  du  nombre  de  Reynolds  Rf  : 

1-  le  paramAtre  de  forme  Mi  est  diminuA,  consne  le  montrent  les  rAsultats  de  la  figure  41a  dAduits  d'une 
famille  de  profils  turbulents  propoaAe  par  Walz  [58]  (les  figures  41a  et  41b  sont  empruntAes  A  la 
RAf.  [59]  )  ; 

2-  A  Hi  fixA,  le  coefficient  de  frottement  parietal  est  augmentA  (voir  Fig.  41b)  ;  la  tendance  Atant 
fortement  accentuAe  si  la  dependence  de  Mi  A  l'Agard  de  Tl/Tr  est  sur-ajoutAe  ; 

3-  comme  nous  l'avons  dAjA  vu  §  2  (voir  aussi  Fig.  6),  A  Hi  et  nombre  de  Mach  extArieur  He  donnAs,  la 

couche  subaonique  est  amincie  en  raison  de  la  diminution  locale  de  la  vitesse  du  son  qui  rAsulte  de 
I'abaissement  de  la  temperature.  L' amincissement  est  Avidemment  plus  marque  si  l'effet  de  sur//,' 

est  aussi  pris  en  consideration. 

Les  comportement  ci-dessus  sont  bien  sur  inverses  dans  le  cas  oit  la  paroi  est  chauffAe  (TM/Tr>  1). 
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Fig.  41  -  Effet  de  la  temperature  de  paroi  sur  cer- 

taines  propriAtAs  de  la  couche  limite  (d’a- 
prAs  [59]). 


Done,  A  la  lumiAre  des  rAsultats  prAsentAs  dans  les  paragraphes  2  et  3  nous  pouvons  dAjA  conclure  qu'un 
ref roidissement  de  la  paroi  aura  des  repercussions  favorables  sur  une  interaction  choc-couche  limite  par 
accroissement  de  la  "raideur"  de  l'Acoulement  dissipatif.  De  plus,  1 ' augmentation  de  Cf  qui  se  produit 
alors,  tendra  A  retarder  le  dAcollement  en  vertu  du  mAcanisme  dAcrit  par  la  thAorie  de  l'interaction 
libre  (voir  S  2  ci-dessua).  C'est-A-dire  que  l'effet  agira  dans  le  bona  sens  A  la  fois  sur  lea  termes 
inertiels  et  sur  les  forces  de  viscositA. 

A  notre  connaissance,  en  Acouletoent  transsonique ,  il  existe  trAs  peu  de  rAsultats  expArimentaux  vraiment 
convaincants  sur  l'influence  d'un  flux  de  chaleur  sur  une  interaction  choc-couche  limite.  Toutefois, 
des  renaeignements  extrSmement  instructifs  peuvent  Atre  tirAs  du  modAle  de  Inger  dont  il  a  dAjA  AtA 


N  \  \  .• 


question  (voir  S  3.3)  et  qui  donne  une  representation  rdaliste  des  ph6nomfenes .  Ainsi,  la  figure  42, 
extraite  de  la  Rdf.  [59]  ,  montre  l'influence  de  la  temperature  de  paroi  sur  la  distribution  de  pression 
rdduite  /(fi-  ft)  .  Si  le  param&tre  de  forme  amont  Hit  est  maintenu  constant,  ce  qui  revient  k 

appliquer  le  flux  de  chaleur  unfquement  dans  la  zone  d'interaction,  l'effet  de  est  modeste  (voir 

Fig.  42a).  Le  ref roidissement  ne  provoquant  qu'une  contraction  limitee  du  domaine  d'interaction.  Cette 
tendance  est  confirmee  par  les  experiences  de  Padova  et  al.  (60)  ainsi  que  le  montre  la  figure  43.  En 
revanche,  l'effet  est  beaucoup  plus  marque  si  la  variation  concomitante  de  Hlt  qui  doit  normalement  se 
produire  est  prise  en  compte  (voir  Fig.  42b). 

La  figure  44  montre  1 ' accroissement  normalise  (  !*-  J,*  )/  de  l'epaisseur  de  deplacement.  Ici, 

l'effet  thermique  "pur"  est  important  en  raison  de  sa  repercussion  sur  la  distribution  de  la  masse 


1 _  8 

M0 . 1,2 
Hi*.  1.4 

i _ i 

/Mr  JUedubel.qgt) 

l 

J 

WTr 

1,43 

ase 

17 

1.46 

1,03 

21,1 

146 

1,14 

23,9 

!  x.x0 

20 

So 

9  .  Pvamiir*  de  forme  amont  constant  b  -  A*ec  effet  sur  ie  parametre  de  forme  amont  *  T  '  ~L  7 — 

-10  0  10  20  S0 

Fig.  42  -  Interaction  en  transsonique  .  Effet  de  tern-  ,,  T  -  _  •  ..  • 

perature  de  paroi  .  Repartitions  de  pres-  Flg’  43  “  ^•ctxon  en  transsontque  -  Effet  de  tenr- 
sion  parietale  (d'apr&s  [591).  perature  de  paroi  .  Repartition  de  pression 

panEtale  (d'aprEs  [60]). 

spEcifique.  Enfin,  la  figure  45  donne  les  Evolutions  du  coefficient  de  frottement  pariEtal  qui  sont  uti- 
lisEes  pour  dEtenniner  1' apparition  du  dEcollement  en  pied  de  choc.  Ainsi,  on  observe  que  refroidir  la 
paroi  retarde  le  dEcollement  naissant  comme  cela  apparalt  plus  nettement  sur  les  courbes  limites  dans  le 
plan  (  Hif  ,  )  tracEes  Fig.  46.  Toutefois,  si  1* influence  du  flux  thermique  ne  se  fait  sentir  que  sur 

le  paramEtre  de  forme  initial  Hi0  ,  c ' es t-E-dire  si  ce  flux  est  appliquE  en  amont  de  1 1  interaction  sur 
une  distance  suffisante  pour  lui  permettre  de  modifier  les  caractEristiques  de  la  couche  limite,  les 
conditions  de  dEcollement  naissant  sont  peu  modifiEes  en  vertu  du  mEcanisme  exposE §  3.3.  Toutefois,  il  faut 
souligner  qu'un  ref roidissement  sera  quand  mSme  bEnEfique  puisqu'il  limitera  1 'Epaississement  de  la 
couche  limite  et  fera  que  le  bulbe  de  dEcollement  sera  trEs  restreint. 
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Fig.  44  -  Interaction  en  transsonique  .  Effet  de  tern-  Fig.  45  -  Interaction  en  transsonique  .  Effet  de  tem¬ 
perature  de  paroi  .  Evolutions  de  l'dpais-  perature  de  paroi  .  Evolutions  du  coeffi- 

seur  de  deplacement  (d'aprfcs  [591).  cient  de  frottement  parietal  (d'apr&s  [59]. 
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Fig.  46  -  Interaction  en  transsonique.  Effet  de  tem¬ 
perature  de  paroi.  Limite  de  decollement 
naissant . 
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Redproquement ,  chauffer  la  paroi  va  amplifier  les  consequences  n4fastes  de  l'interaction  en  hRtant 
i'apparition  du  decollement  et  en  aggravant  le  processus  destabilisateur.  De  telles  repercussions 
possibles  devront  8tre  presences  A  1 'esprit  lors  des  simulations  d'ecoulements  A  grands  nombres  de 
Reynolds  dans  les  souffleries  cryogdniques  (61 ]  . 

En  dcoulement  supersonique,  les  mSmes  tendances  sont  observdes,  bien  que  les  influences  propres  des 
different,  parametres  mis  en  jeu  n'aient  pas  ete  aussi  clairement  ddgagdes  qu'en  transsonique,  faute  d'un 
module  thdorique  convenable.  A  titre  d'exemple  typique,  la  figure  47  montre  l'effet  d'un  flux  de  chaleur 
sur  la  longueur  de  decollement  amont  Lo  (voir  schema  de  la  figure)  pour  une  interaction  se  produisant 
dans  un  diidre  d'angle  of  A  un  nombre  de  Mach  voisin  de  3  [24,  62  3  .  La  reduction  de  Zp  resultant 
d'un  refroidissement  de  la  paroi  apparatt  plus  nettement  Fig.  48  od  l'on  a  reprdsente  le  rapport  entre 
la  longueur  normalisde  Lo/St  (ce  qui  permet  de  prendre  en  compte  l'influence  du  nombre  de  Reynolds) 


avec  flux  et  la  valeur  de  dans  le  cas  adiabatique.  Dana  le  mSme  esprit,  la  figure  49  illustre> 

par  un  trace  des  lignes  de  courant,le  changement  de  structure  de  la  zone  d' impact  d'une  onde  de  choc  quand 
la  temperature  de  paroi  est  modifide.  Ces  rdsultats  expdrimentaux  ont  dtd  obtenus  par  Back  et  Cuff el  [63] 

A  un  nombre  de  Mach  Mo  de  3,5.  lie  mettent  particulidreraent  bien  en  evidence  la  contraction  du  bulbe  de 
decollement  provoquee  par  un  ref roidissement  de  la  paroi.  Un  tel  effet  est  aussi  manifeste  sur  les  repar¬ 
titions  de  pression  paridtales  de  la  figure  50  qui  ont  6te  mesurees  dans  une  reflexion  de  choc  A 
Mo  -  3,18  f64]  . 


Fig.  47  -  Interaction  en  supersonique .  Effet  de  tem-  Fig.  48  -  Interaction  en  supersonique .  Effet  de  tem¬ 
perature  de  paroi.  Longueur  de  decollement  pdrature  de  paroi.  Longueur  de  decollement 

(d'apres  [24]).  normalisee  (d'apr&s  [24]). 


Fig.  49  -  Interaction  en  supersonique.  Effet  de  tem¬ 
perature  de  paroi.  Organisation  des  lignes 
de  courant  (d'apres  [63]). 

Fig.  50  -  Interaction  en  supersonique.  Effet  de  tem¬ 
perature  de  paroi.  Repartition  de  pression 
parietale  (d'apres  [64]. 


b.  Vir.qsj 


On  dispose  de  peu  de  renseignements  concemant  la  repercussion  d'un  flux  de  chaleur  sur  la  limite  de 
decollement  naissant  en  supersonique.  Toutefois,  ainsi  que  le  raontre  la  figure  51,  il  est  clair  que  le 
decollement  est  retarde  sur  une  paroi  froide.  La  tendance  est  correctement  reproduite  par  le  module  de 
Elf  Strom  [45  ]  ,  oii  rappelons  le,  la  couche  limite  est  representee  par  un  ecoulement  non  visqueux  mais 
rotationnel .  Dans  ces  conditions,  le  seul  effet  de  la  temperature  sera  de  modifier  le  profil  du  nombre 
de  Mach  M  dans  la  couche  limite,  un  rapport  Tp/ infdrieur  A  l'unite  dlevant  les  valeurs  de  M  a 
proximite  de  la  paroi.  En  consequence,  selon  la  schdraatisation  de  Elfstrom,  la  couche  limite  developpera 
une  plus  grande  resistance  au  decollement,  ce  que  confirme  1 'experience,  corapte  tenu  d'une  assez  forte 
dispersion  des  mesures. 


Fig.  51  -  Decollement  naissant  en  supersonique.  Paroi 
non-adiabatique  (d’aprds  [45]). 


4.3  -  Ini(£uence  de  la  de  to.  paxoi  - 


II  est  bien  evident  que  la  forme  de  la  paroi  est  aussi  susceptible  d'agir  sur  une  interaction  choc-couche 
limite.  Ainsi,  en  supersonique,  un  changement  de  pente  convenablement  amdnagd  au  poin  d'impact  d'un  choc 
incident  peut  en  thdorie  annuler  le  choc  rdfldchi  par  creation  d'une  detente  compensatrice.  Un  tel  effet 
peut  dgalement  Stre  crdd  par  une  injection  parietale,  comae  nous  le  verronsf  4.4.  D’une  manidre  gdndrale, 
toute  modification  de  forme  entrafnant  une  acceleration  rdpartie  ou  non  tendra  naturellement  A  stabiliser 
la  couche  limite,  en  abaissant  en  particulier  son  paramdtre  de  forme,  c'est-A-dire  rdduira  les  risques 
d'apparition  ou  d'extension  brutale  d'un  decollement. 
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En  Ecoulement  transsonique,  on  saic  depuis  les  experiences  de  Gadd  [44]  que  sur  une  paroi  convexe  le 
dEcollement  esc  retards,  tendance  que  prEdisent  les  modules  de  Inger  et  de  Bohning  et  Zierep  [16]  .  En 
particulier,  ces  demiers  auteurs  expliquent  un  tel  comportement  par  le  fait  que  la  dEtente  qui  se  forme 
ordinairement  juste  en  aval  d'un  choc  en  transsonique  ("post  shock  expansion")  est  intensifiEe  par  une 
courbure  correspondant  4  une  coiwexitE.A  proximitE  de  la  paroi,  cette  detente  influe  sur  le  dEveloppement 
de  1 'Ecoulement  dans  un  sens  qui  tend  4  retarder  un  possible  dEcollement.  Toutefois ,  d'aprfes  les  calculs 
de  Inger  [39]  ,  l’effet  serait  faible,  alors  que  le  oodEle  de  Bohning  et  Zierep  prEdit  une  influence 
favorable  marquee  (voir  Fig.  52).  Ce  point  mEriterait  d'etre  ElucidE  par  des  experiences  plus  systEmati- 
ques  que  celles  dont  on  dispose  actuellement. 
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Fig.  52  -  DEcollement  naissant  en  transsonique.  Effet 
de  courbure  de  la  paroi. 
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4.4  -  Influence,  d'un  tru tw4i(eztt  de.  mja&e  &  la.  ya/ioi  - 

4.4.1  -  - 

Comme  nous  le  savons  dej4,  1 1  interaction  avec  une  onde  de  choc  depend  beaucoup  des  caractEristiques 
initiales  de  la  couche  limite,  4  savoir  : 

1-  son  profil  de  vitesse, 

2-  sa  distribution  de  nombre  de  Mach, 

3-  son  frottement  parietal. 

Ces  trois  caractEristiques  sont  susceptibles  d'etre  profondEment  affectEes  par  un  transfert  de  masse 
-aspiration  ou  injection-  pratique  sur  une  certaine  longueur  de  paroi.  Le  but  le  plus  frequemment  recher¬ 
che  est  de  diminuer  la  trainee  de  frottement  [56]  et  aussi  d'agir  sur  les  flux  thermiques  soit  pour  les 
intensifier,  comme  dans  les  Echangeurs,  soit  au  contraire  en  vue  de  les  diminuer,  cas  des  aubages  de 
turbine  par  exemple. 

La  maniEre  la  plus  naturelle  et  la  plus  couramment  employee  pour  modifier  les  coefficients  d'Echange 
paridtaux  consiste  4  pratiquer  l'injection  (ou  l'aspiration)  du  fluide  au  travers  d'une  paroi  rendue 
permeable,  une  plaque  poreuse  etant  souvent  utilisEe. 

Etant  donnEe  son  extreme  importance  pratique,  le  developpement  d'une  couche  limite  en  presence  d'un  effet 
de  transfert  de  masse  a  fait  l'objet  de  tr4s  nombreux  travaux,  expfirimentaux  aussi  bien  que  thEoriquesj 
dont  l'examen  sortirait  du  cadre  de  notre  sujet.  Le  lecteur  interessE  trouvera  dans  les  references  [65]  4 
[70]  (dont  le  nombre  est  loin  d' gtre  exhaustif )  des  renseignements  plus  complete  sur  cette  question.  En 
fait  nous  nous  limiterons  ici  4  la  presentation  de  quelques  exemples  typiques  dans  le  seul  but 
d'illustrer  l'effet  d'une  aspiration  ou  d'une  injection  sur  certaines  des  propriEtEs  d'une  couche  limite 
turbulente. 


Fig.  53  -  Effet  d'un  transfert  de  masse  sur  les  pro- 
prietds  de  la  couche  limite  (d'aprEs  [69]). 
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Les  resultats  prEsentEs  Fig.  53  sont  empruntes  4  la  thEse  de  Lili  [69j  .  Le  taux  d'injection  F  est  ici 
ddfini  conme  le  rapport  F a  /?, u.t  ou  est  la  composante  de  vitesse  normale  4  la  paroi  et 
la  masse  spEcifique  en  ^  »  0.  Les  courbes  tracEes  mettent  en  Evidence  les  Evolutions  suivantes  : 

1-  une  injection  (  F  >  0  )  entraine  un  "creusement"  des  distributions  de  vitesse  ;  ce  qui  se  traduit 

par  une  augmentation  du  paramEtre  de  forme  Hi  (voir  Fig.  53a).  En  m£me  temps,  le  coefficient  de 
frottement  Cf  diminue  (voir  Fig.  53b)  et  la  couche  limite  est  Epaissie  ; 

2-  une  aspiration  (  F  <  0  )  induit  les  effets  inverses  ;  c'est-4-dire  que  Hi  dEcrott  et  Cf  crolt. 
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IX  est  &  noter  que  les  tendances  ci-dessus  vont  dans  le  m8me  sens  que  celles  resultant  de  l'action  d'un 
gradient  de  pression  positif,  dans  le  cas  d'une  injection,  ou  bien  ndgatif,  dans  le  cas  d'une  aspiration. 
Aussi,  certains  auteurs  (38,  71]  ont  proposd  d’utiliser  ce  moyen  pour  simuler  1 ' interaction  d'une  onde 
de  choc  avec  une  couche  Iimite  initiale  destabilisde  dans  des  installations  oh  il  est  difficile  de  mode¬ 
ler  A  volontd  le  gradient  de  pression  en  amont  de  l'onde  de  choc.  Par  cet  artifice,  on  peut  aussi  envisa- 
ger  de  faire  varier  inddpendamment  l'un  de  l’autre  le  nombre  de  Reynolds  et  le  paramdtre  de  forme  qui  ont, 
comae  nous  le  savons  ddjA  (voir  $  3.1  ci-dessus),  des  influences  bien  distinctes.  II  a  dtd  dgalement 
suggdrd  de  pratiquer  une  aspiration  paridtale  pour  reproduire  sur  des  maquettes  A  petite  dchelle  des 
caractdristiques  de  couche  Iimite  (dpaisseur  5  compare e  A  la  corde  du  profil,  par  exemple)  identiques 
A  celles  rencontrdes  sur  une  aile  en  vraie  grandeur  (72,  73]  .  On  aurait  ainsi  un  moyen  de  s'affranchir 
des  facteurs  d'dchelle  briAvement  dvoquds  §  3.5. 

II  convient  ndanraoins  de  remarquer  que  les  dvolutions  de  Hi  et  Cf  rdalisdes  par  transfert  de  masse  ne 
se  font  pas  toutes  deux  dans  le  sens  des  variations  rdsultant  d'un  changement  du  nombre  de  Reynolds.  En 
effet,  si  par  exemple  Rf  croft,  il  y  a  diminution  simultande  de  Hi  et  Cf  .  Simuler  des  grands  nombres 
de  Reynolds  par  aspiration  n’est  done  correct  que  dans  les  situations  oh  les  termes  inertiels jouent  un  r31e 
prdponddrant  dans  le  processus  d' interaction  (voir  §  ci-dessus).  MSme  dans  ce  cas,  il  conviendra  d'Stre 
prudent  dans  l'emploi  de  tels  proeddds  dont  les  rdpercussions  sur  la  structure  de  la  couche  Iimite  -8a 
turbulence  en  particulier-  sont  complexes  et  souvent  mal  connues.  En  outre,  leur  mise  en  oeuvre  sur  des 
maquettes  de  petite  taille  peut  Stre  ddlicate. 

4.4.2  -  Cont'LOte.  de.  l^.cnteAactiqn  ^a/L  ai^.oiatiqn  ^&^qAtiz  - 

Soumettre  une  couche  Iimite  qui  va  aborder  une  interaction  A  un  effet  d' aspiration  paridtale  est  certai- 
nement  bdndfique  dans  la  mesure ou  l'ondiminue  ainsi  son  paramdtre  de  forme  ce  qui  a  pour  consdquence  de 
lui  confdrer  une  plus  grande  rdsistance  A  la  destabilisation,  d'ou  en  particulier  : 

1-  une  contraction  des  longueurs  d' interaction, 

2-  un  accroissement  moindre  des  dpaisseurs  S  ,  5"  et  6  . 

Toutefois,  pour  ce  qui  concerne  1' apparition  du  ddcollement  en  pied  de  choc,  nous  savons  ddjA  (voir  S  3.3) 
que  le  phdnomdne  ddpend  peu  de  Hia  .  Bien  plus,  des  calculs  effectuds  par  Inger  (74]  (voir  aussi  Inger 
et  Zee  (75]  ),  montrent  qu'il  peut  radme  se  produire  un  renversement  de  tendance,  c'est-A-dire  qu'une 
aspiration  trop  vigoureuse  est  susceptible  d'entratner  une  contraction  du  domaine  d' interaction  tenement 
forte  que  1 ' intensification  du  gradient  de  pression  longitudinal  qui  en  rdsulte  prdcipite  le  ddcollement 
de  la  couche  Iimite.  Au  contraire,  une  ldgdre  injection  peut  retarder  l'apparition  du  ddcollement,  comme 
en  tdmoignent  les  distributions  du  coefficient  de  frottement  paridtal  reprdsentdes  Fig.  54a.  Un  tel 
comportement  a  dgalement  dtd  observd  expdrimentalement  par  Squire  et  Smith  08]  en  dcoulement  supersonique 
pour  le  cas  de  lardflexion  d’une  onde  de  choc  oblique. 


Fig.  54  -  Interaction  en  transsonique .  Effet  d'un 

transfert  de  masse  rdparti  (d'aprds  [74]). 


Ndanmoins,  il  convient  de  souligner  qu'une  aspiration  est  en  ddfinitive  toujours  bdndfique  dans  la 
mesure  oil,  ainsi  que  le  montre  la  figure  54a,  le  ddcollement  qui  peut  quand  me  me  se  produire  demeure 
extrSmement  localisd  et  done  sans  grand  dommage  pour  1 'ensemble  de  1' dcoulement.  D'un  autre  cotd, 

1 ' dpaiss issement  de  la  couche  Iimite  se  trouve  fortement  limitd  et  sa  "rdhabilitation"  en  aval  du  choc 
notablement  accdldrde  par  une  aspiration  mdme  roodeste  (voir  Fig.  54b). 

Dans  ces  conditions, c 'est  principalement  le  contrSle  en  aval  et  au  pied  du  choc  qui  se  rdvdle  le  plus 
efficace  puisqu'il  tend  A  compenser  l'influence  destabilisante  d'une  interaction  que  Inspiration 
pratiqude  en  amont  du  phdnomdne  aura  eu  pour  effet  d'intensifier. 

Sur  le  plan  technologique,  une  aspiration  rdpartie  de  manidre  continue  sur  un  domaine  dtendu  peut  6tre 
rdalisde  au  moyen  d'une  paroi  permdable  -ou  poreuse-  ce  qui  assure  une  bonne  qualitd  de  surface  et 
dvite  done  la  formation  d'ondes  de  perturbation  dans  la  partie  supersonique  de  1 'dcoulement .  En  outre, 
ce  proeddd  permet  de  garder  aisdment  le  contrSle  d'une  interaction  pouvant  se  ddplacer  en  raison  d'un 
changement  des  conditions  amont,  par  exemple.  Enfin,  un  autre  avantage  non  ndgligeable  de  la  paroi  poreuse 
est  de  faciliter  -dans  une  certaine  mesure-  la  moddlisation  du  phdnomdne  en  rdalisant  au  mieux  une 
condition  aux  limites  de  vitesse  normale  imposde  en  tout  point  d'une  rdgion  bien  ddfinie  de  la 
surface  de  l'obstacle  (les  probldmes  de  moddlisation  sont  discutds  plus  bas  S  4.7.1).  En  contreparti^ 
cette  technique  de  contrSle  oomporte  un  certain  nombre  d'inconvdnients  qui  font  que  son  emploi  est  en 
fait  limitd  : 

1-  de  telles  parois  sont  faites  d'un  matdriau  poreux  dont  la  rugositd  de  surface  a  pour  effet  d'dpaissir 
la  couche  Iimite  et  d'accroftre  son  paramdtre  de  forme,  c'est-A-dire  va  A  l'encontre  de  l'effet 
attendu  d’une  aspiration  dont  l'action  peut  rndme  se  trouver  annulde. 


2-  cot  4  dcoulement,  la  pression  n'est  paa  uni  forme  :  elle  a  en  amont  du  choc  une  valeur  fa  nettement  plus 
baaae  que  le  niveau  aval  fa  .  En  consdquence,  pour  une  preasion  de  cavitd  fa  uni  forme  aur  l'autre 
face  de  la  plaque  faiaant  office  de  paroi,  1’ aspiration  sera  forcdstent  mo  ins  intense  devant  le  choc 

14  oik  prdcisdment  elle  devrait  Stre  particuliirement  dnergique  pour  l'emporter  sur  la  rugositd.  Bien 
plus,  si  fa  n'est  pas  maintenue  en  permanence  &  un  niveau  asaez  baa  il  peut  arriver  qu'elle  devienne 
supdrieure  &  fa  si  lea  circonstances  de  l'dcoulement  changent.  II  y  a  alors  effet  d'injection  en 
amont  du  choc  avec  lea  consdquences  ndfastes  que  l'on  imagine. 

3-  enfin,  1' aspiration  &  travers  une  paroi  qui  doit  avoir  une  dpaisseur  suffisante  pour  supporter  un  fort 
dcart  de  presaion  sans  seddformerse  fait  au  prix  d'une  perte  de  charge  pouvant  Stre  importante  ;  d'oik 
la  ndcessitd  de  rdaliser  des  niveaux  de  fa  souvent  trfes  bas. 

En  raison  de  son  faible  rendement,  la  paroi  poreuse  n'est  done  gudre  utilisde  sur  les  avions  oik,  &  grand 
nombre  de  Mach,  son  refroidissement  -qui  peut  s'avdrer  indispensable-  pose  de  trds  difficiles  probldmes. 
En  revanche,  elle  constitue  un  moyen  intdressant  pour  contrSler  et  si  possible  annuler  les  interactions 
&  la  paroi  d'une  soufflerie  oik  l'on  dispose  de  facilitds  et  d'un  "confort"  plus  grands  qu'4  bord  d'un 
avion . 


En  fait,  dans  une  soufflerie,  l'objectif  le  plus  souvent  visd  n'est  pas  d'dviter  un  ddcollement  ou  de 
minimiser  les  consdquences  ndfastes  d'une  interaction,  mais  d'"dteindre"  un  choc  frappant  une  paroi  en 
empdehant  ainsi  la  formation  d'un  choc  rdldchi  qui  risque  d' interactionner  une  maquette.  Ce  p rob lime  est 
crucial  dans  la  simulation  des  dcoulements  faiblement  supersoniques  oik  les  ondes  font  un  angle  important 
par  rapport  au  vecteur  vitesse.  Comme  on  le  sait,  quand  un  choc  incident  (  Co  )  produisant  une  ddflexion 
frappe  en  un  point  I  une  paroi  plane  alignde  avec  l'dcoulement  amont,  il  apparait  un  choc 
rdfldchi  (.  Ct  )  erdant  une  ddviation  -  A<p  .  Dans  ces  conditions,  l'extinction  de  (.  Ct  )  peut  Stre  obtenue 
de  deux  manidres  : 

1-  soit  en  donnant  4  la  paroi  en  I  un  changement  de  direction  Cette  solution,  que  nous  ne  faisons 

que  mentionner,  a  dtd  en  particulier  dtudide  expdrimentalement  par  Chew  et  Squire  [76]  . 

2-  soit  en  pratiquant  insnddiatement  en  aval  de  I  une  aspiration  telle  que  la  vitesse  soit  dgale  4 
la  composante  normale  Vi  en  aval  de  (  Ci  ) .  Ce  deuxiime  proeddd,  qui  est  plus  souple  que  le  premier 
puisqu'il  est  facile  d'en  faire  verier  la  zone  d'application  et  l'intensitd,  a  fait  l'objet  de  nom- 
breuses  dtudes  que  nous  ne  discuterons  pas  ici  (voir  4  ce  sujet  Goethert  [77]  ,  Allen  [78]  ,  Ramm  et 
Jones  [79]  ,  Vayssaire  [  80 1  ). 

En  fluide  parfait,  le  probldme  a  done  une  solution  de  principe  simple  ;  mais  il  est  bien  sur  compliqud 
par  la  prdsence  de  la  couche  limite  et  le  fonctionnement  de  la  paroi  poreuse.  Pour  en  commenter  certains 
aspects  essentiels  nous  utiliserons  les  rdsultats  trds  instructifs  obtenus  par  Lee  [81]  dans  une  dtude 
approfondie  de  la  rdf lexion  d'une  onde  de  choc  4  un  nombre  de  Mach  amont  Mo  dgal  4  1,43  (voir  aussi 
4  ce  sujet  Fournier  et  al-[82]  ).  Lee  a  en  particulier  observd  que  -pour  le  but  poursuivi  ici-  le 
maximum  d'efficacitd  dtait  obtenu  avec  un  ddbit  aspird  dit  "faible".  Dans  ce  cas,  l'interprdtation  des 
visualisations  ombroscopiques  et  des  distributions  de  presaion  paridtale  permet  de  mettre  en  dvidence 
les  phdnomdnes  suivants,  reprdsentds  sur  le  schdma  de  la  figure  55a  : 

1-  en  amont  du  choc,  le  ddbit  aspird  est  en  fait  quasi  nul,  la  pression  fa  dtant  pratiquement  dgale  4 
celle  rdgnant  dans  le  caisson  d'aspiration,  fa  .  Alors,  l'effet  de  rugositd  l'emporte  avec  les 
consdquences  dvoqudes  plus  haut  (  Sg  et  Hit  augmentds)  ce  qui  entralne  une  extension  du  domaine 
d' interaction  et  1' attdnuation  concomitante  des  gradients  de  pression  adverses  longitudinaux. 


2-  en  aval  du  point  d'impact  du  choc  incident,  la  pression  est  assez  dlevde  pour  que  Inspiration  soit 
effective.  11  se  produit  alors  une  rdaccdldration  des  parties  4  faible  vitesse  de  la  couche  limite 
d'oil  une  contraction  de  aa  portion  subsonique.  Il  s'ensuit,  par  effet  de  ddflexion  dans  la  rdgion 
oik  la  vitesse  est  supersonique,  un  renforcement  de  la  ddtente  post-choc  (  (j  )  (voir  S  2  ci-dessus  et 
Fig.  4)  ce  qui  tend  4  affaiblir  le  choc  rdfldchi.  Done,  ainsi  que  le  souligne  Lee,  ce  cas  est  celui 
qui  se  rapproche  le  plus  des  moddles  de  fluide  parfait  oik  le  choc  est  compensd  par  une  ddtente  locale 
en  /  engendrde  par  un  changement  de  direction  de  la  paroi. 
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En  revanche,  quand  l'aspiration  est  "forte"  (voir  Fig.  55b),  elle  se  fait  dgalement  sentir  en  amont  de 
l'impact  du  choc  incident  et,  conme  nous  l'avons  vu,  il  en  rdsulte  un  "raidissement"  de  1 'interaction 
dont  l'dtendue  se  contracte,ce  qui  entratne  une  intensification  des  gradients.  La  rdf lexion  ressemble 
alors  au  sx>d41e  de  fluide  parfait  avec  un  choc  rdfldchi  de  force  comparable  4  celle  du  choc  incident. 
C'est-4-dire,que  dans  ce  cas, on  minimise  effectivement  les  effets  dissipatifs  dans  ce  qu'ils  ont  de 
ndfaste  mais  on  va  4  l'encontre  de  l'objectif  prdsent. 

La  rdalisation  de  parois  poreuses  de  qualitd  posant  de  ddlicats  p rob  limes  technologiques  et  leur  utilisa¬ 
tion  ne  permettant  pas  tou jours  d'aspirer  le  ddbit  ndeessaire  pour  obtenir  l'effet  recherchd,  en  raison 
dea  pertes  de  charge  imporantes  qu'elles  erdent,  on  leur  substitue  frdquemment  des  parois  faites  d'une 
tdle  perferde.  Le  comportement  local  de  l'dcoulement  est  ici  infiniment  plus  complexe,  en  particulier  la 


condition  aux  limites  &  imposer  dans  les  raoddlisations  ne  consiste  plus  -en  principe-  en  une  distribution 
de  vitesse  Vji  uni  forme  (pour  plus  de  details,  voir  $  4.7.1  ci-dessous).  En  outre,  de  telles  parois  peu- 
vent  engendrer  des  fluctuations  acoustiques  intenses  perturbant  1 'dcoulement  &  analyser,  notamment  par 
action  sur  la  transition  (voir  les  Rdfs.  C 83,  84]  ).  Leur  fonctionnement  et  leur  definition  ont  donnd 
lieu  &  de  nombreux  travaux  dont  l'examen  sortirait  du  cadre  de  notre  sujet. 

Pour  conclure,  il  apparalt  qu'une  aspiration  pratiqude  sur  une  zone  dt endue ,  notarnoent  en  amont  de  l'onde 
de  choc,  est  d'une  efficacitd  moindre  qu'une  action  plus  locale  judicieusement  dosde  au  niveau  de 
1 1  interaction  elle-mSme.  II  est  en  tout  cas  certain  qu'une  aspiration  effectude  uniquement  en  amont  n'au- 
ra  que  peu  d'effet  sur  le  phdnomdne  si  le  choc  est  assez  intense  pour  faire  ddcoller  franchement  la 
couche  limite.  Cela  ressort  des  conclusions  relatives  &  l'apparition  du  ddcollement  (voir  §  3.3  ci-dessus) 
ainsi  que  des  travaux  ddj4  anciens  de  Sterrett  et  al.  C 85  3  . 

Dans  un  tout  autre  ordre  d'idde,  une  aspiration  paridtale  est  parfois  envisagde  pour  stabiliser  une 
couche  limite  laminai re  afin  de  retarder  la  transition,  cette  action  pouvant  Stre  combinde  avec  un 
refroidissement  de  la  paroi  dont  l'effet  va  dans  le  m§me  sens.  II  est  ainsi  possible  de  diminuer  consi- 
ddrablement  la  tralnde  de  frottement. 

4.4.3  -  Contro£&  de _£ interaction  ^a/i  ai^Z'iation  Zqcalliie.  - 

Nous  allons  maintenant  envisager  les  dispositifs  oii  Inspiration  est  pratiqude  dans  la  rdgion  d'impact  de 
l'onde  de  choc  en  concentrant  d'abord  notre  attention  sur  une  description  des  phdnomfenes  qui  se  produisent 
alors  dans  la  zone  d' interaction.  Pour  cela  nous  utiliserons  les  rdsultats  de  1 'analyse  expdrimentale  de 
Mathews  [ 86 ]  .  Cette  dtude  a  dtd  exdcutde  sur  un  montage  de  rdvolution  dans  lequel  un  choc  est  engendrd 
par  une  pointe  conique  de  1/2  angle  &<p  montde  selon  l'axe  d'une  tuydre  de  rdvolution  donnant  un 
dcoulement  uniforme  de  nombre  de  Mach  Mo  ■  1,99.  L' interaction  considdrde  a  lieu  &  l'impact  du  choc  sur 
la  paroi  de  la  tuydre.  Une  aspiration  localisde  est  pratiqude  au  travers  de  trous  percds  normalement  4  la 
paroi  dans  la  zone  d' interaction.  Les  deux  paramdtres  de  l'dtude  sont  d'une  part  l'intensitd  du  choc 
incident  qui  est  ajustde  en  changeant  Af  ,  d'autre  part  le  ddbit  aspird. 
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Fig.  56  -  Interaction  en  supersonique  (M  =  1,99) 

flvf  =>  10°.  Rdflexion  sans  ddcolTement,  sans 
aspiration  (d'aprds  [86]). 
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g.  57  -  Interaction  en  supersonique  (Mq  =  1,99) 
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La  figure  56  reprdsente  les  caractdristiques  essentieiles  de  1 'dcoulement  ,  ddduites  d' explorations  4  la 
sonde  de  pression,  pour  Af  “  10°  et  en  l'absence  d'aspiration.  Dans  ce  cas,  compte  tenu  de  la  valeur 
du  nombre  de  Mach  Mo  ,  la  rdflexion  qui  s'opfere  sans  ddcollement  visible,  entralne  une  contraction  des 
tubes  de  courant  (en  fait,  comme  le  montre  la  figure  58  les  dpaisseurs  de  ddpldcement  et  de  quantitd  de 
mouvement  augmentent)  et  un  dlargissement  rapide  et  important  de  la  partie  subsonique  de  la  couche  limite. 
L'aspiration  (voir  Fig.  57)  restreint  nettement  la  ddcdldration  dans  les  parties  infdrieures  de  la  couche 
limite  dont  la  portion  subsonique  se  dilate  maintenant  beaucoup  moins.  La  zone  hachurde,  en  amont  des 
trous  d'aspiration,  reprdsente  symboliqueraent  la  part  d'dcoulement  qui  est  captde.  En  rdalitd,  au 
niveau  de  l'orifice,  il  se  produit  une  accdldration  de  la  partie  la  plus  infdrieure  de  la  couche  limite 
ce  qui  provoque  localement  un  fort  "remplissage"  de  son  profil  dont  la  vitesse  demeure  supersonique 
pratiquement  jusqu'4  la  paroi. 

Les  rdsultats  portds  Fig.  58  montrent  que  corrdlativement  la  croissance  des  dpaisseurs  de  ddplacement 
et  de  quantitd  de  mouvement  a  dtd  fortement  freinde.  En  revanche,  l'effet  sur  le  coefficient  de  frottement 
paridtal  est  limitd.  Selon  l'auteur,  l'dlimination  de  2  4  41  du  ddbit  masse  de  la  couche  limite  suffit 
pour  provoquer  les  modifications  observdes,  au  del4  de  4Z  le  gain  devient  ndgligeable. 


Fig.  58  -  Interaction  en  supersonique  (Mq  =  1.99) 

A'f”  10°.  Effet  d'aspiration  sur  les  carac¬ 
tdristiques  de  la  couche  limite  (d'aprds 
[86]). 
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Pour  Ap  “  15°,  le  choc  incident  possAde  une  intensity  suffisante  pour  faire  ddcoller  la  couche  limite 
ainsi  que  le  prouve  la  structure  dessinde  Fig.  59  qui  rdvAle  1 'existence  d'un  choc  de  ddcollement 
prenant  naissance  bien  en  amont  du  point  d' impact  thdorique  du  choc  incident.  Dans  ce  cas,  le  "gonflement" 
de  la  zone  subsonique  est  spdcialement  important.  L'effet  de  Inspiration,  reprdsentd  Fig.  60,  est  ici 
encore  plus  spectaculaire.  Au  vu  du  systAme  de  chocs,  le  ddcollement  a  dtd  supprimd  et  1  'dpaississeipent 
de  la  couche  limite  pratiquement  annuld.  II  en  rdsulte  une  croissance  nettement  plus  moddrde  de  3 
et  6  ,  le  coefficient  de  frottement  restant  maintenant  toujours  largement  positif  (voir  Fig.  61).  L‘ as¬ 

piration  a  complAtement  dlimind  le  fluide  A  basse  vitesse  de  la  partie  infdrieure  de  la  couche  limite 
qui,  pour  la  paroi  impermeable,  n'dtait  pas  en  mesure  de  franchir  le  saut  de  pression  impose  par  la 
rdlexion  et  dtait  de  ce  fait  refould  vers  1' amont  pour  se  trouver  "pidgd"  dans  un  bulbe  de  recirculation. 
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59  -  Interaction  en  supersonique  (Mq  =  1,99) 

15°.  Rdflexion  avec  ddcollement,  sans 
aspiration  (d'aprAs  [86]). 


Fig.  60  -  Interaction  en  supersonique  (M  =  1,99) 
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A*f=  15°.  Effet  d'aspiration  . 
(d'aprAs  [86]). 
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Fig.  61  -  Interaction  en  supersonique  (Mq  «  1,99) 

A'f=  15°.  Effet  d'aspiration  sur  les  carac- 
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Une  dtude  analogue  A  celle  de  Hathews  a  dtd  effectude  par  Seebaugh  et  Childs  [87]  sur  un  montage  de 
conception  identique  et  A  des  nombres  de  Mach  Mo  “  2,8  et  3,78.  Ces  auteurs  sont  dgalement  arrives  A 
la  conclusion  que  1 'elimination  -au  niveau  de  la  reflexion-  d'un  debit  reprdsentant  2  A  4Z  de  celui  de 
la  couche  limite  amont  suffisait  A  empScher  un  ddcollement.  Ils  ont  aussi  constate  qu'aspirer  en  amont 
de  l'interaction  dtait  d'une  efficacite  beaucoup  moindre. 

contrSle  de  l'interaction  par  aspiration  au  travers  de  trous  a  donnd  lieu  A  un  assez  grand  nombre  de 
recherches  A  caractAre  plus  pratique  que  celles  qui  viennent  d'Stre  dvoqudes,  surtout  dans  les  etudes 
de  ddve loppement  des  prises  d'air  supersoniques .  Ainsi,  Cubbinson  et  al.  [88],  A  partir  d'essais  sur  une 
prise  d'air  de  revolution,  A  compression  mixte,  placde  dans  un  ecoulement  de  nombre  de  Mach  Mo  m  2,5, 
ont  montre  toute  1 ' importance  d'un  choix  judicieux  de  la  zone  d'aspiration.  Selon  ces  auteurs,  le  contrSle 
optimal,  en  terme  d'efficacitd  de  la  prise  d'air,  est  obtenu  en  aspirant  immddiatement  en  aval  de  la 
region  d' interaction. 

Nous  allons  maintenant  considdrer  plus  en  detail  une  etude  du  mSme  genre  effectude  par  Fukuda  et  aL  [89, 
90]  .La  maquette,  reprdsentde  schdmatiquement  Fig.  62,  est  de  revolution  et  dans  le  cas  present  Mo 
est  dgal  A  2,5  .  L'aspiration  est  pratiqude  au  travers  de  rangdes  de  trous  en  quinconce  disposdes  dans 
les  rdgions  des  reflexions  successives  du  choc  issu  du  bord  de  la  carAne  externe  (voir  Fig.  62).  Les 
paramAtres  de  l'dtude  dtaient  les  suivants  : 

1-  gdomdtrie  des  trous  (forme,  inclinaison  du  per;age)  ; 

2-  leur  emplacement  par  rapport  aux  zones  d' interaction  ; 

3-  debit  masse  aspird. 

Des  essais  ont  dgalement  dtd  effectuds  en  aspirant  par  une  dcope. 

L'efficacitd  du  contdle  dtait  caractdrisde  en  examinant  le  comportement  du  facteur  de  forme  "transformd'' 
Htr  rdsultant  de  la  transformation  compressible-incompressible  de  la  mdthode  bien  connue  de  Reshotko 
et  Tucker  [43]  .  En  fait,  Htr  se  confond  pratiquement  avec  le  paramAtre  de  forme  usuel  Hi  .  A  titre 
d'exemple,  la  figure  63  montre  pour  la  position  c'est-A-dire  en  aval  de  la  premiAre  reflexion 

(voir  Fig.  62),  les  evolutions  d e  Htr  ,  f  et  <9  en  fonction  du  debit  aspird  normalise  par  le 

debit  T&ew  de  la  couche  limite  amont.  Les  rAsultats  prdsentds  mettent  en  evidence  les  tendances  suivan- 
tes  : 


1-  l'effet  maximal,  qui  se  traduit  en  particulier  par  la  croissance  minimale  de  Htr  ,  est  obtenu  ici 
en  aspirant  en  aval  de  la  reflexion.  Aspirer  dans  la  zone  d' interaction  elle-mSme  apparalt  comme  peu 
efficace,  ce  qui  est  en  contradiction  avec  les  constatations  de  Mathews.  En  rdalitd,  dans  ces  essais, 
il  s'dtablit  ue recirculation  par  le  canal  de  la  cavitd  entre  l'aval  A  haute  pression  et  l'amont  A 
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ddcollde  au  fur  et  4  mesure  que  la  largeur  de  la  fence  -  c'est-4-dire  le  debit  aspird-  augmente.  La 
figure  63b  donne  le  debit  normalise  ™ 7mCio  ndcessaire  pour  dliminer  compldtement  un  ddcollement  se 
produisant  4  la  distance  (  Xc-X0  )  de  la  charnidre  du  volet  quand  m  ■>  0.  On  note  que  le  rapport 
in/fhcu>  est  pratiquement  independent  du  nombre  de  Mach  atnont  Mo 


Le  contrSle  d'une  interaction  en  regime  transitionnel  a  dtd  examine  par  Pate  [98]  .  Dans  son  experience, 
le  ddcollement  a  lieu  4  une  jonction  cylindre-jupe  tronconique  et  Inspiration  se  fait  au  travers  d'une 
sdrie  de  fentes  disposdes  juste  en  amont  de  la  jupe.  Les  mesures  ont  dtd  effectudes  pour  Mo  “  2,5  -  3 
et  3,5  et  deux  angles  de  jupe  (  oC  ■  7,5  et  15°).  L'auteur  trouve  lui  aussi  qu'4  aC  fixd  le  debit 
normalise  TO/w««  ndcessaire  pour  obtenir  une  reduction  donnde  de  l'dtendue  d'dcoulement  ddcolld 
est  pratiquement  independent  de  Mo 


Pour  conclure  ce  paragraphe,  nous  dirons  un  mot  des  techniques  dites  de  contrSle  passif  proposdes  par 
certains  auteurs  afin  de  diminuer  la  trainee  des  profils  d'aile  en  trans sonique  [99, TOO )  .  La  mdthode 
conaiste  4  rendre  permdable  une  portion  de  l'extrados  du  profil  de  manidre  4  assurer  une  circulation 
naturelle  de  fluide  entre  l'aval  du  choc  et  son  amont  (voir  schema  Fig.  66).  On  profite  done  ici  d'un 
effet  d' injection  -considdrd  jusqu'4  prdsent  comae  ndfaste-  pour  dpaissir  la  couche  limite  amont  en  vue 
de  erder  des  ondes  de  compression  progressives  qui  af faiblissent  le  choc  droit  d'extrados.  En  somme,  le 
but  est  d'dtaler  la  compression  ce  qui  a  pour  consequence  bien  connue  de  minimiser  l'accroissement 
d'entropie,  d'ou  une  trainee  d'onde  moindre.  La  situation  ainsi  rdalisde  tend  4  simuler  un  profil  4 
compression  sans  choc  qui  s'adapterait  automat iquement  4  des  conditions  de  nombre  de  Mach  et  d' incidence 
variables  sans  que  sa  gdomdtrie  ait  4  Stre  modi fide.  La  figure  66  montre  un  exemple  de  repartition  de 
nombre  de  Mach  "parietal"  qui  peut  Stre  obtenue  par  ce  moyqn  [99]  .  En  outre,  1' aspiration  qui  se  fait 
sentir  sur  la  partie  arridre  du  profil  limite  1' amplification  des  effets  dissipatifs  dans  la  couche  limi¬ 
te.  Pour  juger  de  la  valeur  de  ce  proeddd,  a  priori  prometteur,  il  faut  bien  sur  tenir  compte  de  la 
ftalnde  de  frottement  plus  grande  d'une  paroi  rugueuse. 


Fig.  66  -  Controle  passif  sur  un  profil  supercritique 
en  transsonique  (d'aprds  [99]). 
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4.4.4  -  - 

L' optimisation  du  dispositif  d'aspiration  est  un  probldme  particulidrement  canplexe  qje  rous  ne  ferons  qu'dvo- 
quer  ici.  Un  tel  dispositif  doit  satisfaire  non  seulement  4  des  critdres  de  bon  fonctionnement  adrodyna- 
mique  mais  aussi  4  des  contraintes  techno logiques  sdvdres  dans  le  cas  d'une  installation  sur  avion. 

Nous  avons  ddj4  parld  des  avantages  et  des  inconvdnients  de  la  paroi  poreuse  qui  permet  une  aspiration 
rdpartie  uniformdment  sur  une  grande  longueur,  aussi  nous  n'y  reviendrons  pas.  Quand  il  s'agit  de 

rdaliser  un  contrflle  local  sur  une  surface  continue,  une  fente  disposde  transversalement  4  l'dcoulement 
produit  l'effet  maximal  puisque  son  action  intdresse  la  couche  limite  sur  tout  ou  partie  de  l'envergure. 
Cependant,  si  le  contrSle  doit  Stre  maintenu  quand  le  choc  se  ddplace,  il  convient  de  mettre  en  place 
une  succession  de  fentes  paralldles  reparties  sur  la  portion  de  surface  balayde  par  l’onde  de  choc.  Alors, 
conme  nous  l'avons  ddj4  mentionnd,  la  meilleure  performance  est  obtenue  en  reliant  chaque  fente  4  un 
compartiment  independant  dont  la  pression  est  ajustde  en  fonction  de  la  pression  f0  locale  extdrieur 
au  droit  de  la  fente  ,  ce  qui  permet  en  particulier  d'dviter  une  circulation  de  fluide  dans  le 

sens  aval-amont  dont  l'effet  est  le  plus  souvent  considdrd  comee  ddsastreux.  Un  autre  avantage  d'un 
dispositif  4  cavitds  multiples  est  de  permettre  la  mise  hors  service  des  zones  d'aspiration  inutiles, 
par  exemple  quand  elles  sont  4  l'amont  du  choc  ;  d'od  une  dconomie  d'dnergie  et  un  gain  sur  la  trainee 
de  captation.  L ' inconvenient  majeur  d'un  tel  agencement  est  son  assez  grande  coraplexitd  technologique, 
ce  qui  le  rend  dif ficilement  utilisable  sur  un  avion. 

Une  variante  consiste  4  disposer  plusieurs  fentes  dans  le  sens  longitudinal.ee  qui  assure  une  distribution 
plus  continue  de  1' aspiration  et  permet  de  garder  le  contrflle  de  1  interaction  quand  le  choc  se  ddplace. 

En  outre,  on  dvite  de  cette  fa$on  les  perturbations  iraportantes  que  erdent  des  fentes  normales  4  la 
direction  principale  de  l'dcoulement  (d'o6  une  moindTe  trainee).  La  contrepartie  est  qu'il  devient  alors 
plus  difficile  d'empScher  une  communication  aval-amont. 
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Dans  la  plupart  des  applications  sur  avion,  on  s'est  plutSt  orientd  vers  l'emploi  de  parois  perfordes  qui 
offrent,  en  quelque  sorte,  un  compromis  entre  la  paroi  poreuse  et  les  dispositifs  4  fentes.  La  definition 
d'un  systdme  de  perforations  assurant  un  fonctionnement  optimal  est  un  probldme  difficile,  l'objectif 
visd  etant  de  parvenir  4  l'effet  voulu  tout  en  minimisant  la  trainee  de  captation,  Comme  on  le  voit 
Fig,  67,  cette  dernifere  est  proportionnelle  au  debit  capte  li,  pour  une  pression  de  cavite  %c  donnee. 

II  s'agit  done,  non  seulement  de  minimiser  Cp  mais  aussi  de  definir  la  configuration  qui  permet  d'aspi- 
rer  ce  debit  avec  la  pression  f.e  maximale.  De  nombreux  paramdtres  sont  impliques  dans  ce  probldme,  4 
savoir  : 

1-  la  position  de  la  zone  perforde, 

2-  la  gdometrie  et  l'espacement  des  trous , 

3-  la  pression  dans  le  (ou  les)  caissons(s)  d' aspiration, 

4-  1 'amdnagement  du  dispositif  d' evacuation  de  l'air  capte, 

3-  la  tenue  aux  efforts,  4  l'dchauffement,  aux  vibrations . 


Nous  n'entrerons  pas  plus  avant  dans  cette  delicate  question  dont  la  rdponse  est  recherchde  par  des 
proeddds  empiriques  ou  semi-empiriques  f 101 J  , 
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Fig.  67  -  Coefficient  de  trainee  de  captation  d'une 
paroi  perforde.  Exemple  (d'aprfes  [101]). 
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Du  seul  point  de  vue  des  pertes  par  dissipation  visqueuse  et  des  instabilitds  que  peuvent  erder  des 
ddcollements  dtendus,  une  injection  fluide  k  basse  vitesse  -qu'il  faut  distinguer  d'une  action  par  jet 
local  k  vitesse  dlevde-  a  le  plus  souvent  une  influence  ndfaste. 

En  effet,  si  l'injection  est  rdpartie  en  amont  de  1' interaction,  elle  a  pour  consdquence  d'accroltre  le 
paramdtre  de  forme  de  la  couche  limite  (voir  $  4.1.1  ci-dessus  et  Fig.  53)  et  par  14  augmente  la  sensi- 
bilitd  de  cette  demidre  4  1' action  destabilisatrice  de  I'onde  de  choc. 

Pratiqud  dans  une  rdgion  ddcollde,  l'apport  de  masse  4  basse  vitesse  entraine  une  dilatation  du  bulbe  de 
ddcollement  et  une  dldvation  dventuelle  de  son  nivesu  de  pression  en  vertu  du  mdcanisme  bridvement  expli- 
qud  au  5  3.4.  II  «■  aura  done  dpaississement  des  couches  dissipatives  m@me  si  les  gradients  de  pression 
sont  dans  une  certaine  mesure  attdnuds . 

Malgrd  ces  aspects  ndgatifs,  l'injection  paridtale  est  parfois  envisagde  pour  diminuer  la  trainee  de 
frottement  [56)  (voir  S  4.4.1  ci-dessus  son  influence  sur  le  coefficient  de  frottement  Cf  )  ou  bien, 
comme  nous  l'avons  vu  §  4.4.3  4  propos  du  contrSle  passif,  pour  etaler  une  compression.  Toutefois,  en 
ecoulement  supersonique,  elle  trouve  sa  principale  application  dans  la  reduction  des  flux  thermiques 
parietaux,  tels  ceux  trds  intenses  rencontres  4  l'impact  d'une  onde  de  choc  en  hypersonique  [45,  102]  . 

Dans  cette  optique,  Alzner  et  Zakkay  [103]  ont  dtudie  experimentalement  l'effet  d'une  injection  d’air 
puis  d'hydrogdne  sur  une  interaction  avec  ddcollement  resultant  d'une  reflexion  de  choc  4  Mo  ■  6  et 
4  un  nombre  de  Reynolds  suf f isamment  dlevd  pour  garantir  un  regime  naturellement turbulent .  L'injection  du 
fluide  etait  pratiqude  par  une  fente  ddbouchant  tangentiellement  4  la  paroi  dans  la  zone  ddcollde.  Les 
distributions  de  pression  paridtales  sont  reportdes  Figs.  68a  et  68b.  Elies  montrent  les  tendances 
suivantes  : 

1-  dans  le  cas  ou  le  fluide  injeetd  est  de  l'air  et  lorsque  le  taux  A  =  est  faible  (l'indice 

J.  ddsigne  les  grandeurs  relatives  au  jet  parietal),  on  observe  une  croissance  d'abord  rapide  du 
niveau  de  pression  dans  le  decollement.  Puis  il  y  a  renversement  de  Involution,  la  pression  dans  la 
zone  ddcollde  diminuant  quand  A  augmente  en  mSme  temps  que  la  compression  au  recollement  s’amplifie. 
Un  tel  comportement  a  dtd  qualitativement  expliqud  au  paragraphe  3.4  :  on  a  alors  atteint  une  situa¬ 
tion  ou  la  quantitd  de  mouvement  apportd  par  le  fluide  injeetd  l'emporte  sur  l'effet  d' addition  de 
masse.  Le  mode  d'action  s'apparente  dans  ce  cas  au  contrSle  par  jet  local  envisage  ci-dessous. 

2-  la  remontde  du  ddcollement  vers  l’amont  observde  4  A  dlevd  est  dQe  4  l'effet  d'obstacle  du  jet  de 
gaz. 

3-  4  dgalitd  de  taux  d'injection,  1 'augmentation  de  la  pression  dans  le  ddcollement  est  beaucoup  plus 
importante  avec  l'hydrogdne.  II  est  en  fait  bien  connu  que  la  sensibilitd  d'un  bulbe  ddcol -d  4 
l'apport  de  masse  est  d'autant  plus  grande  que  le  gar  injeetd  a  une  densitd  plus  basse,  soic  <n 
raison  de  sa  masse  moldculaire  faible,  soit  de  sa  temperature  dlevde  [52]  . 

Les  repartitions  de  flux  de  chaleur  Cj  ,  normalise  par  la  valeur  en  1 'absence  de  choc  et  d'injection, 
sont  reprdsentdes  Fig.  69a  et  69b.  L'apport  de  fluide  a  pour  consdquence  de  diminuer  fortement  les  niveaux 
de  flux,  l'hydrogdne  se  montrant  beaucoup  plus  efficace,  cosine  on  pouvait  s’y  attendre.  Dans  les  presents 
essais,  il  y  a  mSme  un  changement  de  signe  de  ^  israddiateraent  en  aval  de  la  fente,  par  suite  de  la 
ddtente  que  le  jet  subit  4  sa  sortie. 
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Fig.  68  -  Controle  par  injection  locale  dans  la  zone  Fig.  69  -  Controle  par  injection  locale  dans  la  zone 
ddcollde.  Repartitions  de  pression  parid-  ddcollde.  Repartitions  de  flux  de  chaleur 

tale  (d'aprds  [103]).  (d'aprds  [103]). 

Le  comportement  qui  vient  d'Stre  ddcrit  montre  done  qu'il  doit  Stre  possible  d'agir  par  injection  sur  un 

ddcollement  pour  en  limiter  l'dtendue,  voire  le  supprimer  conpldtement,  &  condition  de  bien  doeer  1*  injec¬ 

tion  qui  devra  Stre  pratiqude  dans  la  zone  ddcollde  elle-mdme . 

En  effet,  ainsi  que  nous  venons  de  le  rappeler,  au-de 14  d'une  certaine  valeur  du  debit  m  ,  le  fluide 
injeetd  apporte  suf f isamment  de  quantitd  de  mouvement  &  l'dcoulement  pour  lui  pemettre  de  ndgocier  une 
compression  plus  importante  au  recollement  par  accroissement  de  la  vitesse  Ua  sur  la  ligne  de  courant 
sdparatrice  (  J  )  (voir  S  3.4  plus  haut) .  faction  est  bien  sur  favorisde  si  la  vitesse  M.j  est  sensi- 
blement  orientde  dans  la  mdme  direction  que  U.&  ,  e'est-d-dire  de  manidre  que  la  composance  longitudinale 
de  la  quantitd  de  mouvement  lh  4tj  soit  maximale,  ce  qui  amdne  &  pratiquer  l'injection  par  une  fente 
faisant  face  4  1'aval  et  ddbouchant  tangent iellement  k  la  paroi.  Dans  ces  conditions,  le  proeddd  peut  se 
rdvdler  ext remement  efficace  comme  le  montrent  les  experiences  de  Viswanath  et  al.  [104]  .  Ces  auteurs  ont 
dtudid  le  ddcollement  dans  un  diddre  d' angle  “t  =  20°  placd  dans  un  ecoulement  bidimensionnel  de  nombre 
de  Mach  Mo  “  2,5.  11s  ont  envisage  deux  positions  de  la  fente  qui  se  trouvait  4  une  distance  Lj/fc  =  0,77 

puis  /ft  •  1,54  en  amont  de  l'origine  de  la  rampe.  La  figure  70  donne  l'dvolution  des  repartitions  de 

la  pression  paridtale  en  fonction  de  la  pression  gdndratrice  /><V  du  fluide  injeetd  pour  Lj /ft  •  1,54. 
Quand  faj  augmente,  on  observe  la  diminution  progressive  de  la  taille  du  bulbe  ddcolld,  jusqu'd  la 
disparition  complete  de  ce  dernier.  La  figure  71  montre  la  variation  avec  le  rapport  f-j /fa  de 
distance  de  recollement  ddfinie  sur  le  schdma  en  encart.  Elle  prdsente  dgalement  une  comparaiaon  des 
rdsultats  de  Viswanath  et  al.  avec  ceux  d'autres  auteurs  ayant  utilisd  une  injection  par  fente  situde  bien 
en  amont  du  ddcollement  dventuel.  Dans  ce  dernier  proeddd,  qui  va  Stre  examind  au  paragraphe  suivant, 
l'dnergie  est  conmuniqude,  non  pas  au  fluide  ddcolld,  mais  d  la  couche  limite  amont  avant  qu'elle  n'aborde 
la  rdgion  d' interaction.  Dans  le  cas  prdsent,  cette  deuxidme  fa(on  de  faire  est  beaucoup  moins  efficace 
que  la  premidre. 
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Fig.  70  -  Controle  par  injection  dans  le  ddcolle¬ 
ment.  Rdpartitions  de  pression  paridtale 
(d'aprds  [104]). 
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Fig.  71  -  Controle  par  injection  dans  le  ddcolle¬ 
ment.  Effet  sur  la  longueur  de  "recolle- 
ment"  AR  (d'aprds  [104]). 


L'aspiration  au  niveau  de  l'onde  de  choc  est  probablement  le  moyen  de  contrSle  le  plus  dconomique  quant 
au  ddbit  d  mettre  en  oeuvre.  Ndanmoins .extraire  du  fluide  dont  la  pression  est  souvent  basse  puis  ensuite 
l'dvacuer  n'est  pas  toujours  chose  aisde.  Pour  cela,  il  faut  en  effet  amdnager  un  ou  plusieurs  caissons 
dont  1 'encombrement  peut  dtre  inacceptable,  comme  dans  une  prise  d'air  par  exemple.  En  outre,  ce  proeddd, 
ainsi  que  celui  consistant  d  injecter  de  l'air  d  basse  vitesse,  perdent  toute  efficacitd  si  l'onde  de 
choc  se  ddplace  ce  qui  est  souvent  le  cas  dans  la  pratique. 

On  a  done  dtd  amend  d  envisager  un  contrOle  par  souf f lage  de  la  couche  limite  en  amont  de  la  rdgion  oD 
le  choc  est  susceptible  de  se  placer.  Le  principe  de  1 'action  consiste  ici  d  apporter  de  l'dnergie 
mdcanique  d  I'dcoulement  de  faqon  d  lui  permettre  de  franchir  avec  un  minimum  de  dommage  le  gradient  de 
pression  adverse.  11  s'agit  en  fait  d'un  proeddd  classique  largement  employd  en  subsonique  pour  prdvenir 
le  ddcollement  dans  les  diffusseurs  ou  sur  les  volets  de  dispositifs  hypersustentateurs .  II  a  donnd  lieu 
d  de  trds  nombreuses  dtudes  que  nous  n'dvoquerons  pas  ici. 

Le  fonctionnement  du  souf f lage  en  dcoulement  supersonique  a  dtd  plus  spdcialement  analysd  par  Peake  [105] 

d  partir  d'expdriences  d  Mo  “  1,8  et  dans  une  situation  de  rdflexion  d'un  choc  oblique.  Il  est  ddmon- 

trd  que  1' efficacitd  de  cette  mdthode  ddpend  de  plusieurs  facteurs  dont  les  plus  ddterminants  sont  la 

quantitd  de  mouvement  Lj  du  fluide  injeetd  et  la  distance  Lj  sdparant  la  tuydre  (ou  fente)  de  soufflage 

du  pied  du  choc,  e'est-a-dire  du  gradient  de  pression  antagoniste. 


A  valeur  de  lj  fixEe,  la  distance  Lj  la  plus  appropriEe  rEsulte  d'un  compromis  entre  deux  Evolutions 
qui  sont  representEes  schEmatiquement  Fig.  72.  A  savoir  : 

1-  d'une  part  il  faut  que  Lj  soit  suffisante  pcur  que  le  processus  de  mElange  (ou  d'entratnement)  qui 
assure  le  transfert  d'Energie  du  jet  soufflE  vers  la  couche  limite  ait  eu  le  temps  de  faire  pleinement 
son  e£fet  en  assurant  un  bon  "remplissage"  de  la  distribution  de  vitesse  initialement  dEgradEe.  Faute 
de  quoi,le  gradient  adverse  va  refouler  1'Ecoulement  insuf fisamment  accElErE.  11  y  a  alors  formation 
d'une  poche  "dEcollEe"  au  sein  du  fluide  dans  la  rEgion  ou  la  vitesse  (done  aussi  la 
pression  gEnEratrice,  si  les  deux  Ecoulements  sont  A  la  ;uAme  tempErature  genEratrice)  passe  par  un 
minimum.  Ce  phEnomAne  appelE  par  Peake  "wake  flow  reversal",  est  en  fait  un  Eclatement  du  sillage  sous 
l'effet  du  choc.  11  s'accompagne  en  gEnEral  d'un  accroissement  spectaculaire  du  niveau  des  fluctuations 
turbulentes  qui  peut  Stre  la  cause  d'instabilitEs  et  de  pertes  d'efficacitE  si  le  dispositif  est 
utilisE  dans  une  prise  d'air. 

2-  d'autre  part,  la  nouvelle  couche  limite  se  dEveloppant  entre  le  jet  et  la  paroi  a  une  Epaisseur  S; 
qui  croft  avec  Lj  .  II  peut  done  arriver,  si  la  distance  Lj  est  trop  longue,  que  Si  atteigne  une 
valeur  telle  que 'le  gradient  (dont  l'effet  est  proportionnel  A  Sj  )  fasse  dEcoller  cette  couche 
limite  (e'est  le  "boundary  layer  flow  reversal"  de  Peake).  De  plus,  la  vitesse  maximale  du  jet 
diminue  quand  Lj  augmente,  ce  qui  tend  bien  sQr  A  aggraver  le  processus. 
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Fig.  72  -  ReprEsentation  schEmatique de  l'effet  de 
soufflage  de  la  couche  limite  (d'a,rAs 
[105]). 


L'Eclatement  du  sillage  est  EvitE  si  la  pression  totale  dans  la  zone  de  mElange  reste  constamment 
supErieure  A  la  pression  statique  locale  ;  ce  qui  constitue  un  critAre  permettant  d'Evaluer  la  distance 
minimale  requise  A  partir  des  propriEtEs  de  la  couche  de  mElange  qui  peuvent  Stre  dEterminEes  avec  une 
bonne  prEcision  en  utilisant  des  modSles  classiques.  On  peut  Egalement  es timer  1 'Evolution  de  1 'Epaisseur 
ij  puis,  enappliquant  un  critAre  de  dEcollement  (voir  §  3.3  ci-dessus),  dEfinir  la  valeur  de  Lj  a  ne  paa 
dEpasser.  Ainsi,  dans  ses  expEriences,  Peake  trouve  que  LjnjSij  conduit  A  la  meilleure  efficacitE. 

La  quantitE  de  mouvement  apportEe  est  le  plus  souvent  caractErisEe  par  le  coefficient  : 


^ ^  (  b  “  envergure) 

ft,  <%>> 

qui  reprEsente  le  rapport  entre  1'excEs  de  quantitE  de  mouvement  du  fluide  injectE  (relativement  A  l'Etat 
de  vitesse  local  Ut0  dans  1'Ecoulement  amont)  et  le  dEficit  de  quantitE  de  mouvement  dans  la  couche  limi¬ 
te  initiale.  Ce  coefficient  a  EtE  utilisE  pour  la  premiAre  fois  par  Kelly  [1063  pour  corrEler  des  rEsul- 
tats  de  soufflage  sur  profils.  Toujours  dans  le  cas  des  expEriences  de  Peake,  une  valeur  de  Cjl  proche 
de  un  donne  la  meilleure  performance. 

L'utilisation  d'un  jet  pariEtal  pour  contr31er  une  interaction  choc-couche  limite  en  transsonique  a  EtE 
EtudiEe  par  Hong  et  Hall  [107]  (voir  aussi  Wong  [1083  )•  Ces  auteurs  ont  effectuE  leurs  expEriences  sur 
un  montage  simulant  une  prise  d'air  oO  le  nombre  de  Mach  Mo  en  amont  du  choc  droit  terminal  est  de  1,8. 
L'air  est  ici  injectE  au  travers  d'une  sErie  d'orifices  percEs  dans  une  petite  marche  de  maniAre  A 
favoriser  le  mElange  avec  1'Ecoulement  exteme.  La  figure  73a  montre  l'Evolution  des  rEpartitions  de  la 
pression  pariEtale  quand  C/i  varie  et  la  figure  73b  la  variation  de  1'efficacitE  de  la  prise  d'air  en 
fonction  de  son  coefficient  de  dEbit  pour  les  mEmes  valeurs  de  Cft  .  Le  dEcollement  Etendu  observE  A 
Cp  *  0.  disparalt  dfts  que  Cji  -  0,9  et,  A  partir  de  Q1  m  1,5,  la  performance  rejoint  pratiqueroent  le 
niveau  idEal  A  1Z  prAs.  Quand  le  dEbit  captE  diminue,  le  choc  droit  se  dEplace  en  direction  de  1' amont 
si  bien  qu'il  finit  par  se  placer  devant  le  dispositif  d ' injection. Comme  le  fait  voir  la  figure  73b, 
il  se  produit  alors  une  chute  de  1'efficacitE  prouvant  qu'un  soufflage  en  aval  de  1' interaction  est 
d'un  faible  secours, 

Dans  le  cas  prEsent,  il  a  EtE  observE  que  ce  dispositif  de  contrSle  devenait  inopErant  pour  Mo  “  2  [109]. 
En  effet,  A  ce  nombre  de  Mach,  le  dEbit  requis  est  tel  que  -pour  des  dimensions  de  trous  inchangEes-  la 
pression  d' injection  fij  devient  si  ElevEe  que  les  jets  Eclatent  fortement  produisant  ainsi  un  effet 
d'obstacle  faisant  lui-mSme  dEcoller  1'Ecoulement.  Il  y  a  done  1A  un  aspect  nEgatif  dont  il  conviendra 
de  se  mEfier.  De  fait,  en  modifiant  convenablement  le  systAme  d'injection,  Schwendemann  et  Sanders  [110] 
sont  parvenus  A  maitriser  des  interactions  jusqu'A  Mo  ■  1,96.  Ils  ont  Egalement  mis  en  Evidence 
qu'employer  -A  dEbit  n  Egal-  de  l'air  chaud  n'apportait  pas  de  gain  apprEciable  contrairement  A  ce 
que  l'on  Etait  en  droit  d'attendre  puisque  Cji  se  trouve  ainsi  fortement  augmentE  (de  plus  de  350Z  pour 
un  rapport  de  tempEratures  Egal  A  2).  D'oO  la  conclusion  des  auteurs  selon  laquelle  seul  le  coefficient 
dEfini  A  partir  de  la  quantitE  de  mouvement  iniectEe  Lj  s  rniLj  est  vraiment  significatif . 


II  a  dtd  dgalement  suggbrb  d'augmenter  l'dnergie  mdcanique  de  la  couche  limite  qui  va  franchir  le  choc 
en  mettant  en  oeuvre  des  gdndrateurs  de  tourbillons  ("vortex  generators").  II  s'agit  en  fait  d'un  procd- 
dd  classique  couranment  utilisd  sur  les  ailes  d' avion  en  subsonique  pour  retarder  1' apparition  des 
ddcollements .  II  consiste  J  disposer,  en  un  endroit  judicieusement  choisi  sur  le  profil,  une  rangde  de 
petites  ailettes  en  incidence  dmergeant  de  la  paroi  (voir  schdma  a  de  la  figure  74).  Ces  ailettes  crdent 
une  sdrie  de  tourbillons  sensiblement  parallbles  entre  eux  qui  opbrent  un  transfert  de  quantitd  de 
mouvement  depuis  l'dcoulement  "sain"  vers  la  partie  basse  de  la  couche  limite.  L'emploi  de  gdndrateurs 
de  tourbillonspour  contrSler  une  interaction  choc-couche  limite  sur  un  profil  transsonique  a  dtd 
envisagd  dbs  1950  par  Donaldson  [111]  .  Ultdrieurement,  Pearcey  [112]  s'est  livrd  &  un  examen  plus 
approfondi  de  cette  technique  en  cherchant,  en  particulier,  b  optimiser  la  forme  des  ailettes  de  manibre 
b  maintenir  une  bonne  efficacitd  dans  des  conditions  de  fonctionnement  varides  .  II  a  dgalement  considdrd 
la  possibilitd  de  crdation  de  tourbillons  au  moyen  d'une  sdrie  de  jets  dmis  par  des  orifices  inclinds 
(voir  schdma  b  de  la  figure  74).  L'avantage  du  procddd  serait  de  produire  une  augmentation  de  trainde 
moindre  que  les  ailettes,  le  systbme  pouvant  en  outre  Stre  facilement  mis  hors  service  quand  le  contrSle 
n’est  pas  utile.  Toujours  selon  fcarcey  les  gdndrateurs  b  jets  ndcessiteraient  des  ddbits  d'air  moins 
importants  que  le  soufflage  de  la  couche  limite.  La  figure  75,  empruntde  b  Pearcey,  montre  au  moyen  de 
visualisations  strioscopiques  une  comparaison  entre  divers  types  de  contrSle. 


Fig.  74  -  Controle  par  gdndrateurs  de  tourbillons.  Fig.  75  -  Comparaisons  des  effets  de  contrble  par 

gdndrateurs  de  tourbillons  et  soufflage 
de  couche  limite  (d'aprbs  [112]). 


Une  manibre  extrbmement  efficace  d'dviter  le  ddcollement  au  niveau  du  choc  droit  terminal  d'une  prise 
d'air  supersonique  consiste  b  dliminer  tout  ou  partie  de  la  couche  limite  b  l'aide  d'un  pibge  placd  b 
l'endroit  convenable.  On  peut  ainsi  amdliorer  considdrablement  l'efficacitd  de  l'dcoulement  principal, 
le  pibge  ayant  en  outre  pour  fonction  de  stabiliser  le  choc  et  d'autoriser  une  bventuelle  variation  du 
ddbit  du  compresseur  sans  pour  autant  ddsamorcer  la  prise  d'air.  De  plus,  le  ddbit  b  dliminer  peut  Stre 
extrait  avec  un  minimum  de  pdnalitd  en  profitant  de  l'effet  d'entralnement  du  (ou  des)  jet(s)  propulsif(s) 
par  1 'ambnagement  judicieux  d'une  (ou  de)  tuybre(s)  multi-flux. 

Les  prises  d'air  avec  pibge  b  couche  limite  ont  donnb  lieu  b  de  nombreuses  dtudes  de  mise  au  point  lors 

du  dbveloppement  du  projet  Concorde.  Le  fonctionnement  adrodynamique  d'un  tel  dispositif  est  trbs 

complexe,  nous  n'en  donnerons  ici  qu'une  description  succinte  empruntde  b  une  analyse  ddtaillde  faite  par 
Leynaert  [ 113  ]  .  La  figure  76a  reprdsente  schbmatiquement  l'organisation  de  l'dcoulement  dans  la  zone 
de  captation.  On  observe  que  le  choc  "terminal"  (  Co  )  est  en  fait  un  choc  oblique  incurvd  vers  le 

diffuseur  b  l'approche  du  pibge  dans  lequel  rbgne  une  pression  de  cavitd  f-c  .  Suivant  les  cas ,  Jtc  est 

supdrieure  ou  infbrieure  b  la  pression  de  l'dcoulement  amont,  ce  qui  provoque  soit  une  compression 
soit  une  ddtente  b  l'origine  D  du  pibge.  Le  schdma  de  la  figure  76  correspond  b  une  situation  oil  est 
Sgale  b  .  Le  choc  (  Q  )  rencontrant  la  frontibre  isobare  de  l'esu-morte  b  la  pression  \  ,  une 

ddtente  se  forme  b  son  point  d' impact  avec  dbviation  de  l'dcoulement  principal  qui  le  long  de  la 
frontibre  conserve  la  pression  flc  ,  done  sensiblement  le  m§me  nombre  de  Machqu'en  amont  de  (  Cq  ) ,  la 
perte  de  pression  gdndratrice  b  travers  de  (  Co  )  dtant  peu  importante.  Un  choc  droit  (  Cf  )  met  fin  b  la 
poche  supersonique  situde  en  aval  de  (  Co  ) .  L'intensitd  de  ce  choc  s'attdnue  progressivement  quand  on 
s'dcarte  de  la  zone  de  mdlange  entre  l'dcoulement  principal  et  l'eau-morte  et  s'dvanouit  sur  la  ligne 
sonique.  En  aval  du  pied  de(  Ci  ),  la  frontibre  de  l'dcoulement  subsonique  prend  une  courbure  trbs  brusque 
pour  compenser  par  effet  centrifuge  le  gradient  de  pression  entre  l'eau-morte  et  l'dcoulement  contigu 
recomprimd  par  choc.  Le  ddbit  aspird  est  concentrd  dans  sa  quasi-totalitd  en  un  jet  attachd  au  bord  aval 
du  pibge.  II  se  produit  localement  un  recollement  analogue  b  celui  bribvement  ddcrit  $  3.4  (voir  aussi 
Fig.  36),  e'est-b-dire  que  seules  les  particules  fluides  situdes  au  dessus  de  la  ligne  limite  ont  une 
dnergie  suffisante  pour  s'dcouler  normalement  vers  le  diffuseur.  Les  particules  plus  lentes  sont  refouldes 
dans  la  cavitd  ob  elles  se  ddtendent  pour  former  un  jet  dtroit  pouvant  atteidre  localement  des  vitesses 
supersoniques  comme  le  reprdsente  la  figure  76b  (se  reporter  b  la  Rdf.  [113]  pour  une  description  plus 
complbte  de  ces  phdnombnes). 
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une  etude  plus  fondamentale  du  fonctionnement  des  prises  d'air  avec  pidge  &  couche  limite  a  dtd  effectude 
par  Meauzd  [114]  .  Cet  auteur  a  execute  des  experiences  trds  ddtailldes  sur  un  montage  de  principe  et 
propose  surtout  une  mdthode  de  calcul  simple  4  caractdre  global  permettant  de  prddire  avec  une  bonne 
precision  les  performances  du  systeme. 


4.  &  -  Uoditiiationi  p/iop oii&i  pou/i  one  IntiAaation  onde  de.  choc- couche.  timlte.  avec  tAam hirvt  de.  wane.  - 
4.  LJ  -  Gi.nl/iaJUXli,  - 


Pour  s'en  tenir  au  cas  d'un  dcoulement  stationnaire,  bi-  dimensionnel,  plan  ou  de  revolution,  une  des 
principales  difficulties  rencontrdes  par  la  moddlisation  reside  dans  la  forme  de  la  conditon  aux  limites 
4  appliquer  4  la  paroi  dans  la  zone  ou  le  transfert  de  masse  est  opdrd.  Dans  la  plupart  des  methodes 
proposdes,  cette  condition  est  exprimde  en  dcrivant  que  la  composante  de  vitesse  normale  Up  et  la  masse 
spdcifique  pp  sont  imposdes  dgales  4  des  fonctions  de  l'abscisse  X  donndes.  Or,  dans  la  pratique, 
seule  la  pression  JLt  (et  dventuellement  aussi  la  temperature  Tt  )  regnant  dans  la  cavitd  d'aspiration 
est  commoddment  accessible  si  bien  que  Up  (et  Pp  )  doit  Stre  ddduite  de  f-c  par  des  relations  souvent 
trds  approximatives .  La  difficultd  se  trouve  dvidemment  considdrablement  accrue  si  1' aspiration  est  pra- 
tiqude  au  travers  d'orifices  ou  de  fentes,  l'dcoulement  prenant  alors  localement  une  structure  tridimen- 
sionnelle  extrdmement  complexe  qui  devra  8tre  fortement  schdmatisee,  compte  tenu  des  possibilitds  actuel- 
les  des  codes  de  calcul  m8me  les  plus  performants. 


La  paroi  poreuse  realise  assez  fidfelement  le  cas  d'une  repartition  continue  de  transfert  de  masse  et. 
Pour  cette  raison,  se  prSte  plus  aisdment  4  des  calculs  basds  sur  des  moddles  bi-dimensionnels .  Toutefois, 
malgrd  cette  relative  simplicitd,  une  premidre  difficultd  de  taille  est  rencontrde  dans  l'dvaluation  de 
Up  4  partir  de  la  difference  de  pression  (  jlc  -  ft,  )  de  part  et  d' autre  de  la  plaque.  Dans  ce  but,  on 
ne  dispose  jusqu'4  present  que  de  relations  trds  empiriques  fonddes  sur  la  loi  de  Darcy  en  vertu  de 
laquelle  : 

Vjp  ( X )  z  &  (fit-ftl/e 

ou  le  coefficient  &  depend,  entre  autres,  de  la  permdabilitd  -pas  toujours  bien  connue-  du  matdriau 
dont  la  paroi  d'dpaisseur  e  est  faite. 

De  plus,  dans  le  cas  turbulent  -qui  est  le  plus  frequent-  il  faut  tenir  compte  de  l'effet  de  transfert 
de  masse  et  aussi  de  1' influence  de  la  rugositd  sur  le  moddle  de  turbulence  employd,  que  celui-ci  soit 
du  type  algdbrique  ou  4  equations  de  transport  I  69,  115  -  117 ]  .  L'examen  de  ce  point  -essentiel  pour 
la  qualitd  de  la  prediction-  nous  entrafnerait  trop  loin  ;  le  lecteur  intdressd  trouvera  dans  la 
thdse  de  Lee  [81]  ,  ddj4  citde,  une  discussion  approfondie  de  ce  probldme  avec  de  nombreuses  references. 


Dana  le  cas  d'une  paroi  4  trous,  les  informations  permettant  d'estimer  une  repartition  de  Up  rdaliste 
sont  encore  extrdmement  rares.  Ce  n'est  que  tout  recemment  que  des  renseignements  trds  instructifs  ont 
ete  publids  par  Hingst  et  Tanji  £118]  .  Ces  deux  auteurs  ont  proeddd  4  des  mesures  du  debit  traversant 
les  orifices  d'une  paroi  au  moyen  d’un  fil  chaud,  1' interaction  envisagde  resultant  d'une  reflexion 
de  choc  4  Mo  *  2  et  2,5.  Les  figures  77a  et  77b  montrent  les  distributions  du  debit  local  Mx  norma¬ 
lise  par  le  debit  total  aspird  pour  deux  valeurs  de  l'intensitd  du  choc  incident  4  Mo  “  2,5.  Connie  on 
pouvait  s'y  attendre,  A*  est  dvidemment  plus  dlevd  dans  les  zones  4  haute  pression  ;  par  ailleurs  un 
accroissement  de  la  force  du  choc  entralne  une  augmentation  de  la  pression  de  cavitd  pc  d'ou  une  diminu¬ 
tion  de  stjc  en  amont  du  choc.  Pour  des  sauts  de  pression  encore  plus  grands,  il  peut  se  faire  que  pc 
depasse  pt  d'oii  un  effet  d'injection  dont  les  consequences  negatives  peuvent  annuler  le  bdndfice  de 
l'aspiration  -sauf  dans  le  cas  du  contrSle  passif  (voir  S  4.4.2  ci-dessus).  Il  a  dgalement  dtd  note, 
qu'4  une  abscisse  donnde,  le  debit  captd  ddpendait  uniquement  des  conditons  locales  rdgnant  dans  l'dcou- 
lement  extdrieur  et  nen  des  valeurs  de  nx  en  amont  de  la  station  considdrde.  Cette  observation  peut  aider 
4  la  conception  de  moddles  thdoriques. 


Fig.  77  -  Repartitions  de  debit  dans  une  paroi  per- 
forde.  Reflexion  de  choc  4  M0  =  2,5 
(d'aprds  [118]), 
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4.  s. 2  -  Calculi  pan,  mlihodc  de.  co uptake.  cX  al&oliUlon  de&  eouatlom  de  Navlen.-S£okei  - 

A  notre  connaissance,  les  calculs  d' interaction  avec  transfert  de  masse  ont  dtd  surtout  effectuds  en 
laminaire  pour  des  raisons  dvidentes  de  simplicitd.  Par  exemple,  Don  Gray  et  Mauss  [119]  ont  considdrd 
le  cas  d'une  rampe  en  dcoulement  bi-dimensionnel  plan  et  ont  utilisd  une  technique  de  couplage  fluide 
parf ait-f luide  visqueux  directement  inspirde  de  la  thdorie  bien  connue  de  Lees  et  Reeves  [120]  .  Rappelons 
que  dans  cette  mdthode,  la  couche  limite  est  calculde  par  une  mdthode  intdgrale  avec  des  relations  de 
fermeture  ddduites  de  solutions  de  similitude.  La  compatibilitd  directionnelle  entre  le  fluide  exteme 
irrotationnel  et  la  couche  dissipative  (dquation  de  couplage)  est  exprirade  &  la  frontiire  S  ,  l'dcoule- 
ment  extdrieur  obdissant  A  une  relation  d'ondes  simples.  Dans  leur  version,  Don  Gray  et  Mauss  utilisent 
les  profils  semblables  solutions  de  l'dquation  de  Falkner-Skan  dans  le  cas  d'une  paroi  impermdable  en 
se  fondant  sur  le  fait  qu'un  transfert  de  masse  est  assimilable  A  un  effet  de  gradient  de  pression,  comae 
l'a  montrd  Stock  [ 121  ]  .  C'est-A-dire  qu'une  couche  limite  de  plaque  plane  avec  injection  a  la  mSme 
distribution  de  vitesse  qu'une  couche  limite  accdldrde  sur  paroi  impermdable.  Nous  avons  ddjA  dvoqud  cette 
similitude  dans  le  paragraphe  4.4.1  ob  il  s'agissait  du  cas  turbulent.  Les  interactions  moddlisdes 
Don  Gray  et  Mauss  correspondent  A  une  aspiration  pratiqude  par  une  fente  situde  prfes  de  l'origine  de  la 
rampe.  Les  rdsultats  qu'ils  obtiennent  sont  en  assez  bo>  accord  avec  les  expdriences  de  Ball  f 96  ]  et 
celles  de  Rhudy  [  97  ]  ,  comme  le  montre  la  figure  78. 


Fig.  78  -  Calculs  par  couplage  visqueux-non  visqueux 
de  Don  Gray  et  Mauss  [119],  Aspiration  par 
fente  en  laminaire. 


Des  calculs  laminaires  ont  aussi  dtd  exdcutds  en  rdsolvant  les  Aquations  de  Navier-Stokes  par  voie 
numdrique.  Ainsi,  Hanin  et  al.  I  122]  ont  considdrd  le  cas  d'une  rdflexion  de  choc  avec  aspiration 
uniforme  sur  une  portion  de  paroi  d'dtendue  limitde.  Les  dquations  sont  rdsolues  par  une  technique  de 
marche  dans  le  temps  utilisant  le  schdma  classique  de  Me  Cormack.  Les  auteurs  ont  de  cette  fapon  pu 
proedder  A  une  dtude  systdmatique  de  1' influence  des  principaux  paramdtres  :  nombre  de  Mach  amont  Mo  , 
intensitd  du  choc  incident,  emplacement  et  dtendue  de  la  zone  d'aspiration,  valeur  de  la  vitesse  d'aspi- 
ration.  Les  figures  79a  et  79b  montrent,  A  titre  d'exemple,  la  variation  de  la  longueur  de  la  zone 
ddcollde  en  fonction  de  ces  divers  facteurs.  On  y  retrouve  les  tendances  mises  en  dvidence  par  l'expd- 
rience,  notamment  le  calcul  confirme  que  l'efficacitd  maximale  est  rdalisde  en  aspirant  dans  la 
rdgion  ou  le  bulbe  de  ddcollement  se  formerait  si  la  paroi  dtait  impermdable,  toutes  choses  restant 
dgales  par  ailleurs. 


La  rdsolution  des  dquations  de  Navier-Stokes  laminaires  appliqudeB  au  mSme  p rob 1 feme  a  dgalement  dtd 
effectude  par  Tassa  et  Sankar  [ 123  ]  .  Les  figures  80a  et  80b  donnent  les  rdpartitions  du  frottement  et 
de  l'dpaisseur  de  ddplacement  calculdes  par  eux  dans  une  rdflexion  A  Mo  ■  2.  On  voit  qu'une  aspiration 
trds  moddrde  parvient  A  supprimer  compldtement  le  ddcollement  et  prdvient  l'dpaississement  de  la  couche 
limite. 


a  _  an  Fanctian  iu  rapport  da  proaa'on  b  .  an  Fanctton  it  noatbra  da  Mach 


Fig.  79  -  Calculs  Navier-Stokes  de  Hanin  et  Al.  en 
laminaire  [122],  Evolution  de  la  longueur 
du  ddcollement. 


Fig.  80  -  Calculs  Navier-Stokes  de  Tassa  et  Sankar 

en  laminaire  [123],  Rdflexion  de  choc  pour 
Mo  =  2.  Atj!  =  32,59°. 


Nous  n' avons  pas  connaissance  de  calculs  analogues  pour  le  cas  turbulent.  II  convient  ndanmoins  de  citer 
le  travail  de  Lee  [ 81  1  qui  a  excdcutd  des  calculs  de  couche  limite  "classiques"  A  partir  de  distributions 
de  pression  mesurdes  dans  une  rdflexion  de  choc  sur  paroi  poreuse.  Les  rdsultats  qu'il  a  ainsi  obtenus 
fournissent  des  renseignements  prdcieux  sur  les  probl&mes  posds  par  la  moddlisation  de  la  turbulence  dans 
ces  circonstances . 

4.1. 3  -  Mlthqdei_i_ca*actl>ie_Qlqbal  - 

Le  principe  de  base  des  mdthodes  globales  consiste  en  l'dcriture  d'dquations  de  bilan  pour  le  fluide 
tnversant  un  volume  de  contrgle  entourant  1' interaction  et  qui  est  limitd,  en  rbgle  sdndrale,  par  la 
paroi,  une  section  d'entrde  @  ,  une  f rontidre  extdrieure  et  une  section  de  sortie  Q)  placde  en  aval 
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14  ob  Xa  pression  est  redevenue  uni  forme .  Sachant  que  l'objectif  esc  ici  de  determiner  les  cargctdris- 
Ciques  globales  de  la  couche  limite  pour  un  rapport  de  pression  /f,  donnd  entre  ©  et  ©  et  un 
debit  injecte  (aspire)  fixe,  en  ecoulement  adiaba£ique  le  p rob 1 feme  possede  trois  inconnues  qui  sont  le 
plus  souvent  les  dpaisseurs  S1  ,  S<  et  6}  en  ©  .  Les  bilans  de  masse  et  de  quantite  de  mouvement 
fournissent  deux  equations,  une  relation  suppldmentaire  est  obtenue  en  supposant  que  les  distributions 
de  vitesse  normalisees  ■*/««  =  f  ( /// )  appartiennent  &  une  famille  A  un  seul  paramAtre  de  forme. 

II  existe  un  assez  grand  nombre  de  methodes  de  ce  genre  pour  1' interaction  onde  de  choc-couche  limite 
aussi  bien  supersonique  que  transsonique.  Parmi  les  methodes  prenant  en  consideration  un  transfert  de 
masse,  nous  citerons  celle  de  Seebaugh  et  al.  t  91  3  qui  traite  la  reflexion  en  supersonique  et  celle  de 
Baker  C 124  ]  qui  s 'applique  au  choc  quasi-normal  en  transsonique. 


Fig.  81  -  Volume  de  contrSle  pour  la  methode  globale 
de  Seebaugh  et  Al.  [91]. 


•  „  Aspiration  par  park  porous*  ou  font* 


b  .  Aspiration  par  kopt 


Le  volume  de  contr31e  consider  par  le  module  de  Seebaugh  et  al.  est  dessind  Fig.  81.  L'dcart  AE  entre 
la  limite  (  £  )  extdrieure  et  la  frontiAre  en  Q)  est  introduit  pour  tenir  compte  de  1 ' entralnement 
au  detriment  du  fluide  externe.  Les  equations  de  bilan  sont  dcrites  sous  la  forme  suivante  (cas  bi-dimen- 
sionnel  plan)  : 


1-  pour  la  masse 


•£ 


fu  dy  =  j'  fudij  +  m 


2-  pour  la  quantitd  de  mouvement 


/  *(*'$•  fa'jt  Sl  -  J u  / dn - L 5 


if  i  *x 

2*  est  le  frottement  moyen  entre  ©  et  ©  et  ix.  la  composante  de  quantite  de  mouvement  selon  X 
du  gaz  injecte.  Les  pressions  sont  fournies  par  le  calcul  de  fluide  parfait  et  A£  determine  en  exprimant 

que  le  taux  d'entratnement  le  long  de  (  £  )  est  le  mSrae  qu'en  amont  de  1' interaction. 

Dans  le  cas  d'une  paroi  poreuse  ou  A  trous,  On  admet  que  Inspiration  Cl' injection)  se  fait  normalement, 
done  Ac  »  0.  Pour  une  fente,  telle  que  celle  dessinde  Fig.  81,  a'x  est  supposde  dgale  A  la  quantitd  de 
mouvement  du  fluide  extrait  au  moment  ou  il  entre  dans  le  volume  de  contrSle.  A  l'origine,  Seebaugh  et  al. 
utilisaient  des  profils  de  vitesse  4-/x.t  en  puissance.  Une  premiere  amelioration  a  dtd  apportde  par 
Mathews  [86]  qui  a  introduit  une  representation  plus  rdaliste  s  'inspirant  de  la  loi  composite  de  Coles[l9]. 
Enfin,  la  rndhode  a  dtd  perf ectionnde  par  Sun  et  Childs  [125]  qui  ont  en  outre  traite  le  cas  de  reflexions 

successives.  Le  modAle  de  Baker  est  trAs  proche  de  celui  qui  vient  d'Stre  ddcrit,  aussi  nous  n'en  dirons 

pas  d'avantage  &  son  sujet. 

Des  methodes  approchdes  ont  dgalement  dtd  proposdes  pour  traiter  le  cas  de  1' aspiration  par  fente  A  la 
paroi.  Ainsi,  Pearson  [126]  donne  un  proeddd  prddisant  le  ddbit  de  couche  limite  A  extraire  pour 
prdvenir  le  ddcollement  sous  l'effet  du  choc  (voir  aussi  Kutschenreuter  et  al.  [127]  ).  En  bref,  ces 
modd les  reposent  soit  sur  l'emploi  d'une  forme  simplifide  de  l'dquation  intdgrale  de  Von  KArmAn  oA  le 
frottement  parietal  est  ndgligd,  soit  sur  des  considerations  relatives  A  la  capacitd  du  fluide,  prAs  de 
la  paroi,  A  franchir  le  saut  de  pression  sans  §tre  refould  ;  ce  qui  met  en  cause  sa  quantitd  de  mouve¬ 
ment  ainsi  que  l'effet  d'entrainement. 

5  -  CONCLUSION  - 

La  plupart  du  temps,  1' interaction  entre  une  onde  de  choc  et  une  couche  limite  a  des  consequences  trfes 
prd judiciables  sur  les  performances  des  dispositifs  adrodynamiques  (profils  transsoniques ,  prises  d'air, 
turbomachines,  etc...).  II  en  rdsulte  toujours  un  accroissement  des  pertes  par  dissipation  visqueuse, 
parfois  catastrophiques  quand  le  choc  est  assez  intense  pour  faire  ddcoller  la  couche  limite.  En  outre, 

1' augmentation  spectaculaire  du  niveau  des  fluctuations  turbulentes  qui  se  produit  alors  est  souvent  A 
l'origine  de  fortes  instabilitds . 

L' interaction  choc-couche  limite  est  un  phdnouAne  particuliArement  complexe  dont  le  mdcanisme  n'est  pas 
encore  entiArement  dlucidd.  En  rdgime  turbulent,  il  dchappe  pour  1' instant  A  une  prdvision  quantitative 
rddllement  satisfaisante ,  malgrd  les  progrAs  considdrables  accomplis  par  les  mdthodes  de  calcul. 

Il  est  ndanmoins  possible,  A  partir  de  l'analyse  des  nombreux  rdsultats  expdrimentaux  maintenant  dispo- 
nibles  et  en  s'appuyant  sur  des  considdrations  rationnelles ,  de  ddgager  des  propridtds  et  des  tendances 
gdndrales  pour  les  distances  d' interaction  amont,  la  destabilisation  subie  par  la  couche  limite  et  les 
conditions  d'apparition  du  ddcollement  en  pied  de  choc.  Un  tel  examen  prdliminaire,  limitd  ici  au  cas 
turbulent,  permet  de  mieux  comprendre  le  mode  de  fonctionnement  des  moyens  employds  pour  contrSler 
l'interaction  afin  d'en  prdvenir  les  consdquences  ndfastes. 
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Le  principe  de  base  de  ces  techniques  est  d'accroitre  l'gnergie  mdcanique  de  la  zone  dissipative  de 
manidre  &  lui  pemettre  de  franchir  le  choc  en  subissant  la  degradation  minimale  et  en  lui  dvitant  surtout 
de  ddcoller. 

Les  procddds  utilises  peuvent  gtre  classes  en  deux  categories  : 

1-  ceux  agissant  en  amont  de  1 ' interaction  par  "manipulation"  de  la  couche  limite  avant  qu'elle  n'aborde 

le  choc.  II  s'agit  ici  de  remplir  son  profil  de  vitesse  afin  d'augmenter  sa  "raideur".  Ce  rgsultat  peut 
gtre  obtenu  par  refroidissement  de  la  paroi,  effet  de  courbure,  aspiration  parigtale  rdpartie,  apport 
de  quantitd  de  mouvement  par  soufflage  ou  activation  des  dchanges  turbulents  au  moyen  de  "ggndrateurs 
de  tourbillons", . . .  De  telles  techniques  ont  en  gdndral  une  efficacitd  faible  mais  elles  permettent 
de  conserver  le  contrSle  lorsque  l'onde  de  choc  se  ddplace. 

2-  ceux  qui  sont  appliquds  au  niveau  et/ou  inmddiateiaent  en  aval  de  1' interaction.  Li,  on  peut  agir  soit 
en  dliminant  par  aspiration  la  zone  de  fluide  "mort"  tendant  £  se  former  au  pied  du  choc,  soit  en  lui 
communiquant  de  la  quantitd  de  mouvement  par  une  injection  localisde.  L'efficacitd  de  ce  procddd  est 
trds  grande,  un  effet  spectaculaire  pouvant  gtre  rdalisd  avec  des  debits  fluides  extrgmement  rdduits. 

En  contrepartie,  il  y  a  perte  de  la  possibilitd  de  contrSle  si  le  choc  vient  d  se  ddplacer  largement, 
comme  c'est  le  cas  sur  un  profil,  par  exemple. 

Chacune  de  ces  techniques  prdsente  ses  avantages  et  ses  inconvdnients  compte  tenu  de  l'objectif  visd 
et  des  contraintes  d'ordre  technologique  ou  dconomique.  Ainsi  le  probldme  se  pose  en  des  termes  diffdrents 
dans  une  souff lerie  ou  l'on  cherche  l'extinction  d'ondes  rdfldchies  -IS  une  aspiration  rdpartie  par  une 
paroi  permdable  peut  gtre  une  bonne  solution-  et  sur  une  aile  ou  dans  une  prise  d'air  ou  c'est  la  reduc¬ 
tion  des  pertes  par  effet  visqueux  et  la  suppression  des  ddcollements  qui  sont  avant  tout  souhaitdes. 

Dans  ces  circonstances  une  aspiration  (ou  injection)  locale  semble  devoir  gtre  prdfdrde  en  raison  de  son 
efficacitd  et  de  sa  plus  grande  simplicitd  de  mise  en  oeuvre.  Enfin  mentionnons  qu'action  amont  rdpartie 
et  action  locale  sont  souvent  combindes,  comme  c'est  le  cas  dans  le  contrdle  passif. 

Les  mdthodes  de  prdvision  sont  encore  rudimentaires  (sauf  dans  le  cas  laminaire),  leur  ddveloppement  se 
heurtant  A  de  difficiles  probldmes  de  moddlisation  de  la  turbulence  et  A  la  prise  en  compte  rdaliste  de 
conditions  aux  limites  complexes.  Dans  ce  domaine,  des  efforts  de  recherche  sont  dminemment  souhaitables. 
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INTERET  DU  PIECE  INTERNE  POUR  LE  FONCTIONNEMENT,  DANS  UN 
DOMAINE  ETENDU  DU  NOMBRE  DE  MACH  (1.8  -  3+)  D’UNE  PRISE 
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A  partir  d'une  prise  d'air  bidimensionnelle  munie  d'un  piege  a  couche  limite  interne  et  optimisee 
vers  Mach  2,  on  cherche  a  definir,  avec  le  minimum  de  pieces  mobiles,  une  configuration  assurant 
encore  de  bonnes  performances  jusqu'a  Mach  3+.  Les  principaux  parametres  geometriques  consideres 
sont  : 


-  1 '  inclinaison  de  la  rampe  de  compression 

-  la  loi  de  diffusion  interne 

-  la  section  d' entree  du  piege  interne. 

La  premiere  partie  rappelle  l'interet  du  piege  a  couche  limite  interne  et  les  avantages  d'une 
geometric  \  iriable. 

La  seconde  partie  presente  la  maquette  a  grande  echelle  utilisee  dans  la  soufflerie  supersonique 
S2  Modane  de  1 'ONERA  :  motorisation,  moyens  de  mesure  et  de  visualisation  interne.  Elle  comporte 
la  projection  d'un  film  visualisant  par  ombroscopie  1'ecoulement  au  niveau  piege  interne  pour  diver- 
ses  manoeuvres  (deplacements  de  rampe  -  diffuseur,  raontee  en  Mach,  mise  en  incidence,  obstruction 
interne) . 

La  derniere  partie  analyse  quelques  resultats  ainsi  obtenus  avec  cette  maquette  de  prise  d'air. 
Le  choix  de  deux  configurations  assurant  des  fonctionnements  corrects  dans  deux  domaines  de  Mach, 
par  optimisation  de  la  geometrie  du  piege,  est  commente. 


INTEREST  OF  INTERNAL  BLEED  FOR  A  TWO-DIMENSIONNAL 
AIR  INTAKE  OPERATING  IN  A  WIDE  MACH  NUMBER  RANGE  (1,8  -  3+) 


SUMMARY 


From  a  two-dimensionnal  air  intake  with  an  internal  bleed  and  optimized  for  approximately  Mach 
number  2,  a  new  configuration  is  sought  allowing  still  good  performance  up  to  Mach  number  3+,  but 
with  the  minimum  of  movable  parts.  The  main  geometrical  parameters  are  : 

-  the  slope  of  the  external  compression  ramp, 

-  the  internal  section  law  of  the  diffuser, 

-  and  the  inlet  section  of  the  internal  bleed. 

The  first  part  recalls  the  interest  of  internal  bleed  and  the  advantage  of  a  variable  geometry. 

The  second  one  presents  the  model  which  was  built  at  large  scale  and  its  equipments:  motori¬ 
zations,  measurement  devices  and  internal  visualizations.  The  tests  were  performed  in  the  supersonic 
wind  tunnel  S2  at  ONERA  Modane  center.  A  movie  shows  schadowgraphs  of  the  flow  in  the  air  intake 
geometrical  throat,  where  the  internal  bleed  is  located,  for  several  configuration  changes  (external 
ramp  or  diffuser  wall  rotations,  increases  of  Mach  number  or  angle  of  attack)  and  variable  internal 
obstruction. 

The  last  part  explains  some  results,  obtained  with  this  air-intake  model.  The  choice  of  two  confi¬ 
gurations  allowing  correct  performance  in  the  studied  Mach  number  range,  by  optimisation  of  the  inter¬ 
nal  bleed  geometry,  is  commented  on. 
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1  -  INTRODUCTION  - 


Pour  aller  plus  vite  ou  plus  loin,  certains  missiles  des  nouvelles  generations  ont  recours  a  la  propul¬ 
sion  aerobie.  Le  turboreacteur  est  essentiellement  utilise  pour  les  engins  subsoniques  a  moyenne  et 
longue  portee  ;  pour  les  vols  supersoniques,  le  statoreacteur  est  generalement  prefere.  Dans  les  deux 
cas,  le  missile  devra  etre  equipe  d'une  ou  plusieurs  prises  d'air  assurant  1 'alimentation  du  raoteur 
pour  toutes  les  attitudes  envisagees  (incidence,  derapage  ou  roulis)  et  parfois  dans  des  domaines  de 
Mach  importants. 

Si  l'on  s'interesse  aux  missiles  supersoniques  propulses  par  statoreacteur,  tous  les  problemes  lies 
au  fonctionnement  a  basse  vitesse  avec  des  bords  d’attaque  aigus,  et  en  transsonique, sont  evites  gr^ce 
a  1 'acceleration  auxiliaire  par  propulseur  a  poudre.  Par  contre,  la  sophistication  des  prises  d'air 
d'avions  supersoniques,  necessaire  pour  l'optimisation  aux  differents  nombres  de  Mach  supersoniques  et 
pour  la  phase  d'acceleration,  ne  peut  etre  acceptee  sur  un  missile  tactique.  II  en  resulte  que  tout 
le  domaine  de  Mach  supersonique  doit  etre  couvert  avec  des  prises  d'air  "Performantes  mais  Rustiques", 
c'est-a-dire  avec  le  minimum  de  geometrie  variable  ,  la  geometrie  fixe  etent  bien  sur  l'optimum  pour 
le  devis  de  masse,  le  cout  et  la  fiabilite. 

Depuis  plus  de  10  ans,  l'ONERA  etudie  de  faqon  asset  systematique,  les  diverses  prises  d'air  succep- 
tibles  d'equiper  de  tels  missiles  [1]  a  [5]  .  Le  positionnement  sur  le  missile,  le  nombre  des  entrees 
et  leurs  formes  font  partie  des  parametres  etudies.  Dans  ce  cadre,  un  engin  avec  deux  prises  d'air  bidi- 
mensionnelles  adaptees  vers  Mach  2  avait  ete  essaye  en  soufflerie.  La  definition  de  la  prise  d'air 
resultait  bien  sur  de  1 'experience  acquise  en  France  sur  le  programme  Concorde  [6]  a  flO]  . 

Dans  le  cadre  d'un  projet  de  missile  de  meme  type,  etudie  par  l’industriel  AEROSPATIALE,  on  a  recherche 
a  etendre  le  domaine  de  fonctionnement  de  cette  prise  d'air  bidimensionnelle,  jusqu'a  Mach  3  environ. 
Ces  essais  realisesen  cooperation  AEROSPATI ALE-ONER A  constituent  l'objet  du  travail  presente. 


2  -  CONCEPTION  DE  LA  PRISE  D'AIR  - 


2.1  -  Interet  du  piege  a  couche  interne 


On  s'interesse  a  une  prise  d'air  bidimensionnelle  adaptee,  a  l'origine,  a  un  nombre  de  Mach  voisin  de 
2.  Pour  ce  faire,  la  rampe  est  dessinee  de  fa?on  que  les  chocs  focalisent  juste  au  voisinage  du  bord 
d'attaque  de  la  carene  pour  ce  nombre  de  Mach  d'adaptation.  Son  profil  resulte  egalement  d'une  optimi¬ 
sation  de  l'efficacite  pour  ce  m§me  Mach.  La  premiere  planche  presente  une  strioscopie  montrant  une 
compression  supersonique  externe  se  terminant  par  un  choc  a  la  limite  du  detachement,  au  niveau  de  la 
carene. 

L' impact  de  ce  choc  sur  la  rampe  de  compression  implique  la  presence  d'un  piege  a  couche  limite  interne 
afin  de  minimiser  1  ’  interaction  de  ce  choc  avec  la  couche  limite  se  developpant  sur  la  rampe.  Deux 
grandes  families  de  pieges  internes  sont  envisageables  : 

-  soit  avec  une  paroi  localement  poreuse  ou  plus  generalement  perforee, 

-  soit  avec  un  trou  beant. 

La  seconde  planche  montre  une  application  de  ce  premier  principe  avec  le  projet  de  prise  d'air  annulaire 
de  1 'avion  de  transport  supersonique  americain  et  la  suivante  une  coupe  de  la  prise  d'air  du  Concorde 
ou  la  paroi  presente  une  discontinuite. 

Le  fonctionnement  de  ce  piege,  rappele  schematiquement  sur  cette  planche  a  deja  ete  longuement  decrit 
par  ses  concepteurs  [11]  et  [12]  ;  cela  ne  sera  pas  repris  ici. 

On  peut  noter  deux  differences  quant  a  1 'utilisation  de  ce  piege  sur  un  avion  du  type  Concorde  et  pour 
un  missile.  L'obtention  d'un  debit  secondaire  ayant  une  bonne  efficacite  pour  les  fonctions  annexes 
necessaires  au  turboreacteur  et  sa  tuyere  n'a  aucun  interet  pour  le  missile  ;  pour  ce  dernier,  le  debit 
capte  est  evacue  a  l'exterieur  sans  etre  utilise. 
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Par  contre,  un  avantage  suppltmentaire  apparait  avec  l'emploi  d'un  statoreacteur.  Si  de  fa;on  gtntrale, 
ce  piege  permet  la  regulation  et  assure  une  meilleure  stabilite  de  l'ecoulement  penetrant  dans  la  prise 
d'air,  avec  un  statoreacteur,  il  devient  particulierement  avantageux  pour  attenuer  les  effets  des  tven- 
tuelles  instabilites  de  combustion  qui  peuvent  remonter  dans  la  manche. 

2.2  -  InterSt  de  la  e eometrie  variable  - 

En  partant  d'une  prise  d'air  proche  de  l'optimum  a  bas  nombre  de  Mach  (Mo«^2),  on  s'interesse  a  son 
fonctionnement  jusqu'A  Mach  3  environ. 

En  depassant  le  Mach  d 'adaptation,  les  chocs  issus  de  la  rampe  penetrent  sous  la  carene  et  provoquent 
des  decollements  conduisant  a  des  pertes  d'efficacite  notables.  Si  le  nombre  de  Mach  amont  crolt  encore, 
ces  decollements  subsistent,  mais  de  plus,  la  recompression  choisie  a  l'origine  (deviation  imposte  par 
la  rampe)  devient  insuffisante  ;  le  nombre  de  Mach  en  fin  de  compression  supersonique  externe  est  trop 
tlevt  et  le  choc  final  a  une  efficacite  mediocre.  Pour  une  prise  d'air  bidimensionnelle,  le  remede  a 
ces  deux  problemes  est  obtenu  en  redressant  la  rampe  amont.  Theoriquement ,  on  peut  associer  un  angle 
de  rotation  de  cette  rampe  avec  1 'augmentation  du  nombre  de  Mach  pour  assurer  une  certaine  optimisation. 
La  faible  inclinaison  de  la  carene,  pour  minimiser  la  trainee, est  une  contrainte  supplementaire. 

On  voit  alors  l'interet  d'un  piege  a  couche  limite  interne  obtenu  par  un  trou  bi_ant  qui  isole  la  rampe 
amont  de  la  paroi  aval  placee  dans  le  diffuseur.  Toutefois,  pour  assurer  un  ralentissement  correct  de  l'e¬ 
coulement  dans  cet  element,  il  est  necessaire  d'adapter  la  position  du  bord  d'attaque  de  cette  paroi 
a  celle  de  l'extremite  aval  de  la  rampe  amont  ;  ce  point  sera  precise  ulterieurement. 

2.3  -  Application  a  une  prise  d'air  de  missile  - 

Pour  un  missile  tactique  dont  la  durte  de  vie  s'exprime  en  secondes,  on  recherche  dans  la  mesure  du 
possible,  des  constituants,  les  prises  d'air  en  particulier,  les  plus  simples  possible  afin  de  reduire 
les  coflts  et  augmenter  la  fiabilite. 

Dans  ce  but,  il  est  necessaire  de  trouver  des  positions  des  rampes  de  compression  et  de  diffusion  qui 
correspondent  a  un  compromis  acceptable  dans  tout  le  domaine  de  vol  supersonique  du  missile.  Une  solu¬ 
tion  de  secours  peut  etre  envisagee  avec  deux  positions  discretes  des  rampes  :  une  premiere  satisfaisant 
les  conditions  de  vol  pour  les  "bas  Mach"  et  la  seconde  pour  les'hauts  Mach".  La  limite  entre  ces  deux 
domaines  doit  resulter  des  essais  en  soufflerie.  Avec  une  telle  solution,  on  evite  une  regulation  en 
continu  de  la  position  des  rampes  avec  le  nombre  de  Mach. 

C'est  dans  cet  esprit  qu'une  maquette  a  grande  tchelle  de  la  prise  d'air  bidimensionnelle,  avec  de 
nombreuses  motorisations,  a  ete  realisee  pour  etre  essayte  dans  la  soufflerie  supersonique  S2  de 
l'ONERA  implantee  a  Modane  Avrieux.  Les  positions  des  rampes  et  les  dimensions  du  pitge  a  couche 
limite  interne  sont  les  parametres  geometriques  d'etude. 


3  -  HOYENS  O' ESSAIS  - 

3.1  -  Description  de  la  maquette  - 


La  maquette  correspond  a  une  prise  d'air  de  missile  de  type  bidimensionnel,  d'un  rapport  hauteur  (H) 
sur  largeur  egal  a  2  ;  elle  est  schematisee  sur  la  planche  4. 

La  rampe  de  compression,  constitute  de  3  diedres,  assure  une  adaptation  a  Mo  =  2,15  en  position  nomi- 
nale.  Le  bord  de  fuite  de  cette  rampe  constitue  le  debut  du  piege  a  couche  limite  interne.  Excepte  un  petit 
element  fixe  a  1 'amont,  elle  pivote  autour  d'un  axe  situe  a  0,35  H  du  bord  d'attaque.  Ce  debattement 
angulaire  (  )  modifie  le  profil  de  la  rampe  de  compression  qui  peut  ainsi  passer  de  3  A  4  diedres 

pour  £t>0.  La  position  de  l'axe  de  rotation  resulte  de  la  necessite  de  fermer  l'entrte  d'air  pendant 
la  phase  d'emport  du  missile  sous  avion. 

A  l'aval  du  piege  a  couche  limite  interne,  la  paroi  superieure  du  diffuseur  est  constitute  de  deux 
plaques  mobiles.  Celle  situte  le  plus  en  aval  tourne  autour  d'un  axe  fixe  situt  en  fin  du  diffuseur. 
Son  inclinaison  par  rapport  a  l'axe  longitudinal  de  la  prise  d'air  est  dtfinie  par  le  parametre 
S>  .  La  plaque  situte  a  1 'amont  de  la  prtctdente  a  une  inclinaison  reptrte  par  le  paramttre 
St  ;  l'axe  de  rotation  est  situt  a  l'extrtmitt  amont  de  la  plaque  prtctdement  dtcrite.  La  longueur 
de  ce  panneau  rtglable  par  position  discrete  permet  de  faire  varier  celle  du  piege  a  couche  limite 
interne. 

Tous  ces  paramttres  angulaires  (  £"•  ,  et  Sj  ),  ainsi  que  celui  qui  caracttrise  la  section  sonique 
du  pitge  (Acp)  sont  variables  continuement  en  cours  d'essais  grtce  A  des  motorisations  implanttes 
dans  la  maquette.  Il  en  est  de  mtme  de  1 'obturation  du  dtbit  principal  qui  permet  la  simulation  des 
divers  rtgimesde  la  prise  d'air. 

Des  hublots  en  verre,  placts  dans  les  parois  lattrales  de  la  prise  d'air  au  niveau  du  pitge  A  couche 
limite  permettent  la  visualisation  ombroscopique  de  l'tcoulement  interne.  La  photographie  de  la 
planche  5  les  met  en  Evidence. 

La  carene  a  une  pente  interne  initiale  de  11°. 


1  !  I" 
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3.2  -  Montage  d'Essai  - 

L'enserable  prise  d'air  et  debitmetre,  presente  sur  la  photographie  de  la  planche  6,est  fixe  latera- 
lement  sur  le  dard  de  la  soufflerie,  au  moyen  d'un  mat  situe  au  niveau  de  la  prise  d'air. 

Ce  dard,  relie  a  un  secteur  traversant  verticalement  la  veine  ,  permet  la  mise  en  incidence  ainsi  que 
la  mise  en  roulis  de  la  maquette. 

La  prise  d'air  est  prolongee,  en  fin  de  diffuseur,  comme  indique  sur  le  schema  de  la  planche  7,  par 
un  element  qui  comporte  un  peigne  de  prises  de  pression,  lui-meme  suivi  d'un  obturateur  mecanique, 
compose  de  deux  papillons  contrarotatifs,  qui  assure  la  variation  du  regime  de  fonctionnement  de 
la  prise  d'air. 

En  aval  de  la  maquette,  le  debitmetre  est  muni  de  3  grilles  d 'homogeneisation  afin  d'obtenir  un  ecou- 
letnent  uniforme  dans  le  plan  de  mesure  situe  en  amont  du  col  sonique  permettant  la  mesure  du  debit. 


3.3  -  Equipement  de  mesure  - 


Le  plan  de  sondage  principal  est  situe  en  fin  du  diffuseur  de  la  prise  d'air  (PI.  7).  II  comporte 
45  prises  de  pression  d 'arret  reparties  en  5  rangees  de  9 ;  les  parois  sont  equipees  de  6  pressions 
statiques :  4  laterales,  1  en  haut  et  1  bas  (planche  8). 

Dans  le  piege  interne,  l'equipement  se  compose  d’un  peigne  median  de  6  prises  de  pression  d'arret 
place  en  amont  du  col  et  de  4  prises  de  pression  statique  ;  deux  sont  associees  au  peigne,  les  deux 
autres  sont  placees  dans  la  cavite  sous  la  rampe  amont. 

Au  culot  de  chaque  col  (debitmetre  et  piege  interne),  une  prise  de  pression  statique  permet  de  contro- 
ler  l'araorqage. 

Dans  le  debitmetre,  4  prises  de  pression  statique  situees  a  un  diametre  en  amont  du  convergent  permet- 
tent  de  s'assurer  de  1 'homogeneisation  de  l'ecoulement  et  de  calculer  le  debit  alimentant 

le  i.ioteur.  Le  debit  total  capte  est  alors  obtenu  en  y  ajoutant  le  debit  mesure  au  niveau  du 
col  sonic-ue  au  piege  interne. 

3.4  -  Soufflerie  - 

Les  essais  ont  ete  effectues  dans  la  soufflerie  continue  et  pressurisee  S2  du  centre  de  Modane 
Avrieux  de  l'ONERA.  La  veine  supersonique  de  1,75  x  1,85  m2  a  ete  utilisee.  La  temperature  genera- 
trice  est  tou jours  voisine  de  300*K.  La  pression  generatrice  est  de  1,6  b  pour  les  nombres  de  Mach 
inferieurs  et  seulement  de  1,2  b  a  Mach  3. 

Les  cinq  motorisations  de  la  maquette  associees  aux  variations  des  parametres  souffleries  (Mach, 
Incidence,  Roulis)  ont  permis  la  realisation  d'un  essai  de  pres  de  7  heures  sans  arrSt  de  la  souf¬ 
flerie.  Le  choix  des  diverses  configurations  etait  possible  gr&ce  au  traitement  en  temps  quasi  reel 
des  mesures  de  pression,  aux  traces  des  courbes  caracteristiques  (Efficacite-debit)  et  a  l'enregis- 
trement  systematique  des  ombroscopies  avec  un  magnetoscope. 


4  -  RESULTATS  D'ESSAIS  - 
4.1  -  Prise  d'air  nominale  - 

La  geometrie  de  la  prise  d'air  nominale,  egalement  denommee  "bas  Mach", est  schematisee  sur  la  planche 
4.  Les  positions  angulaires  des  diverses  rampes  sont  alors. 

£.  =  0°  Si.  =  5°  =  5° 

Cette  configuration  est  proche  de  l'optimum  a  Mach  2  pour  les  faibles  incidences.  Par  contre,  comme 
le  montre  la  planche  9,  l'efficacite  maximale  chute  tres  rapidement  avec  1 'augmentation  du  nombre 
de  Mach.  On  peut  noter  une  tres  legere  sensibilite  a  1' incidence,  dans  la  plage  0-6°,  pour  les  grands 
nombres  de  Mach. 

L'evolution  du  coefficient  de  debit  a  incidence  nulle  confirme  l'adaptation  de  la  prise  d'air  vers 
Mach  2,15.  A  6°  d’ incidence,  la  section  de  la  prise  d'air  face  au  vent  augmente  et  le  debit  capt6 
evolue  en  consequence. 

Les  ombroscopies  presentees  sur  la  planche  10,  ainsi  que  celles  du  film  realise  lors  des  essais 
[131  ,  permettent  d'expliquer  les  performances  obtenues. 

La  premiere,  effectuee  a  Mach  2  en  regime  quasi- critique,  montre  : 

-  la  focalisation  des  chocs  issus  de  la  rampe  amont  vers  le  bord  d'attaque  de  la  carene  , 

-  le  choc  fort  interne  impose  par  cette  derniere  et  limite  par  la  ligne  de  jet  separant  le  debit 
principal  de  la  zone  d'eau  morte  du  piege, 

-  et  le  choc  "droit"  limitant  le  domaine  supersonique  accroche  au  bord  d'attaque  du  piege. 


A  Mach  2,6,  sur  la  seconde  ombroscopie,  on  constate  que  tous  les  chocs  issus  de  la  rampe  amont  pene- 
trent  dans  la  prise  d'air  et  que  le  jet  ne  recolle  pas  a  l'aval  du  piege  qui  n'a  alors  plus  aucun 
r6le. 


A  Mach  3,  le  decollement  a  disparu  pour  ce  regime  supercritique.  Cependant  on  peut  verifier  la  faible 
inclinaison  des  chocs  dans  la  prise  d’air  dfle  aux  nombres  de  Mach  locaux  tres  eleves  resultant  d'une 
trop  faible  compression  amont.  En  regime  critique,  le  choc  droit  de  fin  de  compression  sera  intense 
et  l'efficacite  sera  alors  mediocre.  On  peut  egalement  noter  un  decollement  interne  sur  la  carene 
provoque  par  les  chocs  issus  de  la  compression  externe  ;  le  deuxieme  choc  oblique  en  est  la  preuve. 

Une  variante  de  cette  configuration,  dont  les  ecarts  de  performances  sont  negligeables  consiste  a 
reduire  l'angle  ot  et  augmenter  tout  en  maintenant  a  la  meme  hauteur  le  bord  d'attaque  de  la 
paroi  haute  du  diffuseur.  Cette  configuration  (  <Ti  =0°,  Si  =  0,5^  oj  =  9°  )  permet  de  minimiser 
la  divergence  initiale  du  diffuseur  a  Mach  2  mais  egalement  d'obtenir  des  configurations  ayant  de 
meilleures  performances  a  Mach  eleve  en  ne  deplacant  que  le  ler  element  de  la  paroi  du  diffuseur 
(  Sj  =  9°  =  Constante). 

4.2  -  Configuration  ’haut  Mach *  - 


Pour  les  grands  nombres  de  Mach,  le  missile  vole  a  des  altitudes  importantes  qui  peuvent  conduire 
a  des  incidences  d'equilibre  superieures  a  5°.  Pour  des  prises  d'air  montees  lateralement  sur  le 
fuselage,  l'incidence  locale  croit  encore  (theoriquement,  elle  double  a  la  paroi)  et  une  legere  survi- 
tesse  doit  etre  prise  en  compte. 

En  consequence,  1' optimisation  a  ete  realisee  a  grande  incidence.  La  planche  11  compare  les  effica- 
cites  maximales  ainsi  obtenues,  par  exemple  a  12°  d'incidence.  On  met  en  evidence  un  gain  atteignant 
pres  de  20  %  d'efficacite  a  Mach  3  avec  la  configuration  "Haut  Mach"  presentee.  II  faut  noter  que 
ce  gain  s'attenue  lorsque  le  nombre  de  Mach  decroit  et  s'annule  meme  vers  Mach  2,5.  Du  point  de  vue 
debit,  il  est  bien  evident,  que  la  rotation  de  la  rampe  amont  conduit  a  une  perte  non  negligeable. 

La  planche  12  qui  definit  cette  nouvelle  configuration  {&,  =6°, Si  =5°et  Sj  =  9°)  met  en  evidence 
une  plus  grande  sensibilite  a  l'incidence  dans  le  domaine  0-6°  pour  l'efficacite  maximale  et  inver- 
sement  une  faible  influence  en  ce  qui  concerne  le  debit  alimentant  le  moteur. 

Si  l’on  compare,  a  faible  incidence  (  </.  ~0°),  les  performances  de  cette  configuration  avec  celles 
de  la  prise  d'air  nominale,  planche  13,  on  constate  un  gain  d'efficacite,  essentiellement  vers  Mach 
2,6  mais  qui  s'annule  vers  les  nombres  de  Mach  inferieurs  et  vers  Mach  3.  Cette  configuration  ne 
presente  pas  d'interet  pratique  a  faible  Mach  a  cause  de  l'importante  perte  de  debit  occasionnee  par 
la  rampe  amont  braquee  de  6°. 


4.2  -  Geometrie  de  la  section  d' entree  du  piege  - 

La  geometrie  du  piege  est  caracterisee  essentiellement  par  deux  parametres : 

-  la  hauteur  relative  des  deux  arAtes  limitant  la  section  d 'entree  (bord  de  fuite  de 
la  rampe  amont  -  bord  d'attaque  de  la  paroi  superieure  du  diffuseur). 

-  et  la  distance  entre  ces  deux  arAtes. 

Pour  la  configuration  nominale,  le  dimensionnement  resulte  de  l'experience  de  la  prise  d'air  du 
Concorde.  Cette  optimisation  est  traitee  dans  diverses  references  [8]  a  [11] .  On  se  limitera  ici  a 
quelques  indications  relatives  au  fonctionnement  a  Mach  3. 

Pour  une  position  donnee  de  la  rampe  amont,  done  de  son  bord  de  fuite,  on  peut  faire  varier  la  hau¬ 
teur  relative  du  bord  d'attaque  du  diffuseur,  a  une  petite  variation  de  la  longueur  du  piege  pres, 
en  modifiant  1 'inc linaison  Si  du  premier  element  du  diffuseur,  en  conservant  par  exemple  le  second 
fixe  {Si  =9°  ). 

La  planche  14  presente  les  caracteristiques  (Efficacite,  Coefficient  de  debit)  ainsi  mesurees  a  Mach 
3  avec  la  prise  d'air  placee  a  6°  d'incidence  pour  trois  inclinaisons  du  premier  element. 

On  constate  que  lorsque  le  bord  attaque  du  diffuseur  est  sensiblement  a  la  hauteur  du  bord  de  fuite 
de  la  rampe  amont  (A"t  =  9°  ),  l'efficacite  est  maximale  et  une  16gere  perte  de  debit  par  le  piege 
est  alors  mise  en  evidence.  Si  ce  bord  d'attaque  est  en  retrait  important,  un  decollement  apparait 
et  le  piege  ne  fonctionne  pas  comme  prevu. 

On  a  constate  par  ailleurs  qu'en  maintenant  le  bord  d'attaque  fixe  et  en  reduisant  l'angle  St  ,  on 
peut  ameliorer  legerement  le  rendement.  Le  parametre  essentiel  ainsi  presente  est  bien  la  position 
relative  des  aretes  du  piege  et  non  la  pente  initiale  du  diffuseur. 

La  seconde  grandeur  caracterisant  le  piAge  est  la  longueur  de  son  ouverture  ;  celle  retenue  initia- 
lement  (configuration  nominale)  est  voisine  de  0,45  H.  Des  essais  ont  et£  realises  en  rAduisant  la 
longueur  du  premier  element  constituent  la  paroi  superieure  du  diffuseur  afin  d 'augmenter  la  section 
d 'entree  du  piAge.  Des  exemples  de  resultats  sont  pr6sentes  sur  la  planche  15,  a  Mach  3,  avec  ces 
pi6ges  dont  la  longueur  est  port6e  A  0,95  H  pour  trois  positions  «5at  de  la  rampe  amont.  II  faut 
preciser,  que  les  Elements  definissant  le  diffuseur  Ataient  adaptes  pour  avoir  dans  chaque  cas  les 
meilleures  performances  de  la  prise  d'air  ;  en  particulier,  le  bord  de  fuite  de  la  rampe  amont  Atait 
sensiblement  au  m£me  niveau  que  le  bord  d'attaque  du  diffuseur. 


Pour  les  deux  inclinaisons  extremes  essayees  de  la  rampe  amont  on  constate  une  perte  du  debit  alimen- 
tant  le  moteur  lorsque  le  piege  est  long,  ainsi  qu'un  leger  gain  d'efficacite  en  regime  subcritique 
Ces  resultats  sont  coherents  avec  un  fonctionnement  correct  du  piege  qui  en  absorbent  du  debit  assure 
une  amelioration  du  rendement  de  l'ecoulement  principal. 

Si  l'on  considere  la  position  intermediate  de  la  rampe  amont  (Si  =  8}  qui  donne  avec  le  piege  court 
d'origine  les  meilleures  performances  pour  cette  attitude  et  ce  nombre  de  Mach  de  vol  (gain  appre¬ 
ciable  par  rapport  aux  configurations  (5"i  =  6  ou  9°, 7),  on  constate  que  l'agrandissement  du  piege 
a  un  effet  tres  defavorable  pour  l'efficacite  et  ne  conduit  pas  a  une  perte  de  debit  en  super¬ 
critique.  Cela  resulte  du  fait,  que  dans  ce  cas,  l'ecoulement  ne  recolle  plus  au  niveau  du  bord 
d'attaque  du  diffuseur  :  le  piege  a  couche  limite  interne  ne  joue  plus  son  role. 

On  peut  done  conclure  qu'en  general,  l'augmentation  de  la  section  d'entree  du  piege  est  favorable 
pour  l'efficacite  en  permettant  une  aspiration  plus  importante.  Toutefois,  pour  les  configurations 
optimisees,  conduisant  a  des  efficacites  elevees,  une  grande  longueur  de  piege  est  nuisible. 


4.4  -  Autres  parametres  d' etude  - 


L' optimisation  du  point  de  vue  de  l'aerodynamique  interne  d'une  prise  d'air  supersonique  depend  de 
tres  nombreux  parametres,  dont  certains  ont  deja  ete  presentes  ci-dessus.  Les  autres  seront  seulement 
cites  : 

-  section  de  sortie  du  piege  interne, 

-  angle  initial  ainsi  que  profil  interne  de  la  carene, 

-  decoupe  des  flancs  (effet  du  derapage), 

-  loi  de  section  du  diffuseur... 

On  peut  noter  dans  cette  etude  que  la  contrainte  fixant  l'axe  de  rotation  de  la  rampe  amont  n'a  pas 
permis  une  bonne  optimisation  de  la  compression  supersonique  externe. 

Les  di verses  modifications  apportees  a  la  prise  d'air  initiale  pour  definir  une  configuration  "Haut 
Mach"  ont  permis  d'obtenir  les  performances  souhaitees  pour  le  projet  de  missile  dans  tout  le  domaine 
de  vol.  On  peut  toutefois  remarquer  que  les  efficacites  obtenues  pour  les  nombres  de  Mach  superieurs 
a  celui  de  l'adaptation  sont  encore  loin  des  maximums  possibles.  Cela  resulte  essentiellement  de 
1' interaction  des  chocs  issus  de  la  rampe  amont  et  du  choc  final  de  recompression  avec  la  couche 
limite  qui  se  developpe  sur  la  carene.  Pour  remedier  k  ce  probl&me,  il  est  possible  de  creer  un  nou¬ 
veau  piege  au  niveau  de  la  carene.  Comme  indique  au  paragraphe  2,1,  il  peut  £tre  realise  soit  avec 
une  paroi  perforee,  soit  avec  une  cavite  comme  le  prfesente  la  planche  16.  Comme  precedemment ,  une 
optimisation  de  la  position  et  de  la  longueur  du  piege  ainsi  que  du  debit  a  evacuer  doit  £tre  rea- 
lisee. 

La  planche  17  montre  un  exemple  de  gain  en  efficacite  que  l'on  peut  ainsi  obtenir,  bien  sOr  au  detri¬ 
ment  d'une  perte  en  debit. 


5  -  CONCLUSION  - 


L'etude  presentee  met  en  evidence  les  difficultes  rencontrees  pour  obtenir  un  compromis,  acceptable 
pour  un  missile,  pour  definir  une  prise  d'air  bidimensionnelle  assurant  un  bon  fonctionnement  dans 
un  tres  large  domaine  de  nombre  de  Mach  sachant  qu'il  faut  minimiser  le  nombre  de  pieces  en  mouvement 
et  eviter  a  priori  les  reglages  en  continu  de  leur  position. 

L'etude  a  ete  effectuee  grSce  a  une  maquette  a  grande  echelle,  fortement  rootorisee,  dans  la  souf- 
flerie  supersonique  continue  S2  de  Modane  Avrieux.  Les  essais  des  divers  parametres  geometriques 
dans  tout  le  domaine  Mach  1,8  -  Mach  3+et  pour  diverses  attitudes  (incidence,  derapage)  ont  permis 
d'etablir  un  compromis  satisfaisant,  malgre  la  contrainte  technologique  liee  a  l'axe  de  rotation 
de  la  rampe  amont.  Le  compromis  resulte  en  particulier  de  1 'optimisation  du  piege  a  couche  limite 
interne  place  en  extr£mite  de  la  rampe  amont.  Les  ameliorations  possibles,  qui  conduisent  a  des  gains 
d'efficacite  notables  necessitent  des  pieges  complementaires,  sur  la  carene  et  eventuellement  sur 
les  flancs.  Ces  pieges  ont  egalement  une  action  favorable  sur  la  stabilite  de  l'ecoulement  dans  la 
prise  d'air,  en  particulier  dans  le  cas  ou  celle-ci  alimente  un  statoreacteur. 
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Film  ONERA  n°  968 

Prise  d’air  bidimensionnelle  dans  la  soufflerie  S2  du  centre  de  Modane  Avrieux  de  1 'ONERA. 
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FIGURE  2 

PRISE  D’AIR  DE  REVOLUTION  (S.S.T.) 
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FIGURE  4 

FIGURE  3 

DEFINITION  DE  LA  PRISE  D’AIR 
(CONFIGURATION  NOMINALE) 

PRISE  D’AIR  CONCORDE. 

ECOULEMENT  DANS  LE  PIEGE 

FIGURE  5 

VUE  DE  LA  PRISE  D’AIR 
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FIGURE  6 

PHOTOGRAPH  IE  DU  MONTAGE  EN  VEINE 
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INTERACTION  ONDE  DE  CHOC  OBLIQUE  -  CC  HE  LIMITE  TURBULENTE  SUR  PAROI  POREUSE  AVEC  ASPIRATION 


D.B.  LEE  et  R.  LEBLANC 
Centre  d'  Etudes  Aerodynamiques  et  Themiques 
(Laboratoire  AssociS  au  C.N.R.S.n°191) 

43,  rue  de  1' Aerodrome 
86000  POITIERS,  Prance 


SOMMAIRE 


On  presente  les  resultats  de  l'analyse  theorique  et  experimentale  de  1’interaction  d’un  choc  oblique 
avec  une  couche  limite  turbulente  soumise  3  deux  taux  d'aspiration.  Les  equations  generales  sont  resolues 
par  une  methode  de  differences  finies.  La  methode  est  directe  avec  gradient  de  pression  prescrit.  Le  modele 
algebrique  de  turbulence  de  Cebeci  et  Smith  est  complete  pour  tenir  compte  du  transfert  de  masse.  Les  pre¬ 
mieres  ccmparaisons  avec  l'experience,  a  M=l,43,  pour  une  couche  limite  de  paroi  plane  sans  interaction, 
montre  qu'il  faut  simuler  les  rugosites,  en  amont  de  la  zone  d'aspiration,  par  un  soufflage  correctement 
adapte.  On  etudie  alors  trois  cas  d' interaction  d'un  choc  oblique  cree  par  une  deviation  de  3°  a  M  =  1,43 
avec  la  couche  limite  turbulente  de  paroi.  La  methode  experimentale  foumit  une  description  detaillee  de 
la  region  d' interaction,  differente  selon  qu'il  s'agit  de  la  paroi  pleine  ou  de  la  paroi  poreuse  et  du  taux 
d'aspiration.  L'evolution  de  la  couche  subsonique,  materialisee  par  celle  de  la  ligne  sonique,  joue  un  role 
essentiel.  La  methode  de  prediction  est  satisfaisante  pour  les  deux  cas  extremes  (paroi  pleine  et  forte  as¬ 
piration)  mais  tombe  en  defaut  quand  la  couche  limite  est  davantage  destabilisee  par  les  rugosites  qu'in- 
fluencee  par  Inspiration  moderee.  On  conclut  sur  la  necessity  de  mettre  en  oeuvre  un  modele  de  turbulence 
prenant  en  compte  3  la  fois  le  transfert  de  masse  et  les  rugosites  et  d’etudier  un  couplage  qui  considere 
le  gradient  vertical  de  pression. 


NOTATIONS 

A,A+  fonction  d'amortissement  de  Van  Driest  et  sa  forme  adimensionnelle  (Eq.4) 

Cf  coefficient  de  frottement  parietal 

Cp  chaleur  specifique  a  pression  constante 

F  parametre  de  transfert  de  masse  3  la  paroi  (Eq.l) 

H  parametre  de  forme 

K  parametre  de  maillage  en  n  (Eq.7) 

k,  2  constantes  du  modele  de  turbulence  (Eq.4, 6) 

M  nombre  de  Mach 

Pc.PfPw.Pi  pressions  (dans  le  caisson,  generatrice,  parietale  et  statique  3  proximiti  de  la  paroi) 

Re  nombre  de  Reynolds 

T , Tt  t  emperatures 

u,v  vitesse  selon  x,y 

ut  vitesse  de  frottement  (Aw/pw) 

u*  vitesse  generalisee  de  Van  Driest  (ug/i /p  arcsin  [^(u/ug)  ]) 

x,y  coordonnees  cartesi^nnes  (x  est  mesure  a  partir  du  debut  de  la  paroi  inferieure  interchangeable) 
y  fonction  d'intermittence  (Eq.6) 

y  chaleur  specifique 

6,6*  epaisseur  de  la  couche  limite  et  de  deplacement 

c  viscosite  tourbillonnaire  (Eq.  4,6) 

n,£  variables  transformees  de  Levy-Lees  (Eq.3) 

\  conductivite  thermique  de  l'air 

X  longueur  de  relaxation  (Eq.14) 

u,v  viscosite  dynamique  et  viscosite  cinematique 

IT  fonction  de  sillage  (-  {He.  -  1  rn  {R„  (Cp/?)1^  (l-p)1'2^}  -5.1}) 

2  uT  k  c6 

p  densite  de  l'air 

a  correction  pour  la  canpressibilite  (r(y-1)/?l  /  {l+[(y-l)/21  H|)) 

t  frottement 

IT  facteur  de  relaxation  (Eq.8) 

Indices 

e,o  exteme 

eq  equilibre 

i  interne,  incompressible 

w  en  paroi 

*  valeur  3  1' iteration  pro-  'dente 

'  valeur  fluctuante 
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1_  INTRODUCTION 

Le  transfert  de  masse  a  travers  une  paroi  a  ete  utilise  intensivement  pour  controler  la  couehe  limite 
qui  s'y  developpe.  L' interaction  d'un  choc  exterieur  avec  la  couche  limite  reduit  les  performances  d'un 
certain  nombre  de  composants  aerodynamiques  en  vol  trans  et  supersonique  (surfaces  portantes,  entrees 
d'air..).  Si  le  choc  est  suffisaircnent  fort  la  couche  limite  peut  decoller.  II  est  done  tres  interessant 
d'eliminer  ou  tout  au  moins  de  controle;  les  phenomenes  secondaires  qui  resultent  de  1 1 interaction  (epais- 
sissement  de  la  couche  linite,  transition,  decollement,..)  et  qui  engendrent  des  pertes  importantes.  Parmi 
les  techniques  utilisees,  l'aspiration  doit  pemettre  a  la  fois  de  reduire  ces  effets  mais  aussi  de  minimi¬ 
ser  la  perturbation  reflechie,  ce  qui  est  avantageux  egalement  dans  les  souffleries  transsoniques .  Cette 
etude  concerne  l'analyse  theorique  et  experimentale  de  1' interaction  d'un  choc  oblique  avec  une  couche  limi¬ 
te  turbulente  aspiree. 

L'effet  de  l'aspiration  sur  1' interaction,  tant  pour  eviter  le  decollement  que  pour  minimiser  la  refle¬ 
xion  du  choc  a  ete  peu  etudie.  Pour  atteindre  le  premier  objectif,  on  a  applique  l'aspiration  a  une  zone 
limitee  au  decollement  [11.  Pour  1' autre,  on  a  essentiellenent  analyse  l'ecoulement  non  visqueux  [2],  Quel- 
ques  approches  theoriques  ont  ete  faites  par  la  resolution  des  equations  de  Navier  Stokes  pour  la  couche 
limite  laminaire  [31  et  par  un  modele  de  triple  couche  pour  le  cas  turbulent  [4].  Mais,  du  fait  des  limites 
de  ces  modeles,  le  phenomene  d ' interaction  avec  aspiration  n'a  pu  etre  decrit  en  detail. 

L'etude  experimentale  de  l'interaction  sur  paroi  poreuse  avec  aspiration  entreprise  au  C.E.A.T.  [51  a 
ete  poursuivie  et  completee  par  un  calcul  du  developpement  de  la  couche  limite  [6].  Apres  une  breve  descrip¬ 
tion  des  procedures  experimentales ,  cette  cormunication  prerente  la  methode  theorique  mise  en  oeuvre  et  ap- 
pliquee  a  la  couche  limite  sur  paroi  pleine  et  poreuse,  sans  et  avec  interaction,  et  compare  les  resultats 
obtenus  a  ceux  des  experiences  realisees  a  M  =  1 ,h3 . 


2.  CONFIGURATION  EXPERIMENTALE 

La  soufflerie  transsonique  a  recyclage  (extraction  par  ejecteur)  qui  a  ete  utilisee  pour  1 'experience 
est  schematises  sur  la  figure  1.  La  paroi  inferieure  de  la  veine  d'essai  est  interchangeable.  Ce  peut  etre 
une  paroi  pleine  ou  poreuse.  La  paroi  superieure  est  pleine  et  une  rampe  de  3°  faisant  office  de  g§nerateur 
de  choc  peut  y  etre  fixee.  Une  plaque  perforce  fait  suite  a  la  rampe  et  permet  d'aspirer  une  certaine  quan- 
tite  d'air  de  la  veine  pour  compenser  le  blocage  provoque  par  le  deplacement  des  sondes  de  pression.  Le 
choc  se  reflechit  sur  la  couche  limite  turbulente  de  la  paroi  poreuse  inferieure  ou  est  pratiquee  l'aspira¬ 
tion. 

[/=  caisson  d' aspiration,  sous  la  paroi  inferieure,  est  relie  a  la  region  basse  pression  de  1' ejecteur 
par  une  canalisation  rigide  sur  laquelle  est  installee  une  vanne  de  regulation.  Le  coefficient  local  de  de¬ 
bit  a  travers  la  paroi  poreuse,  F,  est  calcule  avec  la  relation  : 


w  :  indice  a  la  paroi 
e  :  exterieur  a  la  couche  limite 

La  determination  d'une  valeur  noyenne  de  F  n'a  de  sens  nue  lorsque  l'aspiration  est  homogene  a  travers  la 
paroi  poreuse,  ce  qui  n'est  pas  le  cas,  come  nous  le  verrons,  pour  la  reflexion  de  choc.  On  applique  alors 
le  loi  de  Darcy  pour  calculer  le  coefficient  local  F. 

Quand  le  choc  se  reflechit  sur  la  paroi  poreuse,  la  difference  des  pressions  statiques  entre  la  veine 
d'essai  et  le  caisson  varie  brusquement  en  amont  et  en  aval  du  choc.  II  peut  alors  s'y  produire  un  ecoule- 
ment  de  recirculation  come  schematise  sur  la  figure  2.  Pour  le  limiter,  on  fixe  une  structure  en  nid  d'a- 
beille.  Les  resultats  utilises  pour  la  comparaison  avec  le  calcul  sont  ceux  obtenus  avec  nid  d'abeille. 

Les  parois  poreuses  sont  foumies  par  la  Societe  des  Avions  ?1arcel  Dassault -Breguet  Aviation  qui  en  a 
developpees  plusieurs  types.  Apres  une  serie  d'essais,  on  a  choisi  la  paroi  referencee  18.09. 01  dont  on 
montre  la  photographie  sur  la  figure  3.  Elle  est  constitute  par  un  empilage  croise  de  tissus.  La  chaine  est 
en  tergal  et  la  trame  en  fils  de  bore  ( 18  fils  par  cm)  dont  le  diametre  est  egal  3  140  pm  et  la  masse  volu- 
mique  3  2,6  gr/cm3.  Le  liant  est  de  la  resine  epoxy  dans  laquelle  est  trempe  le  tissu  selon  un  procede  bre¬ 
vet#.  L’ouverture  de  la  paroi  est  environ  8,5^%  de  la  surface  totale. 

Les  pressions  parietales  sont  mesurees  a  travers  des  orifices  de  0,5  m  de  diametre  par  l'intermediaire 
d'un  multimanometre  a  mercure.  Les  tubes  sont  affleurants  pour  la  paroi  pleine  et  appuyes  contre  la  face 
inferieure  de  la  paroi  poreuse.  Dans  ce  dernier  cas,  ils  sont  maintenus  en  place  par  collage  sur  le  nid  d'a¬ 
beille. 


Les  pressions  statiques  et  totales  dans  la  couche  limite  sont  mesurees  par  deux  capteurs  a  travers  une 
sonde  a  deux  tubes  de  0,8  mn  de  diametre  montes  sur  un  support  comnun  3  10  irm  l'un  de  1'autre.  L'extremite 
du  pitot  est  applatie.  3a  hauteur  est  0,2  mn  (0,04So).  Les  mesures  sont  realisees  tous  les  0,5  ran.  Les  er- 
reurs  de  mesure  ont  ete  analysees  en  detail  [6],  On  a  montre  que  leur  cumul  ne  depasse  pas  1,5%.  Les  pres¬ 
sions  generatrices  pt,  dans  le  caisson^pc  et  de  part  et  d'autre  du  diaphrafjne  d'aspira*' '  'n,  sont  mesurees 
par  trois  capteurs  et  la  temperature  generatrice  Tt  par  un  thennocouple  de  chromel-alu,-.-  .  Les  profils  de 
nombre  de  Mach  et  de  vitesse  sont  deduits  des  mesures  de  pression  de  fagon  classique. 
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On  realise  des  ctnbroscopies  et  des  strioscopies  de  l'ecoulement  soit  en  lumiere  continue  (temps  de  pose 
egal  a  l/250e  s)  soit  avec  une  etincelle  (temps  d'exposition  egal  8  2  us).  Des  visualisations  parietales 
ont  ete  egalement  faites  en  utilisant  un  enduit  de  dibutylphtalate  et  de  noir  de  furnee. 


3_  METHODE  DE  CALCUL 


EQUATIONS  GENERALES 


Les  equations  d'une  couche  limite  turbulente  compressible  sont  deduites  des  equations  de  Navier-Stokes 
auxquelles  on  a  applique  la  decomposition  des  variables  V  =  V  +  V' ,  l'hypothese  de  Prandtl  qui  neglige  les 
tensions  normales  et  1' abandon  d'un  certain  nombre  de  correlations  entre  les  quantites  fluctuantes  telles 
que  v  <p’u’>  et  <p'u'v'>  petites  devant  p<u'v'>.  Le  systeme  s'ecrit  T7D  : 


(pu)  +  (pv  +  <p'v’>)  =  0 

x  y 

puux  +  (pv  +  <p'v'>)  uy  =  Peue  ^  +  (uuy  -  p<u'v'>)v 


pu(C  T)  +  (pv  +  <p'v'>)  (CT) 
p  x  p  y 


-  U  p  u  pt 
e  e  dx 


♦  %  '  Wy  * "  V 


+  (-Cp  p<v'T’>)y  -  P<u'v’>uy 


(2) 


On  transforme  alors  les  equations  dans  le  plan  de  Levy-Lees  pour  tenir  ccmpte  de  1 '  epaississement  de  la 
couche  limite  : 


?(x)  =  /  p _  u  u  dx  ,  n(x,y)  =  dy  (3) 

fcr  c  fc-  / r  p 

o  /  25  o  e 

Le  choix  du  modele  de  turbulence,  la  loi  des  gaz  parfaits  et  la  relation  de  Sutherland  permettent  de  fermer 
le  systeme  ( 2 ) . 

Les  equations  sont  paraboliques  avec  pour  conditions  aux  limites  dans  le  plan  physique  : 

-  un  profil  initial  donne, 

-  &  la  paroi  :  u(x,o)  =  0,  v(x,o)  -  v  (x),  T(x,o)  =  Tw(x)  , 

-  8  l'exterieur  :  u(x,y  )  =  ug,  v(x,ye)  =  0,  T(x,yg)  =  Tg(x). 

la  vitesse  exterieure  ug  est  calculee  a  partir  de  la  distribution  de  pression  parietale  obtenue  experimenta- 
lement . 


MODELE  DE  TURBULENCE 

On  utilise  un  modele  algSbrique  pour  decrire  la  turbulence.  II  a  ete  montre  que  ce  type  de  representa¬ 
tion  donne  de  bons  resultats  pour  la  couche  limite  turbulente  au  voisinage  de  l'equilibre.  On  a  choisi  le 
modele  a  deux  couches  de  Cebeci-Smith.  La  visccsite  tourbillonnaire  est  exprimee  differemnent  selon  que 
l'on  est  pres  ou  loin  de  la  paroi  : 

-  Couche  interieure  : 

=  p(kty)2  (1  -  exp(-y/A)2  |^(  W 

avec  1/2 

A  =  A  v(^)  et  kj  =  0,8 

L' expression  de  A+  pour  la  couche  limite  compressible  avec  transfert  de  masse  a  la  paroi  est  donnee  par 
Marvin  (81  : 


A+  =  it  +  22  exp[-0,591  -  0,0725  F/Cf  +  0,00357  (F/Cf)2]  F/Cf  (5) 

-  Couche  exterieure  : 

e  =  k2  p  u  5?  y(y/6)  (6) 

o  ^  e  e  i 

avec 

k2  =  0,0168 

y(y/8)  =  [1  +  5,5(y/8) I-1 

5*  :  epaisseur  de  deplacement  incompressible 

L’ordonnee  y  de  la  limite  entre  les  deux  couches  est  telle  que  e.  =  e  . 

m  l  o 


A  *> 
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RESOLUTION  DES  EQUATIONS 


La  procedure  de  resolution  par  differences  finies  est  celle  de  Harris  [7].  C'est  une  methode  semi-ex- 
plicite  du  2e  ordre  oQ  les  ternes  non  lineaires  sont  fonction  des  deux  pas  precedents. 

Le  maillage  est  a  pas  variable  en  c  et  n.  On  obtient  un  pas  en  n  serre  au  voisinage  de  la  paroi  en  pre- 
nant  une  loi  en  puissance  : 

An^  =  K*  *  An  (7) 

On  a  choisi  les  valeurs  suivantes  : 

An !  =  5*  10-4  ,  K  =  1,08 

nmax>  demiere  valeur  de  c,  doit  etre  ajustee  telle  que  F(nmax)  *  10~7 . 


Les  equations  de  conservation  d'energie  et  de  quantite  de  mouvement  sont  resolues  simultanement  afin  de 
limiter  le  temps  de  calcul  et  1' equation  de  continuite  est  ensuite  resolue  numeriquement .  La  resolution  du 
systeme  tridiagonal  est  fait  e.  par  la  methode  d' elimination  des  blocs.  Apres  chaque  iteration,  les  coeffi¬ 
cients  sont  recaleules  pour  l'iteration  suivante.  On  utilise  une  ligne  relaxation  telle  que  : 

Cul.  =  [ul.  +  a  (Tult  -  [ul.  )  (8) 

J  J  J  J 

[u]  etant  un  vecteur  colonne  de  solutions.  Cult  la  solution  du  systeme  a  l'iteration  j  et  f!  le  facteur  de 
relaxation.  L'iteration  se  poursuit  j usqu ' a  satisfaction  du  critere  de  precision.  Cette  relaxation  permet 
la  convergence  du  calcul  dans  le  cas  de  forts  gradients  de  pression  ou  de  transferts  de  masse. 


La  linearisation  est  simplifiee  en  utilisant  les  relations  suivantes  pour  les  termes  non-lineaires  : 


62 

F0 


■ 2  »j  »j-i  -  ej-, 

s  L-i  ej  *  LVi 


F. 

J 


-1 


*J-1 


(9) 


oil  les  solutions  de  l'iteration  j-1  sont  utilisees  pour  la  j-eme  iteration. 

La  relaxation  et  la  linearisation  des  termes  non-lineaires  sont  les  deux  modifications  importantes  que 
nous  avons  apportees  a  la  methode  de  Harris. 


PROFIL  INITIAL 

Le  schema  de  differences  finies  de  Harris  pour  le  systeme  d' equations  paraboliques  requiert  deux  profils 
initiaux.  Ce  sont  les  solutions  semblables  laminaires  issues  du  systeme  d'equations  original  en  faisant 
5  =  0,  3/35  =  0.  C'est  le  profil  de  Blasius  pour  le  bord  d'attaque. 

On  peut  egalement  utiliser  un  profil  initial  issu  de  1' experience  et  prealablement  lisse.  Pour  le  profil 
turbulent,  la  diffusivite  de  la  turbulence  le  fait  rapidement  s' adapter  aux  conditions  limites.  Une  methode 
courante  est  d'engendrer  le  profil  initial  turbulent  5  partir  de  la  loi  de  Coles.  Nous  utilisons  la  loi  de 
paroi-sillage  de  Mathews  et  al  [9]  : 

77-  =  -7=  sin  {arc  sin  /o  [1  +  \  in(y /S)  -  (1  +  cos  )]}  (10) 

ue  G  k  kuS  6 

ou  a  et  n  sont  respectivement  le  facteur  de  correction  de  compressibilite  et  la  fonction  de  sillage  de  Coles. 
Cette  relation  ne  depend  que  de  Me,  Cf  et  5.  On  a  egalement  utilise  cette  relation  pour  calculer  Cf  et  6  3 
partir  du  profil  experimental  (Ref. 6). 


4_  application  a  la  couche  limite  de  paroi  plane 


COUCHE  LIMITE  SUR  UNE  TUYERE  ET  DANS  LA.  VEINE  D'ESSAI 

On  a  calcule  tout  d'abord  la  couche  limite  sur  la  tuyere  de  la  soufflerie  utilisee  pour  les  experiences. 

Le  calcul  d'une  couche  limite  de  tuyere  necessite  de  connaitre  ses  points  d'origine  et  de  transition.  On  de¬ 

cide  de  proceder  par  essais  successifs.  La  distribution  de  pression  exterieure  est  etablie  I  partir  de  la 
forme  de  la  tuyere.  Elle  est  prescrite  pour  la  couche  limite. 

On  continue  le  calcul  en  aval  de  la  tuyere,  sur  le  plancher  de  la  chambre  d'essai.  On  a  represente  sur 

la  figure  U  quatre  profils  de  nombre  de  Mach  pour  des  distances  x  de  88,  114,  136  et  150  nm  mesurees  3  par¬ 

tir  de  la  fin  de  la  tuyere.  Les  resultats  sont  compares  aux  mesures  faites  avec  la  sonde  double  statique/ 
totale  [6].  Leur  concordance  est  bonne. 


EFFET  DE  L' ASPIRATION  -  SIMULATION  DES  RUGOSITES 

On  place,  en  guise  de  plancher  inferieur  de  la  veine  d'essai,  la  paroi  poreuse  A'ID-BA .  Deux  taux  d 'aspira¬ 
tion  sont  appliques  3  la  couche  limite  turbulente  :  F  =  -0,0056  et  -0,008  et  on  realise  le  sondage  aux  quatre 


positions  deja  etudiees.  On  calcule  ensuite  la  couche  limite  en  utilisant  conme  profils  initiaux  ceux  me- 
sures  a  la  sortie  de  la  tuyere. 

Les  resultats  du  calcul  et  de  l'experience  sont  presenters  sur  la  figure  5.  L'effet  de  1 'aspiration  mo¬ 
dern  (F  =  -0,0056) credit  par  la  theorie  (profil  en  ligne  discontinue,  fig. Fa)  est  d'augnenter  la  vitesse  par 
rapport  a  celle  sur  paroi  pleine  (pointilles) .  Les  resultats  experimentaux  montrent  un  comportement  contrai- 
re  pour  les  deux  premiers  profils  (x  = 88  et  111*  ran).  On  en  conclut  que  l'effet  de  rugosite  de  la  paroi  l'em- 
porte  tant  que  la  couche  limite  n'est  pas  suffisarment  epaisse  et  que  les  rugosites  ne  sont  pas  noyees  dans 
la  sous-couche  laminaire,  ce  qua  peut  etre  le  cas  pour  le  troisieme  (x  =  136)  et  surtout  le  quatrieme  profil 
(x  =  130).  Meme  avec  une  aspiration  forte  (F  = -0,008  ,  fig. 5b)  le  premier  profil  est  encore  destabilise, 
Voisinet  [10]  a  nontre  que  l'effet  de  rugosite  etait  le  neme  que  celui  du  soufflage  pour  une  couche  limite 
supersonique . 


M  —14.3 


Notre  programme  permet  d'appliquer  un  soufflage,  en  debut  de  paroi  poreuse,  et  de  1'adapter,  en  intensite 
et  en  longueur,  de  sorte  que  le  profil  de  nombre  de  Mach  calcule  en  x  = 88  nri  soit  proche  du  profil  mesure. 
Cast  ce  que  1'on  obtient  avec  F  =  +0,006  et  £S0!,ffi  =  80  mm  (profil  en  ligne  continue,  fig. 5a  et  b).  La 
correspondance  theorie-experience  est  remarquable  pour  les  trois  premiers  profils  correspondant  a  Inspi¬ 
ration  moderee.  La  difference  observee  pour  le  demier  peut  etre  due  au  fait  que  inspiration  est  plus  im- 
portante  en  aval,  dans  les  experiences,  car  le  caisson  sous  la  paroi  est  a  pression  constante  et  l'ecoule- 
ment  supersonique  subissant  une  recompression  vers  1'aval,  le  Ap  d'aspiration  y  est  done  plus  fort.  Les 
striosocopies  revelent  egalement  cette  non-uni  fonnite  de  1 'aspiration. 

Quand  le  taux  d'aspiration  augmente  (F  =  -0,008  ,  fig. 5b),  la  correspondance  theorie  (avec  rugosites  si- 
mulees)  /  experience  est  bonne  pour  les  deux  premiers  profils.  Ensuite  l'effet  de  sur-aspiration  en  aval 
se  produit,  plus  accentue  que  dans  le  cas  precedent. 

On  a  compare  sur  la  figure  5c  les  profils  calcules  pour  les  trois  cas  F  =  0,  -0,0056  et  -0,0086.  Initia- 
lenent  (x  =  8?)  la  rugosite  l'emporte  sur  inspiration  pour  destabiliser  le  profil.  Ensuite  (x=  111))  les 
profils  "paroi  pleine"  et  "aspiration  forte"  coincident  sauf  au  voisinage  de  la  paroi  ou  ce  demier  est 
plus  plein,  ce  qui  entralne  un  point  d'inflexion.  Pour  x  =  136  ntn,  e'est  le  cas  "aspiration  moderee"  qui 
coincide  avec  celui  de  la  paroi  pleine  toujours  dans  la  partie  superieure.  Enfin,  pour  x  =  150  rnn  inspira¬ 
tion  l'emporte  sur  les  rugosites. 

Les  resultats  de  cette  premiere  partie  permettent  de  conclure  que  la  methode  de  calcul  de  la  couche  limi 
te  turbulente  est  operationnelle  tant  sur  paroi  pleine  qu'en  presence  de  transfert  de  masse.  Quand  la  paroi 
est  rugueuse,  il  faut  prendre  en  compte  son  etat  de  surface.  On  y  parvient  en  simulant  les  rugosites  par  in¬ 
jection  en  amont  de  la  paroi  poreuse.  La  distance  d' injection  et  son  taux  sont  ajustes  par  comparaison  avec 
l'experience  du  premier  profil  obtenu  sur  la  paroi.  Moyennant  cet  empirisme  on  peut  appliquer  le  calcul  au 
cas  de  1' interaction  choc  -  couche  limite  avec  aspiration. 


5  ANALYSE  DE  L* INTERACTION  ONDE  DE  CHOC  -  COUCHE  LIMITE  AVEC  ASPIRATION 


CTRI05C0PIES  DE  L’ INTERACTION.  PRESSION  STATIQUE  ET  TAUX  D'ASPIRATION 

Notre  objectif  est  de  calculer  le  developpement  de  la  couche  limite  sur  paroi  poreuse  qui  interagit  avec 
un  choc  oblique.  Le  couplage  n'est  pas  considere.  On  utilise  corme  donnee  la  pression  statique  mesuree  sur 
le  plancher.  Le  taux  d'aspiration  est  egalement  deduit  des  mesures.  Avant  d'analyser  et  d'utiliser  ces  re¬ 
sultats  experimentaux  ccrrme  condition  limite  du  calcul,  il  est  utile  de  faire  une  description  physique  des 
trois  cas  d' interaction  consideree,  sur  paroi  pleine  et  sur  paroi  poreuse  3  un  taux  modere  et  3  un  taux  fort 
d'aspiration. 

Les  photographies  des  strioscopies  par  etincelle  sont  montrees  sur  les  figures  6.  Le  choc  oblique  inter¬ 
agit  avec  la  couche  limite  turbulente  3  une  position  moyenne  de  110  mn.  Le  taux  d'aspiration  modere  (fig. 6b) 
est  fixe  pour  n'avoir  d'effet  qu’en  aval  de  1'impact.  Pour  cela  on  ajuste  la  pression  dans  le  caisson  (pc) 
egale  3  la  pression  3  1' inf ini  amont  (p„).  On  constate  qu'effectivement  la  couche  limite  est  aspiree  en  aval 
avec  un  effet  croissant  jusqu'a  x  =  150  m.  Les  ondes  de  Mach  issues  des  perturbations  dues  aux  fils  de  bore 
revelent  que  l'ecoulenent  est  supersonique  tres  pms  de  la  paroi.  Outre  la  diminution  apparente  de  la  couche 
limite,  par  rapport  au  cas  de  la  paroi  pleine,  on  remarque  la  penetration  plus  importante  du  choc  incident 
et  le  changement  de  structure  du  choc  reflechi  et  de  la  detente  associee  qui  le  suit.  L'aspiration  dite 
forte  (fig. 6c)  est  sentie  en  amont  du  point  d'impact  qui,  lui-meme,  senble  toucher  la  paroi.  La  detente  re- 
flechie  est  tres  reduite.  Dans  les  trois  cas  d'ecoulement  la  detente  issue  du  bord  de  fuite  de  la  rampe  at- 
teint  le  plancher  inferieur  en^ _ x  =  135  et  150  m. 

Les  sondages  de  pression  statique  dans  la  couche  limite  (fig. 7)  conp latent  la  description  strioscopique 
des  trois  cas  d' interaction.  La  pressicn  est  generalenent  constante  a  1 'exception  des  positions  proches  de 
1'impact  du  choc,  x  =  97  et  HA  m,  ou  les  sys^emes  d'ondes  compression-choc-detente  se  font  sentir. 

Les  distributions  de  pression  statique  sur  la  paroi  pleine  p„  ei  a  son  voisinage  irmediat  pj  (premier 
point  du  sondage  fig. 7)  sont  representees  sur  la  figure  8a.  Il  y  a  un  ecart  important  entre  et  pt /pt 


en  aval  de  1' impact  du  choc.  La  detente  au  bond  de  fuite  de  la  rampe  provoque  la  decroissance  de  la  pression 
3  partir  de  x  =  116  nm,  mais  il  est  difficile  actuellement  d'expliquer  la  difference  entre  la  pression  mesu- 
ree  a  x  =  136  nm  par  la  sonde  pres  de  la  paroi  avec  celle  relevee  sur  le  plancher  au  meme  endroit.  Le  sondage 
complet  de  la  couche  limite  apportera  des  informations  eomplementaires . 

La  pression  statique  au  voisinage  de  la  paroi  poreuse  est  representee  sur  les  figures  8b,  c,  pour  l'aspi- 
ration  moderee  (pc/pt=0,3  c'est-3-dire  pc  =  p„)  et  Inspiration  forte  (pc/pt  =  0.29  c'est-a-dire  p„-pc  =  7%  p„). 
Rappelons  que  la  pression  statique  est  mesuree  sous  la  paroi  poreuse  par  des  tubes  colles  sur  le  nid  d'abeille 
et  dont  1’ orifice  est  au  contact  de  la  paroi. 

L'aspiration  moderee  diminue  de  b0%  le  niveau  de  la  surpression  due  3  l'.impact  du  choc,  par  rapport  3 
l'interaction  nomale.  On  obtient  ainsi  l'effet  recherche  qui  est  de  reduire  la  perturbation  due  3  1'interac- 
tion.  L'adjonction  du  nid  d'abeille  n'a  pas  beaucoup  d'influence  sur  la  distribution  de  pression.  La  pression 
decroit  3  partir  de  x  =  136,  come  pour  la  paroi  pleine. 

L'aspiration  plus  forte  conduit  3  une  distribution  de  pression  statique  ;iu  voisinage  imediat  de  la  paroi 
tres  proche  de  la  pression  parietale  sur  paroi  pleine  (inferieure  de  seulement  3%  au  point  d' impact).  L'ad¬ 
jonction  du  nid  d'abeille  provoque  une  decroissance  plus  rapide  de  la  pression  statique  apres  le  choc. 

II  est  difficile  de  calculer  la  valeur  exacte  du  taux  d 'aspiration  local,  mais  on  sait  qu'il  est  propor- 
tionnel  3  la  difference  des  pressions  de  part  et  d' autre  de  la  paroi  poreuse  selon  la  loi  de  Darcy  : 


-  =  V 
A  vn 


ou  Q  =  taux  d'ecoulement  volumetrique,  de  viscosite  y,  3  travers  la  surface  d'aire  A 
Vn  =  vitesse  perpendiculaire  a  la  paroi 

K  =  permeabilite  de  la  paroi 
L  =  epaisseur  de  la  paroi 

ip  =  difference  de  pression  entre  les  deux  cotes  de  la  paroi 
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Pour  la  paroi  homogene,  on  peut  simplificer  cette  equation  en  definissant  un  coefficient  a  caracteristi- 
que  de  la  paroi  : 

^ local  =  a(ip)local  (12) 

Pour  la  paroi  consideree  ici,  le  coefficient  de  transfert  de  masse  s'exprime  par  : 


local  p  u„ 
e  e 


=  (2iM  -  Ec.)  x  (-2.8  xlO"1) 
Pt  Pt 


II  est  represente  sur  la  figure  9  pour  les  deux  taux  d'aspiration  (paroi  avec  nid  d'abeille). 


PROFILS  DE  NOMBRE  DE  MACH.  COMPARAISON  THEORIE-EXPERIENCE 

Les  profils  de  nombre  de  Mach  deduits  des  sondages  de  pressions  et  ceux  obtenus  par  le  calcul  sont  re- 

presentes,  pour  les  trois  interactions,  sur  la  figure  10.  Le  profil  initial  du  cas  de  la  paroi  pleine  est  le 

meme  que  celui  qui  a  ete  utilise  pour  le  calcul  du  chapitre  4.  Les  distributions  calculees  de  part  et  d'autre 
du  point  d' impact  sont  moins  sensibles  a  la  perturbation  de  pression  due  a  l'interaction  que  les  mesures.  &i 
appliquant  une  relaxation  sur  la  viscosite  tourbillonnaire  e  a  partir  du  premier  profil  selon  la  relation 
de  Sbang  et  Hankey  Til]  :  eeq  -  (eeq-e0)  exp  t-(x-x0)/A)  (l1!) 

oil  e0  est  la  viscosite  tourbillonnaire  amont  et  \  la  longueur  de  relaxation,  on  diminue  encore  la  sensibili- 
te  de  la  pression.  La  methode  de  calcul  direct  de  la  couche  limite  turbulente  qui  est  perfomante  quand  le 
gradient  de  pression  est  nul  ou  faible  ne  predit  done  pas  correctement  la  vitesse  au  voisinage  du  point 
d' impact  du  choc.  La  prise  en  compte  du  gradient  vertical  de  pression,  observe  experimentalement,  devrait 
pemettre  d'obtenir  une  meilleure  prediction.  Par  contre,  3  environ  10  60  en  aval  de  l'interaction 
(x  =  150  urn)  la  comparaison  est  3  nouveau  excellente. 

Les  profils  de  nombre  de  Mach  sur  paroi  poreuse  avec  aspiration  moderee  et  forte  sont  representes  sur 

les  figures  10b  et  c.  On  a  simule  les  rugosites  par  injection  come  pour  la  couche  limite  de  paroi  plane 

sans  interaction. 

Quand  l'aspiration  est  moderee,  les  effets  de  rugosite  l'emportent  et  la  couche  limite  est  destabilisee 
avant  l'interaction  :  le  parametre  de  forme  Hi  calcule  3  partir  des  profils  mesures  est  alors  proche  de  2 
alors  qu'il  valait  environ  1,4  pour  l'interaction  sur  paroi  pleine  (fig. 11a).  L' epaisseur  de  la  couche  li¬ 
mite  et  l'epaisseur  de  deplacement  6*  (fig. lib)  decroit  de  fagon  continue,  l'effet  de  l'aspiration  se  fai- 
sant  sentir  en  aval  d'avantage  qu'en  anont  du  fait  de  la  recompression.  La  comparaison  theorie-experience 
est  mediocre  dans  ce  cas  (fig. 10b).  L'accord  est  meilleur  dans  la  partie  superieure  du  profil  qu'en  paroi 
oQ  l'aspiration  est  surestimee  en  amont  et  sousestimee  en  aval  par  la  theorie.  On  ne  predit  pas,  au  point 
d' impact  pres  de  la  paroi  la  tendance  vers  le  decollement  observee  experimentalement.  En  fait,  cet  ecoule- 
ment  se  rapproche  de  celui  de  l'interaction  d'un  choc  avec  une  couche  limite  de  paroi  pleine  mais  prealable- 
ment  destabilise  par  soufflage  etudie  experimentalement  par  Leblanc  et  al  [ 5 ) •  La  modelisation  d'un  tel 
ecoulement  passe  necessairement  par  1' amelioration  du  modele  de  turbulence,  la  prise  en  compte  du  couplage 
des  ecoulements  visqueux  et  non  visqueux  et  du  gradient  de  pression  vertical  dans  la  couche  limite. 

Quand  l'aspiration  est  plus  forte,  la  prediction  theorique  est  tres  satisfaisante  (fig. 10c).  Le  para- 
m£tre  Hi  initialement  inferieur'3  1  decroit  continuement  de  meme  que  6*,  meme  au  point  d'impact  (fig. 11). 

La  contrainte  imposee  3  la  paroi  joue  un  role  preponderant  et  le  ralentissement  exterieur  du  au  choc  et 
impose  dans  le  calcul  se  transmet  integralement  jusqu'3  la  paroi  (x =  114  im) .  La  prediction  theorique  est 
alors  excellente.  II  existe  pnobablement  une  configuration  intemediaire  entre  les  deux  taux  d'aspiration 
qu'il  serait  interessant  d'analyser  comparativement  a  celle  de  l’interaction  sur  paroi  pleine. 
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6_  SYNTHESE  DES  RESULT  ATS.  PERSPECTIVES  FUTURES 


On  a  realise  avec  succes  la  modelisation  de  la  couche  limite  turbulente  sur  une  paroi  poreuse  avec  as¬ 
piration.  Les  equations  generales  etablies  dans  le  plan  transforms?  de  Levy-Lees  sont  ecrites  a  l'aide  de 
differences  finies  et  resolues  par  une  methode  semi-explicite  du  2e  ordre.  Le  module  algebrique  de  turbu¬ 
lence  de  Cebeei-Smith  est  nodifie  pour  tenir  ccnpte  du  transfert  de  masse.  La  methode  est  appliquee  a  la 
couche  limite  de  paroi  plane  a  M =  1,43.  La  distribution  de  pression  statique  est  imposee.  Les  resultats 
sont  en  tres  bon  accord  avec  les  nesures  faitss  sur  un  plancher  poreux  d'une  soufflerie  a  recyclage  du 
C.E.A.T.  Pour  obtenir  cette  bonne  correspondance,  il  est  necessaire,  dans  le  calcul,  de  simuler  l'effet  des 
regosites  par  un  soufflage  en  amont  de  la  zone  d'aspiration.  Un  modele  de  turbulence  prenant  en  compte  a 
la  fois  les  mgosites  et  le  transfert  de  masse  devrait  permettre  de  generaliser  la  methode. 

On  a  etudie  trois  cas  d' interaction  d'un  choc  oblique  cree  par  une  deviation  de  3°  a  M = 1,43,  avec  la 
couche  limite  turbulente  du  plancher  de  la  soufflerie  equipee  de  parois  pleine  et  poreuse.  Les  mesures  de 
pressions  et  les  visualisations  peuvent  etre  synthetisees  pour  foumir  une  schematisation  des  ecoulements, 
figure  12.  Dans  les  deux  premiers  cas,  le  systeme  des  ondes  de  compression  et  de  detente,  de  meme  que  le 
choc  incident,  penetrent  dans  la  couche  limite  jusqu'a  la  ligne  sonique  (comparaison  des  visualisations  et 
de  la  ligne  sonique  etablie  par  interpolation  des  profils  de  Mach).  La  difference  entre  les  sytemes  d' ondes 
figures  12a  et  b,  resulte  de  l'effet  observe  et  mesure  de  Inspiration  sur  devolution  de  l'epaisseur  de  la 
couche  limite,  de  la  vitesse  et  de  la  position  de  la  ligne  sonique. 

Notre  interpretation  du  systeme  d' ondes  sur  paroi  pleine  est  plus  proche  de  celle  de  Squire  et  3nith 
r 12 1  que  celle  de  Henderson  [131.  Par  une  analyse  notentielle  de  propagation  d' ondes  dans  un  milieu  de  den- 
site  variable,  celui-ci  aboutit  a  un  choc  en  \  sur  la  ligne  sonique  discontinue,  ce  que  nous  n'observons 
pas  et  semble  physiquement  peu  realiste.  La  refraction  du  choc  conduirait  alors  a  un  choc  ou  une  detente 
reflechis  selon  les  conditions  amont  et  le  gradient  de  densite.  Squire  et  Smith  pensent  que  le  choc  se  re- 
flechit  sur  la  ligne  sonique  cortme  sur  une  frontiere  libre  produisant  une  detente  dirigeant  l'ecoulement 
vers  la  paroi  qui  le  redresse  et  provoque  une  recompression.  Cette  description  est  coherente.  Dans  notre 
cas,  la  partie  subsonique  continue  3  s'epaissir  apres  la  reflexion  (effet  de  destabilisation  du  choc  inci¬ 
dent),  bien  que  la  couche  limite  s'amincisse  et  on  ne  voit  pas  nettement  l’onde  de  recompression  qui  doit 
suivre  l'eventail  de  detente. 

Avec  aspiration  moderee  (fig. 12b),  les  rugosites  rendent  la  couche  limite  en  amont  de  1 ' interaction 
plus  epaisse  que  celle  de  paroi  pleine.  On  trouve  alors  une  similitude  avec  les  mode les  d' interaction  des- 
stabilisee  de  Leblanc  et  al  [5]  et  Squire  et  al  [12].  Ici,  la  couche  limite  epaissie  n'est  pas  decollee 
(Hi  <2.0).  Le  gradient  de  pression  en  amont  du  choc  provoque  peu  d'epaississement  et  done  peu  de  compres¬ 
sion  observable.  Le  gradient  de  densite  a  travers  la  couche  limite  est  moins  fort  que  celui  de  la  paroi 
pleine  et  la  courbure  du  choc  incident  est  done  plus  faible.  Le  choc  incident  est  refracte  en  ondes  de  com¬ 
pression  qui  se  focalisent  en  choc  reflechi.  I'influence  amont  de  l'interaction  s'etale  d'avantage  que  dans 
le  cas  de  la  paroi  pleine,  comme  le  montre  la  distribution  de  pression  parietale.  La  partie  subsonique  res- 
te  d'epaisseur  presque  constante,  elle  tend  meme  5  diminuer  deja  avant  l'irpact  du  choc,  des  que  l' augmen¬ 
tation  de  pression  statique  est  suffisante  pour  augnenter  l'effet  de  l'aspiration.  On  peut  considerer  que 
l'effet  de  gradient  de  pression  adverse  et  celui  de  l'aspiration  se  compensent  et  maintiennent  l'Spaisseur 
de  la  couche  limite  constante.  Seule  la  partie  basse  montre  I'influence  de  l'aspiration.  Coime  la  couche 
limite  est  continuellement  aspiree  apres  le  point  d'impact,  l’ecoulement  est  accelere  et  l'intensite  de 
la  detente  est  plus  forte  que  sur  paroi  pleine.  La  reflexion  du  choc  incident  est  done  modifiee  par  l'as¬ 
piration.  II  y  a  des  points  conmuns  avec  le  cas  du  choc  incident  sur  une  deviation  divergente  de  la  paroi 
etudie  par  Chew  [14],  Cependant,  notre  modele,  3  la  difference  de  celui  de  Chew,  revele  la  presence  physi¬ 
que  des  ondes  choc-detente  ref techies  qui  s'annulent. 

Avec  aspiration  forte  (fig. 12c)  la  couche  limite  est  dej3  aspiree  en  amont  de  l'interaction,  elle  est 
tres  mince  et  le  modele  de  reflexion  ressenble  a  celui  du  cas  non-visqueux .  L'eventail  des  ondes  de  com¬ 
pression  reflechies  est  peu  ouvert  et  convergent  rapidement  avec  la  detente  pour  former  le  choc  reflechi. 

La  reflexion  se  fait  au  voisinage  inmediat  de  la  paroi,  la  partie  subsonique  de  la  couche  limite  etant  tres 
mince.  Cependant,  elle  continue  a  epaissir,  meme  avec  l'aspiration.  Juste  apres  l'inpact,  il  y  a  accelera¬ 
tion  de  l'ecoulement  exterieur  et  la  pression  statique  decroit  tres  vite.  Cependant,  du  point  de  vue  de  la 
reduction  des  effets  de  reflexion  de  choc,  l'aspiration  moderee  est  plus  efficace. 


La  methode  de  prediction  de  l'interaction  qui  calcule  la  couche  limite  avec  .gradient  de  pression  im¬ 
posee  est  satisfaisante  pour  les  deux  cas  extremes  :  paroi  pleine  et  aspiration  forte.  Elle  revele  ses  de- 
fauts  quand  l'aspiration  est  moderee.  D'une  part,  les  rugosites  ont  un  effet  destabilisateur  important  et 
doivent  etre  considerees  dans  le  modele  de  turbulence.  D'autre  part,  le  gradient  de  pression  a  travers  la 
couche  limite  qui  n'est  pas  negligeable  dans  la  region  du  point  d'impact  doit  jouer  un  role  important  sur 
la  couche  limite  destabilisee.  Il  faut  aussi  prendre  en  compte  le  couplage  entre  les  ecoulements  visqueux 
et  non  visqueux.  Ces  differents  points  sont  actuellement  a  l'etude  [15,16]. 
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Fig.l  -  Schema  du  montage  en  soufflerie 
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Fig. 2  -  ProbleSme  de  la  recirculation 
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Experimental  investigations  aire  presented/  aiming/ at  the  improvemeet  4n<the  off -design  performance 
of  supercritical  airfoils  by  active  or  passive  control  of  the  shock/boundary  layer  interaction  (SBLI) 
through  boundary  layer  suction  in  the  shock  region  or  ventilation  respectively. 

-n'  ■'  -"J'  T 

The  experiments  were  carried  out  in  the.DFVLIJ  Tflr*-Tnf Transonic  Mindtunnel  Gotti  ngenj(-TW&K-  * 
using  the  advanced  supercritical  airfoil  VFW  VA-2  designed  to  have  a  largely  fixed  shock  position  at 
off-design  conditions.  The  basic  model  was  equipped  with  an  exchangeable  control  device  within  the  shock 
region  to  allow  measurements  with  either  surface  clean,  suction  through  a  single  slot,  double  slot  or 
perforated  strip  or  ventilation  through  a  double  slot  or  perforated  strip.  The  effectiveness  of  the  dif¬ 
ferent  SBLI  control  methods  is  evaluated  from  surface  pressure  distribution,  wake  and  boundary  layer 
measurements  as  well  as  Schlieren  observations. 


It  is  shown  that  local  boundary  layer  suction  in  the  shock  region  mainly  delays  the  shock-induced 
separation  to  greater  shock  strength  and  stabilizes  the  shock  in  its  rearward  position  up  to  higher 
incidence,  resulting  in  substantial  improvements  in  the  airfoil  characteristics  at  off-design  conditions. 
Moreover,  without  any  suction^a  favourable  passive  effect  is  observed  by  boundary  layer  ventilation  on 
the  double  slot  and  perforated  strip ‘configurations  with  a  plenum  underneath.  This  leads  to  a  weakening 
of  the  shock  wave,  offering  a  large  potential  for  off-design  drag  reduction*  especially. 

A 

\ 

i.  INTRODUCTION 
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Major  improvements  in  aircraft  performance  have  been  reached  by  the  use  of  supercritical  wings 
characterized  by  an  extended  supersonic  flow  field  on  the  upper  surface  at  subsonic  speeds.  At  design 
condition,  the  supersonic  flow  field  is  terminated  by  a  nearly  isentropic  recompression  minimizing  the 
airfoil  drag.  In  the  off-design  case  however,  e.g.  at  higher  free-stream  Mach  number  or  incidence,  a 
compression  shock  wave  occurs  at  the  end  of  the  supersonic  zone,  resulting  in  a  drag  rise  due  to  a  higher 
viscous  drag  and  an  additional  wave  drag.  The  shock  strength  depends  on  the  deviation  from  the  design 
condition. 

An  important  effect  of  the  shock  wave  arises  from  the  substantial  thickening  of  the  boundary 
layer  in  the  shock  region,  which  increases  significantly  the  boundary  layer  thickness  at  the  trailing 
edge  too,  enhancing  the  separation  tendency  there  and  magnifying  the  viscous  lift  loss  via  the  Kutta 
condition.  Fig.  1.  At  stronger  shocks,  a  shock-induced  separation  bubble  or/and  trailing* edge  separation 
may  occur,  altering  completely  the  flow  field  around  the  airfoil.  Pearcy  (Ref.  1)  and  recently  Stanewsky 
(Ref.  2)  have  given  a  detailed  description  of  the  complex  interaction  phenomenon  between  the  shock  wave 
and  the  boundary  layer  flow  on  supercritical  airfoils  affecting  the  off-design  performance.  Further¬ 
more,  the  shock-induced  flow  separation  occuring  with  Increasing  Mach  numer  or/and  incidence  leads  to 
rapid  drag  rise  and  buffet  onset,  both  restricting  the  off-design  region  of  supercritical  airfoils. 


Because  of  the  key  role  of  the  shock/boundary  layer  interaction  (SBLI)  in  the  off-design  per¬ 
formance,  it  is  nearby  to  control  the  shock/boundary  layer  interaction  by  active  or  passive  means  with 
the  objective  to  delay  the  shock-induced  flow  separation  and  thus  to  reduce  the  shock-induced  drag  and 
to  extend  the  off-design  boundaries.  This  may  be  accomplished 
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•  either  actively  by  tangentially  blowing  (Ref.  3)  or  boundary  layer  suction  through  a  slotted 
or  perforated  wall  in  the  shock  region  (Refs.  4  to  8) 

e  or  passively  by  boundary  layer  ventilation  through  a  slotted  or  perforated  wall  with  a 
plenum  located  underneath. 

In  this  scope,  the  passive  effect  is  reached  by  a  partial  pressure  compensation  between  the  sub- 
and  supersonic  flow  regions  causing  blowing  upstream  and  sucking  downstream  of  the  shock.  But  the 
installation  of  an  efficient  SBLI  control  device  in  a  supercritical  wing  requires  a  wing  section  shape 
with  a  largely  fixed  shock  position  at  off-design  conditions,  as  realized  in  advanced  airfoil  design 
(e.g.  Ref.  9). 

The  objective  of  the  present  experimental  investigations  was  to  study  the  effects  of  both  active 
SBLI  control  by  boundary  layer  suction  through  either  a  single  slot,  a  double  slot  or  a  perforated  strip 
and  passive  control  by  boundary  layer  ventilation  through  either  a  double  slot  or  a  perforated  strip, 
positioned  in  the  shock  region,  on  the  flow  characteristics  of  a  modern  supercritical  airfoil  at  off-de- 
sign  conditions. 

The  present  paper  summarizes  results  of  active  SBLI  control,  published  partially  in  Refs.  4  to 
8,  16  and  17  already,  as  well  as  results  of  passive  control  obtained  more  recently. 


2.  TEST  SET-UP 


The  experimental  investigations  were  carried  out  in  the  lm  x  lm  Transonic  Windtunnel  Gdttingen 
(TUG)  of  the  DFVLR,  using  the  two-dimensional  supercritical  airfoil  VFW  VA-2  designed  for  M®  =  0.75 
and  c.  =  0.53.  This  airfoil  was  chosen  for  the  installation  of  the  SBLI  control  device,  because  of  its 
smallLshock  shifting  at  off-design  conditions,  and  furthermore  extensive  experimental  data  are  available 
for  the  basic  airfoil  without  SBLI  control  (Refs.  10  and  11). 


The  basic  model  was  equipped  with  an  exchangeable  insert  in  the  shock  region  for  measurements 
with  either  surface  clean  (without  control),  boundary  layer  suction  through  a  single  slot,  a  double  slot 
or  a  perforated  strip  or  ventilation  through  a  double  slot  or  a  perforated  strip.  Fig.  3.  The  Insert 
is  placed  at  the  shock  position  for  the  off-design  Mach  number  M,,,  =  0.78  (Re,*,  =  2.5  x  10”,  transition 

fixed).  Details  of  the  model  configuration  equipped  with  the  single  slot  insert  are  shown  in  Fig.  4. 

The  slot  width  s  =  0.6  mm  was  designed  for  a  suction  coefficient  of  cQ  =  0.0006.  The  suction  duct  within 
the  model,  seen  in  the  top  view  in  Fig.  4  with  the  insert  removed,  was  made  conically  in  order  to  get 


a  nearly  constant  duct  velocity.  Fig.  5  shows  details  of  the  model  equipped  with  the  perforated  strip 
insert  for  active  and  passive  SBLI  control.  The  insert,  in  which  a  s  =  15  mm  wide  perforated  strip  is 
cemented,  separates  a  plenum  from  the  suction  duct  by  a  web  containing  throttling  holes.  The  hexagonal 
electron-beam  drilled  perforation,  with  a  d  =  0.3  mn  hole  diameter  and  a  a  =  1  mm  hole  distance,  has 


an  opening  of  8.16  %. 


Fig.  6  shows  the  general  arrangement  of  the  2-D  model  in  the  tunnel  for  surface  pressure  distri- 
butation,  wake  traverse  and  boundary  layer  probe  measurements  as  well  as  Schlieren  observations.  The 
model  with  a  c  =  200  mm  chord  length  and  a  b  =  1  m  span  was  fixed  at  both  ends  in  rotable  plates,  embedded 
in  the  test  section  walls  in  order  to  change  the  angle  of  attack.  The  part  of  the  model  equipped  with 
the  SBLI  control  device  has  a  span  of  500  mm.  In  the  symmetry  plane,  the  pressure  distribution  was  measu¬ 
red  at  54  positions  around  the  airfoil.  The  airfoil  lift  was  obtained  by  integration  of  the  measured 
pressure  distribution.  The  two-dimensionality  of  the  flow  was  checked  on  the  upper  surface  by  two  addi¬ 
tional  rows  of  chor^ise  pressure  taps,  each  200  mm  of  the  symmetry  plane.  The  airfoil  drag  was  evaluated 
from  wake  measurements  two  chordlength  downstream  of  the  trailing  edge.  The  boundary  layer  measurements 
were  made  in  a  chordwise  plane  50  mm  of  the  symmetry  plane  by  a  combined  pitot-static-directional  probe. 
The  buffet  onset  was  determined  from  the  RMS- value  recognizing  a  steep  increase  of  the  model  wing  root 
bending  moment,  and  from  Schlieren  observations  of  the  upper  surface  flow  field.  All  test  and  data  reduc¬ 
tion  procedures  are  described  in  Ref.  12. 

The  lm  x  lm  Transonic  Windtunnel  Gottingen  (TWG)  of  the  DFVLR  is  a  pressurized  closed-circuit 
continuos  working  tunnel  with  6  %  open  perforated  test  section  walls,  described  in  Ref.  13,  allowing 
Independent  Reynolds  and  Mach  number  variations.  Fig.  7  shows  the  test  set-up  in  the  TWG.  In  the  side 
view,  the  suction  tube  fixed  on  both  sides  of  the  airfoil  model  Is  visible.  The  suction  unit  is  computer 
controlled.  In  these  tests,  the  suction  coefficient  could  be  varied  in  the  range  of  0  s  cQ  £  0.0012. 

The  boundary  layer  probe  with  the  probe  drive  unit,  shown  in  the  front  view,  was  mounted  independently 
of  the  model  at  the  sting,  which  usually  serves  for  supporting  complete  aircraft  models. 


During  the  tests,  extensive  surface  pressure  distribution,  wake  traverse  and  boundary  layer  probe 
measurements  as  well  as  Schlieren  observations  were  performed  on  the  four  model  configurations  described 
in  Fig.  3.  In  most  active  control  experiments,  the  suction  coefficient  was  kept  constant  cQ  =  0.0006, 
but  in  some  cases  it  was  also  varied  between  cQ  =  0.00045  and  0.0012.  The  SBLI  control  device  was 
designed  for  the  off-design  Mach  numbers  of  M®  =  0,78,  however  the  Mach  numbers  covered  during  the 
experiments  ranged  in  some  cases  from  M®  =  0.6  to,0.86.  The  Reynolds  number,  based  on  the  chord  length, 
was  held  approximately  constant  at  Re®  =  2.5  x  10”  for  all  Mach  numbers  tested.  In  order  to  simulate 
more  realistic  flow  conditions,  boundary  layer  transition  was  fixed  at  30  %  chord  on  the  upper  and  at 
25  %  chord  on  the  lower  surface. 


3. 


RESULTS  AND  DISCUSSIONS 


From  the  large  number  of  experiments  performed  since  1979,  only  a  few  typical  results  of  active 
and  passive  S8LI  control  shall  be  presented  and  discussed  here. 


3.1  Active  S8LI  control  by  suction 

First,  the  effects  of  active  SBLI  control  by  suction  through 

•  a  single  slot 

•  a  double  slot 

•  and  a  perforated  strip 

in  the  shock  region  of  the  VFW  VA-2  supercritical  airfoil  will  be  described  and  compared. 


3.1.1  Global  effects 

Before  analysing  the  flow  over  the  airfoil  in  some  detail,  let  us  begin  with  the  global  effects. 
Fig.  8  shows  the  influence  of  boundary  layer  suction  in  the  shock  region  of  the  three  model  configurations 
on  the  lift  coefficient  of  the  VFW  airfoil  at  various  Mach  numbers.  In  comparison  with  the  basic  closed- 
wall  configuration  without  control,  not  only  pronounced  differences  can  be  observed  for  all  suction 
variants  at  off-design  conditions,  but  also  marked  deviations  occur  between  the  various  suction  configura¬ 
tions.  On  the  contrary,  at  low  angles  of  attack  these  differences  are  small.  The  single  slot  suction 
model,  tested  only  at  =  0.78,  proves  to  be  most  effective.  With  slot  suction  the  lift  rise  can  be 
continued  beyond  the  buffet  boundary  so  that  a  maximum  lift  increase  of  about  25  %  is  obtained  at  a  suc¬ 
tion  coefficient  of  cQ  =  0.0006.  Stronger  suction  causes  only  a  slightly  higher  lift  increase,  not  shown 
here.  But  the  positive  single  slot  suction  effects  are  restricted  to  a  very  limited  Mach  numer  range 
in  which  shock  and  slot  position  match  well.  This  disadvantage  can  be  avoided  by  double  slot  suction 
showing  similarly  positive  effects  in  the  entire  Mach  number  range  tested.  It  is  remarkable,  that  with 
the  exception  of  M^  =  0.78  and  0.8  no  distinct  lift  maximum  appears  in  the  double  slot  suction  case. 

In  contrast  to  this,  suction  through  a  perforated  strip  shows  to  be  not  as  effective  as  double  slot  suc¬ 
tion  in  the  lower  Mach  number  range  but  superior  to  the  latter  one  at  higher  Mach  numbers. 

Also  the  drag  of  the  VFW  airfoil  is  most  favourably  affected  by  suction  in  the  shock  region,  as 
the  comparison  of  the  drag  coefficients  of  the  three  suction  configurations  with  the  basic  airfoil  without 
suction  demonstrates.  Fig.  9.  Single  slot  suction,  tested  solely  at  M«,  =  0.78,  reduces  the  drag  only 

at  higher  angles  of  attack.  On  the  contrary,  double  slot  suction  leads  to  drag  reductions  even  at  low 
angles  of  attack.  Furthermore,  the  steep  drag  rise  is  largely  avoided  by  double  slot  suction,  and  at 
higher  incidence,  the  drag  is  reduced  drastically  up  to  40  %.  For  suction  through  a  perforated  strip, 
the  drag  coefficients  measured  only  for  two  Mach  numbers  and  a  few  angles  of  attack  indicate  reductions 
in  the  same  order  as  for  double  slot  suction. 

Fig.  10  shows  the  influence  of  local  suction  in  the  shock  region  of  the  three  configurations  on 
the  buffet  boundary  of  the  VFW  airfoil, determined  from  the  RMS-signals.  A  strong  buffet  onset  delay  was 
found  in  the  case  of  single  slot  suction  at  MB  =  0.78,  where  shock  and  slot  position  are  well  matched, 
but  this  positive  effect  is  restricted  to  a  very  limited  Mach  number  range.  Double  slot  suction,  on  the 
contrary,  leads  to  a  smaller  but  over  the  entire  investigated  Mach  number  range  existing  delay  of 
buffeting.  It  is  remarkable,  that  for  this  suction  configuration  the  buffet  intensity  was  decreased  with 
increasing  Mach  number,  and  that  at  M,*  >  0.82  buffeting  couldn't  be  detected  at  all.  Suction  through 
a  perforated  strip  shows  to  have  not  any  positive  effect  on  the  buffet  boundary  at  low  Mach  numbers  up 
to  M,*,  =  0.74,  but  at  higher  Mach  numbers  0.78  <MCX)  <  0.84  it  even  surpasses  the  double  slot  suction. 
However,  with  suction  the  buffet  intensity  of  the  perforated  strip  configuration  did  not  vanish. 


3.1.2  Local  effects 

After  demonstrating  the  effects  of  various  active  SBLI  control  methods  on  the  overall  aerodynamic 
characteristics  of  the  VFW  airfoil,  the  Influence  of  local  boundary  layer  suction  in  the  shock  region 
on  the  flow  field  structure  of  the  airfoil  will  be  analysed  in  more  detail.  Especially,  an  attempt  will 
be  made  to  give  reasons  for  the  strong  suction  effects  on  the  airfoil  characteristics  described  in  the 
previous  chapter. 

The  preceding  figures  have  shown,  that  the  largest  improvements  over  the  basic  closed-wall 
model  were  gained  in  the  region  of  the  off-design  boundaries  caused  by  shock-induced  flow  separations. 
Hence,  boundary  layer  measurements  were  made  on  the  upper  surface  of  the  basic  and  the  three  suction 
configurations  at  Mo,  =  0.78,  for  which  the  suction  device  was  placed  to  fit  best  the  shock  position. 

Some  remarks  have  to  be  made  concerning  the  quality  of  the  boundary  layer  probe  measurements  con¬ 
ducted  in  a  transonic  tunnel  on  an  airfoil  model  of  moderate  size.  In  the  attached  flow  region  upstream 
of  the  shock,  the  boundary  layer  displacement  thickness  is  of  the  same  order  as  the  probe  used 
(0.15  mu  high  flattened  pitot  tube),  resulting  in  inaccurate  results.  Further  downstream  in  the  shock 
region,  the  probe-induced  disturbances  may  be  rather  large,  leading  also  to  incorrect  results.  Finally, 
a  pitot  probe  is  not  able  to  measure  reverse  flow  velocities  within  a  separation  bubble. 
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The  effect  of  single  slot  suction  on  the  pressure  distribution  and  the  upper  surface  boundary 
layer  development  is  shown  in  Fig.  11  for  =  0.78  and  both  incidences  OC  =  4°  and  5°  corresponding 
to  the  onset  of  buffeting  without  and  with  suction  respectively.  In  the  first  case,  CC  =  4°,  the 
measured  pressure  distributions  with  and  without  suction  differ  only  in  the  shock  regiSn,  which  can  be 
better  understood  with  the  measured  boundary  layer  velocity  profiles.  Fig.  12,  and  the  displacement 
thickness  data.  The  pressure  distribution  without  suction  shows  a  shock  located  slightly  upstream  of 
the  slot,  the  existence  of  a  shock-induced  separation  bubble  about  to  expand  rapidly,  and  a  still 
attached  trailing  edge  flow.  With  suction,  the  boundary  layer  thickness  is  considerably  reduced  and  the 
separation  bubble  has  disappeared,  affecting  the  entire  downstream  flow  development.  As  a  consequence 
of  the  shock/boundary  layer  interaction,  the  shock  is  located  further  downstream  close  to  the  slot  with 
increased  strength.  Larger  shock  strength  and  thinner  boundary  layer  result  in  additional  wave  drag  and 
higher  friction  drag,  which  are,  however,  more  than  compensated  by  pressure  drag  reductions.  Fig.  9. 

At  higher  incidence,  CC  =  5°,  the  upper  surface  pressure  distribution  and  boundary  layer  develop¬ 
ment  is  completely  different  in  both  cases  with  and  without  single  slot  suction,  Fig.  11,  as  is  also 
evident  from  the  measured  boundary  layer  velocity  profiles,  plotted  in  Fig.  13.  Without  suction,  the 
buffet  boundary  has  been  clearly  exceeded,  and  the  pressure  distribution  shows  the  shock  far  upstream 
of  the  slot,  while  the  shock-induced  flow  separation  reaches  downstream  to  the  trailing  edge,  indicated 
by  the  negative  trailing  edge  pressure  coefficient  and  the  extreme  boundary  layer  thickening  at  the  rear 
part  of  the  airfoil.  With  single  slot  suction  applied,  the  supersonic  flow  is  accelerated  to  a  local 
Mach  number  of  M  =  1.44  at  the  slot,  causing  without  suction  at  that  Mach  number  severe  separation 
behind  the  shock:  But  in  the  suction  case,  only  a  local  separation  bubble  is  induced  similar  to  that 
at  a  =  4“  without  suction;  and  the  trailing  edge  flow  is  still  attached.  The  single  slot  suction 
effect^on  the  pressure  distribution  causes  corresponding  changes  in  lift,  Fig.  8,  and  buffet  onset. 

Fig.  10;  and  the  reduced  flow  separation  results  in  a  considerable  net  drag  reduction.  Fig.  9. 

Fig.  14  shows  the  influence  of  SBLI  control  by  double  slot  suction  on  the  pressure  distribution 
and  the  upper  surface  boundary  layer  development  for  M®  =  0.78  and  a  =  4°  and  5°  corresponding  to 
the  onset  of  buffeting  without  and  with  control  respectively.  At  a  =  4°,  the  pressure  distribution 
is  affected  by  double  slot  suction  only  in  the  shock  region.  In  both"cases,  with  and  without  control, 
the  shock  is  located  immediately  upstream  of  the  front  slot,  and  the  trailing  edge  flow  is  attached. 

But  with  control,  the  measured  boundary  layer  data  indicate  a  significantly  stronger  boundary  layer 
thickening  within  and  behind  the  shock  region,  resulting  in  a  considerably  more  diffused  smearing  of 
the  pressure  rise  across  the  shock.  This  behavior  is  a  consequence  of  the  common  plenum  for  both  suction 
slots,  leading  to  different  suction  rates  of  the  slots  due  to  the  pressure  gradient  in  the  shock  region, 
and  in  this  case  even  to  blowing  instead  of  sucking  of  the  front  slot  and  increased  suction  of  the  rear 
slot.  This  additional  passive  effect  will  be  discussed  in  more  detail  in  the  next  chapter.  As  a  result 
of  the  weaker  shock  and  the  thicker  boundary  layer  over  the  rear  part  of  the  airfoil,  wave  drag  as  well 
as  friction  drag  is  reduced  to  an  amount  which  is  not  nearly  compensated  by  increased  pressure  drag, 
see  Fig.  9. 

At  higher  incidence,  at  =  5°,  SBLI  control  by  double  slot  suction  has  a  large  effect  on  the 
upper  surface  boundary  layer  development  and  thus  on  the  pressure  distribution.  Without  control,  the 
upper  surface  flow  is  in  a  condition  beyond  the  buffet  boundary  and  has  the  typical  behavior  discussed 
already  in  Fig.  11,  while  in  the  control  case,  the  measured  data  indicate  indeed  a  large  separation 
bubble  induced  behind  the  shock  but  attached  flow  at  the  trailing  edge.  The  pressure  distribution  with 
a  shock  located  immediately  upstream  of  the  front  slot  is  very  similar  to  that  at  cC  =  4°  without 
control.  The  more  rearward  shock  position  with  active  control  is  responsible  for  the  increased  lift 
coefficient  and  the  extended  buffet  boundary.  Figs.  8  and  10;  and  the  reduced  flow  separation  leads  to 
drastical  net  drag  reductions.  Fig.  9.  However,  so  far  it  is  not  completely  understood  why  the  buffet 
intensity  decreases  when  the  double  slot  suction  is  employed. 

Unlike  the  slot  suction,  the  electron-beam  drilled  perforated  strip  provides  a  distributed  suction 
in  the  shock  region.  However,  the  suction  distribution  of  the  perforated  strip  is  not  constant  in  stream- 
wise  direction  because  of  the  strong  pressure  gradient  in  this  region,  leading  to  blowing  instead  of 
sucking  in  the  forward  part  of  the  strip  at  a  suction  coefficient  of  c„  =  0.0006.  The  SBLI  control  effect 
by  suction  through  a  perforated  strip  on  the  pressure  distribution  andnhe  upper  surface  boundary  layer 
is  shown  in  Fig.  15  for  =  0.78  and  the  angles  of  attack  at  =  4°  and  5°  corresponding  to  buffet 
onset  without  and  with  control  respectively.  At  both  incidences, "the  changes  of  the  upper  surface 
pressure  distribution  and  boundary  layer  development  caused  by  suction  on  the  perforated  strip  model 
are  very  similar  to  those  obtained  with  the  double  slot  model.  Fig.  14.  In  comparison  with  the  double 
slot  results,  it  seems  that  the  shock  flattening  is  more  intense  and  the  boundary  layer  thickening  in 
the  shock  region  is  less  strong.  At  lower  Mach  numbers,  M„  <  0.78,  the  positive  strip  suction  effects 
vanish,  because  the  shock  is  located  too  far  upstream  of  the  perforated  strip.  At  higher  Mach  numbers. 

Mo,  >  0.78,  the  airfoil  performance  improvements  by  strip  suction  are  sligthly  higher  due  to  its  better 
adapted  SBLI  control  than  in  the  double  slot  suction  case. 


3.2  Passive  SBLI  control  by  ventilation 

During  the  measurements,  a  strong  passive  effect  was  observed  on  the  double  slot  and  perforated 
strip  models  without  any  suction  in  comparison  with  the  basic  closed-wall  model.  In  experiments 
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of  Bahi  et  al .  (Ref.  14)  a  30  %  chord  porous  surface  with  a  cavity  underneath  was  used,  to  reduce  the 
wave  drag  of  a  circular  arc  and  a  supercritical  wall  model  (without  lift)  by  weakening  the  shock  strength. 
Preliminary  investigations  with  the  objective  to  suppress  completely  shocks  on  a  transonic  airfoil  were 
made  by  Savu  et  al .  (Ref.  15)  using  a  perforated  upper  surface  with  a  cavity  underneath  reaching  nearly 
from  the  leading  to  the  trailing  edge. 

In  the  following,  results  of  passive  SBLI  control  by  ventilation  through 

•  a  double  slot 

•  and  a  perforated  strip 

in  the  shock  region  of  the  VFW  airfoil  covering  only  7.5  %  of  the  chordlength  will  be  described  and 
discussed. 


3.2.1  Global  effects 

Before  analysing  details  of  the  complex  flow  development  over  the  airfoil  with  passive  SBLI 
control,  global  effects  will  be  treated.  In  Fig.  16  lift  polars  of  both  models  equipped  with  the  double 
slot  and  the  perforated  strip  insert  are  compared  at  various  Mach  numbers  with  the  basic  model  results 
wH.iout  ventilation.  For  the  double  slot  configuration,  a  favourable  passive  effect  was  obtained  at  off- 
design  conditions  at  all  Mach  numbers  tested  showing  no  distinct  lift  maxima.  For  the  perforated  strip 
configuration,  on  the  contrary,  the  measured  lift  maxima  at  low  Mach  numbers  M00<  0.76  are  lower  than 
w.chout  control,  but  in  the  higher  Mach  number  range  the  maximum  lift  coefficients  are  considerably  in¬ 
creased. 

Passive  SBLI  control  by  boundary  layer  ventilation  offers  a  large  potential  for  drag  reductions 
of  supercritical  airfoils  at  off-design  conditions,  demonstrated  in  Fig.  17  for  the  double  slot  and  the 
perforated  strip  model.  Even  at  low  incidence,  the  drag  coefficient  is  slightly  decreased  in  comparison 
with  the  basic  model.  However,  at  off-design  conditions  with  strong  shock/boundary  layer  interactions, 
great  drag  reductions  -  about  in  the  same  order  as  measured  in  Ref.  14  -  are  obtained  for  both  the  double 
slot  and  the  perforated  strip  configurations. 

Fig.  18  shows  substantial  improvements  of  the  lift/drag  polars  of  the  VFW  airfoil,  characterizing 
the  aerodynamic  quality,  by  passive  SBLI  control  through  boundary  layer  ventilation  in  the  shock  region 
using  both  the  double  slot  and  the  perforated  strip  at  various  Mach  numbers.  Not  only  in  the  off -design 
region  with  strong  shocks,  substantial  improvements  in  L/D  could  De  obtained,  but  also  the  optimum  L/D- 
ratiiv  could  be  improved  by  about  15  %.  From  the  few  perforated  strip  test  cases,  it  seems  that  this 
configuration  is  more  effective  than  the  double  slot  configuration.  The  results  presented  show  the 
passive  control  to  be  very  attractive. 

The  passive  effect  of  the  double  slot  and  the  perforated  strip  devices  on  the  buffet  boundary 
of  the  VFW  airfoil  is  demonstrated  in  Fig.  19.  The  double  slot  device  increases  the  buffet  boundary  in 
the  entire  Mach  number  range  tested.  With  perforated  strip  ventilation  applied,  at  lower  Mach  numbers 
Moo  <0.78  no  effect  at  all  on  buffet  onset  was  found,  whereas  in  the  higher  Mach  number  range 
0.78  <  Moo  <  0.84  even  the  double  slot  suction  results  were  surpassed.  However,  the  most  striking 
result  of  the  double  slot  experiment  was,  that  in  the  Mach  number  range  investigated,  in  contrary  to 
the  other  configurations,  neither  shock  oscillations  could  be  detected  in  Schlieren  observations  beyond 
the  buffet  boundary,  nor  severe  buffeting  was  indicated  by  the  RMS-signals.  Moreover,  buffeting  was 
completely  ceased  at  Moo  >  0.82,  although  the  flow  was  separated  downstream  of  the  shock.  It  seems  that 
the  strong  coupling  between  shock  and  trailing  edge  flow  behavior  is  largely  suppressed  by  double  slot 
ventilation. 

By  comparing  the  results  of  passive  SBLI  control  with  those  of  active  control,  as  done  in  Refs. 

16  and  17,  it  can  be  established  that  the  passive  effects  are  dominant  for  the  configurations  investi¬ 
gated.  Compared  to  active  control,  only  a  slightly  lower  improvement  in  off-design  performance  but  a 
clearly  smaller  extension  of  the  buffet  boundary  was  obtained  by  passive  control. 


3.2.2  Local  effects 

Now,  the  attempt  will  be  made  to  interpret  the  strong  passive  effects  of  the  double  slot  and  perfo¬ 
rated  strip  devices  on  the  overall  aerodynamic  characteristics  of  the  VFW  airfoil  by  means  of  the  pressure 
distribution  and  boundary  layer  measurements  performed  during  the  experimental  investigations.  Fig.  20 
shows  the  influence  of  double  slot  ventilation  on  the  pressure  distribution  and  the  upper  surface  boundary 
layer  development  for  Mm  =  0.78  and  the  angles  of  attack  <X  =  4°  and  5°  corresponding  to  buffet  onset 
without  and  with  passive  control  respectively.  In  the  first  case,  cC  =  4°,  the  pressure  gradient  in 
the  shock  region  is  definitely  flattened  and  the  boundary  layer  is  mach  more  thickened,  resulting  in 
considerable  airfoil  drag  reductions. 

This  passive  effect  is  caused  by  a  partial  pressure  compensation  through  the  plenum  underneath 
the  shock  between  the  sub-  and  supersonic  flow  fields.  Due  to  the  strong  pressure  gradient  in  the  shock 
region,  a  secondary  flow  develops  leading  to  blowing  of  the  forward  slot  and  sucking  of  the  rearward 
slot.  As  a  consequence  of  the  secondary  flow,  the  streamline  curvature  is  changed  in  the  shock  region, 
causing  a  better  matching  of  both  the  super-  and  the  subsonic  flow  fields  at  off-design  conditions, 
and  eventually,  a  weakening  of  the  shock  strength  and  a  reduction  of  the  wave  drag.  This  favourable 
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passive  effect  is  intensified  by  an  increased  boundary  layer  thickening  in  the  shock  region  due  to  the 
additional  passive  boundary  layer  control  by  combined  blowing  and  suction  including  the  strong  influence 
of  blowing  on  the  turbulence  structure.  Up  to  now,  the  understanding  of  the  passive  SBL1  control  mecha¬ 
nism  is  by  no  means  complete,  so  that  further  more  detailed  investigations  about  the  flow  field  structure 
in  the  shock  region  are  necessary. 

The  present  knowledge  of  the  ventilation  mechanism  of  the  double  slot  model  is  confirmed  as  well 
by  the  measured  pressure  distribution  and  boundary  layer  data  at  inher  incidence,  a  =  5°.  Without 
passive  control,  severe  buffeting  was  found  with  the  upper  surface  flow  extensively  separated  as  in 
Fig.  11,  while  with  ventilation,  buffeting  was  not  yet  observed  showing  a  pressure  distribution  -  like 
that  of  a  =4°  without  ventilation  -  with  the  shock  stabilized  immediately  upstream  of  the  forward 
slot  and  tfle  flow  attached  at  the  trailing  edge.  The  more  rearward  shock  position  of  the  double  slot 
configuration  is  responsible  for  the  lift  increase,  Fig.  16,  and  the  extension  of  the  off-design  region. 
Fig.  19. 

The  passive  effect  of  the  perforated  strip  on  the  pressure  distribution  and  the  boundary  layer 
data  at  =  0.78  is  very  similar  to  that  of  the  double  slot,  Fig.  21.  However,  it  seems  that  at  both 
angles  of  attack  ag  =  4°  and  5°  the  shock  is  more  smeared  and  the  boundary  layer  is  less  thickened 
by  using  the  perforated  strip  than  by  the  double  slot.  At  £  0.78,  the  perforated  strip  is  somewhat 
superior  to  the  double  slot  due  to  its  better  adapted  passive  SBLI  control,  see  Figs.  16  to  19.  Again, 
the  gain  in  lift  and  buffet  onset  is  caused  by  the  strong  passive  effect  of  the  perforated  strip  on  the 
shock  location.  The  net  drag  reduction  is  a  result,  at  low  incidence,  of  the  thickened  boundary  layer 
and  the  weakened  shock,  and  at  high  incidence,  mainly  of  the  delayed  shock-induced  separation.  At  lower 
Mach  numbers,  the  perforated  strip  is  not  as  effective  as  the  double  slot,  because  the  shock  is  located 
too  far  upstream  of  the  perforation  strip. 


4.  CONCLUSIONS 

The  present  experimental  investigations  have  generally  confirmed  that  the  off-design  performance 
of  supercritical  airfoils  can  be  considerably  improved  by  active  and  passive  shock/boundary  layer  inter¬ 
action  (SBLI)  control. 

In  detail  the  results  show  that  active  SBLI  control  through  local  boundary  layer  suction  in  the 
shocK  region  mainly  delays  the  shock-induced  separation  to  greater  shock  strength  and  stabilizes  the 
shock  in  its  rearward  position  up  to  higher  incidence,  resulting  in  a  lift  gain  and  drag  reduction  at 
off-design  conditions  as  well  as  an  extension  of  the  off-design  boundaries. 

The  maximum  lift  increase  of  about  25  %  was  obtained  by  single  slot  suction,  but  because  of  the 
shock  shifting  with  Mach  number  this  result  is  restricted  to  a  very  limited  Mach  number  range,  in  which 
shock  and  slot  position  match  well.  This  disadvantage  can  be  avoided  by  double  slot  or  perforated  strip 
suction  showing  similarly  positive  effects  in  the  entire  Mach  number  range  tested.  However,  due  to  an 
additional  shock  weakening  effect,  double  slot  and  perforated  strip  suction  leads  to  slight  drag  reduc¬ 
tions  even  at  low  angles  of  attack  and  to  large  drag  reductions  at  higher  incidence. 

During  the  experiments,  a  strong  passive  effect  was  observed  by  boundary  layer  ventilation  on 
the  double  slot  and  perforated  strip  configurations  without  any  suction.  The  passive  effect,  caused  by 
a  partial  pressure  compensation  between  the  sub-  and  supersonic  flow  fields  through  the  plenum  under¬ 
neath  the  shock,  leads  to  a  weakening  of  the  shock  wave.  Besides  the  gain  in  lift  and  buffet  onset, 
passive  SBLI  control  offers  mainly  a  large  potential  for  off-design  drag  reductions  up  to  40  %.  The  most 
striking  result  of  the  double  slot  investigation  was  that  in  the  entire  Mach  number  range,  in  contrast 
to  the  other  configurations,  no  severe  buffeting  could  be  detected  beyond  the  buffet  boundary. 

So  far  the  understanding  of  the  passive  SBLI  control  mechanism  is  by  no  means  complete.  The  present 
measurements  did  not  allow  a  detailed  investigation  of  the  flow  field  structure  in  the  shock  region. 
Further  more  detailed  investigations  are  planned  on  a  larger  model,  using  more  sophisticated  measuring 
techniques,  to  gain  deeper  insight  into  this  complex  flow  phenomenon.  Finally,  with  regard  to  future 
applications  of  active  or  passive  SBLI  control  on  supercritical  wings,  the  influence  of  high  Reynolds 
number  and  wing  sweep  will  be  included  in  coming  investigations. 
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Fig.1  Shock/turbulent  boundary  layer  inter¬ 
action  on  a  supercritical  airfoil 
in  transonic  flow 
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Fig. 2  Off-design  boundaries 
as  a  SBLI  consequence 
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Fig. 7  Test  set-up  in  the  DFVLR  1m  x  1m 
Transonic  Tunnel  Gottingen 
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Fig. 8  Lift  polars  with 
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Fig. 9  Drag  polars  with  active  SBLI  control 
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Fig. 10  Buffet  boundaries  with 
active  SBLI  control 
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Fig. 11  Pressure  distribution  and  b.l.  data 
with/without  active  SBLI  control 
by  suction 
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Fig. 12  Boundary  layer  velocity  profiles 
with/without  active  SBLI  control 
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Fig. 13  Boundary  layer  velocity  profiles 
with/without  active  SBLI  control 
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Fig. 14  Pressure  distribution  and  b.l.  data 
with/without  active  SBLI  control 
by  suction 
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TRANSONIC  SHOCK  INTERACTION  WITH  A 
TANGENTIALLY-INJECTED  TURBULENT  BOUNDARY  LAYER 
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Abstract 

-  ,  ■  ■  -•  ...  ■  «- 

lA-.non-asymptotic  triple  deck  theory  of  transonic  shock/turbulent  boundary  layer  interaction  ie  described' 
which  takes  into  account  the  influence  of  upstream  tangential  injection  on  a  curved  wall.  In  addition  to 
Reynolds  number  and  the  shock  strength,  the  theory  is  parameterized  by  arbitrary  values  of  the  incoming  boun¬ 
dary  layer  shape  factor,  wall  jet  maximum  velocity  ratio  and  the  nondimensional  height  of  this  ratio;  results 
of  a  comprehensive  parametric  study  are  then  presented.  It  l."  shown  that  the  wall  jet  effects  significantly 
reduce  both  the  streamwise  scale  and  displacement  thickening  of  the  interaction  zone.  While  increasing  the 
upstream  and  downstream  skin  friction  levels,  these  effects  also  reduce  the  minimum  interactive  Cf  and  thus 
actually  hasten  the  onset  of  incipient  separation  at  the  shock  foot.  .  . ./ 

Nomenclature 


C„  skin  friction  coefficient,  2t  /p  U  A 

f  wee 

ACf  skin  friction  increment  due  to  wa?l  °et 

C  pressure  coefficient,  2  p'/p  U  2 

p  e  e 

C  lateral  spreading  factor  of  wall  jet 

H  boundary  layer  shape  factor,  6*/0* 

incompressible  shape  factor 
K  curvature  of  wall  in  interaction  region 

M  Mach  number 

p  static  pressure 

p'  interactive  pressure  perturbation,  p-p^ 

p  pressure  jump  across  incident  shock 

Re^,  Re^  Reynolds  number  based  on  length  l  and  boundary  layer  thickness,  respectively 
S  non-dimensional  wall  shear  function  of  wall  jet 

T  absolute  temperature 

T  basic  interactive  wall-turbulence  parameter 

u' ,v'  streamwise  and  normal  interactive  disturbance  velocity  components,  respectively 
4U  wall  jet  component  of  total  velocity  profile 

U  undisturbed  incoming  boundary  layer  velocity  in  x-direction 

x,y  streamwise  and  normal  distance  coordinates  (origin  at  the  inviscid  shock  intersection  with  the  wall) 

y^  effective  wall  shift  seen  by  interactive  inviscid  flow 

y  location  of  AU 

max  ■  ■  ■  ■,!  *  -'i  max 

B  VMi  "I 

Y  specific  heat  ratio 

5  boundary  layer  thickness 

4*  boundary  layer  displacement  thickness 

<5  .  wall  jet  mixing  thickness 

$SL  inner  deck  sublayer  thickness 

cT  kinematic  turbulent  eddy  viscosity 

t  '  interactive  perturbation  of  turbulent  eddy  viscosity 

n  y/«o 

u  ordinary  coefficient  of  viscosity 

v  u/p 

w  viscosity-temperature  dependence  exponent,  u~Tw 

o  density 

S*  boundary  layer  momentum  thickness 

t  total  shear  stress 

r'  interactive  perturbation  of  total  shear  stress 

Subscripts 

AD  Adiabatic  wall 

1  undisturbed  inviscid  values  ahead  of  incident  shock 

e  conditions  at  the  boundary  layer  edge 

inc  incompressible  value 

inv  inviscid  disturbance  solution  value 

max  velocity  profile  maximum  due  to  wall  jet 

o  undisturbed  incoming  boundary  layer  properties 


1.  Introduction 

The  use  of  tangential  slot-injection  to  influence  and  control  turbulent  boundary  layer  behavior  has 
been  extensively  studied  in  various  types  of  lowspeed  external  and  internal  aerodynamic  flow  fields  (e.g. , 
on  circulation-controlled  airfoils,  slotted  flaps,  in  film  cooling  applications  and  for  separation  control 
in  inlets  and  diffusers).  In  recent  years,  many  applications  of  such  injection  have  arisen  in  supercritical 
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transonic  flow  fields  where  local  shock  wave  is  present;  however,  little  is  presently  available  to  provide 
a  basic  understanding  of  how  the  resulting  shock-boundary  interaction  ("SBLI”)  alters  the  influence  of  tan¬ 
gential  injection.  Conversely,  in  such  supercritical  flows  it  may  be  of  interest  to  know  how  the  effects 
of  SBLI  may  be  altered  by  the  use  of  injection.  The  present  paper  addresses  these  questions  for  the  case 
of  steady  non-separating  2-D  turbulent  boundary  layers  on  adiabr.tic  surfaces  of  small-to-moderate  longitu¬ 
dinal  curvature. 

The  primary  objectives  of  our  work  are  to  develop  a  fundamental  theory  of  a  transonic  SBLI  region 
occurring  downstream  of  a  tangentially-injected  turbulent  boundary  layer  on  a  curved  wall  (Fig.  1)  and  then 
to  present  the  results  of  a  parametric  study  of  this  theory  showing  the  relationship  between  the  dominant 
physical  parameters,  the  injection  and  the  physics  of  fbe  SBLI  zone.  In  Section  2,  we  briefly  outline  the 
non-asymptotic  triple  deck  theory  of  a  SBLI  zone  on  a  curved  surface  without  tangential  injection.  Then  by 
taking  the  SBLI  zone  sufficiently  far  downstream  of  the  injection  slot  for  mixing  of  the  wall  jet  and  over- 
lying  turbulent  boundary  layer  to  have  produced  a  well-defined  "jet-bulged”  boundary  layer  profile,  the 
interactive  perturbation  field  caused  by  norma',  shock  interaction  with  this  profile  is  analyzed  in  Section 
3  by  an  extension  of  the  aforementioned  SBLI  theory.  This  is  followed  in  Section  4  by  presentation  and 
discussion  of  the  results  of  a  parametric  study  of  this  extended  solution  for  the  interactive  pressure, 
displacement  thickness  and  skin  friction  effects. 

z.  Brief  Outline  of  the  Basic  SBLI  Theory 


2.1  The  Triple-Dec^  Model 


It  is  well-known  that  when  separation  occurs,  the  disturbance  flow  pattern  associated  with  normal 
shock-boundary  layer  interaction  is  a  very  complicated  one  involving  a  bifurcated  shock  pattern,  whereas 
the  unseperated  case  pertaining  to  turbulent  boundary  layers  up  to  Mj  n  1.3  has  instead  a  much  simpler  type 
of  interaction  pattern  which  is  more  amenable  to  analytical  treatment  (Fig.  2) .  The  flow  consists  of  a 
known  incoming  isobaric  turbulent  boundary  layer  profile  M^y)  subjected  to  small  transonic  perturbations 
due  to  an  impinging  weak  normal  shock.  In  the  practical  Reynolds  number  range  of  interest  here  [ReL  «  10° 
to  108]  we  purposely  employ  a  non-asymptotic  triple-deck  flow  model^  that  is  the  turbulent  extension  of  the 
Lighthill  approach  that  has  proven  highly  successful  in  treating  a  variety  of  other  problems  involving  tur¬ 
bulent  boundary  layer  response  to  strong  rapid  adverse  pressure  gradients  and  which  is  supported  by  a  large 
body  of  transonic  and  supersonic  interaction  data  plus  detailed  formal  asymptotic  analyses.  The  resulting 
flow  model.  Fig.  2,  consists  of  an  inviscid  boundary  value  problem  surrounding  a  shock  discontinuity  and 
underlaid  by  a  thin  shear  stress-disturbance  sublayer  thatcontains  the  upstream  influence  and  skin  friction 
perturbations.  An  approximate  analytic  solution  is  further  achieved  by  assuming  small  linearized  disturbances 
ahead  of  and  behind  the  nonlinear  shock  jump.which  givesaccurate  predictions  for  all  the  properties  of  engin¬ 
eering  interest  when  M  >  1.05.  The  resulting  equations  can  be  solved  by  operational  methods,  yielding  the 
interactive  pressure  rise,  displacement  thickness  growth  and  the  skin  friction  behavior  upstream  and  down¬ 
stream  of  the  shock  foot.  This  solution  contains  all  the  essential  global  features  of  the  mixed  transonic 
viscous  interaction  flow  and  detailed  comparisons  with  experiment4  and  Navier-Stokes  numerical  solutions 
have  shown  that  it  gives  a  very  good  account  of  all  the  important  engineering  features  of  non-separating 
interactions  over  a  wide  range  of  Mach-Reynolds  number  conditions. 

An  important  and  unique  feature  of  this  interaction  theory  is  that  it  employs  for  the  incoming  turbulent 
boundary  layer  velocity  profile  a  very  general  Composite  Law  of  the  Wall-Law  of  the  Wake  profile  model  due  to 
Walz,  which  is  characterized  not  only  by  the  shock  Mach  number  and  the  boundary  layer  thickness  Reynolds 
number  Re{ll  hut  also  by  arbitrary  nonequilibrium^ values  of  the  incompressible  shape  factor  H;  .  This  model 
may  be  combined  by  the  Van  Driest  transformation  (or  the  equally-accurate  Reference  Temperature  correction 

method  )  to  account  for  compressibility  effects.  The  resulting  predictions,  such  as  typically  illustrated  in 

Fig.  3,  show  that  H|  has  a  very  large  effect  on  the  local  and  downstream  interactive  properties  that  is  impor¬ 
tant  to  account  for  in  practical  applications.  By  thereby  accomodating  a  wide  range  of  possible  upstream  his¬ 
tories  of  pressure  gradient,  heat  and  mass  transfer,  the  theory  has  found  wide-spread  success  as  an  interac¬ 
tive  module  in  global  composite  viscous-inviscid  flow  field  analysis  programs  on  supercritical  airfoils  and 
projectiles,  while  also  proving  adaptable  to  the  accomodation  of  new  effects. 

2.2  The  Wall  Curvature  and  Shock  Obliquity  Effects 

Since  SBLI  with  tangential  injection  often  arises  in  flows  on  curved  surfaces,  it  is  desirable  to 
account  for  wall  curvature  effects  in  the  foregoing  interaction  theory.  For  the  small  to  moderate  curvature 
usually  encountered  (K6Q  t  .02),  analysis8  of  the  transonic  small  disturbance  flow  in  the  outer  deck  shows 
that  while  the  explicit  new  curvature  terms  in  the  perturbation  equations  are  of  the  negligible  order  K5C, 

the  interactive  viscous  displacement  effect  from  the  underlying  decks  eliminates  the  well-known8  inviscid 

shock  signularity  while  slightly  altering  the  shock  into  an  oblique  configuration;  see  Figs.  4-6.  Detailed 
examination  of  the  middle-deck  region  shows  that  any  new  terms  in  the  inviscid  rotational  disturbance 
equations  are  of  the  negligible  order  KSQ;  only  the  curvature  effect  on  the  undisturbed  boundary-layer 
velocity  and  eddy  viscosity  profiles  are  of  possible  significance.  Here  again,  the  explicit  K40  terms  in 
the  governing  equations  of  this  incoming  flow  are  all  negligible;  however,  curvature  can  moderately  influence 
(10-20%)  the  eddy  viscosity  terms,  with  a  consequent  effect  on  the  boundary-layer  profile  in  the  form  of 
a  skin  friction  reduction  and  shape  factor  increase  as  described  approximately  by  the  relationships8 

Cfo"  (1  ‘  10K«O)(cfo,fl.t  (1» 

Hil  -  (1  +  5KS0)  IHilJ  flat  (2) 

where  to  this  order  of  accuracy  the  corresponding  effect  on  60  is  negligibly  small.  Note,  for  example,  that 
the  typical  value  Kc£  as  0.01  yields  a  reduction  and  increase  in  Cf  and  Hj  of  10  and  5%,  respectively.  The  use 
of  Eqs.  (1)  and  (2)  with  the  Walz  velocity  profile  model  and  K60  as  an  additional  input  parameter  provides  a 
good  engineering  account  of  the  moderate  curvature  effects  on  the  middle-deck  interaction  solution.  Within  the 
very  thin  inner  disturbance  shear  stress  deck  it  is  found8  yet  again  that  explicit  curvature  effects  on  the 
various  inertia ,  pressure  gradient,  and  laminar  viscous  terms  in  the  disturbance  flow  equations  are  altogether 
negligible.  Moreover,  because  of  the  extreme  inner-deck  thinness,  the  eddy  viscosity  curvature  effect  therein 
may  also  be  safely  neglected  for  the  high  Reynolds  number  conditions  typifying  most  practical  external  aero¬ 
dynamic  flows. 
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Predictive  results  for  the  typical  influence  of  K6  on  SBLI  properties,  which  agree  with  experimental  obser¬ 
vations,  may  be  found  in  Ref.  8;  they  show  that  it  slightly  spreads  out  the  interaction,  weakening  the 
adverse  pressure  gradient  along  the  wall,  due  primarily  to  the  increased  shape  factor.  Since  curvature 
slightly  reduces  the  incoming  boundary-layer  velocity  profile  fullness  and  spreads  out  the  interaction,  it 
further  acts  to  thicken  the  downstream  boundary  layer  while  slightly  increasing  the  local  Cf  around  the  shock 
foot  owing  the  reduced  interactive  pressure  gradient.  As  regards  the  slight  shock  obliquity  at  the  boundary 
layer  edge  caused  by  the  interactive  displacement  thickness  effect,  detailed  investigation1  has  established 
that  it  corresponds  with  a  good  approximation  to  the  condition  of  .  lximum  deflection.  Hence  the  pressure 
rise  is  equivalent  to  a  normal  shock  at  the  effective  lower  shock  Mach  number 

M:  =  M^sin  ^  90°  -  -  1  )  (3) 

ef  f 

thereby  allowing  the  obliquity  effect  to  be  accurate  accomodated  in  the  present  theory^*  (Fig.  6) . 

3.  Extension  to  Include  Tangential  Injection 

We  recall  that  the  aforementioned  interaction  theory  feeds  upon  a  known  shock  strength  and  an  assumed 
incoming  turbulent  velocity  profile  model  characterized  by  the  overall  parameters  H.  ,  Cf  and  Re  .  In  the 
problem  at  hand  we  have  a  new  unique  shape  of  velocity  profile  that  exists  due  to  ta^gentfal  blowing.  In 
this  section  we  will  be  concerned  with  modeling  the  influence  of  such  a  profile  and  its  associated  wall- 
region  eddy  viscosity  behavior  by  a  convenient  set  of  parameters  that  characterize  the  essential  new  physical 
features  and  allow  parametric  sensitivity  studies. 

When  air  is  tangentially  injected  through  a  slot  of  height  h  into  an  overlying  boundary  layer  it  forms  a 
jet  which  is  entrained  by  the  surrounding  flow  (Fig.  7a).  Immediately  downstream  of  the  slot,  strong  mixing 
of  these  flows  occurs  in  a  complicated  manner  which  may  not  be  validly  treated  by  boundary  layer  theory}  in 
any  event,  the  resulting  composite  velocity  profile  assumes  a  unique  character  with  a  maximum  and  a  minimum 
(Fig.  7b).  As  the  flow  proceeds  further  downstream,  experimental  studies1  have  shown  that  the  minimum  is 
rapidly  eliminated  by  further  mixing  so  that  when  x  »  h,  the  profile  attains  a  fully-developed  "jet-bulged" 
shape  (Fig.  7c)  composed  of  an  unblown-type  of  turbulent  boundary  layer  profile  plus  a  wall  jet  component 
containing  a  velocity  maximum  near  the  wall.  As  this  fully-developed  shape  convects  downstream,  further 
mixing  gradually  decreases  and  spreads  out  the  jet  maximum  (Fig.  7d)  until  the  boundary  layer  ultimately  tends 
toward  an  ordinary  monotone  profile  shape  in  which  the  jet  component  has  been  completely  eliminated  by 
entrainment.  In  the  present  study  we  deal  with  with  case  where  the  shock  interacts  with  a  jet-bulged  type 
of  profile  (Fig.  7c) ,  since  this  is  the  most  interesting  encountered  in  practice. (The  regions  upstream  of  the 
slot  and  very  far  downstream  where  the  profile  maximum  has  disappeared  can  of  course  be  handled  by  the  exist¬ 
ing  "unblown"  version  of  the  present  SBLI  theory) . 

while  possessing  a  boundary  layer  profile  shape  that  can  be  analytically  modeled  in  a  manner  appropriate 
to  the  SBLI  solution  (see  below) ,  this  case  also  permits  a  simplified  treatment  of  the  eddy  viscosity  aspects 
of  the  interactive  decks  in  the  boundary  layer,  as  follows.  Experimental  studies12-  have  shown  that  the 
usual  Law  of  the  Wall  behavior  and  its  associated  mixing  length  eddy  viscosity  model  applies  to  the  lower 
portion  below  the  jet  maximum  when  the  injection  effect  is  small-to-moderate  (Au^-^/Ug  ~  Since  the 

thin  disturbance-shear  stress  inner  deck  of  the  SBLI  region  lies  well  within  this  Law  of  the  Wall  region, 
while  there  are  no  eddy  viscosity-associated  perturbation  terms  in  the  overlying  middle  deck  owing  to  the 
inviscid  frozen-turbulence  nature  of  its  disturbance  flow,  it  can  be  shown  that  the  form  of  all  the 

basic  triple-deck  Equations  in  the  aforementioned  SBLI  theory  can  be  carried  over  to  the  present  problem 
provided  that  one  fully  accounts  for  the  wall  jet  effects  on  the  undisturbed  flow  skin  friction  Cf  ,  displace¬ 
ment  thickness  Reynolds  number  Re{t  and  (especially)  incompressible  shape  factor  Hj^  as  well  as  on°the  pro¬ 
file  distribution  itself. 

An  appropriate  analytical  model  of  the  incoming  boundary  layer  profile  was  developed  which  accounts  for 
the  essential  new  wall-jet  features  of  the  flow  while  also  being  well-suited  to  the  Lighthill  pressure  dis¬ 
turbance  equation  that  is  involved  in  the  middle  deck  solution.  It  is  constructed  as  the  sum  of  a  wall-jet 
component  and  an  "unblown"  component,  where  to  be  consistent  with  earlier  work  the  latter  is  represented  by 
Walz's  Law  of  the  Wall/Law  of  the  Wake  composite  profile  characterized  by  the  three  parameters  Re  ,  Cf  and 
Hf  (see  Appendix  A)  .  Thus  if  ymax  denotes  the  height  of  the  maximum  velocity  u,,,^  with  Aufflax  deftoting°the 
corresponding  difference  between  uraax  and  the  unblown  velocity  due  to  the  wall  jet  effect  (see  Fig.  8) ,  the 
total  profile  is  expressed  as 


u(y)  =  u  .  (y)  +  Au(y)  (4) 

waiz 

where  the  wall  iet  component  Au(y)  varies  from  zero  at  y  *  0  (no  slip)  to  its  maximum  value  Au__v  at  y  *  y__v 

meJ  a  lud  a 

and  then  decays  outwardly  towards  zero,  becoming  negligible  beyond  some  characteristic  jet-spread  height 
Smfx  above  ymax  (we  presume  4mfx  +  yraax  <<:  *)•  Above  y  ,  we  have  followed  the  experimentally-based  work 
of  Carrierre  et  al15  and  represented  Au  by  a  modified  seen2  function  whose  slope  at  yraax  equals 
- (dUwaiz/^y)y  such  that  the  total  composite  profile  correctly  has  a  maximum  at  ymax: 


where 


(5A) 


C  C 

♦  =  H [ In  ( 1  +  -|)  -  In (1  -  ) ) 


(5B) 


is  a  phasing  factor  insuring  the  maximum  in  total  velocity  at  ymax  and 
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is  a  lateral  spreading  constant  (typically  *  .15  to  avoid  secondary  profile  maxima  above  y  ).  Below  y  , 
on  the  other  hand,  we  require  a  functional  representation  that  gives  a  reasonable  monotonicashape  and  madefies 
smoothly  to  Eq.  (5)  at  ymax.  Furthermore,  we  desire  some  control  over  the  wall  slope  in  order  to  represent 
injection  effects  on  the  local  skin  friction.  The  specific  constraints  on  this  functional  choice  are  that 
(a)  only  one  maximum  in  the  total  composite  profile  at  y  =  ymax  ,  (b)  a  match  with  the  value  and  slope  of  the 
upper  4u(y)  function  at  ymax/  and  (c)  positive  values  of  the  non-dimensional  slope 


S 

w 


[d(Au/ue)  1 

d(y/w  J 


y=0 


leading  to  physically  reasonable  skin  friction  increments 


C  =  S  (M  6/u  Re.)AU  /y 
f  w  w  e  S  max  max 


(6) 


FT 


r-v 


Now  condition  (a)  so  severely  restricts  the  class  of  monotone  functions  it  admits  that  no  general  solution 
can  be  generated  *,o  accommodate  a  completely  arbitrary  combination  of  conditions  (b)  and  (c);  what  can  be 
found,  however,  are  functions  which  allow  either  an  arbitrary  choice  of  all  three  parameters  S  ,  AU  ,  y 
within  a  restrictive  range  0£  the  choice  of  a  wide  range  of  values  for  the  two  key  parameters 
AUmax»  ymax  with  Sw  then  consequently  determined  (but  still  within  an  interesting  range  of  resulting  values). 
One  such  function  which  has  proven  quite  satisfactory  for  the  purposes  of  this  investigation  is 

£  ■  C1  7^  -  C3  lexP(C2  y*->  -  11  <  *max>  (7A) 

max  max 

where  the  aforementioned  matching  conditions  are  fulfilled  if  the  constants  2  3  satAS^y  the  three  simul¬ 
taneous  relations  '  ' 


CL  -  C3  (exp  C2  -  1) 


u 

max 


(7B) 


C,  -  C,C,  exp  C,  =  -  y 
1  !  !  !  max 


C  -  C  ,  =  S 
1  3  w 


(7C) 

(70) 


This  trio  is  readily  solved  numerically  during  the  implementation  of  the  velocity  profile  model  by  using  a 
standard  non-linear  simultaneous  root-finder  subroutine. 

3.2  Implementation  of  the  Extended  Theory 


The  foregoing  approach  may  be  implemented  ty  several  straightforward  modifications  to  the  existing  com¬ 
puter  program  for  the  zero-blowing  SBLI  theory,  as  follows.  To  include  small-to-moderate  wall  curvature 
effects  (K60  <  .01) ,  we  add  K6q  as  an  independent  input  variable  and  accordingly  modify  the  input  values  of 
Hi  and  Cf  according  to  Eqs.  (1)  and  (2);  furthermore,  we  eliminate  the  inviscid  curvature  singularity, 
altering  tfie  normal  shock  to  a  slightly  oblique  one  at  the  boundary  layer  edge,  by  modifying  the  input 
effective  normal  shock  Mach  number  according  to  Eq.  (3).  The  influence  of  tangential  injection  is  accomo¬ 
dated  by  introducing  the  two  new  input  parameters  AUmax/Ue  anc*  ^max^O'  characterizing  the  magnitude  and 
height,  respectively,  of  the  wall  jet  component  effect;  in  addition,  values  of  the  auxiliary  parameters  C 
and  Su  can  be  3et  within  certain  restricted  ranges.  The  program  subroutine  which  evaluates  the  Walz  tur¬ 
bulent  boundary  layer  velocity  profile  model  is  modified  to  add  the  matched  upper  and  lower  wall  jet-compon¬ 
ent  increments  pertaining  to  these  inputs  (Eqs.  4-7),  using  a  Reference  Temperature-Method  compressibility 
correction  of  the  appropriate  parameters.  Figure  9  illustrates  some  typical  boundary  layer  velocity  profiles 
containing  these  tangential  injection  effects.  Using  the  adiabatic  temperature-velocity  relationship 
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the  associated  Mach  number  profile  MQ(y)  and  its  derivative  dMQ/dy  (which  are  both  needed  in  the  interactive 
pressure  solution  subroutine)  are  calculated,  the  corresponding  mass  flow  and  momentum  defect  distributions 
on  pu  u 

1  -  —  Ue  and  (1 - — — )  —  are  also  integrated  across  the  boundary  layer  to  obtain  the  values  of  6*/S  and 

9*/6,  respectively .associated  with  the  wall  jet  effect.  The  resulting  values  of  the  displacement  thickness 
and  shape  factor  are  shown  in  Figs.  10  to  illustrate  how  the  mass  and  momentum  addition  to  the  boundary  layer 
from  the  wall  jet  substantially  decreases  {>*  and  produces  a  greater  profile  "fullness"  reflected  in  a 
significantly  reduced  shape  factor.  (We  note  here  that  while  it  is  formally  possible  to  obtain  negative 
5*  and  9*  for  sufficiently  large  injection  rates,  aumax  say  ,  consistent  with  our  other  assumptions,  we 
exclude  such  cases  from  this  study.)  Increasing  the  height  of  the  jet  maximum  is  seen  to  have  a  similar 
effect,  because  this  enhances  the  effective  strength  of  the  injection  effect  on  the  boundary  layer  profile. 
Awareness  of  these  overall  integral  property  effects  proves  helpful  in  interpreting  the  predicted  interaction 
properties  given  below. 


Implementation  of  these  wall  jet-modifications  is  quite  straightforward,  except  to  note  that  feedback 
of  the  aforementioned  modified  integral  properties  into  the  solution  sequence  must  be  properly  phased:  since 
the  wall  jet  effect  on  the  incoming  boundary  layer  profile  shape  is  already  included  in  the  M^y)  distribution 
used  in  solving  the  Lighthill  interactive  pressure  equation,  the  feedback  must  be  done  after  the  pressure  is 
determined.  Subsequent  use  of  the  jet-altered  values  of  5*  and  Cf  then  further  influences  the  local  inter¬ 
active  displacement  thickening  and  skin  friction  solution  results.0  To  illustrate  the  importance  of  this 
proper  feedback  of  the  jet-influenced  profile  integral  properties  a  typical  set  of  interactive  pressure, 
displacement  thickness  and  skin  friction  distributions  predicted  by  the  aforementioned  extended  theory  are 
presented  in  Fig.  11,  showing  the  various  relative  effects  of  tangential  injection  compared  to  the  zero 
blowing  case.  It  is  seen  that  the  increased  boundary  layer  profile  fullness  and  shape  factor  reduction  due 
to  injection  causes  a  significant  streamwise  contraction  of  the  interactive  pressure  rise;  this  is  in  agree¬ 
ment  with  experimental  obser vat  ions. 1®  Accompanying  this  contraction  of  the  interaction  zone,  the  two  main 


effects  of  injection  on  the  ratio  AS*/6*  are  seen  to  act  with  opposite  and  nearly  equal  influence:  while  the 
profile  shape-factor  effect  of  injection  reduces  A6*,  the  corresponding  reduction  of  6Q*  is  approximately  of 
the  same  magnitude  so  that  the  overall  change  in  46*/6Q*  is  small.  This  implies  that  the  net  injection 
effect  on  AS*  scales  approximately  with  the  corresponding  effect  on  6  *.  Turning  to  the  interactive  skin 
friction  behavior  typified  in  Fig.  11c,  it  can  be  seen  that  the  increased  Cf  level  due  to  the  wall  jet 
effect  dominates  most  of  the  interaction  zone  both  fore  and  aft  of  the  shock  except  in  the  vicinity  of  the 
shock  foot;  in  this  foot  region,  the  Cf  reduction  due  to  the  steepened  interactive  pressure  gradient  caused 
by  injection  becomes  the  dominant  effect  and  the  local  value  of  Cf  .  is  actually  reduced.  Stated  another 
way,  the  SBLI  effect  adversely  counteracts  the  otherwise  favorablem£¥  increase  due  to  injection. 

The  aforementioned  tangential  injection  effects  on  SBLI  may  be  readily  understood  from  the  overall 
shape  factor  and  displacement  thickness  effects  shown  in  Fig.  10:  the  reduced  H  and  6*  imply  a  thinner 
incoming  turbulent  boundary  layer  with  a  somewhat  higher  Mach  number  deep  in  the  layer  and  a  fuller  profile 
shape  typical  of  a  favoraDle  upstream  pressure  gradient  history,  which  in  view  of  the  demonstrated  sensi¬ 
tivity  of  SBLI  to  the  shape  factor  (Fig.  3)  have  the  effect  of  reducing  the  streamwise  scale  and  interactive 
thickening  while  increasing  the  corresponding  local  pressure  gradient. 

4.  Discussion  of  Parametric  Study  Results 

The  present  theory  has  been  used  to  carry  out  a  systematic  study  of  how  the  key  tangential  injection 
parameters  influence  the  essential  properties  of  a  subsequent  SBLI  zone.  We  now  present  and  discuss  the 
results. 

4.1  Interactive  Pressure  and  Displacement  Thickening 

Typical  pressure  distributions,  showing  the  strong  systematic  contraction  of  the  streamwise  interactive 
scale  with  increasing  strength  of  the  wall  jet  component-effect,  are  illustrated  in  Figure  12.  A  comprehen¬ 
sive  summary  of  such  results  showing  the  upstream  and  downstream  influence  distances  (the  distance  ahead  and 
behind  the  shock  where  the  pressure  rise  is  5%  and  95%,  respectively,  of  the  overall  shock  jump  value)  are 
presented  in  Figures  13  and  14  as  a  function  of  both  the  magnitude  and  location  of  the  jet  velocity  maximum 
for  a  typical  supercritical  flow  of  =  1.20.  Viewed  overall,  these  results  show  that  tangential  injection 
can  significantly  reduce  the  overall  upstream  influence,  and  strongly  reduce  the  downstream  streamwise  scale 
of  the  interaction  to  a  degree  comparable  to,  or  greater  than,  the  unblown  shape  factor  and/or  Mach  number 
effects.  When  non-dimensionalized  in  terms  of  6Q,  the  results  are  not  very  sensitive  to  Reynolds  number. 

The  corresponding  systematic  influence  of  injection  on  the  relative  interactive  displacement  thickness 
distribution  A6*(x)/6Q*  is  illustrated  in  Figure  15,  where  we  see  that  the  effect  on  AS* (x)  and  6Q*  largely 
cancel  over  a  wide  range  of  wall  jet  strengths  when  presented  in  this  ratioed  manner.  However,  there  is  a 
significant  injection  effect  on  the  streamwise  slope  of  A*(x)  at  the  shock  foot,  which  relates  to  the 
effective  "viscous  wedge"  angle  sensed  by  the  outer  inviscid  flow;  this  effect  is  illustrated  in  Fig.  16, 
where  the  strong  increase  of  this  slope  with  wall  jet  strength  may  be  clearly  seen. 

4.2  Incipient  Separation 

The  present  theory,  although  it  breaks  down  at  separation,  does  yield  a  useful  indication  of  incipient 
separation  where  Cfmjn  -*  0,  owing  to  the  particular  attention  paid  to  the  treatment  of  the  local  interactive 
skin  friction  behavior.  Since  this  indication  is  of  great  practical  interest,  a  parametric  study  of  incipient 
separation  conditions  from  the  present  theory  was  carried  out. 

As  a  basis  for  comparison,  the  results  for  flow  without  any  tangential  injection  are  shown  in  Fig.  17a 
where  the  shock  Mach  number  above  which  incipient  separation  occurs  is  plotted  as  a  function  of  the  Reynolds 
number  with  the  shape  factor  as  a  parameter;  also  shown  in  the  figure  is  the  approximate  experimental  boun¬ 
dary  determined  by  a  careful  examination  of  a  large  number  of  transonic  interaction  tests'?  besides  the  well- 
known  M  ~  1.30  criterion  for  turbulent  flow.  It  is  seen  that  the  theoretical  prediction  of  a  gradual 
increase  in  the  incipient  separation  Mach  number  value  with  Reynolds  number  is  in  agreement  with  the  trend 
of  this  data.  The  theoretical  prediction  of  only  a  small  influence  of  shape  factor  on  the  incipient  separa¬ 
tion  conditions  is  also  borne  out  by  more  recent  data,  1  as  indicated  in  Fig.  17b. 

Introducing  the  effect  of  injection,  we  first  note  from  the  typical  behavior  of  the  interactive  Cf 
distribution  around  the  shock  foot  (see,  e.g..  Fig.  11c)  that  the  net  effect  is  expected  to  decrease  Cfm^n 
(notwithstanding  the  overall  upstream  and  downstream  increase  in  Cf  otherwise  due  to  injection) .  As  shown 
in  Fig.  18,  this  is  indeed  found  to  be  the  case:  the  wall  jet  effect  of  increasing  the  local  interactive 
pressure  gradient  is  seen  to  hasten  the  onset  of  incipient  separation  at  the  shock  foot  for  a  given  Reynolds 
number  flow,  in  the  sense  that  separation  occurs  at  a  slightly  lower  shock  number  as  AUmax/Ue  is  increased. 
This  is  of  course  in  sharp  contrast  to  the  well-known16  favorable  effect  of  injection  in  delaying  separation 
observed  by  purely  subsonic  flows  with  a  prescribed  adverse  pressure  gradient,  and  is  due  to  the  fact  that 
the  interactive  pressure  gradient  enhancement  effect  of  tangential  injection  in  locally  reducing  Cf  is 
absent  in  these  flows. 

5.  Concluding  Remarks 

Viewed  overall,  the  present  study  has  shown  that  the  usual  favorable  tangential  injection  effects  of 
thinning  out  and  delaying  the  separation  of  turbulent  boundary  layers  in  subsonic  flow  can  be  significantly 
compromised  by  transonic  shock/boundary  layer  interaction.  Conversely,  such  injection  was  seen  to  appreci¬ 
ably  reduce  the  streamwise  extent  of  an  SBLI  zone  albeit  with  the  allied  consequence  of  intensifying  the 
local  interactive  adverse  pressure  gradient  and  thus  hastening  the  onset  of  shock  foot  separation.  It  has 
further  been  established  that  a  fundamentally-based  triple-deck  theory  of  SBLI  with  injection  is  now 
available  to  treat  these  effects  in  either  external  or  internal  supercritical  flow  fields;  moreover,  this 
theory  has  been  constructed  to  serve  as  a  locally  insertable  interactive  module  astride  the  inviscid  shock 
location,  driven  by  the  attendant  local  boundary  layer  properties  including  an  arbitrary  non-equilibrium 
shape  factor.  Consequently  it  would  be  possible  to  investigate  in  the  future  interesting  problems  of  blowing 
in  supercritical  flow  fields,  including  the  use  of  tangential  injection  to  modify  the  influence  of  SBLI  upon 


the  viscous  trailing  edge  effect  of  supercritical  airfoils18-20  (see  Fig.  19),  and  the  inclusion  of  SBLI 
effects  in  viscous-inviscid  flow  field  analysis  programs  for  circulation-controlled  airfoils  and  wings  fly¬ 
ing  at  supercritical  flight  speeds. 


This  work  was  carried  out  under  the  auspices  of  Office  of  Naval  Research  Contract  NR-061-274;  the 
resulting  support  and  encouragement  of  Or.  Robert  Whitehead  of  ONR  is  sincerely  appreciated. 


Appendix 


Because  of  its  convenient  analytical  form,  accurate  blended  representation  of  the  combined  Law  of  the 
Wall  -  Law  of  the  Wake  behavior  and  generality,  we  have  adopted  Walz's  model8  for  the  incoming  turbulent 
boundary  layer  upstream  of  the  interaction.  For  the  low  Mach  number/small  heat  transfer  conditions  appro¬ 
priate  to  transonic  interactions,  it  may  be  satisfactorily  corrected  for  compressibility  effects  by  the 
Eckert  Reference  Temperature  method  which  under  these  conditions  is,  in  fact,  comparable  in  accuracy  to  but 
far  simpler  to  implement  than  the  Van  Driest  compressibility  transformation  approach.6'7 


Let  tt  be  Coles'  (incompressible)  Wake  Function  n  =  y/5  and  denote  for  convenience  R  =  .41  Re4£/ 

(  (1  +  n)  (T^/Te)  1+WJ  with  u>  =  .76  and  y  =.  1.4  for  a  perfect  gas;  then  the  compressible  form  of  Walz's  com¬ 
posite  profile  may  be  written 


U  I  f  t 

jj2  =  1  +  ~ (T^’  f  (17r)-  n?  (l-n)-2ir+2tr.  n2-  <3-2n>  +  tn  <-£!?) -(.215  +  .655R?)e'3Rn] 
e  ’V  e 


subject  to  the  following  condition  linking  tt  to  and  Re6*: 

o 


2rr  +  .215  +  J,n(l+R)  =  - ! -  (A-2) 

p7~r 

J T^> 

Eqs.  (A — 1 )  and  (A-2)  have  the  following  desirable  properties:  (a)  for  n  >  -10  or  so  U  / U e  is  dominated  by  a 
Law  of  the  wake  behavior  which  correctly  satisfied  both  the  outer  limit  conditions  U /8e  *  1  and  dU  /dy  +  0 
as  n  '  Ij  (b)  on  the  other  hand,  for  very  small  n  values,  UQ  assumes  a  Law  of  the  Wall  -  type  behavior  con¬ 
sisting  of  a  logarithmic  term  that  is  exponentially  damped  out  extremely  close  to  the  wall  into  a  linear 
laminar  sublayer  profile  U/Ue  =  Rn  as  n  -»  0;  (c)  Eq.  (A— 1)  may  be  differentiated  w.r.t.  -tf  to  yield  an 
analytical  expression  for  dU0/dy  also,  which  proves  advantageous  in  solving  the  middle  and  inner  deck  inter¬ 
action  problems  (see  text)  where  dM0/dy  must  be  known  and  vanish  at  the  boundary  layer  edge. 

The  use  of  the  incompressible  form  of  Eq.  (A-l)  in  the  defining  integral  relations  for  S-*  and  9^* 
yields  the  following  relationship  that  links  the  wake  parameter  to  the  resulting  incompressible  shape  factor 

H,  =  (« . */0. *) . z 
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Eqs.  (A-2)  and  (A— 3 )  together  with  the  defining  relation  for  R  enable  a  rather  general  and  convenient  para¬ 
meterization  of  the  profile  (and  hence  the  interaction  that  depends  on  it)  in  terms  of  three  important 
physical  quantities:  the  shock  strength  (Me^),  the  displacement  thickness  Reynolds  number  Re4*,  the  wall 
temperature  ratio  Tw/Te  and  the  shape  factor  Hj  that  reflects  the  prior  upstream  history  of  the  incoming 
boundary  layer  including  possible  pressure  gradient  and  surface  mass  transfer  effects.  With  these  parameters 
prescribed,  the  aforementioned  three  equations  may  be  solved  simultaneously  for  the  attendant  skin  friction 

Ct  ,  the  value  of  R  and,  if  desired,  the  n  value  appropriate  to  these  flow  conditions. 

Lo 
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Fig.  2  Triple-Deck  Structure  of  Interaction  Field  (Schematic) 
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Fig.  7  Schematic  of  Turbulent  Boundary  Layer  Development  Downstream  of  a  Wadi  Jet 
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Fig.  9  Typical  Turbulent  Boundary  Layer  Profiles  with  Injection 
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Fig.  10  Injection  3ffect  on  Integral  Properties  of  the  Boundary  Layer 
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Dr.  Orlik-Ruckemann,  Canada 

I  have  been  asked  to  chair  this  final  session  of  our  symposium.  Those  of  you  who  have  been  to  meetings  of 
the  Fluid  Dynamics  Panel  before,  know  that  it  is  one  of  the  customs  of  our  panel  to  appoint  one  or  two 
specialists  in  the  field  to  act  as  technical  evaluators  of  a  symposium.  This  normally  takes  the  form  of  a 
report  being  issued  several  weeks  after  the  meeting,  and  this  is  then  distributed  to  all  of  the 
participants  as  well  as  to  panel  members.  It  is  far  leas  usual,  however,  to  get  the  same  technical 
evaluators  to  agree  to  share  with  the  attendees  their  views  about  the  symposium  already  at  the  closing 
session  of  the  meeting,  without  having  the  benefit  of  sitting  back  and  examining  and  sifting  through  the 
material  and  notes  from  the  meeting  just  concluded.  This  time  we  have  two  technical  evaluators.  Dr.  van 
den  Berg  on  my  far  left  and  Dr.  Oskam  on  my  immediate  left,  both  from  NLR  in  Amsterdam.  They  have  been 
kind  enough  to  offer  us  the  benefit  of  their  comnents  and  the  iranediate  fresh  assessment  of  the  meeting 
right  now.  Dr.  Oskam  will  lead  off,  followed  by  Dr.  van  den  Berg,  after  which  we  will  throw  the  floor 
open  for  the  general  discussion  from  the  floor. 


Dr.  Oskam,  NLR 

First  of  all  I  would  like  to  thank  the  chairman  of  the  program  committee,  Professor  Reshotko,  for  this 
opportunity  to  summarize  the  main  points  of  the  papers  that  have  been  presented  during  the  past  two  and  a 
half  days.  Since  I  am  sharing  this  opportunity  with  my  colleague,  we  have  divided  the  task  and  decided 
that  I  should  take  care  of  the  high-lift  part. 

The  first  day  of  our  meeting  the  subject  matter  was  aerodynamic  improvement  through  high-lift  systems.  As 
I  recall,  the  presentations  we  heard  were  primarily  dealing  with  high-lift  aerodynamics  of  transport-type 
aircraft  during  take-off  and  landing.  The  only  exception  at  this  point  was  the  paper  by  Mr.  Whittley  who 
gave  us  a  fine  update  on  the  augmenter  wing.  From  this  presentation  I  got  the  clear  impression  that  this 
powered-lift  STOL  concept  is  now  validated  and  ready  for  application.  Getting  back  to  the  papers  on 
transport-type  aircraft,  I  must  say  that  the  invited  speakers,  Mr.  Butter  and  Mr.  Dillner,  really  covered 
quite  a  wide  scope  of  issues.  As  you  have  also  listened  to  the  survey  paper  by  Mr.  Butter,  you  will 
recall  the  complicated  flow  processes  he  talked  about.  I  fully  agree  with  him  that  our  present  knowledge 
of  all  the  relevant  flow  processes  of  the  flow  around  even  a  2-dimensional  multi-element  wing  is  not  yet 
complete.  However,  I  think  that  some  progress  is  being  made  in  this  area.  I  just  like  to  mention  the 
paper  by  Mrs.  Forcheron  describing  a  very  detailed  study  of  a  2-D  high-lift  flow.  Such  a  flow  is  an  ideal 
test  case  for  those  researchers  who  are  developing  2-D  high-lift  codes.  I  think  that  such  an  experiment 
is  ideal  for  code  validation.  However,  I  am  not  sure  that  turbulence  data  of  such  a  complicated  situation 
is  really  sufficient  for  developing  a  good  turbulence  model  of  wakes  subjected  to  large  adverse  pressure 
gradients.  I  feel  that  there  is  also  a  need  for  a  more  fundamental  building  block  experiment  in  which  the 
critical  flow  process,  that  is  the  adverse  pressure  gradient  wake,  is  isolated  from  the  complete  high-lift 
configuration.  This  would  enable  one,  in  principle,  to  investigate  and  model  the  turbulence  in  the  loaded 
wake  without  having  the  complication  of  all  the  other  flow  processes.  I  consider  this  to  be  a  very 
important  problem,  because  it  directly  relates  to  aerodynamic  performance  in  2-D  high-lift.  The 
full-potential  calculation  method  reported  by  Mr.  Suddhoo,  dealing  with  3-component  airfoils,  may  be  very 
useful  as  a  independent  numerical  check  for  previously  developed  methods,  such  as  the  transonic  panel 
method  I  talked  about  myself.  I  think  it  would  be  very  instructive  to  see  how  well  the  various 
full-potential  numerical  solutions  should  converge  to  the  genuine  solution  if  the  mesh  is  sufficiently 
refined.  It  shall  be  interesting  to  see  whether  they  do. 

I  have  observed  all  of  the  speakers  in  the  high-lift  session  did  recognize  that  the  understanding  and 
quantitative  knowledge  of  Reynolds  number  effects  is  essential  in  high-lift  aircraft  design.  However,  I 
cannot  make  the  same  statement  about  free  stream  Mach  number  effects  in  high-lift  aerodynamics.  I  think 
it  is  fair  to  say  that  these  non-linear  compressibility  effects  in  high-lift  are  not  that  well-known. 
However,  Mr.  Fiddes,  and  others,  have  reminded  us  of  the  strong  adverse  effect  an  increasing  free-stream 
Mach  number  can  have  on  the  maximum  lift  performance  of  high-lift  systems.  However,  Mr.  Dillner  told  us 
that  in  his  experience  supercritical  leading  edge  flow  should  be  avoided  right  from  the  beginning  in  any 
high-lift  design  for  transport  aircraft.  I  hope  that  we  can  have  some  comments  on  this  point  during  the 
discussion. 


The  last  thing  I  would  like  to  tell  you  about  during  these  summarizing  remarks  concerns  the  potential 
performance  improvements  one  can  expect  for  mechanical  high-lift  systems.  In  my  opinion  this  is  an 
iaiortant  issue  which  has  not  been  addressed  as  yet  at  this  conference.  As  a  matter  of  fact  I  found  a 
figure  in  the  paper  of  Mr.  Butter.  This  figure  can  also  be  found  in  the  paper  of  Mr.  Dillner,  but  it  has 
not  been  shown  as  yet.  Let  me  just  put  it  on  the  projector. 


POTENTIAL 
PERFORMANCE 
IMPROVEMENT 
FOR  MECHANICAL 
HIGH-LIFT  SYSTEMS 
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■'The  point  I  really  want  to  make  should  actually  be  formulated  as  a  question.  But  let  me  first  explain  the 
slide.  This  slide  shows  three  drag  polars  plotted  in  terms  of  lift-to-drag  ratio  versus  lift 
coefficient.  These  three  polars  represent  measured  data  for  a  fixed  aspect  ratio  of  8  and  a  fixed  wing 
sweep  of  35  degrees;  the  first  one  is  the  cruise  configuration,  the  second  one  is  for  take-off  geometry 
and  the  third  one  for  a  landing  configuration.  The  dash-dotted  line  reprsents  the  envelope  of  these  three 
polars:  the  envelope  polar.  The  "ideal"  polar  in  this  figure  represents  the  well-known  drag  formula, 
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where  CD  0  is  the  zero-lift  drag  of  the  cruise  configuration.  This  "ideal"  polar  which  applies  only  to 
the  cruise  configuration  at  low  lift  has  been  extended  to  high  values  of  the  lift.  This  "ideal"  serves  as 
a  well-defined,  hypothetical  reference  curve  which  can  be  used  to  express  the  performance  level,  and 
improvement,  of  mechanical  high-lift  systems.  Mr.  Dillner  told  us  that  the  lift-to-drag  ratio  of  the 
take-off  configuration,  which  is  moving  along  the  envelope  polar,  was  found  to  be  the  real  sizer  in  terms 
of  wing  area  for  their  energy  efficient  transport  study.  The  question  I  have  is:  Has  the  position  of  this 
envelope  polar  relative  to  the  "ideal"  polar  really  changed  during  the  past  ten  years,  or  are  we  just 
moving  up  and  down  the  envelope  polar  and  only  optimize  for  wing  sweep,  aspect  ratio  and  high-lift 
settings  with  fixed  technology.  I  know  from  the  paper  by  Mr.  Van  Egmond  about  his  inverse  slat  design 
that  you  can  do  something  in  that  direction,  in  two-dimensions;  that  is  increase  the  lift-to-drag  ratio  at 
constant  lift  coefficient.  This  would  represent  an  increase  in  the  level  of  technology.  However,  I  would 
like  to  encourage  the  aircraft  specialists  in  the  audience  to  fill  us  in  at  this  point,  and  tell  us 
whether  the  lift-to-drag  performance  level  of  mechanical  high-lift  systems  has  changed  during  the  last  ten 
years,  or  how  large  the  potential  for  improvement  really  is. 

Dr.  van  den  Berg,  NLR 

The  Symposium  falls  apart  in  three  rather  separate  subjects.  My  colleague  has  covered  already  the 
high-lift  part.  I  will  now  discuss  first  the  papers  on  drag  reduction.  Actually,  I  do  not  intend  to 
treat  here  the  papers  individually.  Instead  I  will  stick  to  a  general  discussion  on  what  is  apparently 
going  on  in  the  field.  To  guide  me  and  you  in  this,  I  have  produced  this  overhead  sheet. 


DRAG  REDUCTION 


SUCTION 


EMPHASIS  NOW 
ON  PRACTICAL 
FEASIBILITY 


TURBULENCE 

MANIPULATORS 


STILL  IN 
RESEARCH 


INDUCED  DRAG  REDUCTION 
SEPARATION  AVOIDANCE 


SHOCK  WAVE  B.L.  INTERACTION 
CONTROL  OF  THE  INTERACTION 


Two  main  routes  are  apparent  in  drag  reduction  research.  The  first  one  is  the  strive  for  laminar  boundary 
layer  flow.  The  gains  to  be  achieved  by  keeping  the  boundary  layer  laminar  are  large.  To  achieve  laminar 
flow  most  commonly  one  applies  favourable  pressure  gradients  or  suction  or  both.  As  appeared  from  the 
presentations  at  this  Symposium,  the  state  of  the  art  in  this  field  is  well  advanced.  The  emphasis  is  now 
on  the  practical  feasibility  of  the  laminar  flow  concept  for  wings.  Extensive  flight  tests  simulating 
normal  airline  service  are  now  being  carried  out.  It  is  likely  that  soon  the  laminar  flow  control 
research  work  will  have  reached  the  stage  that  sufficient  information  is  available  to  consider  the 
application  in  an  actual  commercial  airplane  design.  The  ocher  main  route  in  drag  reduction  is 
manipulation  of  the  turbulence  in  the  boundary  layer.  The  gains  to  be  achieved  here  are  much  less,  but 
may  still  be  well  worthwhile.  One  way  is  to  alter  the  structure  of  the  turbulence  in  the  outer  region  of 
the  boundary  layer  by  so-called  large  eddy  break-up  devices  ("LEBU's").  The  turbulence  properties  in  the 
wall  region  can  be  affected  by  changing  the  surface  geometry,  for  instance  by  application  of  streamwise 
riblets  in  the  surface. 


To  obtain  an  impression  of  the  gains,  which  can  be  hoped  for  when  manipulating  turbulence,  some 
calculations  were  carried  out  with  a  boundary  layer  calculation  method  at  NLR.  The  boundary  layer 
calculation  method  employs  a  simple  mixing  length  turbulence  model.  The  table  here  gives  the  effects  of 
alterations  of  the  empirical  constants  in  the  turbulence  model.  A  reduction  of  the  mixing  length  in  the 
outer  region  of  the  boundary  layer  is  what  one  would  expect  a  LEBU  to  do.  The  effect  of  riblets  on  the 
surface  can  probably  be  represented  as  an  increase  of  the  viscous  sublayer  thickness  in  the  turbulence 
model.  The  table  shows  that  a  mixing  length  reduction  in  the  wall  region  would  be  most  effective,  but  it 
is  less  likely  that  this  is  achieved  either  by  LEBU's  or  riblets.  The  results  emphasize  the  moderate  drag 
reductions  to  be  expected  from  turbulence  manipulators,  as  the  assumed  changes  of  the  mixing  length  and 
sublayer  thickness  seem  to  me  already  very  large. 
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TURBULENT  DRAG  REDUCTION 

ACCORDING  TO  B.L. 

CALCS 

ASSUMED  CHANGE 

FLOW 

CONDITION 

IN  TURB.  MODEL 

ZERO 

PRESS.  GRAD. 

ADVERSE 
PRESS.  GRAD. 

FAVOURABLE 

PRESS.  GRAD. 

Mixing  length  in 
outer  region 
reduced  with 
factor  two 
("LEBU") 

23% 

Negligible 

Reduction 

Little 

History 

Effects 

Viscous  sublayer 
Thickness  increased 
with  factor  two 
("Riblets") 

24% 

Mixing  length 
in  wall  region 
reduced  with 
factor  two 

48% 

The  Cable  contains  also  remarks  on  the  expected  effect  of  a  mixing  length  reduction  in  the  outer  region 
(LEBU's)  in  flows  with  a  pressure  gradient*  The  boundary  layer  calculations  showed  that  the  drag 
reduction  obtained  will  be  negligible  in  this  case  for  adverse  pressure  gradient  flows.  When  the  pressure 
gradient  is  favourable  there  is  another  problem.  Reducing  the  mixing  length  in  the  outer  region  by  LEBU’s 
relies  very  much  on  the  large  role  of  history  effects  in  the  tubulence  development,  so  that  one  LEBU 
covers  an  extensive  downstream  region.  In  favourable  pressure  gradient  flows  the  history  effects  are 
small,  however.  It  is  concluded  that  the  effectiveness  of  LEBU's  in  non-zero  pressure  gradient  flows  may 
be  disappointing,  and  that  this  should  be  investigated  thoroughly. 

When  comparing  turbulence  drag  reduction  research  with  the  laminar  flow  control  work,  it  is  evident  that 
the  first  is  still  in  a  very  early  phse  of  development.  The  papers  delivered  at  the  Symposium  showed  that 
progress  is  made  at  various  places,  but  that  much  still  has  to  be  done.  A  problem  is  the  large  variety  of 
devices  which  might  be  effective  in  reducing  the  drag.  Better  insight  in  what  the  devices  actually  do  to 
the  turbulence  could  be  of  help  in  directing  the  research.  The  most  important  conclusion,  which  can  be 
drawn  at  the  moment,  is  that  it  has  become  very  clear  that  turbulence  can  be  manipulated  to  a  certain 
extent  and  that  this  can  be  employed  to  our  advantage.  In  a  number  of  papers  other  means  for  drag 
reduction  were  discussed.  It  is  not  appropriate  to  mention  them  individually  in  this  global  review.  Yet 
it  may  be  useful  to  remind  that  the  induced  drag  and  separation  regions  if  present,  contribute 
considerably  to  the  drag  and  consequently  improvements  here  are  soon  worthwhile.  This  lead  us  to  the  last 
part  of  the  Symposium,  which  concerned  shock-wave  boundary  layer  interaction  work.  Reductions  in  the 
detrimental  effects  of  shock-wave  boundary  layer  interactions  may  be  as  important  as  other  means  for  drag 
reduction.  The  research  performed  in  this  field  is  very  interesting.  However,  apart  from  the  review 
paper  yesterday,  the  papers  on  shock-wave  boundary  layer  interaction  were  only  delivered  this  morning.  I 
do  not  feel  able  to  give  an  opinion  at  such  short  term.  This  has  to  be  postponed  to  the  evaluation 
report,  which  Dr.  Oskam  and  I  will  write  later. 

Dr .  Or 1 ik-Ruckemann 


Thank  you  very  much.  I  would  like  to  again  thank  both  our  technical  evaluators;  we  all  appreciate  that  it 
is  very  difficult  to  prepare  this  kind  of  conment  immediately  after  the  meeting,  and  I  think  they  have 
done  a  really  very  good  job.  Now  we  will  open  the  general  session  of  comments  from  the  audience.  I  would 

first  like  to  remind  you  that  this  session  is  being  recorded,  so  that  you  have  to  identify  yourself  when 

you  take  the  mike.  Secondly,  this  is  not  an  ordinary  round  table  discussion,  so  you  are  not  necessarily 
addressing  your  questions  to  the  two  technical  evaluators,  but  rather  to  the  audience  at  large.  So  any 
questions,  comments  or  suggestions  for  further  work,  or  whatever  else  is  on  your  mind  should  be  expressed 
in  this  way.  Finally,  we  should,  to  have  some  order  in  the  coimnents,  take  the  three  parts  of  the 

symposium  one  at  a  time,  at  least  initially.  At  this  time  therefore,  I  would  like  to  open  comments  and 

discussions  on  the  part  dealing  with  the  high  lift  systems.  Are  there  any  comments? 

Mr.  D.  Butter  (British  Aerospace) 

I  would  very  briefly  like  to  comnent  on  the  slide  that  Dr.  Oskam  put  up.  I  think  that  I  mentioned  in  my 
paper  that  the  major  changes  that  are  going  to  come  in  high  lift  design  are  in  fact  going  to  be  in  L/D. 

It  has  been  very  much  neglected  in  the  past  and  unless  anyone  would  object,  I  would  say  that  the  current 
technology  hasn't  improved  that  figure.  This  is  borne  out  by  the  fact  that  Bert  Dinner's  curve  is  almost 
the  same  as  mine  which  was  taken  from  a  paper  10  or  11  years  ago.  We  have  to  be  careful  though,  because 


Che  gap  between  Che  envelope  polar  and  Che  Ideal  is  noC  just  a  simple  case  of  changing  Che  profile  drag  of 
various  bits  and  pieces.  1C  involves  all  Che  complex  three-dimensional  aspects  of  flap  span,  cutouts  and 
even  including  Che  effect  of  trim  drag.  So,  it  is  not  straight  forward  as  to  how  we  close  that  gap.  I 
think  that  is  where  the  improvements  are  going  to  come.  If  you  look  at  the  top  end  of  the  CL  curve,  you 
can  see  that  there  is  a  great  deal  of  scope  in  improving  L/D  in  that  region.  Returning  to  this  question 
of  compressibility,  I  would  just  like  to  add  that  I  think  that  we  must  not  get  mistaken  or  tied  up  with 
the  occurrence  of  shock  waves  on  these  slats.  The  problem  is  in  fact  compressibility  and  not  the 
appearance  of  shock  waves.  We  have  to  be  able  to  calculate  in  these  methods  the  effects  of 
compressibility,  so  that  we  can  design  the  optimum  configuration. 

Mr.  Perrier.  Dassault 

Je  fais  un  commentaire  en  francais,  J'espSre  que  le  traducteur  va  arriver  &  rEussir  E  traduire 
1 'Equivalent  des  termes  techniques.  Si  on  regarde  la  courbe  de  M.  Oskam,  on  est  peut  Etre  un  petit  peu 
exagErEment  surpris  de  l'Ecart  de  30  &  40  X  qu' il  y  a  entre  la  valeur  thEorique  et  la  valeur  rEelle 
mesurEe  en  vol.  Je  crois  que  c'est  une  trEs  mauvaise  prEsentation  parce  que,  quand  on  fait  le  bilan,  on 

s'apercoit  qu'il  y  a  trois  termes  differents  dans  cet  Ecart.  Un  premier  terme  qui  est  l'Ecart  de  trainEe 

induite.  Le  terme  presentE  sous  la  forme  d'un  Ecart  sur  une  aile  elliptique  ignore  complEtement  qu'il  y  a 
un  fuselage  et  que  les  volets  ne  vont  pas  jusqu'en  bout  d'aile  et  que  souvent  on  les  interrompt  pour  les 
moteurs  ou  pour  mettre  un  aileron  grande  vitesse.  Quand  on  fait  le  bilan  de  ce  que  codtent  en  trainEe 
induite  ces  coupures,  on  trouve  en  general  une  valeur  de  10  %.  C'est  &  dire,  le  tiers  de  l'Ecart  qui  est 
prEsentE.  Ensuite,  il  y  a  une  deuxiEme  cause  trEs  importante,  qui  est  le  fait  qu'on  a  representE  la 
polaire  en  Ecart  par  rapport  E  la  polaire  lisse,  c'est  E  dire  que  le  CD0,  donnE  sur  la  surface  de 

dEpart.  Si  on  tient  compte  du  fait  qu'il  y  a  des  survitesses  dans  les  fentes  et  qu'il  y  a  une 

augmentation  de  surface,  on  trouve  en  gEnEral  une  augmentation  de  CDQ  qui  est  trEs  importante  quant  on 
fait  usage  de  les  hypersustentateurs.  Nous  avons  fait  chez  Dassault  sur  au  moins  deux  avions,  le  Falcon 

50  et  le  Falcon  900,  un  bilan  trEs  complet  de  la  finesse  estimEe  par  un  calcul  tri-dimensionnel.  On 
trouve  dans  ce  cas  IE  que  les  effets  qui  devraient  Etre  pris  en  compte  pour  amEliorer  les  performances  ne 
portent  plus  qu'E  peu  prbs  sur  5  X.  En  conclusion,  on  ne  peut  guEre  espErer  mieux  qu'une  alelioration  de 

51  en  finesse  pour  les  dessins  actuels,  c'est  E  dire  en  tenant  compte  de  la  prEsence  du  fuselage, 
d'ailerons  et  d' interruptions  obligatoires  sur  les  volets. 

Dr.  B.  Oskam 

1  would  like  to  thank  the  speaker  for  his  remarks  on  this  curve.  I  don't  think  that  I  wanted  to  imply 

that  you  really  could  recover  the  32Z.  I  think  that  what  I  actually  wanted  to  say  is  how  hard  a  job  it 

would  be  to  recover  a  little  bit  of  it,  because  I  full  well  know  that  in  a  high  lift  situation  you  really 
don't  have  an  elliptic  load,  you  really  don't  get  up  to  a  cruise  configuration  which  is  very  clean  because 
you  have  highly  loaded  wakes  or  you  have  a  lot  of  viscous  processes,  which  you  cannot  do  without.  So  I 
think  that  I  agree  with  you  that  you  can  only  recover  a  part  of  it.  Hie  question  I  posed  is  how  do  you  go 

about  it,  how  hard  is  it?  Do  you  really  need  CFD  or  can  boundary  layer  control  help  you?  Is  it 

worthwhile  to  employ  boundary  layer  control  in  a  high  lift  situation  such  that  we  can  push  the  boundary  a 
little  bit. 


Dr.  Orlik-Riickemann 

Thank  you  very  much.  I  would  like  now  to  suggest  that  we  turn  our  attention  to  Part  II  of  this  symposium, 
namely  Drag  Reduction.  Are  there  any  consnents  on  that  part  of  the  symposium? 

Mr.  J,  Slooff,  NLR 

I  would  like  to  say  something  on  the  possible  interaction  between  high  lift  and  laminar  flow  control.  .If 
one  looks  at  the  shapes  that  apparently  go  with  laminar  flow  control,  or  natural  laminar  flow  for  that 
matter,  they  look  quite  distinctive  from  conventional  wing  and  airfoil  sections.  One  might  wonder  what 
effect  that  these  shapes  have  on  the  high  lift,  low  speed  performance.  Nobody  addressed  that  subject  at 
this  symposium.  I  wonder  if  somebody  could  comment. 


Mr.  R.  Wagner  (NASA) 


The  airfoil  that  I  showed  yesterday  has  a  very  pronounced  undercut  in  the  leading  edge.  That  is  done  to 
simplify  the  achievement  of  laminar  flow.  However,  the  velocity  level  on  the  undercut  is  also  low  enough 
that  it  is  believed  that  the  local  Reynolds  numbers  would  be  low  enough  that  you  could  install  a  leading 
edge  Krueger  without  tripping  the  flow.  That  airfoil  is  intended  to  have  such  a  high  lift  device.  In  our 
studies  with  the  industry,  they  have  looked  at  more  or  less  conventional  supercritical  airfoils.  Their 
studies  indicate  that  these  airfoils  are  in  fact  compatible  with  laminar  flow  control.  The  Lockheed 
approach  is  to  use  a  very  large  wing  that  would  not  require  a  leading  edge  device;  Douglas  has  introduced 
a  leading  edge  Krueger,  but  plans  to  laminarize  only  the  upper  surface.  Each  of  these  approaches  work 
because  the  benefits  of  laminar  flow  are  so  large  that  you  can  compromise  appreciably  on  the  performance 
of  the  airplane  and  still  get  a  large  payoff. 


Dr.  Orlik-RUckemann 

Thank  you  very  much.  Are  there  any  further  comments  on  that  part  or  drag  reduction  itself?  Dr.  Roberts. 


Dr.  L.  Roberts  (AGARD) 

I  would  like  to  make  the  observation  that  once  we  have  introduced  a  blowing  system  which  would  be 
necessary  for  laminar  control,  then  it  opens  up  the  possibility  of  using  the  same  blowing  system  for 
something  akin  to  propulsive  lift,  so  that  we  can  simplify  possibly  the  mechanical  high  lift  devices  and 
replace  them  by  some  pneumatic  devices  that  provide  trailing  edge  blowing.  I  wonder  whether  Bert  Dillner 
or  the  DeHavilland  representative  might  wish  to  consent,  if  they  are  still  here,  on  that  possibility. 
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Len  Roberts  posed  some  questions  to  the  Canadian,  Don  Whittley,  but  I  know  he  left  yesterday.  Since  I 
have  been  rather  in  sympathy  for  years  with  some  of  the  notions  that  he  was  putting  forward,  I  will 
consent  on  some  of  the  implications  of  the  augmentor  wing  concepts.  There  are  two  main  points  that  have 
not  received  much  discussion  this  week.  They  both  arise  from  the  fact  that  the  main  boundary  layer  enters 
between  the  twin  augmentor  flaps,  leaving  a  very  thin  boundary  layer  on  the  outside  towards  the  trailing 
edge.  There  is  an  element  of  wake  propulsion  implicit  in  the  flow  that  is  re-energized  in  the  augmentor 
duct.  With  wake  propulsion  one  can  get  propulsive  efficiency  improved.  Some  studies  we  did  25  years  ago 
suggested  that  something  like  10Z  improvement  in  fuel  consumption  could  result  from  this  increase  in 
overall  propulsive  efficiency  (which  theoretically  -  believe  it  or  not  -  could  exceed  100Z).  In  those 
days  fuel  was  cheap,  and  the  means  for  achieving  wake  propulsion  seemed  problematic,  but  with  fuel  now  far 
more  expensive,  and  the  RB.419  engine  better  worked  out,  the  prospect  is  far  more  enticing.  It  is  likely 
that  this  form  of  wake  propulsion  could  be  applied  to  the  fuselage  as  well  as  to  the  wing.  Thus  wake 
propulsion  is  a  substantial  means  towards  improving  overall  fuel  economy  that  has  not  received  much 
attention  at  this  symposium. 


The  other  point  that  arises  from  thin  boundary  layer  at  the  wing  trailing  edge  concerns  lift  dependent 
profile  drag,  which  is  sensitive  to  the  boundary  layer  thickness  at  the  trailing  edge.  We  have  discussed 
reducing  profile  drag,  and  considered  reducing  lift  dependent  drag  by  increasing  aspect  ratio.  My  point 
here  amounts  to  noting  that  the  lift  dependent  profile  drag  can  be  reduced  greatly  by  producing  thinner 
boundary  layer  at  the  trailing  edge. 


J.  McCroskev  (US  Army) 


Dr.  van  den  Berg,  if  1  understood  your  presentation,  you  point  out  the  possibilities  of  being  perhaps 
rather  limited  in  what  the  turbulence  manipulators  can  do  for  both  adverse  and  favorable  pressure 
gradients  in  the  outer  part  of  the  flow,  and  you  left  blank  those  regions  for  the  riblets  and  other 
devices.  Admittedly,  you  might  not  wish  to  put  numbers  there,  but  what  about  the  conclusions  for  what 
goes  in  those  blanks.  Is  that  case  hopeless  also? 


Dr.  B.  van  den  Berg 


No,  it  is  not.  The  gains  in  zero  and  non-zero  pressure  gradient  are  more  similar  in  that  case.  No 
numbers  have  been  inserted  in  the  table  for  the  non-zero  pressure  gradient  flows,  because  the  translation 
of  the  boundary  layer  calculation  results  to  a  corresponding  drag  value  is  not  as  evident  as  it  is  in 
zero-pressure  gradient.  It  is  perhaps  good  to  add  that  the  results  in  the  table  reflect  the  general 
experience,  which  is  obtained  from  attempts  to  adapt  the  empirical  constants  in  a  turbulence  model  to 
measured  boundary  layer  momentum  thickness  increments.  You  then  find  that  model  changes  in  the  outer 
region  do  not  help  you  very  much  in  adverse  pressure  gradient  flows  (because  of  counteracting  effects  of 
the  changed  skin  friction  and  boundary  layer  shape  factor). 


Dr.  Orlik-Riickemann 


Gentlemen,  we  will  have  to  get  out  of  this  hall  in  10  minutes,  so  let's  take  a  couple  more  questions  on 
drag  reduction  and  then,  if  we  can,  one  or  two  on  shock  wave  boundary  layer  interactions.  There  is  a 
question  there  from  the  Program  Committee  Chairman. 


Prof.  E.  Reahotko  (Case  Western  Reserve) 

I  wonder  if  I  can  have  Dr.  van  den  Berg's  first  summary  slide  to  talk  from.  If  Dennis  Bushnell  were  here, 
he  would  have  stood  up  long  before  this  to  make  a  comment  that  would  be  related  to  the  one  that  I  will 
make.  I  will  give  my  own  version  of  it.  I  can't  give  Dennis’.  You  see  in  this  slide  the  number  of  means 
of  drag  reduction  that  have  been  discussed  and  that  are  potentially  available,  and  you  might  wonder  what 
an  airplane  incorporating  these  methods  of  drag  reduction  would  look  like.  Another  question  is:  how  much 
drag  reduction  can  one  look  forward  to? 


Well,  let  us  assume  for  the  moment  that  induced  drag  comprises  about  40  percent  of  the  drag  of  a  present 
configuration  and  that  we  can  work  on  the  remaining  60  percent.  It  would  seem  that  LFC  of  a  wing  would 
reduce  the  aircraft  drag  by  perhaps  25  percent  or  so  and  that  we  have  attainable  perhaps  another  5  to  10 
percent  in  drag  reduction  from  the  turbulence  manipulators.  That  would  be  a  total  reduction  in  aircraft 
drag  approaching  35  percent.  If  30  to  35  percent  of  the  60  percent  can  be  eliminated,  this  brings  up  the 
question  of  what  the  airplane  should  look  like  at  that  point.  Normally,  we  try  to  arrange  some  balance 
between  induced  drag  and  friction  drag  for  either  best  endurance  or  best  range  or  some  other  performance 
parameter.  It  means  that  if  the  parasite  drag,  if  the  friction 

drag  is  reduced  by  as  much  as  indicated  above,  we  should  also  look  at  means  for  reducing  the  induced 
drag.  This  might  mean  going  to  larger  aspect  ratios.  It  might  also  mean  that,  in  order  to  implement  drag 
reduction,  we  should  seek  aircraft  that  have  a  lower  sweep  angle  and  have  perhaps  a  slightly  reduced 
flight  Mach  number  in  the  0.7  to  0.75  range  rather  than  the  0.8  to  0.85  range  that  we  associate  with 
present  day  aircraft.  Block  timet  would  not  be  affected  all  that  much  with  such  a  reduction  in  flight 
speed,  but  it  would  be  a  much  happier  airplane  under  those  circumstances.  I  think  that  someone  brought  up 
the  idea  of  forward  sweep  as  a  possibility.  This  is  one  of  the  possible  answers  to  leading  edge 
contamination,  although  it  is  really  not  necessary  if  the  sweep  angle  is  reduced  for  conventional  sweep. 

It  would  seem  that  with  the  opportunities  for  drag  reduction  that  are  indicated,  we  should  reconsider 
some  of  the  configurational  aspects  in  order  to  optimize  the  aircraft. 


I  have  a  comment  on  the  controversial  issue  of  the  effect  of  the  Reynolds  number  on  the  length  of  the 
interaction  of  a  turbulent  boundary  layer  with  a  normal  shock  wave,  that  J.  Delery  has  mentioned.  Some 
results  from  a  recent  theoretical  work  of  the  present  speaker  clarify  this  issue  (Z.  Flugwiss 
Weltraumforsch  7  (1983),  Heft  6).  The  figure  shows  both  the  wall  pressure  distribution  and  the 
displacement  thickness  for  a  boundary  layer  developing  along  a  flat  plate,  for  a  constant  Mach  number 
Me  and  two  quite  different  values  of  Reynolds  number.  The  value  of  the  kinematic  shape  factor  H]^  is 
different  for  each  case  and  corresponds  to  the  flat  plate  velocity  profile  for  each  Reynolds  number.  It 
may  be  observed  in  this  figure,  that  the  higher  the  Reynolds  number,  the  nearer  the  pressure  distribution 
is  to  the  solid  wall  reflection  (a  shorter  interaction  length  and  a  higher  pressure  level  downstream  of 
the  shock).  However,  the  corresponding  distributions  of  the  displacement  thickness  do  not  show  a 
significant  difference.  These  distributions  almost  coincide  and  give  the  impression  that  the  interaction 
length  is  independent  of  the  Reynolds  number.  Thus,  experimental  results  based  on  the  measurement  of  the 
development  of  the  boundary  layer  will  rather  show  independence  of  the  transonic  interaction  length  from 
the  value  of  the  Reynolds  number,  in  contradiction  to  results  based  on  the  wall  pressure  distribution. 


FIG  t>  REYNOLDS  NUMBER  EFFECT 

Dr.  Orlik-Ruckemann 

At  this  time  I  am  afraid  that  we  have  run  out  of  time.  I  regret  that  there  is  no  more  time  to  discuss 
shock  wave  boundary  layer  interactions.  I  would  like  to  thank  once  again  our  technical  evaluators  and  the 
audience  for  the  discussions,  and  I  would  like  to  turn  the  meeting  over  to  the  Program  Committee  Chairman, 
Prof.  Reshotko. 

Prof.  Reshotko 

Thank  you  Mr.  Chairman.  It  is  my  pleasure,  particularly  at  closing  to  make  a  few  remarks,  because  I  know 
that  after  these  remarks  I  am  through.  The  first  interesting  thing  for  me  with  this  conference  is  that 
when  it  was  conceived,  it  was  conceived  as  a  symposium  where  we  could  bring  together  people  who  are  active 
in  the  applications  of  boundary  layer  control  together  with  people  who  are  investigating  the  fundamentals 
of  boundary  layer  control.  I  think  that  we  were  a  bit  concerned  in  the  beginning  whether  these  two  groups 
would  be  speaking  the  same  language.  To  my  very  pleasant  surprise,  I  find  that  everyone  here  was  in  fact 
speaking  the  same  language,  that  the  people  in  the  aircraft  industry  who  are  concerned  with  techniques  of 
boundary  layer  control  are  using  the  same  sophistication  in  their  work  in  terms  of  computation, 
experisientation,  instrumentation,  and  in  what  they  are  looking  for,  as  are  the  people  who  are  doing  the 
basic  research.  I  believe  that  this  enables  us  to  look  to  a  very  promising  future  for  the  applications  of 
boundary  layer  control  to  practical  aerodynamics.  I  wish  at  this  time  to  thank  all  the  participants,  the 
authors,  those  who  are  going  to  prepare  the  technical  evaluation  report,  and  not  least  of  all,  our  hosts. 
We  had  a  very  shaky  first  day,  but  our  hosts  have  responded  admirably  to  the  challenge  of  making 
everything  work,  and  yesterday  and  today  everything  has  worked.  It  has  made  for  a  most  pleasant  finish  to 
our  symposium.  I  do  want  to  thank  our  hosts  of  the  Belgian  Air  Force  for  their  efforts  and  for  their 
accomplishments.  There  are  also  people  who  have  been  in  the  anonymous  region  up  there,  behind  the  glass  - 
the  translators  -  who  have  also  done  a  most  admirable  job  in  keeping  all  of  us  informed  in  our  own 
language  of  what  was  going  on  within  this  room.  I  thank  them  as  well.  The  technical  program  of  this 
symposium  is  now  over,  and  I  turn  the  meeting  over  to  the  Chairman  of  the  Fluid  Dynamics  Panel,  Dr. 
Roberts. 


Dr.  L.  Robert* 


Thank  you,  Eli.  Before  closing  the  meeting,  I  would  like  to  remind  you  of  some  of  the  future  activities 
of  the  Fluid  Dynamics  Panel  that  you  can  anticipate  over  the  next  year.  This  is  a  certain  amount  of  free 
advertising  for  us.  Next  week  or  rather  the  week  after,  we  have  the  second  part  of  our  special  course  on 
V-STOL  aerodynamics,  the  first  time  it  was  given  at  VKI  a  few  weeks  ago,  and  it  will  be  repeated  at  the 
Ames  Research  Center  in  the  US  for  those  of  you  who  are  interested  in  that  field.  In  October  of  this  year 
we  will  have  a  symposium  on  Aerodynamics  and  Acoustics  of  Propellors,  and  this  will  take  place  in  Toronto, 
Canada,  October  1  to  October  4.  Next  April  we  will  have  a  special  course  at  VKI  on  Cryogenic  Technology 
in  Windtunnel  Testing,  and  in  May  we  have  our  spring  symposium,  a  year  from  now,  on  Unsteady 
Aerodynamics/Fundamentals  and  Applications  to  Aircraft  Dynamics.  That  will  be  at  Gottingen,  Germany. 

Also  in  May  of  next  year  we  will  have  a  special  course  at  VKI  on  Aircraft  Drag  Prediction  and  Reduction. 
That  will  be  held  in  late  May  at  VKI  and  also  in  June  at  NASA  Langley.  One  year  from  October,  to  complete 
our  1985  program,  a  symposium  on  Store  Airframe  Aerodynamics  will  be  held  in  Athens,  Greece.  I  would  ask 
you  to  inform  your  colleagues  and  friends  with  respect  to  the  future  activities  of  FDP  and  help  us  to 
spread  his  information.  Let  me  add  my  thanks  to  all  of  those  who  have  supported  this,  especially  Prof. 
Reshotko  and  his  program  comnittee  for  formulating  such  a  good  program,  and  all  of  those  who  made  it  work, 
including  our  support  staff.  I  would  like  to  thank  you,  the  audience,  also  for  participating,  and  I  think 
that  the  difference  between  the  first  day  and  the  second  day  in  terms  of  the  ability  to  have  all  of  our 
equipment  working  also  reflected  in  the  smount  of  time  that  was  available  for  the  discussions.  I  was  very 
happy  to  have  seen  such  a  lot  of  participation  from  the  audience  on  those  last  two  days.  Thank  you  for 
your  forbearance  during  the  times  when  we  were  getting  our  equipment  working  and  thank  you  for  your 
participation.  With  that  I  close  this  meeting  and  wish  you  a  safe  journey  home. 
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It  was  intended  that  this  Symposiurt^bring  together  the  practitioners  of  the  various  applications 
of  boundary  layer  control  with  those  interested  in  the  underlying  fluid  mechanics^for  the  purpose 
of  mutual  learning  and  understanding. 

Contributions  covered  theoretical  and  experimental  developments  in  the  use  of  both  traditional 
and  non-traditional  means  of  boundary  layer  control  for  external  flow  applications  such  as  lift- 
augmentation,  drag  reduction  and  improved  effectiveness  of  controls,  and  for  internal  flow 
applications  such  as  air  intakes  and  exit  configurations.  Techniques  included  shaping  (geometry) 
suction  and  blowingj  transverse  blowing;  vortex  generators;  heating  and  cooling;  and  turbulent 
boundary  layer  manipulation. 

The  special  emphasis  on  high-lift  systems  included  consideration  of  the  techniques  of  boundary 
layer  control  on  characteristics  of  wings  and  wing-body  arrangements  that  involve  flaps,  slats 
and  jets  (blown  flaps),  and  vortex  flaps.  *JL  .  _ 
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